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Foreword

The ability to design efficient high lift s,,;ter.s for aircraft has become increasingly important for a number of reasons.

Firstly, during the last 10-15 years, the worldwide ability to design wings for efficient transonic flight has been transformed by:

a) increased understanding of how to design for mixed subsonic and supersonic flow over the wing;

b) the increased capability and reliability of CFD codes in predicting these flows.

As a result, wing loadings have been able to increase without incurring any penalty in cruise or turn performance. The corollary
of this is that increased demands have been put on the design of the high-lift system in oder to retain the same take-off and
landing performance.

Secondly, the current world military situation, with the cessation of the Cold War, demands that NATO forces are able to react
quickly to a developing situation anywhere in the world, and thus that military transport aircraft are able to operate from
unprepared and short landing strips - again making increased demands on the design of the high-lift system.

Finally, t.he demands made by stealth requirements on the shape of the aircraft - generating configurations such as the F 117 and
the B2 - lead to geometries which are far from optimum aerodynamically, and hence which are likely also to make increased
demands on the design of the high-lift system in order to preserve the landing and take-off performance.

Consequently, it is somewhat surprising that the last AGARD Symposium concerned with high-lift systems was as long ago as
1984 - and even then the Symposium subject was sr'it between "High-Lift" and "Drag Reduction" (AGARD CP 365).

However, recent advances in CFD techniques, and in the understanding of the complex flows that occur over high-lift systems,
suggest that more efficient systems can now be designed with a lower risk than before, and that it is thcrefore very appropriate
that AGARD FDP should hold a Symposium, at this time, solely dedicated to the subject of "High-Lift System Aerodynamics".

The Symposium was aimed to address:

a) how, given the role and configuration of the aircraft, the most appropriate high-lift system can be selected;

b) how, having selected the type of high-lift system, an efficient detailed design can be produced;

c) the experimental and analysis techniques which are necessary to explore and enhnce the performance of the high-lift
system.

Thus, although the aerodynamics of high-lift systems was the dominant theme, the very pertinent aspects of weight, simplicity,
reliability, and structural and mechanical integrity, were an integral part of the Symposium, and were treated in the papers
presented. In this sense, this Symposium has attempted to take a broader view of the high-lift system than has been taken by
similar conferences in the past.
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Avant-Propos

La conception de syst~mes hypersustentateurs perfos nants pour aeronefs prend de plus en plus d'importance aujourd'hui. el
ceci pour differentes raisons.

En premier lieu, au yours des derniers; 10 it 15 ans, les capacit~s de la communaute aeronautique internationale dans le domaine
de la conception des voilures pour le vol transsonique performant ont &6e transformees par;

a) une meilleure comprehension de la prise en compte des 6coulements mixtes subsoniques et supersoniques aurour de )a
voilure dies ]a phase d'ýtudes;

b) un accroissement de la capacite et la flabilit6 des codes CFD dans la prediction de ces ecoulements.

Ceci a permis d'augmenter les charges alaires sans p~naliser les performances de croisiere ou Lie virage. Ce developpement a eu
pour corollaire I'imposition de contraintes plus rigoureuses sur la conception des systimes hypersustentateurs afin de conserver
les m~mes performances au d~collage et at latterrissage.

En deuxi~n'e lieu, la situation militaire mondiale actuelle. avec la cessation de la guerre froide. n&essite une reaction rapide de
la part des forces de I'OTAN face it une &ventuelle situation de crise n'importe oii dans le monde. Ceci implique la misc en oeuvre
op~rationnelle d'avions de transport it partir de pistes d'atterrissage courtes et non-preparees et entraine de nouvelles demandes
au miveau de la conception des syst~mes hypersustentateurs.

Enfin, les consequences des exigences de furtivite sur la forme des aeronefs - c'est it dire la creation de configurations telles que
celles des F117 et B2 - mn~nent it des g~om~tries qui sont loin d'ktre optimales du point de vue a~rodynamiquc. Par vole de
consequence, elles risquent d'imposer des contraintcs supplkmentaires sur [a conception des systemes hypersustentateurs dans

le cas o6 les performances au decollage et a l'atterrissage devraient Wte conservees.

TI est done surprenant de constater que le dernier symposium organist par EAGARD sur ce sujet remonte A 1984 - et que le
theme de la reunion 6tait partagý entre l'Thypersustentation" et "la reduction de la train~ee (AGARD CP 365).

Cependaw, les progr~s r~alis~s ricemment en airodynamique num~rique, et dans l'analyse des &oulements complexes autour
des syst~mes hypersustentateurs laissent supposer que des syst~mes plus performants peuvent desormais etre realises a moindre
risque que par le pass6. HI etait, par consequent, tout a fait opportun pour le Panel FDP de IAGARD d'organiser un symposium
consacr6 au seul sujet de "l'a~rodynansique des syst~mes hypersustentateurs".

Le symposium a examine les th~mes suivants:

a) le choix optimal de syst~mes hypersustentateurs en fonction du rile et de la configuration de l'aeronef;

b) la r~alisation d'une 6tude d~tai~l&~ optimale en fonction du syst~me hypersustentateur choisi;

c) les techniques exp~rimentales et d'analyse n~cessaires it 1'examen d~taikee et l'amelioration des performances des syst~mes
hypersustentatuers.

Ainsi, bien que l'dirodynamique des syst~rres hypersustentateurs N~it bien le th~me dominant de symposium, certains aspects
tr6s pertinents tels la masse, la simplicit6, la fiabilit6 et l'intdgrit6 structurale et m~canique faisaient partie integrante de la
reunion et figuraient dans les communications presentees. De cette fai~on, le symposium a voulu donner une vue beaucoup plus
large des systkmes hypersustentateurs, ce qui que n'a pas 6t le cas pour d'autres conferences organisees sur ce sujet dans le
pass&.
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Technical Evaluation Report

by

D.C. Whittley
17 Book's Landing

375 Book Road
Grimsby, Ontario L3M 2M8

Canada

1. INTRODUCTION principles at work. It was not until 1972 that the theoretical
The AGARD Fluid Dynamics Panel organized a symposium treatise of A.M.O. Smith provided a clear and comprehen-
on "'High-Lift System Aerodynamics" which was held in sive insight into the fundamentals of a multi-element loil
Banff, Alberta, Canada, from 5 October through 8 October, (34). He showed that it was by splitting the pressure rise
1992. This meeting represented a natural successor to a pre- over several elements that the tendency for flow separation
vious FDP symposium held in Brussels, Belgium in 1984. could be suppressed and, thereby, lift potential could be
which was entitled "Improvements of Aerodynamic increased. Along with this understanding, came a deeper
Performance through Boundary Layer Control and High-Lift awareness of the role and importance of viscous effects
Systems". Considerable progress has been made in the area Three important developments took place during the follow-
of high-lift systems since the Brussels conference, especially ing ten years orso:
in the areas of experimental testing and theoretical predic-
tion (otherwise referred to as computational fluid dynamics - construction of some new pressurized wind tunnels in
or CFD). member states, to permit a more thorough exploration of

In view of the current aerospace climate and corresponding scale effects and encourage testing at higher levels of
industrial interest, for the Banff symposium, it was decided Reynolds number;

to focus attention on aerodynamic research and technology - fairly rapid development of inviscid-viscous theoretical
applicable to advanced (passive) high-lift systems for sub- methods as applied to multi-element foils and wings-
sonic transport application. Notwithstanding this emphasis,thre p per wee pese ted deaing wit ex eri entl ~- an upsurge in experimental research to strengthen thethree papers were presented dealing with experimental test- e prclard n mcdt ae
ing of low aspect ratio wing planforms, suitable for combat empirical aerodynamic data base.
type aircraft and one dealing with powered-lift for transport These developments were reported at the FDP symposium,
application. Brussels. 1984.

The first paper contaih,,.d a review of some past research In the past decade, continuing work has been associated with
programmes in the United Kingdom and was presented by the following:
Dr D.S. Woodward, co-chairman of the programme commit- - consolidation and development of inviscid/viscous cou-
tee. Paper 3 was withdrawn so that, of the 13 papers which clidation and opment ofndaviscus a-
followed, II dealt with CFD 2D methods as applied to high- pied methods based on integral boundary layer calcula-
lift airfoil configurations such as single or double-slotted tions;
flap with some form of leading edge device, The next seven - a growing effort associated with computational field
papers concerned experimental testing of high-lift configura- methods which require a grid of the domain and permit,
tions in 3D. The following session of four papers was devot- for example, solutions to the Reynold" averaged Navier-
ed to CFD methods as applied to 3D high-lift wings and, Stokes equations;
finally, seven papers were presented in which industrial rep- - a build-up of reliable experimental data relating to high-
resentatives described design and development of high-lift lift configurations showing separately the effect of
systems for complete aircraft. Reynolds number and Mach number; also correlations

References (I) through (33) list the symposium papers in the between wind tunnel and flight measurements;
order in which they were presented. - boundary layer and wake measurements to provide a

Delegates attending the symposium numbered 105. deeper understanding of the flow physics associated with
multi-element foils,

2, BACKGROUND2. BCKGRUNDIt was consideration of these aspects of the subject which
Typically, the aerodynamic high-lift design process in indus- I onsideratonose as f t e
try involves the use of an empirical data base, theoretical
prediction methods, wind tunnel testing and flight develop- 2.2 The DIign process
merit. Two important factors overshadow the design process:

2.1 High-LUft Aerodynamik Technology There are serious penalties for failing to meet the flight
The very beginning of high-lift can be traced back to the design goals of the high-lift system for a projected air-
years 1917-1920 (1), but even after 30 years, most of the craft and, therefore, the subject must be afforded an
design data were compiled in just four publications (27), but appropriate emphasis and effort. For example, the design
there was little understanding of the underlying aerodynamic procedure includes extensive parametric studies at the



T-2

project design stage - time is especially important here: Although effecti e as an engineering tool, the 'coupled'
optimization and refinement are required at the early method is somewhat limited in being unable to compute
development stage - costs can soar if undertaken solely much beyond maximum lift and it may have other shortcom-
in the wind tunnel; verification of the final configuration ings associated with slat/flap wells, thick trailing edges, etc.
is usually undertaken in a wind tunnel at reasonably high Hence, potentially more accurate field methods have been
Reynolds number - generally regarded as essential at sought which define the domain by means of a computation-
whatever cost. al grid and permit, for example, solutions to the Reynolds-

The flow field of a high-lift aircraft configuration is averaged Navier-Stokes equations. Such methods tend to

extremely complex, including such phenomena as place great demand or, computer capability and capacity
which result in a longer solution time and/or an increase inboundary layer growth and separation, wake develop-ment, confluence of boundary layers, viscous wake inter- cost; these methods have not yet reached a level of maturity
to permit routine industrial use. In order to overcome these

actions, laminar separations, etc. difficulties, some investigators have considered various

Therefore, as a result of these factors, theoretical and experi- degrees of simplification while still seeking to retain an ade-
mental aerodynamic technology is aimed toward improve- quate degree of accuracy; for example, effects of compress-
ment of the accuracy of prediction to reduce risk, and toward ibility can be omitted or one can opt for a fairly simple tur-
reduction in time and cost of the design process. bulence model. Likewise, attempts are constantly being

made to find more efficient ways to generate and refine the
3. DISCUSSION computational grid.
3.1 The Opening Review Paper
The introductory paper (1) by Woodward and Lean, DRA, 3.2.1 Structured Versus Unstructured Grids
United Kingdom, described a "National High-Lift Early work was based on the generation and use of struc-
Programme" conducted in the United Kingdom in the 1970s, tured grids. More recently, unstructured grid solvers have
and contained much data heretofore not generally available, been studied which, although requiring a greater memory
The work was aimed toward strengthening the overall aero- capacity, do allow ease of automatic grid generation about
dynamic data base used by industry so as to make empirical multi-element configurations: also, local increase in grid
methods of design more reliable. The use of such a data base density for critical areas can be easily achieved. During the
was described by Butter at the 1984 Brussels symposium symposium, some opinions were expressed regarding the
(35). relative merits of structured versus unstructured grids but it

Systematic tests were undertaken on four models: one wall- would seem unwise to make a final judgement at the presentSstage of development.
to-wall and one endplate model for 21) studies, and, one con- Navi erokesl

S~~~sti nt chord and one tapered planforin model (both having a 3.. aerSoeSotis
variable sweep capability) for 3D studies. 3L airSoe ouin
vlIn all, there were eight presentations, which described

In particular, the research programme provided a basis for numerical solutions to the Navier-Stokes equations, six of
optimizatiom, if slat and flap positions relative to the main which, as described below, used structured grid solvers.
foil. Rake measurements gave some insight into the growth Each investigator discussed the foundation of his particular
of boundary layers and wakes on the various foil elements method and made comparison with experimental or test
and thereby suggested reasons for optimum locations; of cases - generally, reasons were suggested for discrepancies
special interest were cases in which the slat wake merged in correlation.
with the wing boundary layer. Fritz, Domnier, Germany (5). A proper treatment of the wake

The research programme went beyond the purely aerody- of the main foil becomes important at high angles of attack:
namic aspects of high-lift systems to include consideration this requires fine grid resolution and the correct prediction
of variation in structure weight as geometry was adjusted for of viscous effects within the wake. Simple turbulence mod-
best aerodynamic performance. It was shown that, by use of els failed in prediction of the eddy viscosity for such a com-
weight fractions, an optimum design could be found (in plex flow field and therefore a two equation model is need-
terms of best fuel plus payload) taking into account both ed.
aerodynamic and structural factors. Bartsch, Nitsche and Britsch, TU Berlin, Germany (6). As in

The authors point out that this research effort, conducted (5), the authors indicated the need for investigating turbu-
jointly by industry and government groups, played a major lence modelling more thoroughly but also pointed to a
role in overcoming a perceived shortfall in UK high-lift requirement for more detailed and well established experi-
technology at the time. mental cases against which to test theoretical predictions.

Also, there is a need to assess numerical solution errors
3.2 Theret, al Methods: High-Uft In 2D when making comparisons between theory and experiment.
Inviscid/viscous coupled methods have been available in a Rogers, Wiltberger and Kwak, NASA Ames, United States
form suitable for industrial use since the early 1980s (36 (7). Two different approaches for grid generation were
and (4), by de Pote, Celia and Mom=an, Milan Poly- described and two different turbulence models were studied.
technic, Italy, is a good example. These methods serve to Test cases included single, two, thre and four element air-
complement and/or displace previous design procedures foils. Predictions are generally good but correlation deterio-
which were based solely or an empirical daft bas - day rates when significant areas of separated flow arise. Again,
rely on an integral boundary layerlwake model. These codes further work in turbulence modelling is recom .
are attractive on account of computational efffhiency and
flexibility (that is, providing a choice in the level of sophisti- Jasper, Agrawal and Robinson, McDonnell Douglas, United
cation to suit various stages of design). States (8). Good accuracy of prediction was achieved for a

"IL *- • •
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,wo element airfoil without confluent boundary layer flow. investigating grid generation techniques for multi-element
Similarly, good agreement was achieved on four elements airfoils. The method was adapted to simulate separated
without separation on the slat. The authors conclude that regions in slat and wing coves and was moderately success-
treatment of separation, stall and post-stall conditions ful in predicting lift, drag and pitching moment of the thret
requiies better modelling of turbulence. Also, it was pointed element airfoil. Improvements will be sought by an exten-
out tha, accurate calculation of gap effects may require sion of the mathematical model to Reynolds averaged
rodelling of transitional and re-laminarizing boundary lay- Navier-Stokes equations.

ers 3.2.3 Viscoiss-Inviscid Interaction Methods
Nelson, Zingg and Johnston, Toronto University, Canada Metod baseonviscinvici nron e

(9) Tet cseswer shwn or tw elmen an thee le- Methods based on viscous-inviscid interaction have been
(9) Test cases were shown for a two element and three ele- developed primarily in Europe (38) as a means to obtain rel-
ment airfoil. Grids were generated by an automated prce- atively fast solutions and avoid reliance upon a "super com-
dure which divides the domain into blocks. Good agreement puter" ever though the approach might not capture all the
with experiment is obtained when flow is attached or regions features of the flow.
of separated flow are small. The Baldwin-Barth turbulence
model works well in most instances but under-predicts eddy Le Balleur and N-ron, ONERA, France (11). At ONERA,
visosity in wake regions and over-predicts in the outer por- Le Balleur and his colleagues have persevered with the
tions of the boundary layer. method of viscous-inviscid interaction and made, improve-

Chow, Chu and Carpenter, Grumman Research Center, ments so that it is now possible to make predictions for
Unite State 15). In this paper, the authors apply eteir deeply separated flows over multi-element airfoils at incom-

ited Sta ite n ( f fpressible speeds. This achievement is attributed to progress
method to prediction of flow around a three element airfoil made in both coupling algorithms and generalized thin-layer
with blown flap; however, in the context of the AGARD modellings along with manipulation of grid resolution, espe-symposium, the computational method is of more interest cifywecls oeprtdlwrgon.Ttcaeae

than the test case: the paper should be read in conjunction cially when close to separated flow regions. Test cases are
witha pevius ublcaton y th sae athos (7).The chosen in which separation occurs in the cove of both slat

with a previous publication by the same authors (37). The and flap at mid-chord of the flap. Good correlation N ith
method is shown to be capable of predicting both onset and experiment for surface pressure distributior, is shown over a

growth of separated regions and wakes with good degree of broad range of flow conditions.

correlation - even with respect to drag. The authors seem to

attribute this success to a novel "stacked-C" mesh system 3.3 Theoretical Methods: High-Lift CF1 in 3D
which was used to map the multi-element geometry into a The complex flow fields associated with high-lift are diffi-
single computational domain and to the fact that the flow cult to predict in 2D and become even mure so in 3D, so that
separation zoae is treated with a semi-adaptive mesh gener- comprehensive solutions in 3D are at a relatively early stage
ating procedire that utilizes slat, foil and flap trailing ofdevelopment.
streamline. The code uses an algebraic turbulence model
loosely based on the Thomas formulation of the Baldwin- Four papers were presented (23), (24), (25) and (26), the
Lomax model. first of which by Jacob, DLR, G6ttingen, Germany (23)

Johnson and Stolcis, lJMIST, Manchester, United Kingdom described details of a method linking 2D viscous calcula-
(13).on Ind tohisca , Uth work anchste, Ued on Kinunstr edo tions with a 3D lifting surface theory. Such methods are both(13). In this case, the work was based on an unstructured fast and economical and have proved valuable for use in

grid solver but the significance lies in the fact that the industry (36).

authors made few simplifying assumptions at the outset.

The approach consists of solving the compressible Reynolds The paper (24) by Cebeci, Douglas Aircraft, United States,
dealt with multi-element airfoils and wings with theoryaveraged Navier-Stokes equations, using a two-equation tur based on interaction between inviscid and boundary layer

bulence model. The authors conclude that a two-equation basetion -nsuction between seves to boid e r

turbulence model is the lowest order model consistent with equations - such an approach serves to avoid excessive

complexity of the flow physics. A baseline computational demands on the computer. In spite of some success in devel-

method has been developed with encouraging initial results opmentr of a turbulence model, the author stressed the need

at both low speed and transonic high-lift conditions when for further improvements in order to achieve better correla-

tested against a two element airfoil. tion with experiment in the presence of separated regions.

Bailey et aW., DLR Braunschweig, Germany (14). Some In paper (26), La Balleur, ONERA, France, continued his
earlier discourse in the conference (11) with regard to vis-interesting comparisons were made between use of struc-

ured and unstructured grids: in general, it was found tt cous-inviscid interaction methods, extending the work to
include: comopressibility at high-lift and deeply separated

goode authoreen wasoted wheirmethd bot strategie. Lke f flow conditions for airfoils and wings. The author pointed to
(13), the authors based their method on solution of the full temdligscesahee sn w-qaintru

Reynolds averaged Navier-Stokes equations and used a tur- le model fo e acA 441 ng airfoil qupto 2d reso
bulece ode deeloed y Jhnsn ad Kng n wich lenct model for a NACA 4412 2D3 airfoil up to 28 degrees of

bulence model developed by Johnson and King in which incidence and showed good correlation for lift and drag
both convection and diffusion of turbulence is taken into within the experimental range. Two examples of 3D calcula-
account so as to allow a more accurate determination of tu'- tions were presented, a rectangular plan wing of aspect ratio
bulent suesses in separated boundary layer flow. For a single 6, and an unwept tapered wing of aspect ratio 9.5. The
foil, this turilence model gave superior corarelation and method is capable of predicting the spanwise spread of the
may lead to similar success for more complex high-lift con- separation ine and the cponding pressure distribution

and boundary layer displacements on the wing and in the
De Cock, NLR, The Netherlands (12). The author chose to wake. For the tapered wing, comparisons are made with
base his work on the Euler equations as a fast means of experiment for a range of incidence. So far, treatment has
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been limited to plain unflapped foils, but the method holds care the matter still further and so, not surprisingly, the
promise for multi-element foils based on the ability to cope author spoke of the need and outlined the scope of possible
with separated regims of flow. future work.

The paper (25) by Baron and Boffadossi, Milan Polytechnic, Meredith, Boeing, United States (19) continued on this
Italy, dealt with a different aspect of high-lift, namely, the theme by citing six viscous features which affect the flow
hazards associated with persistence of voiticity generated in field of a typical multi-element lifting system of which three
the proximity of an airfield during take-off and landing pro- might be the cause of degradation in lift with increasing
cedures. By means of a complex mathematical treatment, the Reynolds number, that is to say: viscous wake interactions,
authors were able to predict vortex distribution and strength. re-laminarization and attachment line transition. These three
The time history is shown during a typical take-off manoeu- phenomena were described in some detail and then illustrat-
wve for a chosen high-lift wing/tailplane configuration. ed by means of test results, It was concluded that these mat-
Effects of ground proximity are discussed. ten are of nmoe than academic interest and that neither the

current CFD tools nor the existing experimental data base
3A. Mgh-Uft zpenaiment In 2D and 3D are sufficiently well established to meet the need of more
Nine papers were presented in this category, an invited paper thorough understanding.
described a broad range of experiments culminating in flight Yip, NASA Langley. Vijgen, High Technology Corporation,
test (16), four papers dealt primarily with flow physics of Hin, NA hA an d van , Uiversity o tion,high-lift airfoils (2), (18), (19) and (21), -nd th .rmi.n Hardin, Lockheed and van Dam, University of California
papers related to high Reynolds number testing remaining (21). The authors described an ambitious flight research pro-
papersnrelated towhigh sp e ynolbdt numbrf estifi tewions. graimne to analyse the high-lift flap of a Boeing 737 aircraft.tunnel and with specific combat aircraft configurais. An outboard wing section, containing slat and triple slotted

Thibert, ONERA., France (16) - Invited. A collaborative Fowler flap elements, was heavily instrumented - including
European test programme in high-lift (known as the GAR- surface pressures, Preston tube devices and flow - visualiza-
TEUR action group AD-AG08) was performed in the years tion by means of tufts. Variation in skin friction coefficient
1985-1989: this work was described at the symposium by on the slat upper surface showed a marked variation with
JJ. Thibert, chairman of the action group. The lack of high angle-of-attack which could be interpreted in terms of re-
quality 2D and 3D experimental data was evident and, there- laminarization. Similar correlations between Preston tube
fore, a comprehensive series of tests was undertaken to help readings, surface pressures and tufts, were observed to deter-
close this gap, with special emphasis on correlation between mine the state of the boundary layer on the main wing and
2D and 3D wind tunnel tests, and between 3D tunnel and flap elements. Two well established multi-element computer
flight measurements. Further objectives included determina- codes were used to predict pressure distribution - both codes
tion of the separate effects of Mach number and Reynolds incorporated an integral boundary layer formulation.
number (with model Re overlapping flight values), a study Comparisons were made between CFD and flight, thus
of the effect of wing sweep on transition location as a func- adding a further dimension to the usefulness of the research
tion of Reyno;ds number, and the identification of technolo- programme overall.
gy gaps and facility needs. By way of description, suffice it Valarezo and Dominik, Douglas Aircraft and McGhee and
to say that the research was focussed on a section of die Goodman, NASA Langley, United States (10). The paper
A310 wing, represented by twdp 21 models and n e thalf describes tests on two high-lift configurations in the NASA
model, with some tests being duplicated in mor du n Langley low turbulence pressure tunnel at Reynolds num-
wind tunnel. These results were supported further by a series ers in the rane 5 to 16 x 10e. Favourable lift increments at

of flight measurements. The author concluded that the pro- approach ange 5 ta w6 experienc remizathad eneate a ostcompehesiv, wll n~- approach angles of attack were experienced by optimization
gramnme had generated a most comprehensive, well integrat- of leading edge slat and introduction of a trailing edge
ed and accurate body of data dealing with high-lift airfoils wedge. Equally important was the fact that a set of high
and wings which will form the basis for substantial improve- quality tes provided further evidence of Reynolds number
ment in design. and Mach number effects on high-lift optimization.

The importance of a deeper understanding of flow physics Earnshaw and Green, DRA, United Kingdom (20). This
was raised by several speakers; four papers dealt with this parndeawiand use of United ingdom wind Thipaper dealt with the use of half models in high-lift wind tun-
aspect of high-lift in particular. nel testing. The use of half models can offer several advan-

A paper (2) by Alemdaroglu, METU, Turkey, described tages, not the least of which is to permit an increase in
detailed flow measurements in and around the slat and flap Reynolds number as compared to a full model in the same
cavities of a three element foil. Effects of Reynolds number wind tunnel. The author conducted tests on one half of an
on the mean flow and on the turbulence parameters were existing full span model which had previously undergone
investigated using pressure probes, hot-wire anemometers several tests. Various half model mounting configurations
and a laser Doppler velocimeter. were investigated and results compared to the full model

Hardy, DRA. United Kingdom (18), gave an account of results. The paper generated a great deal of interest on

attachment-line transition and possible ran account of the very practical nature and potential usefulness

the leading edge slat of a combat type model. Similar occur- of the findings.

rence have been observed on transport type wings, so the Finally, in the cWegory of high-lift experiments, two papers
"subject is of broad itesL It was determined that the dealt with low aspect ratio planforms suitable for combat
boundary layer can go throgh more than oem change in state type airraft One by Walchli, USAF WPAFB; (22), in fact,

within incidence anpge of a degree or so which makes for dealt with the X-29 forward swept wing demonstrator air-
difficulty ai th prediction of Reynolds unter variation, crft. Mention was made of high-lift capait required for
W'ing root effects and qmswise variations serve to coMnpli- manoeuvfability and under post stall conditiom. Apart from
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the intrinsic interest of the paper itself, it served as a methods proved successful in the determination of near-opti-
reminder that the Banff symposium focussed on only one mum selection of flap profile, slat shape and pivot position.
segment of the subject of high-lift as a whole. M d t ical met an use at Short

The other paper associated with combat aircraft (17) was Brothers to define flap geometry at the project stage of
presented by Moir, DRA, United Kingdom and described design with special consideration of flap overhang and gap.
tests on a generic wing/fuselage model of aspect ratio 3.4 Also, some structural aspects of flap design were discussed
tested in the DRA Farborough 5 metre pressurized tunnel and a simple four-bar flap linkage mechanism was shown.
with a Reynolds number range of 6 to 11 x 104, approxi- Egleston n Pole, do Havind Inc., Canada (32)
mately. The tests were designed to study leading edge slat described R and D high lift work at do Havilland geared
optimization in conjunction with both a plain wing trailing toward the development of future propeller driven regional
edge and a single-slotted flap. The important findings from transport aircraft which employs more advanced airfoil sec-
the test relate to the performance of the model under condi- tions suited to cruise speeds up to Mach 0.7. 2D models
tions of separately varying Mach number and Reynolds were tested at high Reynolds number (6 to 10 x 10') in the
number, that is, the kind and quality of measurements need- 0.38m x l.Sm test section of the IARINRC pressurized wind
ed to help establish an advanced data base. tunnel. Extensive use was made of half-model testing at

3.5 Design of Hat .Systems for Copee ATChft lower Reynolds number.

The final session of the symposium was devoted to consider- The paper by Flaig and Hilbig, Deutsche Airbus, Germany
ation of the aerodynamic design procedures and practices (31) was representative of a manufacturer of large transport
found in industry, as related to transport aircraft aircraft. It was comprehensive in scope dealing, at some
Development of a complete system involves a mix of design length, with the objectives and constraints of high-lift design
philosophy, empiricism, theory and experiment and, over the and then with the design methods in terms of theoretical pre-
years, the methodology evolved to become an established diction and wind tunnel strategy. These general considera-
and proven procedure which is peculiar to the design team tions were concluded with an outline of the high-lift design
and the company. Over the past decade, the design process process as made up of three phases, namely, pre-develop-
has undergone some change whereby less reliance is now ment, development and pre-flight. The role of theoretical
placed upon the empirical data base and more upon theoreti- predictic - clearly identified in the pre-development
cal prediction - the rate of this change is, in part, a function phase. Finally, ihe Deutsche Airbus design process was
of resources available and it is the larger companies which illustrated in terms of the development of the high-lift sys-
tend to move more rapidly toward acceptance of a new tech- tem for the Airbus 321. In particular, it was shown that the

nology. significantly increased lift requirements for this stretched

The paper by Obert and Fokker Aircraft, The Netherlands, version of the A320 could be satisfied by a conversion from

(27), was entitled "Forty Years of High-Lift R and D - An a single-slotted Fowler flap to a part span double-slotted
Aircrat Manufacturer's Experience". A review such as hi, flap, even with the geometric constraints imposed by a

not only shows the progression of aerodynamic high-lift "mnimum change" philosophy.
technology at large, but also illustrates the evolution of the Finally, dealing with the category of high-lift systems for
design procedure as guided by the design team: in this case, complete aircraft, a paper was presented by Nark, Boeing,
within the framework of a medium sized manufacturer. As United States (30) relating to powered-lift for transport cate-
such, the paper represents a valuable addition to the litera- gory aircraft. The author gave a well illustrated presentation
ture for students and professionals alike. Regarding theoreti- describing the design, development and flight evaluation of
cal prediction, the author concluded that the role of CFD in the Boeing YC-14, this being the "upper surface blowing"
the design process has greatly increased but that, at present, entry in the USAF "Advanced Medium STOL Transport"
a fair degree of empirical data has to be fed into the compu- development programme. In particular, it was evident that
tational methods and therefore access to a large empirical methods and procedures for development of a powered-lift
data base remains a pre-requisite. system differ widely from those well established for a pas-

sive lift system. The paper was of special interest to many of
Next there were three paper which illustrated, in Particular, the European delegates who were not aware of the technicalthe application of CID methods to the design of a specific background to the YC- 14 and YC- 15 programmes.

high-lift system: Capbem, Avsepatiale, France (28);
Averado and Russo, Akjnia, Italy (33), and Mathews, Short 4. CONCLUSIONS
Bros., United Kingdm (29). Inviscid-viscous coupled CR) prediction methods are well

Capbem described the development of flap systems for the established and play an important role in the design of high-
ATR 72 aircraft and explained how numerical methods lift systems for transport aircraft (39). Under active develop-
(introduced in 1985) have served to complement existing merit, are more advanced field methods which have the
empirical aun experimental methods which were used exclu- potential to deal adequately with regions of separation and
sively until then. He outlined the computational tools and the wakes but, in their present form., do not accurately predict
overall methodology and showed how this has led to a more some of the high-lift parameters of interest. These methods
siaple design for the ATR 72 flap system with additional have not yet reached a level of maturity to allow widespread
benefits in term of improved performance and lower pro- industrial use and therefore further development to this end
duction costs. is recommended (19).

Similarly, Averado presented a flow chart of the design pro- High quality, high Reynolds number experimental data con-
ceidure used at Ania showing th complementary roles of tinue in short supply - as needed for test cases (comparing
theoretical prediction and wind tmel teating. The design CR) prediction with experiment) or to upgrade the existing
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empirical daea base for moderate to high aspect ratio config- I . Woodward DS and Lean DE
urations. Where is High-Lift Today? - A Review of Past UK
There remain an inadequate understanding of th flow Research Programmes
piwis" relating to high-lift systems and, therefore, further 2. Alenalaroglu N

spcalized wind tunnel and flogt programmes are needed to Experimental Investigation of the Flow about a Multi-
explore Some of the fundamental issues associated with tur- Element Airfoil
bulence, boundary layers and wakes which are, as yet not
fully amenab" to computational analysis (19). (40). There Numeriaha SimR landtiannads GfteSprtdFo nWn
was clear consensus thiat imrvemenet is needed in tub- NmrclSmlto fteSprtdFo nWn
lence modelling and that a better understanding of flow coves
physics would lead. to improvement in CFD methods. 4C De Ponte S, Cella A and Marcazzan M
A gap remains between the Reynolds number achieved in A Design Procedure for Slotted Flaps
the wind tunnel as compared to Moigt ft is unlikely that new 5. Fritz W
high Reynolds number wind tumtiel facilities will become Maximum, ana High-Lift Characteristics of Multi-
available in the near future, but this shortfall can be offset, in Element Aerofoils
part, by more intensive use of CFD prediction methods.
Such a capability helps in the formation of wind tunnl pro 6. Bartsch P, Nitsche W and Britach M
grammes andl interpretation of wind tunnel an fijght met Navier-Stokes Computations of Turbulent Flow around
surements: in this latter role, CR) becomes a kind of Phan- High-Lift Configurations
torn flow visualization in providing basic insight to the flow 7. Rogers SE, Wiltberger NL and Kwak D
processes at work. Efficient Simulation of Incomipressible Viscous Flow
Little indication was given cocrigpefrac over Multi-Element Airfoils
improvement expected as a result of advancement in high- 8. jasper DW, Agrawal S and Robinson BA
lift technology (say, in terms of CL max of LAD for second Navier-Stokes Calculations on Multi-Elemient Airfoils
segment climb). Similarly, the conference did not bring to using a CHIMERA-Based Solver
light any new or unorthodox ways to improve performanceg
but inferred that improvement would come as a resut of 9. Nelson TE, Zingg DW and Johnston GW
careful refinemnent. Even quite modest impirovement in high- Numerical Solution of the Navier-Stokes Equations for
lift can lead to significant gain in performance of transport High-Lift Configurations on Structured Composite Grids
type aircraft (19). 10. Valarzo WO, Doininik C1, McGhee RI and Goodman WL
in short, the design and development of a modern high-lift High Reynolds Number Configuration Development of a
system requires vigoous use of the wind tunnel as High-Lift Airfoil
described. for example, by Obert (27) and Flaig (31). CR) 11. Le Balleur JC and Ntron M
methods play an important support with respect to design - tine M6thode d'Interaction Visqueux. non-Visqueux
at the pre-developunent stage (31). and with respect to inter- porEulmnsIimpeils yrutissractive analysis - at dhe development and pre-flight stge Profils Multi-corps en R6ginie de Decollement Profond
(36).

The conference served to bring togethier mahmticians, 12. De Cock KMJ
aeroynaiciss ad tet eginers o hlP f ~ eI~ High-Lift System Analysis Method using Unstrctured

mutual understandine of strengths and weaknesses in each of Mse
the disciplines, mhe present status of high-lift technlogy for 13. Johnson U and Stolcis L
transport aircraft was clearly set forth and aresas in need of Prediction of the High-Lift Performance on Multi-
further attetion became evident. Element Aerofoils using an Unstructured Navier-Stokes

Solver
S. PROGRAMME COMMITTEE MEMBERS Bie ,RdsilR eirA oswCC ogD~r D.S. Woodward (Co-Chairman), DRA, United Kigo 14' alyR aepe . eirA oswCC ag
Mr UJ. Williams (Co-Chairmian), NASA, United States. JIIA, Ronzheimer A and Kroll N
Prof. R. DeCuypere Ecole Royale Militaime Belgium. Numerical Calculations of High Lift Flows using
Dir LChan, JAR, Canada. Structured and Unstructured Methods
M.J. Bouisquet, Adrospatiale, Frne 15. Chow R, Chu K and Carpenter G
Dr B. Wagner, Dornier Luftfahrt Gntib Germany. Navier-Stoes Simulation of Flow Field around a Blow-
Lt Col. D. Petridis, Hellenic Air Force, Gece.* Flap High Lift System
Prof. M. Onorato, Politecuice di Torino, Italy. 7.TietJProf. Dr Ir JI_ van Ingen, Delft University of Technology, 6.hietJ

mhe Netherands. The GARTEUR High Lift Research Programme
Dr LP. Ruiz-Calavera, INTA. Spain.17
Dr WJ. Mccrow~ky, US Army Aeroflighklynamics, United A fteOemmSa

SUIMSefttn on a Combat Aircraft Model
C ZaU R 19. Hady BC
(Noce AWo reference (1) thrugh (33) lust the smpasimn An Ebtperimental Investigation of Attachment-Line
papes in Owe or*r in which #hmy were praeoentedj Transition on the Slat of a Combat Aircraft Model
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WHERE IS HIGH-LIFT TODAY? - A Review of past UK
Research Programmes

D. S. WOODWARD (DRA Farnborough UK)
D. E. LEAN (DRA Farnborough UK)

SUMMARY

Some of the history of the development of slotted high-lift
systems is reviewed in this paper. In particular, the National
High Lift Programme run in the UK during the 1970s is reviewed
in some detail. In addition, the research programme in high
lift since the completion of the National High Lift Programme
is described qualitatively and references given. The contents
cover techniques of high lift testing, results of positional
optimisation of slats and flaps, the derivation of a simple
prediction method suitable for use with a project optimisation
method, and the description, with results, of a method for
interpreting aerodynamic and weight data on high lift systems
in the context of a complete aircraft.

INTRODUCTION

Barnesi records the amusing story of how the slotted wing came to be
invented:

" In April 1911 Frederick Handley-Page read to the Aeronautical
Society of Great Britain, a paper entitled 'The Pressures on Plane
and Curved Surfaces moving through the Air', ... He noted that, with
a wing of moderate Aspect Ratio (6.25), lift increased approximately
linearly up to 10 deg incidence, but then levelled off, while the
lift of a square wing (Aspect Ratio = 1.0) continued to increase with
incidence up to nearly 40 deg.... Using the wind tunnel at Kingsbury
in 1917, Handley-Page and his aerodynamicist R.O. Boswall tried to
combine the low-drag advantage of high aspect ratio with the delayed
stall of low aspect ratio, by separating a normal narrow wing into
discrete square areas by means of chordwise slots, but found the
result disappointing and incapable of being improved by varying the
proportions of the slots and their distribution spanwise. At some
point in these entirely empirical experiments, someone - whether
Handley-Page himself, or Boswall, or one of the carpenters, is not
clear - had the idea of cutting a spanwise slot parallel to the
leading-edge, sloping upwards and rearwards, at about the 1/4-chord
line. The first experiment, using a RAF15 aerofoil section, gave a
spectacular lift increase of 25%; with an improved shape of slot in a
RAF6 section, this was raised to over 50%, with only a slight
increase in drag ..... Numerous experiments continued during 1918 and
1919, using various shapes of single slot, whose chordwise location
was found to be critical on thin aerofoils ....

Handley-Page realised early on that the slotted wing was an
extremely valuable invention, so he kept the principle strictly
secret until patent applications had been accepted by both British
and United States Patent Offices. To avoid premature disclosure, he
did not seek protection for the original fixed slot until he was
ready also to cover a moveable slot, which could be opened and closed
by the pilot .....

During the whole period of early development of the Handley-
Page slotted wing, a parallel investigation had been made, quite
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independently, by the German engineer-pilot, G.V. Lachmann. He had
transferred from the cavalry to the flying corps in 1917, and had
stalled and spun-in during an early training flight, breaking his
jaw. In hospital he had time to ponder on the cause of his accident
and on means of preventing stall, concluding that a cascade of small
aerofoils within a normal wing profile might have better properties
than the equivalent single aerofoil. To study this idea, he made a
simple wing model and rigged up an electric fan to entrain cigarette
smoke over it, so _s to obtain a crude form of flow visualisation.
Satisfied with the Lesult, he drafted a patent specification as early
as February 1918, some weeks before Handley-Page's first application,
but.., was unable to convince the German Patent Office that the
invention would work.... It was quite by chance that he saw an
account of a demonstration by Handley-Page on 21 October 1920, and
immediately challenged his priority in the invention. Still the
German Patent Office refused to consider his claim.... unless he could
prove his invention experimentally. He then approached Professor
Ludwig Prandtl at Gottingen, who agreed to do the necessary wind
tunnel tests for 1000 marks (E50); Lachmann had nothing like this sum
to spare, but his mother lent it to him, and the result... convinced
the patent examiners, who then granted the application backdated to
February 1918."

With an origin like that, it is perhaps not surprising that the
aeronautical community should, for 54 years, have a totally incorrect view
of the physical principles underlying its operation. Until .ht Publication
of A.M.O. Smith's classic paper 2 in 1972, it was accepted widely that the
slot performs as a boundary layer control device 3- 6 - and this is not true.

Smith showed clearly that the device works because it manipulates the
inviscid pressure distribution - and that is why it is such a powerful
effect. The data of Foster, Ashill and Williams 7 illustrated in Fig 1
shows the flow over a typical high-lift aerofoil with a leading-edge slat
and a single-slotted flap. It will be seen that the trailing-edge of the
slat sits in the high-velocity region of the flow around the leading-edge
of the main wing; because of this, the pressure co-efficient at the
trailing-edge is significantly negative and thus the pressure rise on the
slat is reduced. The same happens at the trailing-edge of the main wing
due to the high velocities around the leading-edge of the highly-deflected
flap. In addition, the circulation around the slat induces a downwash on
the main wing; this downwash clearly reduces with distance from the slat,
so that it modifies the local velocities most strongly near the leading-
edge of the wing, reducing its peak suction markedly. The same mechanism
operates near the leading-edge of the flap. As a result of this, the
pressure rise to the trailing-edge of the overall wing is split up into a
number of smaller pressure rises; when each of these is sufficient to just
cause separation of the boundary layer, the overall pressure rise can
clearly be very large.

Fig 1 also shows the boundary layers flowing through the slots.
Clearly if the two elements (eg slat/wing or wing/flap) are too close
together, the boundary layer on the aft element will merge with the wake
from the upstream element to form a thick boundary layer, and separation,
far from being delayed, will be provoked. Thus, in contrast to earlier
ideas, the flow through the slots acts to increase the adverse viscous
effects rather than to alleviate them.



2 THE UK NATIONAL HIGH-LIFT PROGRAMME

2.1 Introduction

In 1968, K.J. Turner completed a secondment to the Defence Staff in
the British Embassy in Washington; during his three years in the US, he had
become increasingly aware of the advances being made by the US Industry in
the exploitation of high-lift devices. The comparisons between the "slat +
3-slot flap" of the B727-100, and the "droop-nose + 2-slot flap" of the HS
Trident 1, or between the "plain leading-edge + 1-slot flap" of the BAC
1-11/500 and the "slat + 2-slot flap" of the DC9-30, are indicative of the
contemporary differences which worried Turner. At the same time, he was
aware of the progress being made in the US in the understanding of the
basic physics of how slotted wings worked. On his return to the UK, he put
forward the concept of a "National High-Lift Programme" to be run as a
collaborative exercise between the RAE (now DRA) and Industry. Government
would provide most of the funding through RAE, whose role would be to
participate strongly, but also to manage the programme and attempt to
distil the general conclusions from the mass of data.

The programme had two majoi objectives:

(1) to provide sufficient data to enable the most appropriate high-
lift system to be selected for any given project;

(2' hav;fl- made this selection, to provide adequate procedures and
information to permit the detailed design of systems that were
efficient in aerodynamic, mechanical, structural, and weight terms.

These objectives lead to a programme that had a number of distinctive
features:

(a) a research programme into the structural and mechanical design
of high-lift systems would be run in parallel with the aerodynamic
programme in order to:

(i) provide a "research" environment in which new, innova-
tive, lighter, and more reliable mechanisms could be
invented;

(ii) provide data on the weights of high-lift systems of
varying complexity.

This research programme would cover high-lift system installations on
a typical civil transport wing, and also on the wing of a typical
"swing-wing" combat aircraft

(b) the aerodynamic programme would aim to produce data at two
levels:

Mi) data of a fundamental nature which would cast light on
the dominant physical processes involved and might lead
to improved theoretical prediction methods;

(ii) data of direct use in project design.

(c) all the high-lift devices were to have the shapes of their
"cut-lines" eg regions "i" and "n" in Fig 1, designed, using the
A.M.O. Smith multi-aerofoil program, to have "sensible" pressure
distributions without large, and very sharp, suction peaks; the
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locations of the various elements to be achieved in the structural
and mechanical design studies, were also to be decided on the basis
of "sensible" pressure distributions calculated from the A.M.O. Smith
program.

2.2 The Structural/Mechanical Design Programme

The complete set of leading- and trailing-edge devices embodied in
the programme are defined in Tables 1 and 2 (located at the end of the
text) and shown schematically in Fig 2. The tables indicate which of these
devices were considered in the context of:

(a) a civil transport aircraft,
(b) a military combat aircraft.

Within the structural design studies issues of reliability, fail-safe
design, and weight- and cost-saving were all addressed in addition to the
normal stiffness and strength considerations. In some cases stiffness was
particularly important in order to ensure that the designed aerodynamic lap
and gap settings were maintained within tolerance under load.

At the end of the structural design programme, each of the designs
was re-visited again ii, the light of the experience gained in the rest of
the programme, and the designs and the weights were revised. This lead to
a weight prediction method 8 that formed an important part of some of the
final assessment work.

2.3 The Aerodynamic Research Programme

The aerodynamic research programme was conducted on four different
wind tunnel models:

(i) a Two-dimensional model - shown in Fig 3; it had suction on
the side walls to remove the side-wall boundary layer and ensure very
good two-dimensional flow; it had 2 rows of chordwise pressure
tappings - one at mid-span, and one near the wall, .;o that the two-
dimensionality of the flow could be checked; results were obtained by
integration of the pressure distribution9 for lift and pitching
moment, and by wake traverse for drag; the geometric Aspect Ratio of
the undeployed planform was 3.2;

(ii) an Endplate Model - shown in Fig 4; the model was hung from
an overhead mechanical balance, the results from which formed the
main output, but there was also a chordwise row of pressure tappings
at mid-span, and it was intended that profile drag could be obtained
by wake traverse; the geometric Aspect Ratio of the undeployed
planform was 3.0;

(iii) a variable sweep Swept Panel Model - shown in Fig 5; this
1/2-model was mounted on struts from an underfloor mechanical balance
using a false wall as a reflection plane, one strut being enclosed in
the false wall; the wing could be set at a number of sweeps in the
range 15 deg to 36 deg and had one row of pressure tappings which was
streamwise at 31 deg sweep; the wing and high-lift devices had the
same profiles normal-to-the-leading-edge as Models Ui) and (ii); the
geometric Aspect Ratio of the undeployed planform at 31 deg sweep was
5.0;
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(iv) a variable sweep 1/2 model with a tapered planform Model 477 -

shown in Fig 6; the wing could be set at 1/4-chord sweeps of 20 deg,
30 deg, and 45 deg: this model was mounted on an underfloor
4-component mechanical balance, which was in turn hung from the floor
turntable, and used the tunnel floor as a reflection plane without
any form of boundary layer control; it had pressure pipes run

spanwise so that holes could be drilled in them at a number of
spanwise locations to enable the spanwise development of the pressure
distribution to be explored; the wing and high-lift devices had the
same streamwise profiles at 30 deg sweep, as Model (iii) at 31 deg
sweep; the geometric Aspect Ratio of the undeployed planform at 30
deg sweep was 7.0.

All four models featured slat, and flap, supports that permitted
extensive variation of the fore-and-aft and height positions of the flap
and slat elements. Within the programme these movements were conven-
tionally known as "lap" and "gap" even though that is not a precise
description; for simplicity this nomenclature will be retained in this
paper. Within the Programme, it was soon found that the definition of
angles, origins, and Cartesian axes describing the locations of the
elements of the high-lift system was a majo_ problem, t-zxcuse initially
each member had his own way of doing it. The systems chosen are defined in
Figs 7, 8, and 9.

Boundary layer profiles were measured on all four models at some time

during the programme using traverse mechanisms mounted external to the
models; these caused some interference with the flow, but in no case was

this excessive.

The fourth model formed the contribution from RAE, and the other

three models formed the contribution from industry. About a quarter of the
way through the Programme, two other models were added to the aerodynamic
programme - a "wall-to-wall" two-dimensional model and a complete model
with a planform typical of a strike fighter - and these were aimed at the
evaluation and development of high-lift systems based on Boundary-Layer-
Control (BLC) by blowing with low-pressure air derived from the fan stages
of a turbofan engine. The results of this additional part do not form part
of this paper.

3 RESULTS FROM THE AERODYNAMIC RESEARCH PROGRAMME

3. 1 Technique Development - Comparison of the Results from

the Different Models

3.1.1 Two-dimensional vs Endplate Models

It was known from previous tests1 0,' 1 that the two-dimensional tech-
nique used gave very good two-dimensional conditions - but the test tech-
nique, and the subsequent data reduction, were extremely time-consuming -

and therefore expensive. The Endplate model, on the other hand, provided
the data required quickly, easily and accurately from the balance. The
question nevertheless remained - was the flow on the Endplate model two-
dimensional?

On both models, flow visualisation indicates two-dimensional flow,

and comparison of the forces obtained from the integrated pressure
distributions at the centre, and near the wall, or the Endplate, shows less

than 10% reduction in lift as the end of the wing is approached. However,



comparison of the centre-line pressure distributions in Fig 10 shows that
these are radically different. It is clear, despite the effects of the
Endplates in maintaining the loading across the span of the wing, that the
downwash from the trailing vorticity increases quite strongly across the
chord, leading to higher loadings near the leading-edge, and lower loadings
towards the trailing-edge.

At first sight, it seems probable that this flow development rules
out the use of the Endplate model for serious high-lift research. However,
if we form the ratios of the lift at optimum locations of the slat and flap
to those achieved at off-optimum locations 12' 13,16 - as shown in Table 3 -
it can be seen that the Endplate Model seems to produce the same optimum
locations as the two-dimensional model. This is an important result
because of the financial and time implications on high-lift research - and
it underpins much of the National High-Lift Programme.

Table 3
Comparison of the Effect of Flap and Slat Movements on

the Endplate and "Wall-to-Wall" Models

Xs Zs Xf Zf C1 2-D Cl E/P CL 2-D C' EI/

% % % % CL 2-D top row CL E/P top row

SLAT Li AT 25 DEGREES

-1.5 2.5 4.15 3.85 1.000 1.000
-1.0 2.0 4.16 3.84 1.002 0.997
-0.5 1.5 4.02 3.67 0.969 0.953
0.0 1.0 3.52 3.20 0.848 0.833

FLAP T2 AT 20 DEGREES

0.0 2.3 4.13 3.95 1.000 1.000
2.0 2.3 4.09 3.89 0.990 0.985
4.0 2.3 3.97 3.80 0.961 0.962
0.0 0.5 4.05 3.86 0.981 0.977
0.0 5.0 4.11 3.92 0.995 0.992

FLAP T7 AT 45 DEGREES

-1.0 2.0 4.86 4.62 1.000 1.000
-0.5 2.0 4.81 4.58 0.990 0.991
+0.5 2.0 4.70 4.48 0.967 0.970
-1.0 1.0 4.81 4.58 0.990 0.991

The strong triiling vorticity behind the Endplate model has another -

and more unfortunate - consequence. The vorticity distorts and stretches
the wake as it passes downstream, with the result that the drag calculated
from a wake traverse varies considerably with the downstream positior of
the traverse, as shown in Fig 11. Because of this, the results from Wake
Traverse measurements are of little use, and their collection was quickly
discontinued within the Programme.

As a consequence, information on the profile drag characteristics of
high-lift devices had to be derived from measurements of overall drag
obtained from the balance on which the Endplate Model was mounted. By
correlation between these drag values and true profile drag measurements on



the "Wall-to-Wall" model for the same configuration, values of the viertex
drag on the Endplate Model could be derived. Unfortunately, the values of
vortex drag so-derived exhibited some dependence on device and deplouyment
angle; this meant that drag comparisons between similar configuratim-,r (eg
between single-slotted flaps with 84%, 90%, & 96% shroud position, tkil'TI,
LI/T2,Ll/T3}) could be made with some confidence, but that the
establishment of the profile drag increment between, say, a single-slotted
flap at 20 deg and a triple-slotted flap at 45 deg,(Ll/T8(45) - LIT2,

involves some uncertainty.

3.1.2 Two-dimensional vs Swept Panel Model

The Swept Panel Model was included in the Programme to give
information on the effect of sweep on the performance of high-lift devices
and, more importantly, on the optimum location of slats and flaps. in
order to interpret the data it was important to know the relationship
between the pressure distribution on this wing and the two-dimensional
wing; clearly with such a simple wing the two pressure distributions ougnt

to coincide when both are referred to the velocity normal to the leading-
edge (simple-sweep theory). Fig 12 shows the same type of discrepanvy as
shown by the Endplate model - and for the same reason. The !-w Aspect
Ratio - chosen to maximise the Reynolds number in a small tunnel - has
resulted in a significant variation, across the chord, of the downwash from
the trailing vorticity. Fig 13 supports this by showing that, for eaoh of
slat/wing/flap, the pressure distributions at the various sweeps collapse
reasonably well when referred to the velocity normal to the leading-edge;
it is reasonable to assume that the residual differences are due to the
changing Aspect Ratio with sweep.

3.1.3 Two-dimensional vs Model 477

The planform of Model 477 was chosen to:

(a) have a high enough Aspect Ratio to provide some part of the
span which would give a close approximation to "Infinite Swept-Wing"
conditions;
(b) resemble closely the part of a typical transport aircraft wing
outboard of the crank.

Once again, it was important to establish how well these aims had been met.
Referring the pressure distribution at mid-semi-span to the velocity normal
to the 1/4-chord sweep, produced a fairly poor agreement with two-
dimensional. However, when the local pressure was referred to the velocity
normal to the local sweep, very good agreement was obtained - as shown in
Fig 14. This concept is further supported by Fig 15 which shows the
agreement between the "local-sweep normalised" pressure distributions at
sweeps of 20 deg, 30 deg, and 45 deg.

3.2 Optimisation of Leading-edge Slats

Section 1 described, in qualitative terms, the effects on the
pressure distributions on the slat and wing arising from their mutual
interaction. Considering one of thit "standard" NHLP configurations
[L1(25)/T2(20)] consisting of:



(a) the 12.5% chord leading-edge slat (Li) set at 2' *i9g,
(b) the 33* chord trailing edge flap with the rlap shrcud at 0s

chord (T2) set at 20 deg,

then Figs 16a and 16b show the response of:

(a) the trailing-edge pressare,
(b) the peak suction,

on the slat as the trailing-edge is moved over a grii of points (XsZ5),
such that -5% < Xs < 0% and 0% < Zs < 4% - see Fig -7. The calculatisons
have been done at a constant fixed incidence close to that for th:, ma xiu
lift observed experimentally.

Fig 16a demonstrates the strong variation oa the trailinq-edge
pressure to the movement of the slat through the flow-field around the
leading-edge of the wing; for example, with the slat 1I chord ahead of the
wing leading-edge (Xs = -Ii) the slat trailing-edge pressure changes from
Cp =-6 at a height Zs = 4% above the leading-edge, to Cp = -1.3 at a height
1% below the leading-edge (Zs = -1"). In contrast, the peak suction <ri the

slat (Fig 16b) varies relatively slowly with change of height, tut ch.lnges
rapidly with variation of the lap (Xs) - for instance, at a heigqht of
Zs=1%, moving the slat forward from Xs = 0% to Xs 3 -5 reduces the peak
suction from Cp = -29 to Cp = -19.

The variation of the slat peak suction on its own is impottant
because the levels are very high, and hence compressibility effects on
maximum lift can be experienced down to Mach numbers as low as 0.15 . The
difference between the peak suction and the trailing-edge pressure
represents the pressure rise experienced by the boundary layer over the
upper surface of the slat, and hence determines the thickness of the slat
wake, or even separation of the flow on the slat. The variation of this

pressure rise determined from Figs 16a and 16b is shown in Fig 17, and Fig
18 shows the corresponding pressure rise over the wing. Together these
show that, as the slat is moved:

(i) vertically (.ie varying Zs, constant Xs):

(a) the pressure rise over the wing exhibits a minimum value;
clearly this is the best position for the slat in order to
delay separation of the bouncary layer on the wing,
(b) the pressure rise over the slat exhibits a maximum value
at about Zs = -1%, and decreases as Zs increases - primarily
due to the negative change in the trailing-edge pressure

(ii) horizontally forwards (ie decreasing Xs, constant Zs):

(a) the level of the wing pressure rise increase7 markedly,
(b) the level of the slat pressure rise decreases markedly.

From these results, we can extract contours of constant slat and wing
pressure rise, and constant slat peak suction, and plot these in the Xs,Zs
plane. Suppose we assume that, to avoid boundary layer separation,

(a) the slat pressure rise IACp.1 must be <22
(b) the wing pressure rise 1ACPwI must be <11

(c) the slat peak suction ICpsI must be <26



then, with these assumptions, it can be seen that the optimum location of
the slat must lie within the boundaries indicated on Fig 19a. Similar
boundaries, for a slat angle of 20 deg, are drawn in Fig 19b. The experi-
mentally determined maximum lift contours are shown in Fig 2014. One of
these contours is also shown on both parts of Fig 19, and it can be seen
that, despite the simplicity of the model, it correctly indicates,

(a) the size and direction of the migration of the optimum point,
as the slat angle is changed,
(b) the reduction in the area of the contour, as the angle is
reduced from 25 deg to 20 deg, suggesting that the C,,,, at the
optimum location is less at 20 deg than at 25 deg.

This confirms that the primary effect of the slot is to manipulate the
inviscid pressure distribut:_on.

However, it will ;!so be apparent that the simple model used above,
does not give a very good representation of the shape of the experimental
maximum lift contours - in particular it gives no indication of the closure
of the contours at the t-p. This, of course, is not surprising in view of
the simplistic, separation criteria used which clearly ignore the shape of
the pressure distribution, but these criteria also fail to take in to
account that the viscous layers on the wing and flap cannot be considered
in isolation, but that each is affected by the overlying wake from the
upstream element. Figs 21 and 22 show the development of the viscous
layers over the wing+slat when fitted with a single-slotted flap (Fig 21)
and with a double-slotted flap (Fig 22) . In both cases, it can be seen
that the slat wake merges with the wing boundary layer causing significant
increases in the momentum deficit.

It is relatively easy, using modern CFD methods and coupling
techniques' 5 , to couple a boundary-layer code to an inviscid code for
calzulating the viscous flow around multiple aerofoils, but this will not
yield good estimates of the variation of maximum lift with slat (or flap)
position unless the boundary-layer method is capable of dealing with the
merging of the boundary layer and wake.

3. 3 Optimisation of Trailing-edge Flaps

The physical processes involved in the determination of the optimum
location of trailing-edge flaps are exactly the same as those for leading-
edge slats - but they appear different because the balance between the
viscous and inviscid effects is very different. For trailing-edge flaps,
the viscous effects are much larger, and the inviscid effects are much
smaller than for slats.

If we replace the lifting effect of each element by a single vortex,
then these will be situated in the vicinity of the 1/4-chord of the
respective elements, and it will be clear that the vortices of the slat and
wing are relatively close together and there will be a significant
interaction between them leading to a considerable variation of downwash
from the slat across the chord of the wing; on the other hand those of the
wing and flap are relatively far apazt, and the downwash from the wing will
vary little across the chord of the flap. Therefore to get any worthwhile
reduction in pressure rise over the flap, requires the leading-edge of the
flap to be very close to the trailing-edge of the wing. Clearly the limit
to their proximity comes from the merging of the flap boundary layer with
the wing wake.



Fig 23 shows the maximum lift contours from the optimisation of the
T2 flap at 20 deg1 2 ; the optimum position is clearly around zero lap and
the lift falls away as the flap is moved forwards or rearwards from this
position. Fig 24 shows that the optimum location depends on the leading-
edge device fitted, because, of course, the slat wake adds to the thickness
of the wing wake over the flap. At higher flap angles, eg Fig 25 for T2 at
40 deg16 , the loss in lift as the flap is moved rearwards is more
pronounced, and large scale separation of the flap flow sets in for quite
small rearward movements. However, this flow also exhibits an even more
interesting phenomena; it appears that the wing wake, flowing over the
flap, also has the effect of reducing the peak suction of the flap -
presumably through its displacement effect. Thus, for some flap positions
(identified on Fig 25) the flow over the flap is separated at low incidence
when the wing wake is tlin, bat, at higher incidence as the wing wake
thickens, the flap flow suddenly re-attaches producing a characteristic
non-linear increase in lift and negative pitching moment, and a reduction
in drag. The incidence at which the re-attachment occurs gets higher as
the flap moves away from the wing, until ultimately the flow fails to re-
attach at all, and a large decrement in maximum lift results. This type of
behaviour has also been observed during the optimisation of double-slotted
flaps 1 7 and triple-slotted flaps 8.

It will be obvious that increases in Reynolds number will thin the
wing wake and exacerbate this behaviour; indeed this has been found to be
one of the prime sources of adverse Scale effect on high-lift systems 19 , 2 0 .
Fig 25 shows that the potential losses in maximum lift are very large and
demonstrates why it is s _mportant to conduct high-lift development at the
highest-possible Reynolds number.

3.4 Comparison of Various Leading- and Trailing-edge
Devices

Fig 26 shows a set of leading-edge slats and Krugers, whose maximum
lift performance as the deployment angle is varied, is shown in Fig 27.
This demonstrates that the maximum lift performance is not very sensitive
to the angle of the leading-edge device - so long as it is at its optimum
setting for that angle. The increments in maximum lift and profile drag
arising from these devices, are shown in Fig 28

Figs 29 and 30 show the lift curves for a double- and a triple-
slotted flap each set at three angles. It is noteworthy that the maximum
lift for both flaps varies very little with angle, but the incidence at
which a given proportion of the maximum is achieved, varies quite
considerably. This feature can be of great value on military aircraft
where pilot vision, undercarriage length and position, and weapon carriage,
can all combine to impose significant restrictions on the maximum incidence
usable in the approach.

3.5 Project Level Analysis of Results

The wealth of two-dimensional and swept wing data available from this
Programme raised the possibility of a major enhancement to the prediction
of maximum lift within the RAE Multivariate Optimisation Programme 21 . A
major strength of the dataset was that it was possible to carry out
internal consistency checks, since maximum lift increments could be derived
in several different ways; for instance the increment in maximum lift due
to fitting a leading-edge slat (LI) could be derived from
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(a) LI/To - LO/TO
or (b) LI/T2 - LO/T2

similarly, the increment due to the deployment of a trailing-edge flap (T2)
could be derived from

(a) LO/T2 - LO/TO

or (b) LI/T2 - LI/TO.

It was soon clear that the increments so derived differed consider-
ably one from the other, and this was because:

(a) a straightforward subtraction fails to take into account
properly the differing area extensions;
(b) there is, in some cases, an interaction between the leading-

and trailing-edge devices, which leads to considerable uncertainty in
the evaluation of the increments.

To examine the first of these factors, let us consider the idealised
situation sketched in Fig 31, where:

(a) the CL is based, in the usual way, on the reference area of the

wing (ie with the high-lift devices undeployed); the deployment of

the high-lift devices then Jeads to an increase in lift-curve slope,

(b) it is assumed that deployment of the flap leads to a constant
change in zero lift angle,
(c) it is assumed that the deployment of the slat leads to a

constant increment in stalling angle - whether the flap is deployed
or not.

From the relations set out on the lower part of Fig 31, it is clear that
each of the values K1 , K2 , K3 , has to be based on the actual area involved,

and then the addition of all the increments is brought back to the
reference area at the end. This approach is confirmed in Fig 32a where,

after the change in zero-lift angle has been taken out by subtracting the
value of CL at 5 deg incidence, the lift curves for the various combina-

tions of high-lift devices collapse very well.

To look at the second factor, it can be seen from Fig 32a that, in

common with most other sets of data, there is a significant decrement in

stalling angle when the flap is deployed alone - and this violates the

assumptions of Fig 31. This situation is examined more closely in
Fig 32b. Here the two curves involving the slat represent the optimum
angle in each case - and these demonstrate very similar stalling angles; if

the curve for the flap deployed alone is extrapolated to the same stalling
angle as the "wing alone", it can then be seen that there is complete
consistency in the maximum lift increments, no matter which way they are
evaluated. In this way, it can be seen that the ACL = 0.25 "slat/flap

interaction" correctly belongs in the flap increment.

To produce a full project-level maximum lift prediction method,

clearly requires a way of moving from the prediction of increments in two-

dimensional, to the prediction of increments on a swept wing of finite
Aspect Ratio. This was accomplished by assuming that

(a) the two-dimensional increments varied as cosn(sweep) - where
In' was allowed to have different values for
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(i) leading-edge devices
(ii) the main wing
(iii) trailing-edge devices

and "sweep" was taken as the 1/4-chord sweep of the element when
deployed ie taking note of the dependence of the pressure distri-
bution on "local sweep" identified in section 3.1;

(b) the ratio between the "two-dimensional value modified by sweep"
defined above and the "overall max.lift" was purely a planform effect
ie initial stall occurred at the highest local CL point across the
span

The values of 'n' which resulted from this analysis showed a fair
degree of scatter, but nevertheless consistently2 2 , 2 3 showed the type of
wide variation across the chord indicated by the values given below in
Table 4. It is difficult to devise an acceptable explanation for this
behaviour, but the pressure distributions genuinely indicate that near
maxii•[um lift with increasing sweep, that the propcrtion of the total load
carried by the slat increases, and that carried by the flap decreases.

Table 4
Values of Sweep Factor In' for Various Parts of the

High-lift System

DEVICE n'f

(a) Leading-edge devices 1.10 +/- 0.50
(b) Main Wing 2.10 with flap deployed

1.20 with flap retracted
(c) Trailing-edge devices 3.60 for flap angles up to 20 deg

Finally, the effect of part-span flaps was derived empirically by
analysis of the changes in zero-lift angle and maximum lift found on
Model 477 as the part-span extent was varied.

The final expression for maximum lift on a finite swept wing was
written

CLCL1) SLAT ( LAP

where

[A] ( {CLmax)WrNG cosnW, f(t/c) + A(CLmax)SLAT cosn

+ A(CLmax)FLAP cosEf Sn-

Sn - total area of wing + part-span flap

Sn= - total area of wing + (notional) full-span flap

CQXtSLAT -chord extension of the slat

CeXtFLAP m chord extension of the flap
* -

CL/CL highest value of local CL across the span

f(t/c) - empirical function of thickness:chord ratio.
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The results from this expression are compared with the achieved maximum
lift values on Model 477 over a full range of sweeps and various leading-
edge devices in Fig 33.

4 RESULTS FROM THE STRUCTURAL/MECHANICAL DESIGN PROGRAMME

The structural/mechanical designs were done in great detail and
produced a wealth of detailed weight and cost data for each device. For a
Variable Geometry fighter, the weight of each leading-edge device24 is
compared with that of the 12.5% chord leading-edge slat (LI) in Fig 34, and
corresponding comparisons are made for trailing-edge devices 2 5 based on the
33% chord single-slotted flap (T2), in Fig 35. Similar comparisons 2 6 - 2 9

for a civil aircraft are given in Figs 36 and 37. All the weights of the
high-lift devices lie between ±20% of the weight of the datum devices -
with the exception of the Flexible Kruger which is almost 80% heavier than
LI. The costs vary much more, and complicated triple-slotted flaps may
cost nearly 2.5 times the cost of a simple single-slotted flap.

Despite this wealth of data, it is difficult to use it to draw
guidelines for the selection and design of high-lift systems for complete
aircraft because the weights have to be interpreted in relation to the
aerodynamic capability, and both have to be related to exchange rates for
the design of the whole aircraft. The next section describes one possible
approach to this problem for civil aircraft, and reviews the results from
several applications of the method.

5 ANALYSIS OF RESEARCH RESULTS IN THE CONTEXT OF A COMPLETE
AIRCRAFT

5.1 Aerodynamic Model

For a civil aircraft, the take-off is usually the most demanding
design case for the selection of the high-lift system - especially for a
twin-engined aircraft - because the high-lift system has to supply not only
high-lift (to allow a short take-off run) but also low drag so as to allow
the aircraft to comply with the statutory minimum climb gradient after
take-off.

Perry 3 0 has shown týýat the take-off wing loading can be expressed in
a form which, after some m-.'•pulation, can be written as:

(W)2

(aSd) Kd (GSd) '(1)

where W = Aircraft Take-off weight
T = Take-off Thrust
S = Aircraft wing area
W/aSd = Parametric Take-off wing loading
T/aSd = Parametric Take-off thrust loading
d - take-off distance
0 = density ratio
Kd - Empirical relation incorporating the effects of variation of

thrust during the take-off run, and the airborne transition
distance, etc.
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The climb gradient (y) after take-off may be written

(Y) (n - 1) T 1 (2)
( n W (CL/Cd) > req

where (y) = Climb Gradient
()'Y)eq = minimum statutory climb gradient after take-off = f(n)

n = number of engines

CL/Cd = Aircraft lift:drag ratio during climb-out at V2 .

In physical terms, the lift-dependent drag, CL/Cd normally decreases
with increasing CL in the range of interest for take-off, and hence for any
given value of T/W there is an upper limit to the CL at which aircraft can

maintain an adequate climb gradient after take-off.

However, if we confine ourselves to conditions where the climb
gradient requirement is just met, then (y) becomes a constant in
equation (2) and equations (1) and (2) may be treated si::.ltaneously to
yield solutions

W (Yre g + CD/CL) CL3

OSd (n - l)/n Kd' (3)

T (Yrea + CD/CL) 2 C1
iSd (n - 1)/n Kd (

These two equations define the required aerodynamic conditions for a
given aircraft such that the limitations set by the available take-off
distance and by the minimum climb gradient are both satisfied.

Alternatively, equation (3) may be re-written in terms of T/MSd
from equation (4), to yield,

W T CL] 0 .5

TSd (Sd Kd

For safety reasons, the take-off speed is required to be at least 20%
greater than the stall speed - thus the take-off CL is 0. 7 CLtnax. Thus from

wind tunnel data the values of

(a) 0. 7 CLmax and (b) CL/Cd @ O. 7 CLmax

can be inserted into equations (3) and (4) [or (5)) to yield values of

"W/aSd" as a function of "T/aSd'

If the wind tunnel data is converted to trimmed conditions, this, in
principle, enables the aerodynamic data to be incorporated with the weight
data from the Structural/Mechanical Design programme, to yield conclusions
on the relative merits of different high-lift devices in a complete
aircraft context.

Ih
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Two methods have been used to convert the simple lift and drag values
from wind tunnel tests to trimmed conditions. The first of these simply
calculates a lift reduction corresponding to the down load on the tail to
trim the aircraft with the CG assumed to lie at the 1/4-chord point of the
Mean Aerodynamic chord. Thus, if we make the simple assumption that the
effective tail arm is 3.5 mean aerodynamic chords in length, then

Wi) CLtrim = 0" 7 CImax + C 3 @ 0.7 CImax (ii) CDtrim = CD @ 0.7Cz•× _.
3.5

This method gives trim corrections that are, in general, too large; this is
because of the neglect of the downwash at the tail arising from the
trailing vorticity of the wing and flap system. However this method was
used for the investigations described in sections 5.2 and 5.3; for the
exercise reported in section 5.4 a more rigorous method was used which
properly took into account the downwash at the tail.

5.2 Aerodynamic Optimisation of Part-span Flap Extent

Five sets of aerodynamic data were obtained from Model 477, as set
out in Table 4 below. To examine the optimum part-span extent, the
analysis method above was used to compare sets 1 and 2 (to demonstrate the
effect of change of sweep) and sets 2 and 3 (to demonstrate the effect of
changing the leading-edge device). Because the Parametric Wing Loading
(W/aSd) varies very rapidly with the Parametric Thrust Loading (T/aSd), the
data resulting from feeding wind tunnel values of CLtrim and CL~rim/CDrrm
into equations (3) and (4), has been ratioed with corresponding data
calculated for a hypothetical aircraft having an analytical variation of
CL/CD with CL:

Hypothetical aircraft CLtrim/CDtrim = 14 -
3CLtrim

The resulting "Wing Loading Ratio" (W/aSd) 477/(W/ISD)datum is designated by
the variable '.

Table 5
Sets of Part-span Data from Model 477

Set Sweep and Leading- Flap Gaps Shroud
aspect ratio edge position

113 20 deg/8.1 PLAIN 3 at each angle 90%
231 30 deg/7.0 PLAIN 3 at each angle 90%
332 30 deg/7.0 SLATTED 3 at each angle 90%
4 30 deg/7.0 PLAIN 3 at 20, 14, 8 deg 84%
5 30 deg/7.0 PLAIN 3 at 20, 14, 8 deg 96%

Flap Spans - 56%, 75%, 100%
Flap angles - 20, 17, 14, 11, 8, 5 degrees
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Carpet plots of the variation of CLtrim and CLtrim/CuLrm for data
set 2 are given in Figs 38 and 39. When these values are inserted into
equations (3) and (4), the typical variation of 'X' with variation of the
Parametric Thrust loading (T/oSd) shown in Fig 40 is obtained. From
Fig 40, it can be seen that the highest value of 'X' at a constant value of
T/oSd , will occur for a flap span that is less than 100%. By a process of
further interpolation, the results shown in Fig 41 are obtained which show
an optimum flap span of about 80%, but performance is within 0.1% for all
flap spans between 70% and 90%.

The figures for data sets 1 and 3, corresponding to Fig 41, are shown
in Figs 42 and 43. Comparing these three figures, it can be seen that:

(i) With a Plain Leading-edge at 20 deg sweep, and Aspect Ratio 8,
the optimum flap span is 100% for all thrust levels above that
necessary to achieve "matched" take-off conditions at 7-8 deg flap.
For all thrust levels below this, it is better to reduce the span of
the flap than to reduce the angle of the flap still further. Data
from the Endplate Model at low flap angles, shows that the profile
drag is a minimum at around 8 deg of flap - consequently this result
might be expected.

(ii) Increasing the sweep of this high-lift configuration to 30 deg
(and consequently reducing the Aspect Ratio to 7) produces an optimum
span of flap which is about 80%, and the take-off CL can be matched
to the thrust in an optimum way by changing flap angle between 20 deg
and 5 deg. It seems probable that this change in behaviour is a
result of the differing relative rates of change of drag as either
the flap span or flap angle is rediced. At 20 deg sweep, with its
higher Aspect Ratio, the increase in induced drag as the flap span is
reduced is less than the increase in profile drag as the flap angle
is reluced below 7-? deg. At 30 deQ sweep, with its lower Aspect
Ratio, the opposite happens - the increase in induced drag as the
flap span is reduced is now greater than the increase in the profile
drag associated with reducing flap angle.

(iii) Putting a leading-edge slat on to the wing at 30 deg sweep,
increases somewhat the variation of optimum flap angle with flap
span, and reduces the span by about 6%. This behaviour is to be
expected because, in the slatted case, the proportion of the total
span loading arising from incidence (and hence spread across the
whole span irrespective of the flap span) is much greater. It is
worth pointing out that the maximum lift for the slatted case is over
ACL = 1 higher than for tbe plain leading-edge.

5.3 Aerodynamic/Structural Investigation of Leading-edge
Devices

The above method was used on wind tunnel data from Model 477 to
compare the performance of several leading-edge devices 3 3, using weight
data obtained from the relevant structural design studies. The most
interesting of the results obtained is the comparison between

(a) the 12.5% chord leading-edge slat Ll and
(b) the 17% chord flexible Kruger L7

The Kruger had a slightly higher maximum lift and lower drag, giving an
advantage of about 1.5% in take-off wing loading; however the greater



weight of the Kruger reduces this to about 0.75% in terms of greater
fuel/payload. Further optimisation of the slat setting across the span,
succeeded in reducing the drag to the point where there was no difference
in the payload performance of the two devices 34.

5.4 Aerodynamic/Structural Investigation of Optimum
Shroud Length

From the previous parts of the National High-Lift Programme (and from
standard aerodynamic theory) it was known that moving the position of the
flap shroud rearwards

(i) increased the maximum lift and the sectional value of C./C ;
(ii) increased the weight of the high-lift system, mainly because of
the increase in length of the cantilever tracks that carry the flap
at full extension;
(iii) increased the tail load to trim because of the further aft
centre of lift;
(iv) increased the induced drag of part-span configurations because
of the larger discontinuity in chord distribution.

With one advantage and three disadvantages, it was unclear where the
optimum shroud length would lie; in addition the evidence from different
aircraft manufacturers was conflicting.

The aerodynamic data for this exercise came from sets 2, 4, and 5 -
but, in this case, in addition to the analysis performed above, it was
necessary to:

(a) deduce a landing flap design to go with each combination of
flap angle and shroud length - so that the weight of the trailing-
edge high-lift system could be estimated.
(b) conduct a tail-sizing exercise - so that a proper estimate could
be made of the trim drag taking into account the downwash at the tail
from the wing trailing vorticity

To do the first of these, landing and take-off speeds and weights for
a large range of transport aircraft were reviewed and revealed that the
ratio

CL (on approach) = 1.12
CL (at take-off)

It was further assumed that

CL (at take-off) - 0. 7 CLmax (for take-off)

CL (on approach) - 0.6CLax (for landing)

so that

CL (for landing)
S1.31 (6)CL (for take-off)

From Endplate Model data, the following values of the ratio of maximum
lifts with different flaps were obtained.

I



Table 6
Values of the Ratio of Maximum Lift with Various Landing

Flaps to that of a Flap at Take-off Setting

FLAP TYPE

SINGLE DOUBLE TRIPLE
SLOTTED SLOTTED SLOTTED

CLmax at landing flap (40 deg) 1.19 1.30 1.46

Cmax at landing flap

Thus from the results at 20 deg flap in each of set.- 4, and 5, the

max lift for each type of landing flap could be estimated, and compared

with the demanded max lift from equation (6) in order to select the

landing flap required. With the landing flap decided, the resulting

Pitching Moment could be derived from Endplate Model data.

To work out the size of the tail, it was assumed that it was

necessary to provide a usable CG range of 35% Standard Mean Chord, and the

tail volume coefficient was plotted against CG position for the two

conditions

(a) to trim the landing flap

(b) to provide an adequate stick-fixed static margin for the cruise

configuration

leading to a typical graph shown in Fig 44. The resulting tail size,

expressed as a ratio with the wing area, for a tail arm of 3.5 chords, is

shown in Fig 45. Having decided the tail size, the Trim Drag can be

evaluated, and this is shown in Fig 46; it will be noted that, as explained

above, these trim drag increments are negative due to the downwash at the

tail. The aerodynamic take-off performance can now be calculated, as

before, by inserting

C.
(i) CL = 0. 7 CLmax + C53.5

(ii) CD = CD @ 0. 7 CLmax + CDtrim

into equations (3) and (4), and evaluating (W/CSd) and (T/aSd).

The weight of the high-lift system can then be estimated using the

method due to Brookes 8 . Unfortunately for the generality of this research

exercise, Brookes' method produces weights/unit area that depend on

aircraft size. For relevance at the time the work was done, an aircraft

approximating to a BAC 1-11, with a range of 3500 km, and a Maximum Take-

off Weight (TOW) of 45350 kg, was chosen to continue the exercise. A

typical weight breakdown of the high-lift system for 90% shroud position

and 75% span flaps, is shown in Fig 47.



To complete the exercise, the Maximum Take-off Weight (TOW) of the
aircraft was written:

TOW = Wstructure + Wtu~e + Wpayload + Whigh-lift systerr

Kuchemann-- shows tnat for this range

Wstructure - Wengines + Wu/c+services + Wwinq+controjs + Wfu.elage - 0.525.TOW

and therefore

Wfuel + Wpayload = 0.475TOW - Whigh.lift systerrs

The resulting values of "fuel + payload" as the take-off flap angle
and shroud length are varied, are given for 75% and 100% span flaps in
Figs 48 and 49. For each shroud length, the "Fuel + Payload" weight rises
as the thrust is increased and the take-off flap angle is increased to
maintain matched take-off conditions; the variation is smooth until the
single-slotted flap is no longer capable of supplying an adequate landing.
CLnax - at this point the landing flap has to become double-slotted.

Because this is heavier, the "Fuel + Payload" drops discontinuously - and
the same happens at higher thrusts and take-off flap angles where the land-
ing flap becomes triple-slotted. The interesting part is that the graphs
show a clear advantage to increasing the shroud length in cornparison to
retaining tne same shroud length and increasing the complexity of the flap.
However, the differences are quite small (of the order of 3% of "Fuel +

Payload") and this presumably explains why different manufacturers have
selected different designs of flap and all have been convinced that they
have selected the optimum design - because other factors (such as cruise

drag) could have effects which are larger than the differences shown here.

6 HIGH LIFT WORK IN THE UK SINCE NATIONAL HIGH LIFT PROGRAMME

Since the end of the National High Lift Programme, high lift research
within RAE (now DRA) has centred around the exploration of Scale and Mach
number effects on maximum lift using the capability of the DPA 5 metre wind

tunnel. This has resulted in a number of papers describing the nature, and

occurrence, of various identified types of Scale Effect13,29,1 6,37.

7 CONCLUSIONS

A major research programme mounted in the UK in the 1970s, and known

as the National High-Lift Programme has been described. In particular,

(a) the philosophy
(b) the experimental techniques
(c) the results obtained
(d) the implications for aircraft design,

have all been addressed. The programme was mounted in response to a
perceived shortfall in capability in comparison with other countries - the

USA in particular - and has played a major part in restoring the balance.
It was one of four major research programmes mounted by the RAE in

collaboration with BAe which contributed to the design of the A320
aircraft, and for which RAE and BAe were jointly awarded a Queen's Award

for Technology in 1988.



1-240

Table 1
Designations for Trailing-edge Devices

TO Plain trailing-edge
TlT 33% chord single-slotted flap, 84%c shroud TE
T2" 33% chord single-slotted flap, 90%c shroud TE
T2S't As '12, but slot sealed and fldp faired into wing
T3 33% chord single-slotted flap, 96%c shroud TE
T4 33% chord double-slotted flap, 84%c shroud TE
T5*f 33% chord double-slotted flap, 90%c -hroud TE
T6t 33% chord double-slotted flap, 96%c shroud TE
T7*t 33% chord double-slotted flap, 90%c shroud TE, 8.5%c extending vane
T8*T 33% chord triple-slotted flap, 90%c shroud TE, 8.5%c extending

vane, 11.5%c extending tab
T8T As T8, but vane retracted into fairing
T9* 33% chord double-slotted flap, 90%c shroud TE, 11.5%c extending tab
T10* As T5, but deployed on an external hinge
Tll* As T7, but deployed on an external hinge

"Denotes devices on which structural and mechanical studies have been made
in the context of civil transport applications. These configurations
differed in some respects from their representations tested
aerodynamically.

Denotes devices on which structural and mechanical studies have been made

in the context of military applications.

Table 2
Designations for Leading-edge Devices

L0*' Plain leading-edge
Ll*' 12.5% chord slat
L2*t 18% chord slat
L31 Plain droop, from 15%c station
L4*t Extending droop, from 12.5%c station, circular arc extension
L5* Extending droop, from 18%c station, circular arc extension
L6*t 18% chord RAEVAM, flexible upper skin 5%c to l8bc
L7 Kruger devices, having an upper-surface profile giving an optimum

pressure distribution when functioning as a flap with sealed flap/
wing gap
Flexible flaps:

L7A Operating in slat mode, optimised configuration
L7B* Operating in flap mode, optimised configuration
L7C Unsealed gap, non-optimum configuration, similar to

Boeing 747
L8* Flexible Kruger slat, optimised for angle, lap and gap.

Upper-surface profile designed to give optimum pressure
distribution when functioning as a slat with optimised slot

Denotes devices on which structural and mechanical studies have been made

in the context of civil transport applications. These configurations
differed in some respects from their representations tested
aerodynamically.

Denotes devices on which structural and mechanical studies have been made
in the context of military applications.



1-21

RKFZRZNCKS

1 Barnes, C.H. Handley-Page Aircraft since 1907,
pp 210-216, Putnam (1988)

2 Smith, A.M.O. Aerodynamics of High-Lift Airfoil Systems.
AGARD CP 102, April 1972

3 Kuethe, A.M. Foundations of Aerodynamics.
Schetzer, J.D. John Wiley & Sons Inc (1959)

4 Thwaites, B. Incompressible Aerodynamics.
Oxford Clarendon Press (1960)

5 Houghton, E.L. Further Aerodynamics for Engineering Students.
Boswell, R.P. Edward Arnold, London (1969)

6 Duncan, W.J. The Principles of the Control and Stability of
Aircraft.
Cambridge University Press (1959)

7 Foster, D.N. The Nature, Development and Effect of the
Ashill, P.R. Viscous flow around an aerofoil with High-Lift
Williams, B.R. devices.

RAE Technical Report 72227 (1972)

8 Brookes, W. National High-Lift Programme Phase 5 -
Parametric Weight Study.
Report No.BAe-MFP-R-NHL-0079 (1981)

9 Woodward, D.S. Further work on the integraLion of closed loops
specified only as discrete data points.
RAE Technical Report 73177 (1973)

10 Moir, I.R.M. The Measurement and Analysis of the Profile Drag
Foster, D.N. of a Wing with a Slotted Flap.
Holt, D.R. RAE Technical Report 71158 (1971)

11 Foster, D.N. The two-dimensional flow around a Slotted Flap.
Irwin, H.P.A.H. ARC R&M 3681 (1971)
Williams, B.R.

12 Cairns, I.C.D. Analysis of Slat (LlI, 20 deg single-slotted
Wedderspoon, J.R. flap (T2), and 45 deg double-slotted flap (T7),

tested on a two-dimensional model.
BAC (Weybridge) Aero/FM/Report 041 (1973)

13 Fiddes, S.P. Investigations into the effects of Scale and
Kirby, D.A. Compressibility on lift and drag in the RAE
Woodward, D.S. 5m Pressurised Low-Speed Wind Tunnel.
Peckham, D.H. Journal of the Royal Aero Soc, pp 93-108,

March 1985

14 Cairns, I.C.D. Analysis of slat (Li) and 20 deg flap (T2)
Wedderspoon, J.R. optimisation on a quasi-two-dimensional Endplate

Model.
BAC (Weybridge) Aero/FM/Report 039 (1971)



1-22

15 King, D.A. Development in Computational methods for High-
Williams, B.R. Lift Aerodynamics.

Journal of the Royal Aero Soc, pp 265-288,
August 1988

16 Finch, B.S.P. Investigation into the performance of a 40 deg
Wedderspoon, J.R. single-slotted flap on a quasi-two-dimensional

Endplate Model.

BAC (Weybridge) Aero/FM/Report 046 (19

17 Finch, B.S.P. Evaluation of a double-slotted landing flap (T7)
on a quasi-two-dimensional Endplate Model.
BAC (Weybridge) Aero/FM/Report 052 (1978)

18 Finch, B.S.P. Evaluation of a triple-slotted landing flap (T8)
on a quasi-two-dimensional Endplate Model.

BAC (Weybridge) Aero/FM/Report 061 (1978)

19 Woodward, D.S. Some Types of Scale Effect on high-lift Wings.
Ashill, P.R. ICAS Paper 43, ICAS (1984)
Hardy, B.C.

20 Garner, P.L. Areas for future CFD development as illustrated
Meredith, P.T. by Transport Aircraft Applications.
Stoner, R.C. AIAA-91-1527-CP, Honolulu, Hawaii (1991)

21 Collingbourne, J. Multivariate Optimisation applied to the initial
design of transport aircraft.
RAE Technical Report 84044 (1984)

22 Harris, K.D. A Review of the Investigations into the effect
of sweep on the Sectional High-Lift
characteristics using the Panel Model Technique.
BAe (Hatfield) Report HRS-R-RES-FM2362 (1978)

23 Woodward, D.S. Steps towards an improved project level
prediction of maximum lift.
Unpublished RAE NHLP Review Paper 5/1978

24 Lee, N. National High-Lift P-oqramme Phase 1 -
Comparative Report on Wing Leading-edge Devices.
BAC SOR(P) 54, S&T Memo 8-72, DRIC-BR-32245
(1972)

25 Lee, N. National High-Lift Programme Phase 1 -
Comparative Report on Wing Trailing-edge
Devices.

BAC SOR(P) 55, S&T Memo 4-73, DRIC-BR-32940
(1972)

26 Scott, D. National High-Lift Programme - Comparative
Taylor, J. Study of Leading-edge Devices.

HSA (Woodford) Proj/NHLP/M42 (1975)

27 Scott, D. Comparative Study of single-slot Flap with 84%,
Taylor, J. 90%, 96% Chord Shroud (Ti, T2 and T3).

HSA (Woodford) Proj/NHLP/M37 P :t II (1974)



28 Scott, D. National High Lift Programme - Design Study of
Taylor, J. Extarnally-Hinged Double-slotLed Flaps with 78%

Chord Shroud (T10 and TI1).

HSA (Woodford) Proj/NHLP/M70 (1975)

29 Scott, D. National High Lift Programme Phase 5 - Weight
Teagle, P.J. Update of single-slotted flap with 90% Chord

Shroud (T2), and triple-slotted flap with 90%
Chord Shroud (T8).
BAe-MFP-R-NHL-0102 (1979)

30 Perry, D. Exchange rates between some design variables for
an aircraft just satisfying take-off distance
and climb requirements.
RAE Technical Report 69167 (1969)

31 Woodward, D.S. An Investigation of the optimum take-off
Lean, D.E. configuration of a single-slotted flap on a

swept wing.
RAE Technical Report 82074 (1982)

32 Appleyard, G.M . An investigation of the effects of part-span
extent on the optimum settings for take-off
of a 33%-chord single-slotted flap with a 90%
shroud.
BAe (Brough) Technical Note YAD 3313 (1978)

33 Woodward, D.S. National High Lift Programme - A Preliminary
Assessment of the high-lift performance of three
flexible leading-edge devices.
RAE Technical Memorandum Aero 1617 (1975)

34 Woodward, D.S. A preliminary investigation of the performance
Cherrington, K.D. gains obtainable by variation of the slat

setting across the span of a swept wing.
RAE Technical Memorandum Aero 1699 (1976)

35 Kuchemann, D. Performance aspects of various types of Aircraft
Weber, J. Progress in Aeronautical Sciences, Vol.9,

pp 329-456, Fig 3.5 (1968)

36 Hardy, B.C. Experimental Investigation of Attachment-line
Transition in Low-Speed High-Lift Wind Tunnel
testing.
Paper 2 AGARD CP438 (1988)

37 Moir, I.R.M. An experimental investigation of the Optimum
Slat setting on a Strike Fighter Model.
RAE Technical Report 84023 (1984)



1-24

0 24
Viscous layer protle 020 -

at the trailing edge z

CPof the flap c016

012
Short bubble Slat wake/

wing boundary 008
layer merging

004

/ Ho- po7
IX/C

Fig 1 Flow over two-dimensional
wing with slat and slotted flap

See also Tables I and 2

5*t./. sos Lu T4 double- slotL 12 511.c slat b9

L2 181. c slat fixed vane

90'1o shroud lile-skotwed,
fed vane

L) 15*4 plain droop 1-- S

T6 double-slotted,
hied vane

17 90"*. shroud.
L4 12 511. c extendrig droop extendrig ane -o.r
S 18%/. C exterding droop

F Iexit~e C 8si

5.4. 
snrord.

L6 18%. c RAEVAM extending vane and tab

Fig 2 Basic NHLP high-lift devices (schematic) IZ4
L7 18 ', fte.rbte Kriger tliap I. We/. shroud, extending

18% tetlbie Kruger slat au. tlap Ce tab)

108n 
2
.74m

Tunnel. ;, Tu,

floor A roo (bled)
I• (bled)

NHLP standard
transport section
(Table7) c E

Sectron A-A Fig 3 2-0 (wall-to-wall) model planform

90 in 2 
2

9m

!'- 8 Erndptate

' Fig 3&4 BAe (Weybridge) 2-D and

I Section B-0 Fig 4 Endplate model ptantorm



Boundary layer
diverler gap

C

M Boundary layer

2) E diverter plate aL0 E at fuselage C
(a Q aiflC

EE

Swa'!C) '

C7KE

54in i iD LL~

(1 .37m) V, .

Fig 5 Constant chord swept panel model (BAe) 1.83m

-4-Sweep pivot on quarter-chord line

Fig Ba Tapered swept-wing model (RAE M477)

Z F ( g a p i W in g c h o r d lin e
(retracted I LapI

a) Single -slotted trailing-edge flap

jZs (gap)

Slat trailing-edge
f-Xs.ZsLNSa angle

Fig 6b Model 477 In the DRA Bedford 13ft x 9ft soelp

wind tunnel6s foeap

Wing chordline
(retracted slat)

¶ b) Simple slotted leading-edge (slat)

Fig 7 Positional coordinate systems - basic devices



- 1-26

LE reference
points

XV
(tap)

Vane AZý- 1.33%/ c

zv shroud

(gap)
Flap datum External hinge - fixes

Vane (8.5% c0 line nonoplimum taps and gaps

a) Standard configuration (TT)- b) External-hinge type
tap and gap conventions configuration (Ti 0)

Fig 8 Double-slotted trailing-edge flaps (1"7 & T10) - nomencalture

1
X• [ Vane (Cv= 8.5% ci(tap)v Flap (CF÷Cp=24. 5% / c)

(gap)0 45

Tab (cAF=I11.5°/oc)

I7

"Zv a) Flap elements and their
- Doubleslotleading edge reference

S Xv Van (co 8.5%.c

F Flap (Win p it = .%

SAZF 1. dat umtu

Scb) Flap andmgap cnd thention

teading feapg( Tefer

Fdapt atmuin

BVF AF

c~) Lap and gap conventions--
tae-ff flap ledig8la(8

Fig 9 Triple-slotted trailing-edge ffap (T & TST) - nomenclature

ZF (tab).dat.
-- ~ ~ ~ c Lapm andmmm,, gapmm conventionsm• -- -



-16.0 -CP Slat 25* Flap 2017 0 7 21Dmodel -27

-6.0- __ _

- ---10.0 '

S51.

-8.0--- -- imc--

-6.0

-2.0---

-4.0 ---

-tI -1c- - - ,-E-me"N37

__________ 0.5-

"0 
0

0.04. 0.08 x/c 0.1 02 0.3 0.4. 0.5 0.6 0.7 0.8 x/c 0.7 0.8 09 X/c

Fig 10 Comparison of wall-to-wall and end plate model pressure distributions

COPE =profile drag estimated from
Trailing balance measurements

edge ce extended chord

CDW/COPE -rdn

6lap

.44 20'flap

0 1 Ax/ce 2
0.5a) Streamnwise variation of measured CD

ce aCDW E/P model 12/T2

CDPE xi-- 0

-0 .0 5 - 7 B / T26V f I p;L 
l T

-0.10 - fa flap 7

-0.15

0 2 CL • .
b) C1 dependence of streamtwise gradient of p e i

EIP model- B /BT2

CDPE [/••C

0.4- 1.29g* Fig 11 Typical wake momentum defect
x1.30l E

1.32t i V rfficient (COW) measurements

0.20 2 C 1/
ci2 C1 dt

c) CL dependence of strmeawsued gadet ofc~ 1.3



1-28

(CIA~ 6.0 -2.
-16. jI) Slat_ ____Fap- 0

-0.
-1 . -1.

-1-14

03.

-4.0 1

Sla Waing Flap~4P~... . - ~
-2. 

0.5. 

25D.

00

0.00-WO 0.0 TO.2 10.30.4 0.50.6 070.06(k 0.70 0.12 9 O

Fig 12a Comparison of sweplto-aladnraie panel model reutprvaiu wepsufresatL
aitributiandslpTa 0



-12

S-10 . . . :OT Tb eur-, for if *gre. ,ep EnJ bpi ovr o.t~
t. a1low -o4r-o1- .,tb thu resulit, 't2-,

z, of 36, JI -d Z5 I oer ,

0

- A Datum6,,- r

0A

- +Datum ,
A it.. 36 b.Er..

+ S-W 31 fO..-
0 s.! 25 Dt.9-

0
0.0 0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0

X/C

Fig 13b Comparison of swept panel model results at various sweeps for slat Li
at 250 and flap T2 at 200

-3.0

A nU PRS. tiST•it'I(NS

7.5 T o for o i d.9rt- -hp -e 1-dg b t sweep=~~~~~h 1- lt t o.-p.] d Sdor s

i 1 D

0 +-

-o.5 + Datum A . - -
+ s,•p ZIog

0 S.." , 2S bq0...

0.065 0.80 0.85 0.90 0,95 1.00

X/¢

Fig 13c Comparison of swept panel model results at various sweeps for slat LI
at 250 and flap T2 at 200



•N-.C 
-I - ~ Slat = 25° Flap = 20m -2.5 -S-16.0 - r-) xS x = -l1, ZS= / -2%

!; • I --.0 2-D model I i-14.0 0-- Model 477 C_20_

-5.0k
-12.0 -

-10.0 -5.

-. C - 1.0
8 .. x I

-6.0 -0.5

-2.0 - - --

-4.00

-1.0
-2.0 Stra F lap

0 0.04 0.08(xk)N .1 0.2 0.3 01. 05 06 0.7 (8(xk)N 0.7 0.8 0.9 WON

Fig 14a Pressure distributions on two-dimensional and model 477

-8.0 a- -8.0- - - Slat = 250 Flap =20' -25 - _____

(CP)N (CONXS = % ZS -1%

-7.0 -7.0- 2-D model CN 3.21
--- Model 477J -2.0-

-6. 0 - " 6.0 -

-5.0 -I -5.0 --

-3.0 .0 1 -A_,

-2. - -2.0

-,ol) - '' C_.-O-, '
-1.0 -1.0

0.5- __O O

1.0 0.04 0.08 (x/cN 0.1 0.2 0.3 .0.4 0.5 0.6 0.7 .B8(x/c1)N 0.7 0.8 0.9 (X/C)N

Fig 14b Pressure distributions on two-dimensional and model 477



1-31

-PN8.0-
( -CON. o 3o0 sweep

140-7.0- 
450 sweep lp

-14.0 ~ - - -6.0 
W ing norm al force CNW = 2.86 -2 - - - - - - - _ _ __

-12.0Sla-6.0 -1 Fa

-12.0 - -- F

-100- ta -. 0-- ---- )1 -1.0

-8.0 -3. - - -

-6.0--D 0.

-4.0 ----- 0-

-2.01.

10 - -. 0 ar

* 0.02 0-04 0.06 0.08 (X/C)N 0.'02 03 04 05 0.6 0.7 0.8 WO/cN .6 0.76 0.84 0.92 (x/C)N

Fig 45a Comparison of normalised sheared wing pressure distributions based
on local sweep angles

(CP)N -8.0- -2.51-i-
-16.0- - -- (CON -a - 301 sweep-2

r-7.0 - 200 sweep

-14. A -6. Wing normal force CNW= 2.86 -2.0 - - - - -

-20-6.0- - 1.5-

10Slat in, Ftap
-4.00.0.

-8.0- 
-0.5

- 3C-, -2.-0 - -

-6.0 -o--

-2.0
0.5 - - - - -

00

1.0- Ti~~ 1.00%
0 0 O 0.6 .0(xkN .10.2 0.3 CA 0.5 0.6 0.7 02 (xk)Nl 0L68 0.76 0.8.4 0.92 WO/cN

Fig 1 5b Comparison of normalised sheared wing pressure distributions based
on local sweep angles



1-3
Z-32 -a-32

X.. ao. 3

200

-~~~~~~~~~ ..j.i .~7I;! .IO .: .~ .; ..00 .04

4-1

-- 3

-04

-0.24 -0 .20 -0 .16 -0.12 -0.04 -0.04 0.00 0.04 0.00 02 02 1 C1 0.8 -. 4 00 ,4 00

, . _ '.. ,iU - 5-2. )

Fig 176sat pek(slat TE) v (Xs - 5 'Zs) Fig 18 b (wing peak v ig E (Xs - 5*Zs )



0.05 o
4,~~ 05~

-21 38I

T I CL .38

0.03 TCt L I 0.36.

A.02 4- -

Ojp ~'1) .po~oo

Fig 19a Prediction of optimum slat location Fig 19b Prediction of optimum slat location
Stat angle =250 Slat angle =200

x -- 3*1.c x0=-2 So-I 00' xzo , I . /r.c)

Fi 20. cpliaino 2/%codsa

LifrNaiuml.



1-34

20.00 Slat = 25'(X = -1% c, Z = 2%oC)(L1)

Flap = 201 (X= 0% c, Z = 2.3% c) (T2)

16.67 = 4 CL= 2
.

14  Stat

U wake
-3.336 a =20' CL= 4 .07

a, 13 .33
U

Va

QI0.00
> •Aerotoit

VU wake
Z 6.67

I

3.33

0 PM-PO 1.0 0 _PH 0 0 PH -P- 1.0 0 1.0

d 

chord

Fig 21 Boundary layer shapes on single slotted flap (T2) at various chordwise
positions on a 2-D model

20.00
Slat Li at 250

Flap = T7 at 45016.67 16 = 12' CL= 4.4

w13.33
'U

a> 10.00 -
0 Slat wake

Z 6.67 Stat wake
CU'

I Stat wake Aerofoit wake

3.33 t Aeroto wake

0 0 wN-oO 5  1. LMŽOO . e
____n To3 0 P5 HPO.~ 0 P0 H P1.

qoTEE R
Flap L E

Fig 22a Boundary layer shapes on double slotted flap (17) at various chordwise
positions on a 2-D model



Slat = L1 at 25, 2667-
Flap 1 T7 at 45'

20-00 12 23 33

Slat wake

16.67 2000 -

U.)J33 16 67

1o.00 13-33 Fig 22b Boundary layer shapes on
> 10.00kdouble slotted flap (TU) at

kvarious chordwise positions

-Z 66 7 - 1000/ on- a2-D3model

3 33 -6.67

Vare wake

01 3.33
0 .5\ o' 0 /p0 0

i t % ~ap /q

'ap TE

-ol

±3

I.

Fig 23 Contours of C L for
200 slat, 250 slat

XF lpercent chord)

5
"OverlapSfLL

M LOT

E Underlap

- 2CLC

at5

0

E E/P model Fig 24 Effect of leading-edge device on the flap slot setting
T2 flap at 20 required for optimum C Lm performance

2 3 4 5
b) GLmax



1-3t,

CL A

4 Grid region below

C A Conventional litt curve

E8 Flap separations improving
at high incidence

C Excessive separations,
lift curve collapse

20 15 10 0.5 x 0/c -0,5 -1.0 -15

- Con tou cs Of a L m a - -= 0./.c

,7 1 / l .&l/ !<l/ib ,

X• t5 single slotted flap (T2) Flap angle
S1€,'• 7 V'''" F= 40 C Lma contours derived

Flap flow development indicated by. •boundaries

'V.0 . . . . . .
4 1

0Z 009,t, ý,rvn to,• ttnp 3 5 0] _

3. 02
A/ / B .p ,~ C . "-" ' -

singl slote fla ()Fainl

I 2o -- -L a,o.o + o , I"•
L I S 40otn r dLerive

6, z 25*(- 5
__ 5 2 from5 carpe25 30 35

L 2,,,, L2se.tld Fig 25b NHLP 90 in x 30 in E/P model
6s: - ,, - "2 with single slotted flap (r2)

Fla angl d=41Vraino

Flaflap flow separation with Incidence

1 -K13-ale-

Fig26 Configuraltions of LE slats L1, L2, Le and K13,

tested on the end plate model

7.1 Effects of Overhang overhangs. This behavior can also be observed in the
C distributions on the slat and on the main element.

S.he nts~sre distribution curve, while the C, distribution on the flap remains uoncf-



Ail fesuitS obtained inconjunciCon w-tii single slotted Hap ~12) at 6 20- 10 2 3) and Vz-22J F PS except were.e no'e

LB !inr conjunction with TB,
5.5Vý 2001 PS

0
Lnnax ý- cd

50 \~ 5 -~LO seated, n conjunction with 78,

45-i -.

L9

K2 13 sa
L0 L 2 C) 9geed)

"~~jgT2 at fl)O,2-3) X_- LB sealed Lsae

~~ ~ ~ ~ K133seatedjL7Sae

3 5-X- -- L72 seated L - 9 seale3 -x

n-Ls ,l- -Ce

6S or

3UL
15 20 25 30 35 40 45 50 55 61

SNominal slat deflection angle 6~, or b)

Fig 27 Summary of measured CL max performance of 6 LE sla~t3/Krugers on the
90 in x 30 in end-plate model

2 -,
U

4 0 (30.)

Ven ted

~~stat s (25* ) (3*

X 0 01 - 20*)

E '1 1Ve.nted Krugers
Sealed -

Z 6 s~ats :0'22
Sie~ 22 39-)

1!! Seated lKrugers

01 02 2= 0 1 2
Slat chord/wirig chord ACLma

a) b)

Fig 211 Summary of slat performance comparisons on the end-plate model

{ ~ / -50 de g~ee flai

Fig 29 Lift-incidence curves for a double slotted flap
at 3 angles



I I I I

1-38

5.0
CL

4.8. K,

4.6 /-4/ WingCL ' •slat;
4 4L Based on K o t.flap,i---4 -etye

area K 2 -

X 45 degree flap4,.2X

40 degree flap slat

.0 a wnWing - Ka4,0.Ilap

Sw p35 degree flap

/t =Wing
soenaaaagalong

C 2L2n+ 2to n a 2

a a

are ta-l

+/ 
________

3.4 / dW __________ _

3.2 /-(CLmax)wing K, an a-3+ x(Cl.maz~wing-siat K 2 a2 ýi As

S (CLma+)wing . fap K3 a3 2°W

(C oaWing -lpslat@15a°(W ds Lo

A- A 1A[KK

//5 10 15 2'0 25 30 35 a F, 30 51 "3

Fig 30 Lift-incidence curves for a triple Fig 31 Method of determination Of C Lmax increments
slotted flap at 3 angles

R =JCL + D r from the endplate modcel is a close approxmation to the iL on a 2Do-wing

2.0

[CR-CR ot .

Based on 1 5
deployed
area

+ ~ - 0 Wing +slat@P15o

5 0 5 20 4, 30 35 0

Fig 32 a Demonstration that lift curve slope Is closely proportional toi deployed chord



CR =C +C, from the endplate model is a close approximation to the GL on a 2D - wing

LC + CD

Based on Slat/flap (nt Lto .' a ) 0, -8

deployed 4) 25

area 2 ( 7
slat

SXI x Wing alone-

I • .• = [a Wing +slat @15',"
L 0 Wing + flap @ 20°'

S• + slat @ 25'

0 5 10 15 20 25 30 35 40

Fig 32b Derivation of flap and slat increments from typical end-plate model data

4.0

Line of exact 0

correfation

0

3.0
0

0:0

0
X 4' 2.00

E 
l

1.0

1.0 2.0 3.0 4.0

CL rmax)expt

Fig 33 Correlation of C j-max



4 2.0

2.--.--

1.4 - - - . i - -- .

1.2 - -.- ..-

0.4~

I I
1. 22.4

- i ,.W~f~S ni, 2.4z IS -M

2.4 0

1.4- - ---- - ----. .0

0..0

Fig 35a Weights of a range of trailing-edge Fig 35b Costs of a range of trailing-edge devices
devices on a variable-geometry f ighter on a variable-geometry fighter



1-41

0..4

__ 11 4 1

Fig 36a Weights of a range of leading-edge Fig 36b Costs of a range of leading-edge
devices on a civil transport aircraft devices on a civil transport aircraft

2.4

2.2 -

2. ---- - -- 4

is u

Fig 37a Weights of a range of trailing-edge Fig 37b Costs of a range of trailing-edge
devices on a civil transport aircraft devices on a civil transport aircraft



-21.3 ------------- - ----

Increasing flap gap

1.2 -- ~-i9 /. 2. V. 3.121i. - - -

56/.~~~~~~~~5 span flap Sa 1 79Z 19/l*O83(0f

Fig 38 Variation of trimmed lift coefficient, at 0.7 C max, with flap gap,
deflection and span; plain leading edge; sweep =300

12 56J1. span flap -

I 75*1. span flap

S '1001.span flap[

lnreasinýg flap angle

10 eý ... 0

IIncreasing flap gap

60,/. 70*/. 801/. 90%. too/. 110/i. 120*/.

Span *T I7759(Zf 1.96'4.1 -0 8333(20-O-f)

Fig 39 Variation of trimmed lift-to-drag ratio, at 0.7 C max, with flap gap,
deflection and span; plain leading-edge; sweep =300

1.03 __7- Flap7

8 Locus of optimum flap gap l;2ý

1.01 4~ A --

0 099 ______

0.95Paraetrc fhusf100VI. span flap

CL22 0.24 0.26 0.28 0.30 0.32 0.34

Parmeticthrstloading (N~m
3
l

Flg 40 Derivation of optimum take-oft performance at optimum flap gap;
plain leading-edge; sweep = 300



7!
Withtin Within Optimum

0.5%1 optimum 0.11. optimum

0.0

i Fig 41 Variation of optimum flap deflection for

5" L----------£ take-off with ftap span; plain leading edge;
sweep =300

60"/. 70°/° 80°/, 90°/° 100°1" Witih, W~thnr
Flap span 051. optimum 0 I'/. optimum

Fig 42 Variation of optimum flap deflection ,"
for take-off with flap-span; plain -P ..
leading-edge; sweep = 20° ..

SWithin Within Optimum _.

0° 0.5°/. optimum 01i'. optimum 60*/. 70"/. 80"/. •00, ?00"/.SFlap spain

Fig 43 Variation of optimum flap deflection for
I I take-off with flap sp an; sweep =30"

Flap span

0C3 range 0 03S

0,0.8

0.2

0 0.1 0.2 0.3 0-• 0.5

1 ¢~G position Xc/SFig4 Grphical determination of tail volume coefficient

5. L take-off wit fla spain;l plain leadin edge;ll



rU~n 1-44

0.29-

1 027.

4 96-1~.026

-0., 14.

0,23 .. 56%) span

~022
0.21 l

020

0 19 1

0.

Fig 45 Tall size as a function of flap angle, span and shroud length

* -0"2
5.0

2(.- --f - -

Fig 46 Trim drag coefficient as a function of a flap angle,
span and shroud length

13000

rr~d

11000DCII )00

9000 --- -- p--- --

30030 9

Fig47Tyicl eihtbrekdwnofhih if
syste



ISO

1965 96 %

150

14%

190

1700

160-5 - 0

' /0

84%

145 . - - --- -

140-I

I

45 19 55 60 05 70 75 09

l Fig 49 Variation of take-off performance with thrust for 1000/ flap span

850

-- ' 96%

- 170 "-

* 165-

150

150

145-

140 1
40 5 0 5 60 65 70 75 90 6' 90

ThRUST T k8

i Fig 49 Variation of take-off performance with thrust for 100% flap span



2-1

EXPERIMENTAL INVESTIGATION OF FLOW
AROUND A MULTIELEMENT AIRFOIL

by

Nafiz Alemdaroglu
Aeronautical Engineering Department

Middle East Technical University
Inonu, Bulvari
Ankara 06531

Turkey

1 Summary not exist and are still in development. The complex
nature of the multielenient geometry and the flow field

This paper presents the results of experimental in- kes the problem more difficult if the real physics of
the shear flow is to be modelled. The effort under-vestigations performed around a mnultielement air-

foil and gives detailed information about the flow taken by Cebeci et al. [6], tries to compute the flow-

in and around the flap-well and slat cavity regions. field around multielement airfoils and uses the present

Measurements are made using pitot probes, hot- data and those of Nakayama [2], for code validation.

wire anemometer and laser Doppler velocimeter at a Among the available data on multielernent airfoils few
Reynolds number of 0.5 and 0.8x 106. The results were involved with the flap well and slat cavity flows.
obtained show the complex nature of the shear flows In particular, references [7] and [8] were concerned.investigated and put into evidence the necessity of ac- with wing-flap configurations. T[ihe work of Adair
curate modelling of these flows by numerical method- and Horne [9], deals with a wing-flap configuration

and contains turbulence measurements in addition to

mean flow quantities. The work reported in references

2 Introduction [10] and [11] involves three element airfoil with a lead-
ing edge slat, but is limited only to pressure and mean
velocity measurements inside the boundary layers.

The present set of experiments is an extension of the
experiments carried out by Nakayama et al. [1], [2] The recent work of Savory et al. [12], is of particu-

at the Langley Research Center low turbulence pres- lar importance since it deals with slat and flap cavity

surized wind tunnel (LTPT). The model used in the measurements and in particular gives emphasis to tur-

present experiments is a scaled down version of the bulence as well as to mean quantity measurements. In

model used in the LTPT tests. Although the mea- these respects it is very much similar to the present

surements of Nakayama were performed at realistic experiments.

Reynolds and Mach numbers and were complete in
terms of the overall external flowfield description, they
lacked detailed information about the flowfield inside
the flap and slat cavity regions. Hence, a series of
experimental investigations were undertaken at Cali-
fornia State University, Long Beach to complete the 3.1 Wind Tunnel
definition of the total flowfield around this multiele-
ment airfoil [3], [4]. The experiments are conducted at the low speed wind

The measurements inside the flap and slat cavity re- tunnel of the Aerospace Engineering Department of
gions are of crucial importance for the computational California State University at Long Beach. The tun-

aerodynamicist since the calculation of the separated nel has a test section of 22 in. x 28 in. and a stream-
flow in these regions are still not accurate enough and wise length of 44 in. with a free stream turbulence

needs to be validated against reliable experimental level of less than 0.5%. The tunnel has no facilities
data. While powerfull computational tools are avail- for side wall boundary layer control nor any provisions
-ible to calculate flows around single element airfoils for high-lift tests. However it can be considered to be
with separation and at high angles of attack [5], ac- sufficient for measurements at relatively low angles of
curate and reliable methods that compute the flow attack where flow separation is small and is limitd to

around high-lift systems of multielement airfoils do the flap-well and slat cavity regions.
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3.2 Model 3.3.3 Hot wire Anemometer

The multielement airfoil model used in the present Two channels of TSI 1050 ('onstant Temperature
work is the two dimensional LB-572 high lift model Anernonieters (CTA) are used with standard TSI-
as shown in figure 1. It is a three element airfoil with 1243 x-wire boundary layer type probes to jieasure
a leading edge slat and a single-segmented flap. The the mean Nelocity and the turbulence quantities The
size of the model is such that the chord of the config- microcomputer basd data acquisition and reduction
uration with the elements stowed is 12 in. system is fully verified and well documented in report

"The slat and the flap are attached to the main wing [131.

by means of a set of brackets at two spanwise loca-
tions. The brackets are designed in such a way as to 3.3.4 Laser Doppler Anemometer
allow optical access to the flap-well and slat cavity
regions by laser velocimneter. The brackets are placed The laser veloctineter system used in the present ex-
sufficiently away from the centerline so that the two- periments is described fully in a previous report I1IJ
dimensionality of the flow is not altered at the tnea- It consists of a 3%V Argon ion laser source and a
surement location. These brackets can be moved both two color. dual beam back scatter optics using tile
along the chord in order to adjust the overhang, OH. 488 nim and 1514.5 inn lines and a two component
and normal to the chord to adjust the gap, G. counter processor. In later experiments, tile counters

The model is equipped with a total of 125 sur- are replaced by a Burst Spectrum Analyser (BSA),
face pressure tabs on all three elemtents. For two- which provided significant improvements in I)A sig-
dimensionality checks, there are two spanwise arrays nal analysis. The optical components are all mounted
of pressure tabs, one along the spoiler trailing edge on a large optical bench which in turn is mounted on
(main element) and the other along the trailing edge a milling machine bed and is traversed along three
of the flap. Seven pressure orifices are placed along axis. The data acquisition and reduction were ac-
the flap well ceiling surface and three orifices on the complished by means of a PI)P-l 1/44 minicomputer
rearward facing step. which was replaced with a personal computer when

-Vh, 'po•wel iz inotalled inside the tunnel horizontally BSA was introduced

between circular end plates on the side walls. These
end plates can be rotated to change the angle of at-
tack. An optical quality glass is inserted in part of the 4 Flap and Slat Cavity Flows
end plate so that the optical paths of the laser beams
and the scattered light are left clean '[The geometry and the definitions of the coordinates

used in a typical flap-well flow are indicated in fig-
ure 2. In general a flap-well flow has the characteris-

3.3 Instrumentation tic featurez cf both internal and external flows and is
composed of partly irrotational, partly turbulent and

3.3.1 Pressure Measurements reversed flows. The two important streamlines shown
in figure 2 are 1) The dividing streamline which leaves

All pressure data including the tunnel static and to- the main airfoil lower surface at the step of the flap-
tal pressures are measured by electronic manometers well and divides the flow circulation in the separation
connected to two Scanivalve pneumatic scanners. The bubble from the flow that passes through the gap be-
analog output is digitized with a computer controlled tween the main airfoil trailing edge and the flap upper
12 bit A/D cozverter. Sufficient care was given to surface. 2) The flap stagnation streamline that ter-
check and validate the response time of the pressure inates at the forward stagnation point of the flap.
nieasurement systemn. If this stagnation streamline is known, then the flow

above this streamline can be thought of as an internal

3.3.2 Flow Visualization channel flow with sudden expansion on one side and
a curved wall on the other. However, if one consid-

Flow is visualized by mneans of smoke wire tech- ers the pressure distribution, it is governed basically
nique. The techniqte uses a thin (0.1 mm diameter) by the external flow and is mainly influenced by theniqu. Th tehniqe uss athin(0.1mm iameer) entire geomretry.
nichrome wire stretched across the flow and connected
to a voltage regulated AC power supply with a timing As far as the variable, are concerned, the reattach-
and delay control circuit. Smoke is generated by coat- ment point, ZR, of the dividing streamline is the most
ing toy train smoke oil on the wire and then burning important aerodynamic parameter since it determines
it by resistive heating. a number of important quantities. This point strongly



depends to the shape of the separation bubble and to of 0.8 x 106 and 0.5 x 106 with corresponding Mach
the pressure distribution on the ceiling surface of the numbers of 0.13 and 0,08 are used during these ex-
flap-well, and in particular to the location, XVp, where periments. Reynolds number is bawd on the clean
the pressure peaks. In general we use geometric pa- wing chord length of 12 in. One of the major in-
rameters such as the gap, G, and the overhang, OH, conveniences of the small test section is definitely the
both expressed as percentages of the mean chord, the blockage effect. However, it does not invalidate the
flap dellection angle, 6

F, and the overall angle of at- trends of the flow characteristics with respect to the
tack, a, as the parameters influencing these flow quan- parameters changed.
tities. Detailed measurements of the flap-well flow
were made during these experiments and the effects (2) fordfap oe s and sla mavity io masues re-

of the flap location on the quantities indicated in fig- (2) for flap-well and slat cavity flow measurements re-
ure 2 were determined at various flow conditions, The spectively. Due to space limitations, for hot wire mea-

ure wee dterine atvarius lowconitins.The surements only 3, in some cases up to 4, streamwise
mechanism of the separation and the reattachment of stations ca n b e tas fo 4D measure

the shear layer was investigated. The coordinates z stations c ould bered gvn a better
and deignte he istnce alng he hor (wich ments more stations could be probed giving a better

and y designate the distances along the chord (which resolution of the separation bubble and the recircu-

is parallel to the flap-well ceiling surface) and nor- lating regions.

inal to the chord (ceiling) and downwards respectively.

One can now define the displacement thickness, 6, The two dimensionality of the flow is demonstrated
using its conventional definition, in figures 4a and 4b which shows the spanwise vari-

ation of the pressure along the flap trailing edge at

61 - - dy (1) two different flap deflection angles. It is observed onthese figures that the flow uniformity is maintained

where f r is the external velocity measured at the edge over a spanwise extent of about a chord length near

of the boundary layer, y = 6. at separation. The the centerline for angles of attack up to 120. At higher

displacement thickness, = b*, will be a smooth curve angles of attack, this distribution becomes worse near

extending fromn the step edge down through the gap. the tunnel side walls due to the thickened and proba-

Due to a large normal to surface pressure gradient, bly separated side wall boundary layers

the shear layer edge, 6, and the edge veŽlocity, Ue, can To give qualitative pictures of the flowfield, figures 5,6
not be defined in the usual way and hence the edge is and 7 show the results of smoke wire flow visualiza-
taken as the position where the turbulence intensity tions. Figure 5a to d show the flow visualization in
is twice the free stream value, and around the slat cavity region at various slat set-

As far as the slat cavity flow is concerned, figure 3 tings and Reynolds numbers. Figure 7.a is the flow

shows the geometry and the probe traverse positions. visualization at an angle of attack of 40 and at a flap

Similar to flap-well flow some very interesting features deflection angle, of 100. It is observed that the bound-

of the flcwfield such as the large curvature of the di- ary layers are thin and attached up to the flap trailing
viding streamline, the stagnation streamline and the edge. Figure 7.b shows the same picture with a flap

position of the stagnation point on the lower surface deflection angle of 250. Figure 7.c shows the result

of the main airfoil, the extend of the circulation re- when the angle of attack is increased to 100 with a

gion in the slatcavity and the total mass flow rate flap deflection angle of 25'.

through the gap between the slat and the main ele-
mnent are investigated. In addition, the effects of slat
angle, 63, slat overhang, .501. and slat gap, SG, on 6 Results
the above mentioned flow features are studied.

6.1 Surface Pressure Distribution

5 Test Conditions Since it is impossible to show here all the surface pres-

sure data, only those representative cases will be pre-
The experiments are conducted to obtain detailed in- sented. Data presented in figures 8.a to 8.c are all
formation of the flow in the flap-well and slat cavity taken at Re = 0.5 x 106, and can be reproduced at a
regions with emphasis on the effects of parameters higher Reynolds number of Re = 0.8 x 106. Figures
such as; slat gap, slat overhang, slat deflection an- 8.a and 8.b show the effects of flap overhang and gap
gle, flap gap, flap overhang, flap deflection angles as ratios on the pressure distribution at a fixed flap angle.
well as the overall angle of attack on the separated of 100. The effect of angle of attack on the pressure
and reattaching flows in the slat and flap cavity re- distribution for a fixed geometry setting of 2 % gap
gions. Since flight Mach number and Reynolds num- and 4 % overhang with a flap deflection angle of 100
her simulation was not possible, Reynolds numbers is shown in figure 8.c. It is observed in all of the cases
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that the pressure distribution near the step edge and where the first integral reduces to yd with the use of
in the forward portion of the well is fairly constant, equation (3). The quantities yd, 6 and 6' are ver)
which is followed by a small pressure peak and a sharp important since they call be used it the process of
negative pressure gradient to join the much lower up- fairing (smoothing) the original geometry of the bod-
per surface pressure at the trailing edge of the main ies and to include the effects of displacement thickness
element. Similar figures can be presented for a flap in interactive viscous/inviscid calculation procedures.
deflection angle of 25'. The mean velocity vectors in and around the slat cav-

ity region are presented in figures 1l.a through 11 h

6.2 Hotwire Data These plots show clearly the orientation of the veloc-
ity vectors and indicate clearly the strong curvature of

The mean velocity vectors obtained by the x-wire the streamlines. By using the same procedure as for

probe are shown in figures 9.a through 9f for a flap flap-well flows, ope can easily determine the locations

deflection angle of 100 and in figures 10,a through 10.f of the dividing and the stagnation streamlines a-s well
for a flap deflection angle of 250. Also shown on the as the stagnation point on the main airfoil.

same figures are the mean velocity vector distribution The results of LDV runs for flap-well flow measure-
in the gap region between the main element trailing ments are presented in figures 12.a, b and c for the
edge and the flap upper surface. These measurements three different test conditions specified it table 1. Fig-
are realized by means of a pitot tube and is used to ures 12.a and b show the effect of different overhang
determine the total flow rate through this gap. If this ratios with other parameters kept constant. Figures
flow rate is known, it can be used in the determina- 12.b and c compare the effect of two different flap anl-
tion of the flap stagnation zitcandine. The dividing -le -ettings. In all of these cases it is observed that
streamline, the flap stagnation streamline, the edge of the measurements are in good agreement with the hot
the separated shear layer and the displacement thick- wire data with the exception of the back flow velocit,
ness distributions are also shown in these figures. The which call not be determined with hot wire
symbols and definitions used are the same as in figure
2. In order to obtain the dividing streamline smooth
curves are drawn that are tangent to the step lower 6.2.1 Turbulence Data

surface edge. and to the local velocity vectors. The
position of the flap stagnation streamline, y,, is ob- The turbu!-nt shear stress -u'w'. and the total nor-

tained by using the continuity equation and equating tral stress u" + t' 2 where u' and v' are the fluctuat-
it to the total flow rate Q calculated through the g;ap ing velocity components along and normal to the flap
between the main airfoil and the flap. well ceiling surface respectively, are shown plotted in

figures 13 and 14. These quantities give ideas about
fY ' the level of turbulence intensities and the degree of

tidy (2) their correlation. Both of these turbulent stresses are
significant in the momentum equations for separated

Since the directional ambiguity of the flow can not and reattaching flows. The positions of the dividing
be resolved hv hot wire measurements, the near wall streamline, y,1 and the shear layer edge, 6. as obtained
measurements where the flow is known to reverse are from the mean velocity data are also shown in these
inaccurate. However, an estimate of this backflow ve- plots. It is observed that the position of the sepa-
locity can be given by using the continuity equation rated shear layer, as indicated by the region of non-
and the position of the dividing streamline; Yd zero shear stress, -7"'-7, is not perfectly aligned with

Yd the location of the dividing streamline. This inaccor-

Sdy = 0 (3) dance which may seeni contradictory to our intuitive
guesses may be explained in terms of the influence

where U is the velocity component parallel to the sur- of the stability condition of the curving flow and the

face. These crude estimates of the back flow velocities position appears to shift lateraly much more than is

are also shown in these figures. Calculation of 6P is implied by the iiean streainline.

performed using equation (1) which call also be writ-
ten as; 7 Discussion

(I= - dy + I'(I- u dy (4)
U, Yj4 ( ) The discussion of the results for flap-well and slat cav-

ity measurements will be concentrated on the effects

b- + f of two major parameters, namely the overhang ratio,
OH, and the gap ratio, G, on the separated flow.



7.1 Effects of Overhang overhangs. This behavior can also be observed in the

C, distributions on the slat and on the main element

A close observation of the pressure distribution curve, while the C, distribution on the flap remains unef-

figure 8.a indicates that with increasing overhang ra- fected by the slat overhangs. The suction peak on

tio from 4% to 5% there is an abrupt change in the the main element which has a value of -3.; at 4% slat

pressure distribution on the upper surface of the main overhang reaches a value of -5.5 when the slat over-

element. A possible explanation of this sudden change hang is reduced to 3%. With further reduction in slat

can be attributed to a shift of the transition location overhang to 2%, the suction peak on the main element

on the upper surface of the main element, attains a value of-.6.0 The behavior of the slat pres-
sure distribution is also as expected. With decreasing

More detailed flow analysis is presented in figure 15 slat overhang the difference in pressure between the
for flap deflection angles of 6 F = 10'. This figure lower (inner) and upper (outer) surfaces of the slat
shows, the position of the dividing streamline, the gets smaller and in fact with 1%7 slat overhang the
pressure distribution along the flap-well ceiling sur- lower surface C, becomes equal to that of the upper
face, the position of the flap-stagnation streamline cal- surface, figure 17. As a consequence. the lift of the
culated from gap flow rates, the static pressure along slat shows a continuous increase with increasing slat
the edge of the separated shear layer calculated from overhang.
external velocity and the trailing edge pressures of the
main element airfoil, for different overhang ratios at
fixed flap deflection angle and gap ratios. Figure 1,5 7.2 Gap Effects
indicates that Xp, and the dividing streamline move
in the same direction, resulting in shorter separation Figure 18 summarizes the effect-s of gap on the sep-
bubbles for larger overhangs and vice versa. The LDV arated flap-well flow. The most noticeable effect is
data of figures 12.a. b and c for three test cases also the opposite changes in the directions ii which the
confirm that the position X*,, of the peak pressure on dividing streatiline and th- flap move. As the flap
the flap-well ceiling surface is very closely related to is lowered. (increasing gap). the dividing streamline
the reattachment point XR. moves up. This is due to th, .,,t that a.- the gap is

Figure 16 indicates more clearly the influence of over- increased niore fluid from below the main airfoil moves

hang on the Xpp and CrP, the peak pressure coeffi- into the flap-well and passes through the gap, thereby

cient, for three different gaps .\Xpp is inversely pro- the dividing streamline is pushed farther away from

portional and varies linearly with OH. indicating that the flap leading edge to allow for this increased massý

Xp moves almost the sanie distance as the displace- flow rate. It is observed on these figures that the di-

ment of the flap leading edge. The peak pressure viding streamline and the flap stagnation streamlines

coefficient. CPP however, remains uneffected and is remain nearly parallel with changing G If the flap

practically constant with changing OH. closes in, (approaching the main airfoil). the divid-
ing streamline will be lowered more and will even be

It is also important that the main airfoil's trailing lower than the flap and instead of going through the
edge pressure decreases considerably as the overhang gap will hit the flap surface Moving the flap further
is increased but in such a way that the streamwise apart from the main element. causes the gap to widen,

pressure gradient between the peak pressure point and moves the dividing streamline ' pwards and shortens
the gap exit is maintained nearly constant. the separation bubble even more. These conditions

The surface pressure within the separated region is are verified with further experiments where the flap

fairly constant whereas the pressure at the edge of is moved farther away from the main airfoil with new

the shear layer, y = 6, is seen to be consistently higher brackets. If the flap is removed altogether, however.

than the surface value. The difference between these the separation bubble becomes longer than any other

pressures is related to the streamline curvature of the case with the flap.
separated flow. The difference between the surface The flap stagnation streamline moves with the flap.
and the shear layer pressures is larger for larger over- With decreasing gap, (flap moving up), the shear layer
hangs for which the separation bubble is shorter and edge will move against the flap which will reduce the
hence the streamline curves up more sharply. potential core going through the gap.

The offect of slat ovethang is observed when cases C1, From the foregoing discussions of the isolated effects
C2 and A are compared in figure 11. It is found that of gap and overhang, their combined effect for a trans-
the slat overhang effect is more important than the lational motion of the flap such that the gap is in-
slat gap effect. One can conclude that more fluid is creased and the overhang is reduced at the same time,
injected through the slat gap for smaller overhangs may lead to a separation bubble and a reattachment
due to smaller recirculation bubbles formed at small length XR practically unaltered.
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For the smallest gap, the dividing streamline is the large turbulence intensities. Nevertheless it exhibiLs
lowest and the flap stagnation point is the highest. similar charicteristics to lacKward facing step flow
This leads to a very little poten -1 flow through the or to sudden expansion chaniel flow. In all of these
gap. For 6F = 25' case, there is no potential -cr, kfc flows the reattachment length Xp seems to be IIe
and the totaly turbulent shear flow impinges on the major parameter. For an internal flo tile basic pa
flap. rameter that determines the reatachlnent length is

The effect of slat gap is ohserved when cases D1, D2  the expansion ratio. In tie case of a flap-well flow the

and A are compared in figure 11 With increasing equivalence of the expansion ratio is sir:1l the ratio
gap distance more fluid is pushed into the slat cavity of the widths of the flow that goes through the gap

and through the slat/main element gap. This results at th- Liailing edge and at the upstreaii edge of tht'
i) a reduc,-d size circulation bubble in the slat cavity flap-well. The incompressible cont,._uitv equation IIIi-

which in turn causes the the main element stagnation plies that this ratio of widths is sinversely pioportiotal

point to move closer to its leading edge. With increas- to the ratio of the velocitiesi s"i cas s in which there

ing slat gap, the pressure on the inner surface of the is a potential core, the velocity ratio is related to the

slat decreases further due to increased and accelerated pressure ratio. IHence the ratio of the pressures up.
flow passing through the gap, figure 19. streat the flap-well and at the trailing edge seenis to

be the key parameter. This pressure ratio cav further
ke related to the pressure drop from the lower surfaie

7.3 Flap Deflection Angle Effect to the trailing edge of the inairi airfoil.

Although only two flap defection angles. 100 and 25', Therefore, the characteristi:s of the flow is tried to
be explained in terms of the gap exit velocity. It issre tested and there is not sufficient amount of data Osredaedyttth iotiiprntarl-

available to give quantitative information about tile
ter that effec-ts the gap velocity is the gap! ratio. (;.

effect of flap deflection angle on the flow, the results til thefoerhang as prlctic all .eralitl or
1,1d the overhang, 011. has practically ',ery little ,jr

presented here give some information about the gen- o ignificant effect. With increasig gap increasingly

eral trend of the effects. W ith increasing flap deflec- h0 ighO ect .W i t Increasing ga p uppers tlr

tion angle. the angle of attack of the flap with r spect hfgh i. velocity flow is added nar the flap upper stir-

t, the local flow is increased w' ich will lead to lower face. Ihim increse in total Cow i Is larger than
the proportional increase of :he gap itself. This is an

-T,, pressures near the flap leading edge and henceChange if) te total flow rate. .]ue tI a small
an increase in tihe flow rate through the gap. An in- change in the gap wilth. iicreasing tle flap deflec-

crease M flow rate. on the other hand, riieaes shorter change. , the a w ilar I ncreasing theasepratc.~ bubls i th ~a wel.tiol, amee. Y.' has a similar elffct a~s increasiqng the,.eparation bubbles in the nlap well. g p w d hgap width.

[he eflect of flap angle on the slat cavity flow is oh-
s.rved when cases .4 and G P-s compared. Larger In order to analyoe the relationship between the gap

flap angles cause the flow to change direction mnuch flow rate Q and the separation bubble, the parameter

earlier. !ncreasing flap angle modifies the C, dihtri- AXrp = \=XFLE - Xpp, (where XXFLE is the chordwise

butions on the slat and on the main element. The CP distance of the flap leading edge from the leading edge

values on the upper surface of the main element are of the clean airfoil), or the C,,p is plotted against the

moved towards more negative values resulting in an gay. flow rate. The plot of the nondiniensional A.X7,,/c

increased lift c efficier for the main element. Same against Q normalized with respect to tile edge velocit%

observations are also true for the siat at the flap-well step. --- is shown in figure 21. In
this way the correlation between the location of the

The effect ofsla angle is observed when cases h." and pressure peak distance relative to the flap leading edge
.4 of figure II with respeciwve slat angles of 200 aad and the gap flow rate is put forward.

3 0'; •"'icmpared. The velocity vectors becone uiore

horizon ial with smaller slat aigh.t . While the C, dis- Another important feature of the flap-well flow is con-

tribution for tile 11ýajn element (loes iot change with cerned with tile turbulent stress and its modelling.
increasing slat angle, that on the slat shows a drastic Cooray et al. [15] and Autret. et al. [16] have tried

chani".- The suction p.ak o' I he slat is reduced with to model the turbulence structure in a backward fac-

ricrea.siig slat angle see figure 20. Ing step using the K - ( turbulence model and found
that the model required some modifications due to
the large local streamline curvature effects. 'The mean

7.4 Characteristics of the Separated velocity was over and underpredicted before and af-

Shear Flow ter the reattachment point respectively, across which
the sense of streamline curvature reverses. This local

[he separated and reattaching flap-well flow is ex- streamline curvatures are much more pronounced in
tr-inely complex with large pressure gradients and flap-well flows as compared to the unobstructed back-
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ward facing step flows. As a result the lengths of the Multielement Airfoil". AIAA J. Vol 28. Jan 1990.
separation bubbles are much smaller than the corre- pp 14-21.
sponding back step flows due to the blockage effects
of the flap. As far as the turbulence structure is con- [2] Nakayamia A.;"Flow Field Survey Around High-

cerned, it is observed that upstream of reattachmnent Lift Airfoil Model LB546". McDonnell Douglas
the sense of the streamline curvature tends to supress Report, MDCJ4827, Feb 1987
the turbulence and consequently the turbulent shear 3 AlmaouH.."Eprenitnvsg-
stress and the intensities are much lower when the t [3 no]heFo AbedooguuN t MuExperim ent AlIvsigfo-

headividing strealie is laorger.o hntecraueo Model", California State VUniversity, Long Beach.
the iviing tremlie islarer.Aerospace Engineering Department. Report No.

InI order to show this more explicitly, in figure 22, tur- AS-23996-C 1988.
biilent shear stress distributions are superimposed for
various flow conditions. This figure not only shows [41] Alemdaroglu U.N., -Experimental Investigation
the trend of the shear stress levels, but also reveals of the Flow About the Slat of a Multi-Elemrerit
that the position of the separated shear layer shifts Airfoil". California State Uniuversity. Long Beach,
significantly. It is seen that as the dividing stream- Aerospace Engin -ering Dr parnient. Contract Re-
line's cuirvatunre increases, the position of the shear port No. AS-2.4477-C. Jumne. 19S9
layer inroves upI more as indicated by the region of
significant shear stress- A close examination of these [5] Cebeci. T., Jan. J., Domnenico, V. and~ C'hanig
profiles will yield the fact that this shift. of the shear K.C.. "Prediction of Post-Stall Flow., on Air-

liver location is due to thre increased damping of the foils", in "Numierical and Physical Aspects of

.,hrear layer at the lower edge of the shear layer as the Aerodynamic Flows'. etI Cr.''ci. 'T.. Springer-
streamilinie curvature is increased. This implies that Verlag, 1990. (ISBN 0-387-.52259-X) pp. 97-109.

an intuitively plausible a~ssumnption that the separated
shear layer follows thle dividing stream lino is a poor [G] a.1 an, J .. "it iellu, D). anid '~bc.I'. "-A Cooper-

ative Programr WithI Douglas Aircraft (ionripariv
and Aeritalia on the' Dt'vclopiriert of \lultiele-
nient Ae-rodyniamics ( od,'. Final Rieport" Ife-

8 Conclusion por M D( IKl1377. Aniglst 1989. Long Be'achr.

7-] Seet haraini, If.C anid iWeittz, V.H1.i ., -A Low-
D~etailed rr r.asn rerents of the flowfield in and around Speed Two- Di niensional Study of Flow Separa-
lie slamt ravity ain] tire flap-well regions of a three Comn- tion on the GA( XX)- 1 Airfoil with 30-Percent

plwui'lt Intiilt ielenient airfoil are performied using pres- Chord Fowler Flap". NASA CR-2844. May 1977.
sure probes. hot-wire anenmonieter and laser Doppler
velociruret~er. The effects of flap) angle, flap) overhang [8] Van deni Berg, B.. "Boundary Layer Measure-
anid gap. slat angle, slat overhang aind gap as well as rnents oti a Two-Dirriensiorral Wing withI Flap'.

the anglte of at tack anid t lie- Reynolds nruimber on the B .'pt .N7 R TR179009 1.' .Nat ional Ae'rospace Lab-

in can flow an (-ii 1o the tuiirbuiilen ce qu airtitues are Iin es- rat oryv, Amisterd air J 1air. 1979.

tigatced. '[le data serves as test cases for comiput a-
tional mnet hods. Au imminediate lise' of thle expeririren- [.9] Adai r, 1). and Ilorne, WV. C.. 'Turbulent 'Sep-

al results :in comrputationial work will be thle fairinig arated F~low in the Vicinity of a Single-Slotted

of the separation bubbles ini the slat arid flap cay- Airfoil Flap", AIAA paper 88-0613, .laii 1988.

it y regions by nrifoot h curves c'orresponrdinrg to the di- [11IugtoiB,"unayLvrSdesoa
%idinrg st reartul ihies. Fnrtbi-rirrore. detailed iiiean-flow [ r0] Lnst rom B.. "l ighniftar Wiaver StRdespont AU
ani l turbuileniuc' mreasuremrents provide Information for '62,wo Tihenna AeionauLiftl Re'iag'' Repotitute
be-tter unduerstanding of the flap-well atid slat, cavity of2 FFAde, 'thecAeonatia ReeachIntiut
flows. 'T'he rate of fluid flow th rough the slat and flaptf)edi.Stchl 92
,ap, is tie key paramreter iii the determination of thin 1]Brerd.A rdLrrrs oi.B.'TeVs
slat cavitý arid flap-well flows and is, very closely re,-

- ~coils Flow A round a T wo Dimnsiersonal Iligh Lift
bited to thet. lift coefficienrt, of the rinairi airfoil. Wing. Analysis of Boundary Layer Measure-

irerits" . Techiiical Not~e AU- 115, FFA, The Aero-
nautical Research lInstitute of Sweeden, Stock-
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Figure 1: LB-572 3-Element high-lift model
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Figure 4: Spanwise pressure distribution along the
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Figure 2: Flap-well flow geometry
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Figure 5: Smoke-wire flow visualization within the slat cavity.
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Table 1: Test conditions for flap well flow measurements

Method of Measurement Re x 106 b- GAP % OH %

Surface Pressure 0.5,0.8 0 - 140 [i10f 1,2,3 3,4,5,6
__25* 1,2,3 1,2,3,4

Hot-wire Measurements 0.5 10' 1 100 1,2,3 3,4, .. 6
1_25_ 1,2,3 1,2,3,4

0.5 0,4,6,8,120 25' 2 3

LDV Measurements 0.5 100 100 1 3
0.5 100 100 1 5
0.5 "0 250 1 3

Flap Gap Flow, Pitot Measurements 0.5 100 100 1,2,3 1,2,3,4
25" 1,2,3 1,2,3,4

Table 2: Test conditions for slat cavity flow measurements

C ,i#I M MI -. % ,% ,) 1 S..% .(%) 1 9 .6-1 29.wZ

A, 0. 10 10 4 2 30 3 1 3 .. oo, s3-oS,.. ~-1. ,x Z

a, 0.3 6 10 4 ' 30 3 3 - s-. . -0A.

10 14 3 3 _s.

C, as 0.3 to 2 4 4 2 301 -_I..••I _ -____

P 0.25 10 10 - 2130

F) 0.4D 10 t0 4 2 -00a., .- to. .- Is'..

0. a t 2, 3D 3 3--0.'.

Gs 0.5 10 25 1 2 2 1 0 3 3 -. , -i. s1i, -i,

Figure 6: Smoke wire flow visualisation
within the flap-well



Figure 7 a: Smoke wire flow visualization,
overall flow field, 6p = 10, Ca = V.

Figure 7 b: Smoke wire flow visualization,
overall flow field, 6 p = 250, a = 4*.

Figure 7 c: Smoke wire flow visualisation,
overall tow field, S, = 25°, a = 10M.
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Figue 9:Meanvelocity vectors in flap-

well obtained by hot-wire and pitot Figure 10: Mean velocity vectors in flap-
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raeasurements, bpF: 250, a = 100..1L.
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Figure 12: mean velocity vectors obtained
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Figure 13: Turbulent shear stress and to-
tal normal stress distributions, 6p

100.
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If it could be done, large lift increment
could be reached, as shown in the figure.

ABSTRACT
In the design of slotted flapi it is
attempted to avoid a reacceleration between
the trailing edge of an upstream element of
the system and the peak velocity of the c" //
downstraem element, to reach the maximum
liftt
It is proved that it is possible by means
of a nemerical procedure based on a vortex
distribution.
The resulting shapes are then discussed
with reference to the application to real
design.

Fig. I Lift increment

INTRODUCTION The first approach to the problem was to
see the amount of lift increment for a

The design of slotted flaps might given flap chord that could be reached
either be done in an optimizarion way or it increasing the dumping velocity. In the
is in any case an attempt to have a good same way it was explored the possibility of
compromise between cruise and reducing the flap chord for a given lift
take-off/landing performances. coefficient. All this was done without any

consideration about the feasibility of the
The most naif way to try this compromise is airfoil.
to choose the airfoil shape for cruise
conditions and the wing loading for Some very rough study has shown that the
take-off, as done in many aircraft designs use of , flap as mean of increasing the
in a far past. dumping velocity could lead to very short

flap chord for a given lift increment. For
In any ettempt to have a compromise between a double Liebeck pressure distribution some
two conflicting conditions, it is useful to possible result is shown in the following
know which are the opposite extremes: in figure, from ref. ( 3
this case they are the plain airfoil and
the unconstrained best lift flap. The
former is well known since a long time,
while the latter is the subject of the
present research. Aim of the present work . -

is to answer to some fundamental questions
which arise on the design of maximum lift
slotted airfoils. It is aot therefore a
method of designing usful airfoils but a
metho5d for knowing the other extreme in a
design process, to establish correctly the
penalties imposed by the compromise.

The overall scheme is similar to the -

procedure of Liebeck and Omsbee (1), with
the main considerations of A.M.O. Smith ( 2) -

.'out flaps, and is conducted on a single
slotted fiap as an example. this will not
prohibit to extend the procedure to more
element airfoils.

In this way maximum deceleration is sought .,
on the suction side of the airfoil and t?-e
nignez' dumping velocity at the trailing
edge of the main airfoil is attempted.
Obsorving usual flaps, it could be noted
that, after tte trailing edge of the main Fig. 2 preliminary lift evaluation
airfoil, the fIro.. is more or less
reaccelerating on the flap. Then the But if the answer to this main question
Foliowing question naturally arises: could be affirmati.'e, a second arises

immediately and it is about the shape of
Is it possible to r ealh at th, such ar, airfoil syrtem, m.inll with respect

trailing edge of the main element the same to possibility of obtaining some cruise
velocity as the maximum cn tfle flap, in condition b1 rejoining the elements in a
cder to get the maxi;..,m duimping v,.loci y? reasonable contour.
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Of course, although the first question has But while the source strength leads to a

larger theoretical importance, the latter linear system of algebric equations, their

is quite practical in engineering sciences. locations lead to a non linear problem: it

In order to answer to both questions it was is therefore common practice to prescribe

thaught that the numerical choice coud be the source locations in some reasonable

the only feasible one, due to the way. It means that we have some degree of

complexity of the problem for a pure freedom in locating the singularities.

analytical approach. Putting N sources on the chord line, each

THE NUMERICAL PROCEDURE or intensity qi, the closure is ýeitea tu
the total outcoming flow, which should be

The numerical procedure is based on a panel zero. This leads to the relation:

method, being the conformal mapping Eq, =0
unsuitable for multiple airfoil shapes. In 1 I1N

fact, Timman method (4) allows to treat To satisfy this condition, only N-1

double aiorfoils, but it seems too velocities are assigned, i.e. the

difficult to extend it to a larger number velocities between the points where sources

of contours. are placed, being the last (zero
outflow) the Nth condition.

On the basis of many experiences, it seems

that a method which does not allow any The non crossing condition is similar, and

contour modification in the chordwise says that, at any station along the chord,

direction is rather difficult to use, the total flow produced upstream by the

therefore a method that has no restriction sources should not be negative, resulting

on the airfoil modification was chosen. in the N-2 conditions:

The basis is then an iterative vortex panel E q>o i=2,N-1

technique, starting from a first I-1.1

approximation shape. being the first source always positive in
our procedure and the total intensity equal

THE FIRST APPROACH AIRFOIL. to zero as said.

A first approximation is obtained by It is possible to see that the conditions

linearized small perturbation theory, are redundant if one does allow to

superimposing mean line and thickness prescribe velocities in the points where a

distribution. naif idea could suggest.

The mean line is obtained by a simple
standard design, while for multi component Furthermore there is a set of inequalities

airfoils it is simply broken and shifted in to be satisfied for the non crossing

the normal direction by a prescribed slot conditions.

width. This shift is a still open problem. In our procedure the inequalities are

Thickness distribution is first obtained by simply verified at each iteration and the

a discrete point source distribution computation is stopped whenever the

prescribing tangential velocity along the inequalities are not satisfied. In

chord, practice, it has been noted that, beyond a
certain number of sources, the scheme does

At this point it is possible to iterate the not converge.

computation of the thickness, placing the
condition of given tangential velocity In order to spend the freedom of choosing

distribution along the airfoil contour the chordwise location of the

instead of the chord line; this might be a singularities, the first source is placed

good improvement in case of rather thick at the point along the chord, where it

airfoils, produces a Rank~ne ogee with the same

velocity derivative at the stagnation point

In this procedure particular care is taken as the desired airfoil velocity

to modify the velocity distribution in distribution,thus avoiding an extra

order to obtain a closed and non crossing stagnation point condition, but adding d

airfoil. constraint.

These are properties of the thickness
distribution and not of the camber line. In this way the places where sources could

The relevant conditions ought to be be located is limited and it this avoids

investigated before going to the detailed problems near the nose . In fact, any

design, in order to avoid convergence attempt to place a source upstream to this

problems during further calculations. first one, produces a sink and meaningless

The problem of closure is very well posed contours.

for conformal mapping and also the non
crossing of the contour requires only an THE INVERSE PANEL METHOD.

univocal mapping of the airfoil into the
cercle. The inverse panel mathod is the inversion

of a classical Martensen procedure ,in an

Also in the singularity method the question iteration process. The Maretesen method (

is rather well defined for the small 5) represents the airfoil by a vortex

perturbation problem. distributiion according to the Chaucy

In principle, the representation of a formula:

thickness distribution by means of a 1
discrete number N of point sources is a 2 N w(Z) =2 i f z
unknoln problem, i.e. the strength and
location of each source, which is transformed in a second kind



Fredholm integral equation by putting the then computed as:
boundary condition of no internal An-+2An+Anl÷i
tangential velocity. Ani = --

The airfoil contour from the former 4

iteration ( the first approximation airfoil
for the starting step) is divided into GEOMETRICAL PROBLEMS
panels and at the midpoint of them the
velocity is prescribed.This velocity gives Having displaced the panels, a new set of
the vortex strength, which is kept constant segments represents the aitfoi-. :f course

on each panel and, if the shape would be it is not closed and has not exactly the

correct, the inside tangential velocity prescribed chordlength, which is unity in

should be zero, according to the Martensen dimensionless form. This is due to the fact

condition and is therefore computed. Being, that the panels near the leading edge might

in general, non zero, a modification move in the chordwise direction, as

procedure is then started. formerly stated.

The first attempt was to compute the It is therefore necessary to reshape again

derivative of the tangential velocity in the geometry to obtain a closed airfoil and

the direction normal to the panel and try then scale all the lengths by a constant

to use this as guide to correct the related to the increment in airfoil length.

airfoil. But it resulted almost impossible The reshaping is done reconnecting panels
to state a feasible modification criterion joining them at midpoint of the
on this basis, dJscontinuity each side point, as shown in

the figure:

Therefore a more complex procedure was
attempted. It consists in the computation
of the efffect of perturbing the airfoil ----
shape displacing each panel in the normal -
direction by a certain small amount, (a
given fraction of its length ) and
computing the perturbed inside velocity.
Only the two neighbour panels at each side
are displaced in order to save aorfoil
closure, as shown in the following figure.

Fig. 4 Panel reconnection

We have therefore a two step contour
modification: the first is the shifting and
the second a rotation and a ch-nge in
length and,of course, this last changes the

5;-- slope of each panel and thus the normal and
- tangential velocity components. For this

reason it is rather difficult to asses
theoretically the convergence of the
scheme.

But , more important, this closes anytime
the contour, without modifying the velocity

Fig 3 Panel displacement distribution. The question will be

The procedure is then repeated for each discussed later on.
panel. For rescaling the lengths the most upstream
At this stage, a complete matrix [A) of point is then found giving the new chord

influence of contour modification is length and all the geometry is normalized
obtained, in the sense that we have the with respect to this latter.
effect of displacing each panel on the The new center of panels are found and, by
overall velocity distribution, interpolation, at each center point a new

velocity is given, changing accordingly the

In this way it is possible to shift the vortex strength.This is a third step in the
contour in the normal direction according airfoil correction
to the influence matrix and the difference
between the computed and the target Incidentally, testing the program on
velocites by a simple relaxation scheme, cylinders approximated by regular polygons
Being j the known vortex strength,and An in the first stage7 of the research, it was

the shift in normal direction used in the observed that, without rescalinq, all the

matrix calculation, the new velocity is v geometrical quantities are reduced at each
and the old V. iteratioin, tending to a zero chord shape.

All this procedure is programmed on a

The new velocity v is computed as: personal computer
V = (A] + ÷ V-

The shift A required is therefore: FIRST TESTS.
v - vAn The first tests were made on known shapes

for relaxing the scheme the real value is and on analytical velocity distributions,
first of all the circular cylinder and
ellypses of changing aspect ratio.
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AIRFOIL DESIGN.
Having in mind that the contour was
enforced to be closed, only velocity Having acquired a certain confiance in the
distributions for closed contours were use of the method, the design of flapped
attempted at this stage. airfoil was attempted, with the aim of the

least reaccelereting flow beyond the
Test of giving the pressure distribution of velocity of the trailing edge of the main
one airfoil and the first approximation airfoil.
shape of ancther gave significant results
even in exteme case as shown in the The pressure distribution was prescribed on
following figure. the basis of "equilibrium" turbulent

boundary layers and similar solutions for
laminar ones.

y,/c The velocity distributions along the chordSFr m te u i, i, • fi. 1are therefore:
v =A x' for the laminar part and

ii; v: B (x-xi)m

for the turbulent part and the exponent m
hsthe minimum value of 0.25 assumed as

limit for attached flows.

'C 02 4 -E No closure condition was formally imposed
on the velocity distribution. This is
different from Liebeck approach and gives
slightly different shapes but is thaught to
be more conservative and easier to use. The
velocity distribution is given in the
following figure:

Fig.5 Examples of iterative procedure

It has been observed that the obtained
contour is different from the target one,
as might be seen from the figures. "
In general, the angle of attack is larger
and the mean line camber is smaller.
Suspecting that this could be significant,
direct computation of pressure distribution
for both target and obtained airfoil were
performed. Fig. 6 Velocity distribution

To avoid to use computational schemes with .-
similar kind of approximations in direct
and inverse calculations, a Hess-Smith
direct method was used instead of using a --- -----

Martensen code.

The pressure distributions were - ".
surprisingly similar for target and - -'

obtained airfoils suggesting that the
design problem could have, at least from I

the pratical point, a nearly non unique
solution, in the approximate sense that
small changes in the pressure distribution, - "
mainly near the stagnation point, may
produce large geometrical changes. Similar
effects were observed by Volpe in trensonic
design (6)
Further tests were made on twice connected - 4

contours of known flapped airfoils. c
Fig. 7 Target - and obtained .....

pressure distributions and airfoil shape



Again, as in the first test stages, the of the previous figure. Further designs,
velocity distribution on the final shape reducing the spacing between components,
was computed by a different code to be gave first ideas about a possible slot.
compared to the target one. This was obtained also reducing the
The results are interesting although some acceleration on the pressure side upstream
problem is still open. the slot, as shown in the figure:
First of all it is possible to prevent But it is interesting to notice that the
reacceleration without any unfeasible slot should be a non converging channel in
conditionong of the shape, as shown in the contrast to the usual practice.
former figure. Furthermore, the flap curvature immediately
A comparison to an airfoil of Ormsbee and downstream the slot is rather small,
Chen (7) gives an idea of the strong incidentally explaining the success of some
reacceleration on other kind of designs. Fowler flap.
The first attempts gave almost independant
airfoil shapes, without any indication In this last case the pressure on the lower
about the possible slot shape. The results side was kept as high as possible, giving a
are similar to the one of Omsbee and Chen very high camber and a design lift

coefficient of 4.43.
Out of the design condition the velocity
distribution is rather regular and possibly
at 130 angle of attack there is no nose
deceleration, suggesting an increase in
lift coefficent up to 4.75 as a limit for a
rooftop pressure distribution, but no
boundary layer calculation was attempted up
to now, because of some wiggle in the
pressure distribution.

CLOSURE PROBLEMS

As said no formal closure condition was
posed in the design, but is well known that
a small modification of the stagnation
point location could change very much the
airfoil thickness.

In fact, the computed velocities show a
typical peak near the leading edge and it
is suspected that it is due to the lack of
closure condition.
In an attempt to improve the rethnd, 't was

Fig. 8 Ormsbee and Chen airfoil decided to allow simply a shift in the
prescribed stagnation point location. When

25-
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Fig. 9 A better airfoil
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the airfoil is modified, the leading edge good velocity distribution around the slot
changes chordwise location with respect to from the basic point of view of boundary
the prescribed stagnation point. This new layer and interference, before going on in
distance is then taken as new stagnation airfoil design.
point location in the rescaling of the
airfoil, giving a velocity that is References
prescribed in all points in the same way as
in the previous iteration, except near the 1) Liebeck - Ormsbee Optimization of
leading edge, where the stagnation point Airfoils for maximum lift Journal of
location is revised according to the new Aircraft Vol 7 N 5- 1970
iteration of the airfoil shape.
This procedure allows a better agreement of 2) Smith A.M.O. -Aerodynamics of High-Lift
the computed velocity distribution to the Airfoil Systems AGARD CP 102- 1972
target one, everywhere except near the
stagnation point. 3) Martellini - Verso l'ottimizzazione di
This is a third step in the modification. ipersostentatori Thesis, Milano, 1988

OPEN PROBLEMS 4) Timman - The Direct and Inverse Problem
of Airfoil Theory. A Method to Obtain

The first open problem is related to the Numerical Solutions NLR Report F 16 - 1951
wiggles in the contour near the leading and
trailing edges. Probably something is 5) Martensen Berechnung der Druckverteilung
related too the small number of panel used, an Gitterprofilen in ebener
but there is the suspect of the need of Potentialstroemung mit einer Fredholmschen
some smoothing of the contour at each Integralgleiclung Arch. Rat. Mech and
iteration. Lacking of any convergence Analysis Vol 3 -1959
criterion, it is difficult to state that
there is no dendence of some local 6) Volpe - Inverse Design of Airfoil
divergence even in an overall convergence Contours: Constraints. Numerical Methods
and critical points are always leading and and Applications. AGARD CP 463 - 1989
trailing edges in panel methods.

7) Ormsbee - Chen Multiple Element Airfoils
A second problem is related to the width of Optimized for Maximum Lift Coefficients
the slot, which is now almost prescribed AIAA Journal Vol.10 n. 12 , 1972
because the method does not modify it
significantly. It was stated that the slot 8) Blom - Comment on Paper N 13 during the
width could be related to the airfoil drag discussion of AGARD Symposium V/STOL
( 8 ). Aerodynamics, Agard CP 143 pag A-9
Probably the approximation of the velocity
distribution used in these first examples
-is too crude for a reasonable insight into
the slot problems and should be modified * This research was partially supported by
accordingly. CNR Italian Research Council)

CONCLUSIONS

-he first conclusion is that the aim of
designing slotted flaps with a dumping
velocity very close to thc Maximum velocity
on the flap is almost obtained, showing, in
principle, the feasibility of such a
design.

Second is the result that the shapes are
not so unusual for a complete design
procedure.

Then it might be observed that a flap could
be designed having in mind that it might be
mainly a system of increasing the dumping
velocity, instead of a system of producing
direct lift. In this sense a rough approach
suggests that a good design could reduce
the flap chord for the same lift increment,
saving simplicity and room for structure,
fuel and equipements.
All this should, of course, verified in the
overall deesign procedure.

A lot of problems are still open, both from
the theoretical and from the practical
point of view. Among them, the smoothing of
the *hape and a better insight in the
,r;osur6 coridition, but in any case the way
seewd týo a kt promising for further
Lnvestiqat~on.
Also týne problem of a correct slot design
requ ires first an investigation about e



Calculation of Maximum and High Lift Characteristics of
Multi Element Airfoils

Willy Fritz, Dornier Luftfahrt Grnbil, Deuische Aerospace
Postfarb /303, D-7990 Friedricushafen, West-(';ermnany

Introduction

The flow field around multi-element aerofoil sections possesses a high degree of complexity. Due to the strong
interactions between wakes from the upstream elements and and the upper surfacc boundary layers developing
on the downstream elements, there are thick viscous layers present over the upper surface of the trailing edge
flap. Large regions of separated flow can be present, even for conditions well below maximum lift. Finally
the flow around the leading edge slat can become locally supersonic, even for low freestream Mach numbers,
due to the large suction levels induced in this region.

'•he viscous-inviscid interaction methods, which are most widely in use for the prediction of multi-clement
aerofoil flows, are computationally very efficient, but unable to describe many o1 the complex flow features
present.

A more complete description of the physical phenomena can be achieved only by methods based on a solution
of the Reynolds-averaged Navier-Stokes equations, in conjunction with a suitable turbulence model. [he
generation of a suitable computational grid then becomes a major problem. Within the present work, a me-
thod to generate suitable block structured grids around multi-element aerofoils has been dccloped. [he
Domier 2-D block structured Navier-Stokes solver has been extended for grids ývith arbitrarx block structure
After very encouraging results for a two-element high lift system at low angles of attack [ 3 ]. in this work tlhe
method was applied for realistic two- and three-clement high lift systems at high angles of altack.

Grid Generation

As the configuration can become very complex, a generation of structured grids without any singular points
is completely impossible. On the other side, discontinuities in the computational grid can produce large nu-
merical errors in the solution. In order to minimize those effects, a grid generation technique, which avoids
singular points and/or discontinuities in the grid spacing at least along the surfaces, has been developed. Sui-
table C-mesh type grids around each component are patched up to an inner grid. This inner grid is embedded
into an outer C-type mesh (Figure I). To guarantee a smooth point distribution, the elementary grids are
normally generated numerically using elliptical partial differential equations for the point distribution:

A X + BX,, + CX• + QIXA + Q.I,'I = () (1)

where X= (x~y) being the physical and (ý, ?) the computational coordinates. [he coctlicients A, 11 and (U are
fixed by the transformation relations between the physical and the computational space, only the control
functions QI and QJ can be used for grid control and/or adaptation of the grid lines [ 3 ]. lhe discretization
of the limiting boundaries is performed according to the condition

W ,Asi = const. (2)

with s being the arc length of the boundary line. W is any weighting function such as geometric or arithnmctric
stretching. This elliptical grid generation technique has normally the best smoothing qualities, but it fails for
large concave slopes and sharp comers which are usually present at multi-clemcnt acrofoils. Therfore a hy-
perbolic grid generation technique is used in such regions:

±xn yi.', (3)

-x`tyn +xy = I

The equations (3) srecifiy the orthogonality condition for the grid lines, and the "volume" of each cell. As
Steger and Chausse have shown in [ I ], equation (2) can be integrated by a time like marching procedure in
either space direction. '[hey chose an Euler implicit marching algorithm normal to the surface, central space
differences in the other space direction an added explicit fourth order dissipation to provide some grid
smoothing mechanism in that direction. This algorithm proved satisfactory for some simple shapes but sho-
wed difficulty in generating grids about surfaces with concave curvature or slope discontinuities. Therefore a
more general marching algorithm suggested by Pulliam in [ 2 ] has been applied in the present work. The
original algorithm of Steger and Chaussee is reformulated such that numerical dissipation can be added and
controled in all space directions, thereby enhancing grid smootheness. By adding second and fourth order
dissipation, the constraint equations (2) are only approximately satisfied, it is only a matter of how much
dissipatirn car, be added without overly compromising the equations. Dctails of the solution algorithm can
be found in [ 2].
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Governing Equations

Navier-Stokes Equations

The Reynolds averaged Navier-Stokes equations describing two-dimensional, unsteady and compressible
flows in conservation form are given by

aU F + 0(
at Ox -)y

where:

- PU + P + Ox + +

P P v

UK~~~~].F~ u +(F e ± Xju+oy
pUV +± 71 Y
[E + p + oU],V + aXY, + QY

and

•[•+ ]-2[p, +,u,] ax

OX au aI

Oxy = - [ + a, au av 1 ,(

with density p and mean total energy per unit volume F:

E = pe + 0.5p(u2 + v 2) (7)

The coefficient p is the laminar viscosity and p, is the eddy viscosity which takes into account the effects of
turbulence. This eddy viscosity has to be estimated by the turbulence modell.lhc thermal conductivity k is
given by

k- P+
Wp Pr Pr,

The perfect gas equation of state is used to define the mean static pressure p via the internal energy e:

p = [y - i]pe (9)

The bulk viscosity A. is defined as A= -2/3 p, the turbulent Prandtl number is fixed at 0.90 and the ratio of
specific heat, y , is maintained constant at 1.4.

Turbulence Model.

The Reynolds-averaging of the Navier Stokes eqautions introduces a further set , f unknowns, the so called
Reynolds stresses. Those Reynolds stress components are normally related to tht, mean flow quantities
through a set of additional equations that represent the turbulence model. In the present method either an
algebraic turbulence model, based on the well known Baldwin-Lomax turbulence model with some extensions
for free turbulence, or the Lam-Bremhorst two equation Low Reynolds Number k-r. turbulence model can
be used.
'he algebraic turbulence model computes the eddy viscosity by algebraic relations from the mean velocity field
taking no account of the transport of turbulence. This model is only used during the calculations in the coarse
meshes within the multi-level grid technique. In the Lam-Bremhorst k-r. model, the eddy viscosity is com-
puted using two transport variables, which are the turbulent kinetic energy k and the turbulent dissipation rate
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O(pk) + (k
at + (PU) - k ax )= Pk_ - PC (9)

ao--)-+ a -ux('*- "'Yita ) & ' - CA C, P
at axU Oxi kk

with the production term

t , Ou Oi' OI 2 • (u U-

Pk xx - + ( Y )± pk( + -4, -(!1)P [ ax + - ax Oy 3 Ox (I)

and

/it = g/ItfJR,

uS 2 / ___

Rv- Pk'sY R pk 2 T,
RV Rf Ur V _

c'6 - 1.44 +

1.92 = i, + )Wt
JIt , - ±I~ ).,Ip,

C., = 1.0
cu:0.09 ), 0--I.77

20.5
=[I -cxp( - 0.0165Ry)Jt1 + )

+l ( 0.05 )3

f2= - exp(- RD.

Biy introducing the additional damping functions f ,f2 and f,, the ILam-lrcmhorst k-,. model maintains the
Iligh Reynolds-Number formulation and lakes into account for the influence of molecular viscosity that is
not negligible in wall regions, the normal velocity fluctuation damping exhered by a solid boundary and the
presence of a nonisotropic contribution to the dissipation rate of turbulence that becomes dominant in the
viscous layer. As both turbulence models don't usc any wall functions, both require a very fine grid resolution
of all viscous layers.

Finite Volume Method.

The finite volume approach in combination with a Runge-Kutta type multi-stage time-stepping scheme de-
veloped by Jameson et al. [4] is used for the numerical solution of the above equations. Applying the integral
form of equation (4)

a f fUdS + f (Fdy - Gdx) = 0 (11)

to each cell of the computational domain separately where all physical properties are defined to be constant,
the resulting system of ordinary differential equations in time are solved by the following multi-stage Runge-
Kutta type time-stepping method:

u u -

U(°) =u()
((2) u() 0Pu

u (3) = u( a]p P(2) (2
U(.) = u(O) -anPu (n- 1 )

u (n+ ) = u(.)
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with the coefficients

a= a2 = 0.6, 03= 1.

for the three stage scheme and

1 1 3 1

for the five stage scheme. n denotes the previous time-level and P represents a spatial (central and therefore
second order) difference operator. The viscous terms are treated using central differences throughout the do-
main and one-sided formulas in the wall normal direction at solid surfaces.

Filtering Technique.

To prevent an odd-even decoupling, blended second and fourth order artificial dissipation [6] is used. If the
filtering technique is applied only once, stability analysis indicates the best damping property as well as the
largest extension of the stability region to the left of the real axis giving latitude in the introduction of dissi-
pative terms. In practice, the fourth order filter is active throughout the computational domain except in arcasi
with larger pressure gradients where the second order filter takes over. Filter fluxes through walls and/or
symmetry lines are avoided. In order to minimize the numerical dissipation especially near walls, the dissipa-
tive fluxes in those regions are normalized by the ratio of the local Mach number to local isentropic Mach
number.

Convergence A cceleration

Introducing the residual averaging approach [6] i.e. collecting the inforrmation from residuals implicitly, per-
mits stable calculations beyond the ordinary Courant number limit of the explicit scheme. Furthermore, as
long as the steady state is of interest, a variable timestep approach has been used accelerating convergence.

The most effective way of accelerating the convergence rate is furnished by the multigrid technique ([5] and
[6]). The general idea behind any multigrid time stepping scheme is to transfere part of the task of tracking
the evolution of the original system onto coarser grids by introducing a sequence of grid levels. During a
multigrid cycle first the flow properties of the finer grids (index h) are collected onto the coarser grids (index
2h):

4

(0) _h N?
-i i"2h

Then a forcing function
4

P212 = ZR12 (u12) - R,((0)

is defined for each coarser giid level and this forcing function is included into the time stepping scheme for the
coarser grids.

(I) (0) -I IAI( 0 + I's

(W4.) (0) - (k)+Uih = Uij - kA1(R2 h P212)

The corrections of the coarser subgrids are then interpolated back to the finer grids by bilinear interpolation.
Besides of the faster convergence rate of the coarser subgrids the computational effort per time step is dramna-
tically reduced on the coarser grids. D~uring the multigrid cycle, the coarser meshes are generated by elim-ina-
tion of alternate points in each direction. Therefore each cell on a given grid corresponds to a group of four
cells on the next finer grid.

Additional reduction of computing time can be achhieved by a multilevel grid technique. The solution process
begins in a coarse mesh. This solution then is interpolated to the next finer mesh up to the finest grid. In each
of the different grids the multigrid strategy can be applied. At each switch to the next finer grid this grid can
be adapted by the results of the previous coarser grid.



Block Structure

The computational space is devided into multiple blocks. l)uring the solution process the flow field is stored
on an external storage device and will be updated block wise. For each block a complete time step including
the complete multigrid cycle is performed, then the updated data are stored back. At the block ir'terfaccs the
blocks are overlapping by two cell rows so that the physical fluxes and the fourth order dissipative terms canl
be constructed correctly across the block boundaries. Across the block boundaries switches between coarse
and fine grid resolutions and between the Euler and the Navier Stokes equations are possible. Fach block
always gets the actual boundary values of the neighbouring blocks.

Boundary Conditions.

The following boundary conditions are valid for all calculations:

At the solid wall boundary no-slip conditions are implemented and the flo%€ is assumed to be adiabatic

At the boundaries of the computational domain fixed and extrapolated Ricmann inmarianis are introduced as
farfield conditions. At an outflow situation the tangential vclocitN component and the entrop\ arte extrapo-
lated from the interior, while at an inflow boundary they are chosen to free stream valum,;

Results

The first test case was a laminar aiifoil with a 30' deflected thick trailing edge Hlap I igure I slo\ the coill-
putational grid. More details of the grid gcneration technique can bc seen in I[igurc 2 It can be ',cenl. that the
singular point is placed in a region, where the flow can be expected inviscid, so that total prcsurc lossc, •.MLch
might be produced by the discontinuities in the curvature of the grid lines across this point, ill not influclcC
the viscous region along the flap. Figure 3 shows the predicted flow field for 11lia -0.15, ''c - 1 7 < 1" at anl
angle of attack of 12 °. This angle of attack has been found in the experiment to be shortly betore the lift break
down. As the airfoil is a laminar type airfoil, it tends to a leading edge separation In the vcloctiy field there
seems to be a small separati ,, bubble at the airfoil leading edge. The gradients ot' the pressure contours in
Figure 4 also indicate a small separation bubble at the leading edge of the main airfoil. I he development of
the boundary layer is demonstrated by the total pressure loss contours in Figure 5. As it follows from this
picture, the flow along the main airfoil seems to be shortly before separation, whcreas the flow along the upper
side of the flap is fully attached. Above a thin core flow along the upper side of the flap, there is a very large
viscous region produced by the wake of the main airfoil. Figure 6 shows a companson of flow fieid and
pressure distribution for two different angles of attack. The angle of attack a = 4 was observed in the expc-
riment to be completely separated. The same can be seen in the calculation: the flow along the upper side of
the airfoil separates at the leading edge and by this there is a complete lift breakdov\n. At -a = 12' the agree-
ment between calculation and experiment is very good. Altough the pressure distribution for Y,' 14" looks
very smooth, it is not a stable solution. The convergence behaviour, which is illustrated in [igure 7 for those
two cases, shows that for the separated flow field the lift and the drag are oscillating, whereas for attached
flows, they converge towards a constant value. The breakdown of the lift also can be scen in in the convergence
history plot.

As the experimental results of the above test case are not very reliable, it is not a very suitable test case for a
validation of the separation prediction of the method. Therefbre the NI R 7301 generic airfoil \wit flap. of
which the experimental results are documented in [ 7 ], was used as next test case. Figure 9 shows the coni-
putational grid. Compared with the first test case, the geometry is very smooth. [he rather thin flap is de-
flected 20 °. Figure 9 gives a comparison of calculated and measured surface pressure distribution for two
different angles of attack. In both cases the agreement is very good. In Figure 10 the mean velocity profiles
at 4 different positions are depicted. The first one is exactly at the trailing edge position of the inmeat airfoil and
shows the velocity profile of a strongly retarded flow. The other three plots show the mean velocity profiles
along the flap surface at about 33%, 66% and 100% of the local flap chord. l)ue to the increase of pressure
in that region, the wake of the main airfoil is further retarded and spreads up. Figure II finally shows the
comparison of a computed and a measured c, versus a curve for this configuration. The position of the lift
breakdown as well as the maximum lift are predicted quite good. Of coarse there is a large disagreement bet-
ween computed and measured lift in the separated region, as the computed lift coefficients are mean values
of fluctuating values.

Figure 12 shows the computational grid around a realistic 3-element high lift system. Very fine C-type meshes
are imbedded into coar-er outer grids. Due to the hyperbolic grid generation technique in the inner regions,
the grid lines are orthogonal along the surfaces, even in the concave regions of the slat and the main airfoil.
The results of the flow computation for the Reynolds number Re = 1.90xl(O and 12.20 angle of attack are
presented in the Figures 13, 14 and 15. The pressure contours in Figure 13 indicate constant pressure at the
trailing edge cove of the main airfoil, but considerable pressure variations in the slat cove. The total pressure
loss contours in Figure II give an impression ef the viscously dominated flow regions. Separation occurs in
the coves of the slat and the main airfoil. Along the upper surface of the main airfoil there is a confluence of
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the wake of the slat and the boundary layer developing along the upper side of the airfoil Above the flap, the
flow field consists of the very thin boundary layer of the flap, followed by a region of an intiscid core flow,
which is limited by the viscous region produced by the common wakes of the two preteeding component\
n~t this configuration, it was found out, that an accurate discretization of the slat region is of great importance
in order to obtain a proper solution. Total pressure losses which are produced by numerical effects (such as
improper grid spacing) in that region, influence the further development of the slat wake and by this also the
flow field along the upper side of the main airfoil and that of the flap. Finally I igure 15 presents the surface
pressure distributions compared with the experimental data of ref. [ 9 ] [ Fhc agreement is very good, onlý
at the slat and the main airfoil, the suction levels are not matched exactly by the calculation

Conclusions

'1'he presented grid generation technique renders the generation of block structured grids around multi-elemcnt
aerofoils. The technique of embedded C-type meshes can be applied to high lift systems conisting of any
number of elements. For a certain configuration, the method can be highly automated and the regeneration
of a grid for modified flap or slat settings can be done very quickly. [he results of the presented work are quite
encouraging. They show, that even for realistic high lift configurations without any simplifications on the
geometry, the prediction of the lift up to the maximum lift is possible. [he correct prediction of the drag is
much more difficult than that of the lift. As the drag is estimated by an integration of the sutrface skin friction
and the surface pressure distribution, it is very sensitive to pressure fluctuations in regions %kith large drag
areas'. Such regions are the slat and the main airfoil coves.
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1 SUMMARY work is to investigate the capabilities and restrictions of

This paper presents Navier-Stokes calculations of the tur- this approach when predicting the flow field around high-
bulent flow around two different high-lift configurations, lift configurations.
for which experimental data exist. In the calculations, The following sections outline the mathematical model
the flow field is considered as of steady-state and two- as well as the numerical solution procedure used in the
dimensional. Because of the low Mach numbers, the present calculations. The investigated high-lift configu-
fluid is treated as incompressible. The solution proce- rations are introduced then, while results are presented in
dure uses a finite volume method in order to solve the the next section. The paper is concluded with an outlook
Reynolds-averaged Navier-Stokes equations. The effects on to future work.
of turbulence on the mean flow field are described by the
k-c turbulence model. The computational mesh is sys-
tematically refined in order to assess numerical solution 3 MATHEMATICAL MODEL
errors.

3.1 Mean Flow Equations
The results presented in this paper include surface pres-

sure distributions as well as mean velocities and turbu- The mean flow field is considered as of steady-state, two-

lence quantities. If possible, the calculations are com- dimensional and incompressible. The time-averaged con-
pared to experimental data. tinuity and momentum equation read then

=9 0 (1)

2 INTRODUCTION
At present, the development of efficient high-lift config- 0 (pU, U,) OP 0 OU, (2)
urations is mainly based on wind tunnel testing. How- oxj Ox,+ Oxj ajz-PUIU (2
ever, as more and more powerful computers have become
available, the 'numerical experiment' evolves as an in- weeUdeno thetmea velocities an the corre-creaingl hepfuldesgn tol.sponding fluctuating velocities in the x,-directions. P
creasingly helpful design tool. stands for mean static pressure and p and p for viscosity

The flow field around high-lift configurations has a very and density of the fluid, respectively. An overbar indicates
complex nature, e.g. flow separation may occur and vis- time averaging.
cous effects have to be taken into account. Hence, to
resolve the steep variations of the dependent variables
in a numerical calculation, many grid nodes are neces- 3.2 Turbulence Model
sary, making the flow simulation rather expensive. In The standard k-, model [1] is used in order to relate
addition, due to the often complex geometry, numeri- the Reynolds stresses -pýiuj in Eq. (2) to mean flow
cal grid generation may also pose a problem. Because quantities:
of these requirements, calculations of the complete three-
dimensional flow field are beyond the scope of the present -PU--j = P t ( +j + 2 p k (3)
work. Hcer"-, the two-dimensional Reynolds-averaged xi Oxi + 3
Navier-Stokes equations are solved in order to calculate The cduy vib,..oity" " t is given by:
the lurbulent flow -,ound nkolti-element airfoils. The
standard k-e turbulence model [II is used to describe tur- k2

bulence effects on the mean flow field. The aim of this Pt = , PC (4)
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The local distributions of the turbulent kinetic energy k TCI TC2
and the dissipation rate - are derived from semi-empirical
transport equations: slat cs 0.12 -

0 (pUi k) 0 .,t 49kO0pzk - 8 (P- a') + Pk - pE (5) chord length 1m] wing c 0.60 0.90

0 (pUj) = 0 1 J flap cF 0.21 0.36

Oxj -- 1 -o Or / ) k angle of attack o 0-16* 8.20

with Pk being the production rate of k: bs 210 --

_k= _ aUi (7) flap deflection
k1 = -puu - 150 21.80

The model constants appearing in Eq. (4-6) have their Reynolds number Re 1.6 x 106 1.8 x 106

standard values as proposed by Launder and Spalding [1]:

{C, C, C, Ilk, 0C) = {O.09, 1.441.92,1.0,1.3) Table 1: Characteristics of the configurations

equations over a control volume. The present procedure
3-3 Boundary Conditions employs a general non-orthogonal grid and Cartesian ve-

Becauseoftheellipticcharacterofthetransportequations, locity components. All dependent variables are stored
boundary conditions are necessary along all boundaries in the centre of the control volumes ('colocaled arrange-
of the flow domain. ment'). Central differences are used to discretize the

diffusive fluxes, whereas the convective fluxes are ap-
proximated by a combination of upwind and central dif-

Inlet At the inlet plane, the values for the mean stream- ferences. The coefficients are arranged in the 'deferred
wise velocity U and the turbulent kinetic energy k are correction' scheme as proposed by Khosla and Rubin
prescribed using experimental data. In cases where k is [21. The resulting system of linear equations is solved
not available from experiments, the following relation is by means of the strongly implicit method of Stone [31,
used: based on an incomplete LU factorisation. When calcu-

k = -Tu2U2 (8) lating incompressible fluids, there is no explicit equation
3 for pressure. Instead, pressure and velocities are linked

with Tu being the turbulence level. The mean cross- via the SIMPLE algorithm of Patankar and Spalding [4].
stream velocity V is set to zero. The dissipation rate e Due to the colocated variable arrangement, unphysical
along the inlet plane is derived from: oscillatory pressure fields have to be suppressed by using

a special interpolation practice for the cell face velocities,
k312  (9) see i5].

L

where L represents a typical turbulence length scale of Underrelaxation has to be employed for achieving con-
therenreprgy-cntsainig edie. tvergence of the iterative solution procedure. Typically,
the energy-containing eddies, the relaxation factors are set to 0.7 for velocities and

0.1 ... 0.3 for pressure depending on the grid size. Relax-
Outlet The streamwise gradients of all dependent vari- ation factors for k and c are set to 0.1 and 0.7, respectively.
ables are set to zero along the exit plane. Convergence is declared when the maximum normalized

residual drops below a given limit, which is set to 0.001

in the present calculations.

Walls Instead of resolving the steep gradients in the
vicinity of a wall, a wall function approach [1] is used
to describe the fluxes through the wall-adjacent control 5 TEST CONFIGURATIONS
volumes. In the present calculations, the logarithmic law The high-lift configurations investigated in this work are
is employed. shown in Fig. 1. Throughout this paper, they will be

referred to as TCI and TC2, respectively. TCI comprises

a leading edge flap ('slat'), the main airfoil and a trailing
4 NUMERICAL SOLUTION PROCEDURE edge flap ('fowler'). TC2 consists of a NACA 4412 main
The numerical solution procedure is based on a conserva- airfoil and a NACA 4415 flap airfoil. Some characteristics
tive finite volume method. In this approach, it is not the of the configurations (such as chord length, flap angles
transport equation itself w.. i', is approximated but a flux etc.) are summarized in Table 1. For both configurations,
balance derived from a formal integration of the transport experimental data are available [6, 7]. However, TC 1, as

1._
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used in the present calculations, differs slightly from the 7.2 Results for TC2
wind tunnel model. In the available geometry data, slat Despite the apparently simpler geometry, the second con-
and main airfoil are 'smoothed out' in order to allow a figuration turned out to be a computationally more dif-
parabolic flow solver to be applied to this configuration. ficult test case. According to experiments [7]. the flow
The Reynolds number based on chord length and inlet remains attached on the main airfoil, whereas a small
velocity is Re = 1.6 x 10O in the case of TCL. The angle separated region exists near the trailing edge of the
of attack is varied from a = 0° to 164 in increments
of 20. Both, free stream and wind tunnel conditions are wake/boundary-layer interactions.
simulated numerically. In case of TC2, the Reynolds
number is Re = 1.8 x 106. The flap deflection angle is Fig. 7 shows pressure coefficient distributions for this
set to 6r = 21.80, as in the experiments, configuration. Results obtained with an upwind (UDS,

dashed line) and a central differencing scheme (CDS,
solid line) are compared to experimental data. The very

6 Grid Generation strong suction peak at the leading edge of the wing is
In order to obtain satisfactory numerical grids, the flow not captured by the calculations. As a consequence, the
field is divided into several subdomains, as shown in Fig. 2 pressure remains too high throughout the suction side up
for TCI. For each subdomain, an H-type grid is created to the trailing edge ot the main airfoil. The numerical
and then all subgrids are connected. Because of this result compares quite favourably to experiments on the
approach, it is not possible to assure smooth transition pressure side. More severe deviations are found on the
from one subgrid to an other with respect to mesh size flap airfoil. Again, the suction peak is computed too
and aspect ratio in all cases. Fig. 3 shows the resulting small. No separation is predicted at the trailing edge,
numerical grids for both configurations. which is in contradiction to experimental data. As for the

main airfoil, better agreement between calculation and
experimental data is found on the lower side of the flap.

7 RESULTS Furtheron, the influence of the approximation scheme on
the numerical results is evident from this figure. Only

7.1 Results for TC1 a small improvement of the computed cp-distribution is
Fig. 4 shows streamlines of the turbulent flow around the found on the main airfoil. However, on the flap the CDS
configuration at different angles of attack (c = 40, 8°, results agree much better with experiments than the UDS
120 and 160). The separation bubble behind the slat be- results, except near the flap trailing edge. An overall view
comes smaller with increasing angle and finally vanishes of the flow domain is presented in Fig. 8. It shows cal-
completely. No separation is found on the upper side of culated profiles of the U velocity. The influence of the
the fowler flap. The flow field on the rear of the slat and configuration on the upstream flow field can be deduced
through thc gap between slat and main airfoil is shown from this figure. In addition, the jet emanating from the
in Fig. 5. It depicts velocity vectors (Fig. 5a) as well as gap between main airfoil and flap as well as the develop-
profiles of the streamwise velocity U (Fig. 5b). The angle ment of the wake can bee seen. A more detailed view of
of attack is a = 160 for this case. The reverse flow near the flow field shortly behind the flap is given in Fig. 9. It
the leading edge of the main airfoil indicates the location shows distributions of U at two locations (c/c = 1.322
of the stagnation point on the lower side of the wing. and 1.558) downstream of the flap in comparison with

experiments. Again, results obtained with UDS and CDS
Both, free stream and wind tunnel conditions were in- are plotted. As is to be expected, the gradients become
vestigated when calculating the flow around this con- steeper when using the central difterencing scheme be-
figuration. The influence of the walls can be seen in cause it does not introduce 'numerical diffusion' as is the
Fig. 6, which shows pressure coefficient distributions case with the upwind differencing scheme. As a conse-
c, = (P - P.)/(O.5pU2) in comparison with exper- quence, thecomputedspreadingrateofthewakebecomes
iments for both test cases. In Fig. 6a, free stream con- smaller, which leads to a much better agreement of the
ditions are used as boundary condition, while Fig. 6b distributions with measurements, see Fig. 9a. Neverthe-
shows the distribution derived from simulating wind tun- less, the 'gap-jet' is still predicted too weak and the upper
nel conditions. In general, a better agreement between mixing layer profile which stems from the main airfoil
calculation and experiment is found in the latter case. boundary layer is not captured correctly, see Fig. 9a. Cal-
The cp-distributions around the main airfoil as well as the culated as well as measured distributions of the Reynolds
fowler flap compare quite favourably with experimental shear stress -Uv' are given in Fig. 10. In general the
data. The deviations at the upper side of the slat and near computed profiles agree reasonably well with the exper-
the leading edge of the main airfoil are mainly due to imental data. The minima and maxima locations of the
an insufficient grid resolution in these regions. Neverthe- calculated distributions correspond with the positions of
less, measurements and computations compare quite well. the points of inflection in the mean velocity profiles, see
However, it must be noted that the shape of the lower side Fig. 9, as to be expected because of the production rate
of the slat, as used in the calculations, differs from the term of the turbulent kinetic energy in the k-c turbulence
original geometry as already mentioned in Section 5. model.
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7.3 Error estimation References
In order to assess the numerical solution error, all calcula-
tions are performed on different grids, which are refined [1 m Launder. B.E., Spalding. D.B., "The Numerical
in a consistent manner. Each coarse grid control volume is Computation of Turbulent V ow', Copp p. Met28 .
divided into four fine grid control volumes, thus doubling App). Mech. and Eng., Vol. 3, pp. 269-289, 1974
the number of elements in each direction. The applied [21 Khosla, P.K., Rubin. S.G.. 'A Diagonally Dominant
error estimation method is based on Richardson extrapo- Second-Order Accurate Implicit Scheme', Comput-
lation, see Caruso et al. [81. Assuming that the numerical ers and Fluids, Vol. 2, pp. 207-209, 1972
error can be expressed as a Taylor series, the error (h on
a mesh with size h becomes for a discretisation scheme [31 Stone, H.L., 'Iterative Solution of Implicit Approx-
with firsi order truncation error imations of Multi-Dinmensional Partial Differential

00 Equations', SIAM J. Num. Anal., Vol. 5, pp. 530-
fh = Oh - (D = Ah hh + 0(h') (10) 558, 1969

where (D denotes the exact solution and O
) h the numerical [41 Patankar, S.V., Spalding, D.B.. 'A Calculation Pro-

cedure for Heat, Mass and Momentum Transfer in
solution. On the coarser grid (with mesh size 2h), the Three-Dimeal Pasabl Mows',um T . i

error eads:Three-Dimensional Par-abolic Flows', Int. J. Heat
error reads: Mass Transfer, Vol. 15, pp. 1787-1806, 1972

f2h = 
4 •2h - 0 = 2Ah 5-h + 0(h 2 ) (11) [5] M. Peri6, R. Kessler and G. Scheuerer, 'Compari-

son of Finite-Volume Numerical Methods with Stag-
Subtraction of Eq. (11) from Eq. (10) gives an approxi- gered and Colocated Grids'. Computers & Fluids.
mation of the numerical error on the tine grid: Vol. 16, No. 4, pp. 389-403, 1988

- = h + 0(h') [61 Szodruch. J., Kotschote. J.. 'Grenzschichtmessun-
S-(2gen an einem Transsonikprofil im MBB-LSWT',

Fig. 11 shows as an example the solution error derived Ergebnisbericht Nr. 36, MBB GmbH., 1983

from Eq. (12) for the streamwise velocity U and static [71 Adair, D., Home, C.. 'Turbulent separated flow over
pressure P. In the case of the streamwise velocity and downstream of a two-element airfoil', Experi-
(Fig. 1 la), the error is well below 5% except for a small ments in Fluids, Vol. 7, pp. 531-541, 1989
region near the slat. In the case of the static pressure
(Fig. 1 lb) the error amounts to about 10% near the slat [8] Caruso, S.C., Ferziger, J.H., Oliger, J., 'Adaptive
with a maximum of up to 25% in a very small region. Grid Techniques for Elliptic Flow Problems', Rept.
Therefore, with an even finer grid, better resolution of the No. TF-23, Thermosc. Div., Stanford University.
strong suction peaks in these regions can be expected. 1985

8 CONCLUSION AND OUTLOOK
The results presented in this paper clearly show the capa-
bilitiesas well as some restrictionsof Navier-Stokescom-
putations using k-c turbulence modelling to predict flow
around high-lift configurations. In general, good agree-
ment with experimental data is found for the two different
2D-configurations investigated in this work. However,
when considering the details of the flow field, some devi-
ations between calculations and measurements are found.
When discussing results such as these, numerical solution
errors have to be separated carefully from deficiencies of
the applied turbulence model.

In order to improve the reliability of Navier-Stokes codes
for calculating the flow around high-lift configurations,
first of all, more detailed experimental data must be avail-
able. This includes mean flow as well as turbulence
quantities, such as fluctuating velocities and pressure and
distributions of turbulent kinetic energy and Reynolds
stresses. Based on these data, further numerical inves-
tigations have to be performed in order to facilitate the
selection of an appropriate turbulence model for numeri-
cal simulations of high-lift flows.



a b
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Figure 2: Subdomains for grid generation (TC1)

Figure 3: Numerical grids (grid lines omitted for clarity) a) TC1 b) TC2
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Figure 4 Computed streamlines (TC1)
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Figure 5: Computed flow field between slat and main airfoil (TMl)

a) Velocity vectors
b) Profiles of the strearnwise velocity U
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1. SUMMARY of challenging problems to the numerical investigators.
The incompressible, viscous, turbulent flow over single These include problems involving turbulent boundary
and multi-element airfoils is numerically simulated in an layer separation, confluent boundary layers and wakes,
efficient manner by solving the incompressible Navier- Reynolds number effects, three-dimensi3nal effects, com-
Stokes equations. The solution algorithm employs the pressibility effects, transition, and complex geometries.
method of pseudocompressibility and utilizes an upwind- Although the problems are inherently three-dimensional,
differencing scheme for the convective fluxes, and an im- there is still much to be learned about the flow physics
piicit line-relaxation scheme. The motivation for this by studying two-dimensional models.
work includes interest in studying high-lift take-off and
landing configurations of various aircraft. In particular, The computational tools available range from the more
accurate computation of lift and drag at various angles efficient and simpler inviscid/viscous coupled methods,
of attack up to stall is desired. Two different turbu- to a Reynolds-averaged Navier-Stokes (RANS) analysis.
lence models are tested in computing the flow over an An example of the former method is given by Kusunose
NACA 4412 airfoil; an accurate prediction of stall is ob- et al.' They use a full potential method coupled with an
tained. The approach used for multi-element airfoils in- integral boundary-layer method. These methods have
volves the use of multiple zones of structured grids fitted been found to be successful in accurately computing the
to each element. Two different approaches are compared; pressure distribution for multi-element airfoils, including
a patched system of grids, and an overlaid Chimera sys- cases up to maximum lift, some of which involve separa-
tem of grids. Computational results are presented for tion. The coupled method has been proven to be useful
two-element, three-element, and four-element airfoil con- as an effective engineering design tool. This method is
figurations. Excellent agreement with experimental sur- limited by its inability to compute beyond maximum lift
face pressure coefficients is seen. The code converges in conditions, and may have problems with certain features
less than 200 iterations, requiring on the order of one of some airfoil systems such as flap wells, thick trailing
minute of CPU time on a CRAY YMP per element in edges, or unsteady effects.
the airfoil configuration.

Navier-Stokes calculations for high-lift systems have
been investigated by a number of authors.2- 4 Schuster

2. INTRODUCTION and Birckelbaw2 computed the flow over a two-element
An increased understanding of high-lift systems will airfoil using a structured, compressible, RANS solver.
play an important role in designing the next generation The grid system used was a pointwise patched system
of transport aircraft. Current designs for such aircraft with three zones, with C-grids around both the main
typically involve multiple elements, such as leading edge element and flap, and another outer C-grid surround-
slats and multiple-slotted flaps. The current trend is to- ing those. Good results were obtained for low Reynolds
ward a more efficient, yet simpler design which will lead number turbulent flow. The next two authors, Barth,3

to reduced manufacturing and maintenance costs. At the and Mavriplis 4 both used an unstructured grid approach
same time, increases in lift coefficients for a given angle of to handle the difficulty of discretizing multi-element ge-
attack and increases in maximum lift coefficient will lead ometries. They were each able to produce accurate pres-
to a larger payload capability. Improved designs will also sure coefficient information on the airfoil surfaces. The
allow for reduced noise in areas surrounding airports. accuracy of the unstructured grid approach, however, is
Understanding of high-lift flow physics harbors the po- limited because of the very large aspect ratio of the tri-
tential to improve airport capacity through a reduction angular cells required to resolve high Reynolds number
of an airplane's wake vortices, allowing closer spacing boundary layer flows. Also, this approach is not well de-
between subsequent airplanes taking off and landing. veloped for three-dimensional problems. Large compu-

tational resources are required, especially CPU memory,
Increased knowledge of the flow physics involved with to make these methods work for viscous flows. Unstruc-
high-lift systems is therefore of greater interest than ever tured methods are currently generating a lot of interest
before as the need to improve over current designs be- in the research community; improvements to these limi-
comes acute. Study of these configurations will require tations are to be expected in the near future. Until such
both computational and experimental efforts. Computa- a time, the current authors believe that a structured grid
tional fluid dynamics (CFD) is playing a large role in this approach is the most suitable for solving viscous multi-
work. Multi-element configurations present a number element problems in two and three dimensions.
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The current work uses an incompressible RANS flow over a single airfoil. One of the studies for this problem
solver to compute the flow over multi-element airfoils, includes a comparison of the Baldwin-Barth turbulence
Two different grid approaches are used; the first ap- model with the Baldwin-Lomax1 4 aigebraic turbulence
proach employs the patched grids utilized in Ref. 2, model.
and the second uses an overlaid grid approach known as
the Chimera scheme.5 The current work examines sev-
eral airfoil flow problems in two dimensions in an effort 4. COMPUTED RESULTS
to characterize current capability to numerically study This section describes results of the current computa-
such problems. Grid topology, computational efficiency, tions for various different airfoil configurations with one,
and resulting accuracy are issues to be examined in the two, three, and four elements.

current work. An incompressible flow solver is being uti-
lized because the flow conditions for take-off and landing
will generally be less than a Mach number of 0.2. In the 4.1. NACA 4412 Airfoil

actual flow, compressibility effects will generally be con- Calculations were performed for the flow over an NACA
fined to a small localized region, such as near the area 4412 airfoil at a Reynolds number of 1.52 million. A
of a leading-edge slat. Since the incompressible Navier- C-grid with dimensions of 241x63 was used, with wall

Stokes system has one less equation than its compressible spacings on the order of 10,-' which corresponds to y+
counterpart, less computing resources are required. values on the order of one. The grid was computed using

a hyperbolic grid generator.1 5 A close view of this grid
is shown in fig. 1.1. In order to compute flow quanti-

3. ALGORITHM ties for the points on the computational boundary in the
Th cuGORr THM c"wake cut" line of the c-mesh, two lines of dummy pointsT he current com putations are perform ed using the a e a d d s c h t t e e d m y p i t o n i e w t
INS2D computer code which solving the incompressible are added such that these dummy points coincide with
Navier-Stokes equations for steady-state flows 6 and un- points on the other side of the wake line. The first line of

steady computations. 7 This algorithm has also been ap- these dummy points is updated by injecting values from

plied to problems in three dimensions using th- INS3D- the coincident interior points on which they lie. Using

UP code.8 The code is based on the method of artifi- this overlap produces smooth solutions to the equations

cial compressibility as developed by Chorin 9 in which a across this computational boundary. This procedure also

pseudo-time derivative of pressure is added to the con- adds dummy points inside the airfoil. These points are

tinuity equation. Thus the convective part of the equa- merely blanked out and never used in the solution pro-

tions form a hyperbolic system, which can be iterated in cedure. All of the C-grids in this work use this overlap.

pseudo-time until a steady-state solution is found. For
unsteady problems, subiterations in pseudo-time are per-
formed for each physical time step. Since the convective
terms of the resulting equations are hyperbolic, upwind

differencing can be applied to these terms. The cur-
rent code uses flux-differencing splitting modeled after
the scheme of Roe.10 The upwind differencing leads to
a more diagonally dominant system than does central
differencing and does not require the additional use of
artificial dissipation. The system of equations is solved
using a Gauss-Seidel type line-relaxation scheme. The
line-relaxation scheme is very useful for computing multi-
zonal grids because it makes it possible to iteratively pass
AQ (which is the change in the dependent variables for Fig. 1.1. 241x63 grid used for flow over an NACA 4412

one time step) information between the zonal boundaries airfoi.
as the line-relaxation sweeping takes place. The result is

a semi-implicit passing of boundary conditions between
zones, which further enhances the code stability.'" The This flow was computed using two different turbulence
resulting code is very robust and stable. It is capable of models, the Baldwin-Barth model 12 and the Baldwin-
producing steady-state solutions to fine-mesh problems Lomax model. 1 4 Figure 1.2 shows a comparison between
in 100 to 200 iterations. More detail about the computer these computations and the experimental results of Coles

code can be found in Refs. 6-8. and Wadcock1 6 at an angle of attack of 13.87 degrees,
which is very nearly maximum lift conditions. In the ex-

Most of the present calculations used the turbulence periment the flow separated at approximately 85 percent

model developed by Baldwin and Barth, 12'1 3 where the of chord. Trip-strips were employed in the experiment
specific formulation found in Ref. 12 was used. This is a on the suction and pressure surfaces at chord locations
one-equation turbulence model that avoids the need for of z/c of 0.023 and 0.1, respectively. The computa-
an algebraic length scale and is derived from a simpli- tions thus specify these as the transition points. For the

fled form of the standard k - E model equations. In the Baldwin-Barth model this is implemented by setting the
current application, the equation is solved using a line- the production terms to zero upstream of these locations;

relaxation procedure similar to that used for the mean- for the Baldwin-Lomax model the eddy viscosity is set to

flow equations. This model has been found to be very zero upstream of the transition location. The agreement

robust and easy to implement for multiple-body configu- is fairly good, with the biggest discrepancy occurring at

rations. The next section includes computations of flow the trailing edge where the predicted pressure is too high.
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However, the Baldwin-Barth model does give a flattening also suffe'. ,lum too small of a separation region. The
of the pressure over the aft 15 percent of chord, indicat- cae without transition shows the best agreement with
ing flow separation, where the Baldwin-Lot.,a solution the experimental profiles.
does not show this tendency. This figure also shows that
the computations with the transition predict a leading- 2.0-

,-dge lamir. u separatn -) bubble. The experiment reports
that there was no laminar separation bubble at this an- 1.5-"----- -

gle of attack, so an additicnal computation was run us-

ing the Baldwin-Barth model with the production terms
turned on everywhere, thus the boundary layer was fully "h0 n e - ------- ---- - -- -

turbulent. The pressure coefficient for this is also shown _
in fig. 1.2. There is a slight improvement in the trailing -
edge area for this solution. The Baldwin-Lomax model 0.5 . -.
showed no difference in the pressure or velocity solution ,.j V r -
when it was run without specifying transition, except
that it removed the laminar separation bubble. 0.0 - -

-6- ' @~-.51
-5 0 5 10 15 20

A4- - 13" Alpha
4. -I.- u

Fig. 1.4. Lift coefficient versus angle of attack for flow
S-2 over an NACA 4412 airfoil.
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Fig. 1.2. Pressure coefficient on surface of an NACA 0 -......

4412 airfoil at Reynolds number of 1.52 million com-
paring calculations with Baldwin-Barth and Baldwin- 0

Lomax turbulence models and experimental data. 04

A5."0 

........ ... ... . .. .

J .04 0. 0.O.O. 0. 0.. . 0.2 0.4 0.6 0.8 1.0

-0.02 Fig. 1.5. Pressure coefficient on the surface of the NACA

0 0. 0 W 0 0 0.5 airfoil at 16 degrees angle of attack for seven different

0 0.5 0 0 0.5 I times during the unsteady periodic motion.

Fig. 1.3. Velocity profiles on upper surface of an NACA Computations were run for a range of angles of attack

4412 airfoil at streamwise stations of r/c = 0.62, 0.675, from zero lift to maximum lift. The lift coefficient versus

0.731, 0.T86, 0.842, 0.897, and 0.953. angle of attack is plotted in Fi3. 1.4. This shows that
the Baldwin-Barth solution with transition gives very
good agreement in the lift, including the prediction of

Velocity profiles from the suction surface boundary layer stall. For all cases, as the angle of maximum lift was

are plotted in fig. 1.3 at streamwise stations of Z/c = approached the flow tended toward unsteadyness. That
0.62, 0.675, 0.731, 0.786, 0.842, 0.897, and 0.953. The is, the steady-state computations did not converge corn-
profiles are shown using the streamwise component of pletely, which, for the artificial compressibility formula-

velocity in boundary-layer coordinates, that is, the ye- tion means that the results do not satisfy the continuity

locity component tangential to the local airfoil surface. equation. In these cases the code was then run in a time-
This figure shows in greater detail the problems of the accurat,, unsteady mode. For the Baldwin-Barth model

Baldwin-Lomax solutions in this region: the boundary with transition, at an angle of attack of 14 degrees, the
layer profile is too full and the solution shows only a unsteadiness dies out when the computations are run in
tiny region of separation. The Baldwin-Barth solution a time-accurate mode. At 16 degrees, an unsteady peri-
is in closer agreement with the experimental results, but odic behavior ensues; as shown in the figure, the mean
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:ift drops sharply below the values from smaller angles of much faster than the Baldwin-Barth model. The com-

attac. Examination of the flow shows that the leading- puting time on a Cray YMP required for this 241 x 63
edge laminar separation bubble is periodically shedding mesh is 100 seconds for 200 iterations when using the
and traveling through the boundary layer on the top sur- Baldwin-Barth model, 90 seconds for 200 iterations with
face of the airfoil, and past the trailing edge. Figure 1.5 the Baldwin-Lomax model. When running the unsteady
shows the pressure coefficient on the surface of the airfoil cases, the algorithm requires subiterations at each phys,
at seven different times through the period of this flow. ical time step to drive the divergence of velocity toward
The forming of the leading-edge vortex is evident, and zero. When running the unsteady 16 degree angle of at-
it can be seen that it travels downstream and past the tack case with a non-dimensional time step of 0.05, 40
trailing edge. physical time steps resulted in one period of the flow.

This took about 10 minutes of computing time. Due to

For the Baldwin-Barth model without transition at an the difficult nature of solving the unsteady incompress-
angle of attack of 16 degrees, all oscillations damp out ible Navier-Stokes equations, it proably would not be

and it converges to a steady-state solution. At 18 de- computationally cheaper to use an incompressible formu-
grees, the lift continues to oscillate periodically, yet there lation over a compressible Navier-Stokes code to study
is only a slight drop in the lift, and there is a complete ab- post-stall, unsteady airfoil flows.
sence of a leading-edge separation bubble. The Balwin-
Lomax computations do not have any type of periodic
unsteady behavior with or without transition. The re- 4.2. Two-Element Airfoil
suits from this model show that a drop in lift does not The geometry is made up of an NACA 4412 airfoil with
occur until an angle of attack of 20 degrees. an NACA 4415 flap deployed at 21.8 degrees, with the

entire configuration at 8.2 degrees angle of attack. This

In short, the Baldwin-Barth model shows promise for geometry was the subject of a wind tunnel experiment

use in predicting high-lift flows, and although some defi- by Adair and Home.17 The chord Reynolds number was

ciencies are shown here, it is significantly better than the 1.8 million, and the Mach number in the experiment was

Baldwin-Lomax model. In addition, the Baldwin-Barth 0.09. The blockage in the wind-tunnel was severe enough

model is much easier to use than the Baldwin-Lomax that the wind-tunnel walls needed to be included in the

model, in that is does not require a length scale; it is calculations in order to get good agreement with the ex-

straightforward to implement for a multi-element airfoil perimental pressure coefficients.

computation. All of the results in the later sections of
this paper use the Baldwin-Barth model.
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................. "..: ........................ " .................. ... 'T : .......... T e a ro l e e d s r tz d u i g t o d fe e t gi p
10 The airfoils were discretized using two different grid ap-

-7 .......................... proaches. The first follows the work of Schuster and

10 Bir< k.lbaw2 and uses 3 zones which are patched together
A using coincident points. This grid is shown in Fig. 2.1.

10 50 100 150 200 Each of the elements is surrounded by a C-grid, and
these two grids are surrounded by another C-grid which

Iteration Number extends out to the wind-tunnel walls. The dimension of
these grids are 374x44, 241x33, and 352x32, respectively,

Fig. 1.6. Convergence history showing Maximum resid- for a total of 35,000 points.
ual versus iteration number for flow over an NACA 4412
airfoil at 13.87 degrees angle of attack. The second type of grid uses a Chimer"E approach, in

which C-grids were generated about each of the elements.
To include the effects of the wind-tunnel walls these grids

The convergence history is shown in Fig. 1.6 for the an- . € -set into a third zone composed of an h-grid. A
gle of attack of 13.87 degrees for both turbulence mod- partial view of these three grids is shown at the top of

els with and without transition. In general, fast con- Fig. 2.2, with a close-up of the main-element grid in

vergence is seen, with converged solutions obtained in the vicinity of the flap shown in the bottom half of this

100 to 200 iterations. Specifying the transition tends figure. These grids had dimensions of 261x49, 203x35,
to produce an unsteady component into the flow field and 121x61, for a total of 27,500 points. To imple-Swhich somewhat delays the convergence. It can also ment the Chimera approach, these grids are given to the

be seen that the Baldwin- Lomax computations converge PEGSUS' code. This code first punches holes into grids



where they overlap a body (as thown in the bottom of and the experiment. There was an ambiguity in the way

Fig. 2.2). It then computes the interpolation stencils in which the flap position is defined.

used to update the flow quantities at the fringe points
of these holes, and to update the flow quantities at the 0

outer boundaries of grids which lie inside another grid 10

(like the outer boundaries of the c-grids seen in the top
of Fig. 2.2). For both the Chimera and the patched gridapproa hes, he sp cin g ext t the urfacs was set t I0"t ............... ......................... ................... ........ .......

approaches, the spacing next to the surfaces was set to 10
2 x 10-5, which correspond to y+ values at the wall on
the order of one. chd

SI Number10

...... ...... ..... I

Fi. .......... ........... .hmr .... used ... copue..o

10

100 50' 10'0 15'0 200

Iteration Number

Fig. 2.4. Convergence history for flow over two-element

Fig. 2.2. Overlaid Chimera grid used to compute flow aiflfoptcegrdndvradgidshm 
.

over an NACA 4412 airfoil with an NACA 4415 flap.
Figure 2.4 shows the convergence history for these com-
putations. They both converge very well, resulting in a

"-12-/ steady-state solution in about 100 iterations. Each of

-t- these grid cases takes about 100 seconds of CPU time on
-8" -a Cray YMP for 100 iterations. The code runs at about

a rate of 80 MFLOPS, and requires 36 x 10-6 CPU sec-
-6 .. onds per grid point per iteration. Since the Chimera ap-

.-4 - --- '-j proach uses about 20% fewer grid points, it takes a little

e. •_less computing time. The major difference between these
-2 pproaches is the amount of time and effort it takes to

0 generate the grids. The patched grid case takes on the

2 ~order of several hours of work; it involves generating in-
ner boundaries which define the surface with the proper

4 point distribution to ensure that the grids can be patched

6 together. Then hyperbolic grids are marched halfway
0.0 0.4 0.8 1.2 across the gap from each of the elements. The result-

X ing outer boundaries of these are merged into a common
interface where they match. The inner grids are recalcu-

Fig. 2.3. Pressure coefficient on surface of two-element lated to match this interface. Finally, the outer C-grid

airfoil comparing both patched grid and overlaid grid is marched outward using a hyperbolic grid generator.

schemes to experimental results. The process is tedious and is not easily repeatable for
a different case (new flap placement, or flap angle), or

for a different geometry. On the other hand, the over-

The computational results compare well with the exper- laid grids can be generated in only a matter of minutes;

imental results of Adair and Home. 1 7 A plot of the pres- one need only generate two independent hyperbolic grids

sure coefficient on the surface of the elements is shown about each of the elements, and then feed these into the

in Fig. 2.3. Results from both of the grid approaches is PEGSUS code5 as dascribed above. Once this has been

shown. The biggest difference between the computation set up for one case it is very easy to reproduce it for

and experiment is seen in the suction peak at the leading another case or another geometry. It is for these reasons

edge of the flap. The difference might be explained by that the overlaid grid approach was adopted for the rest

a difference in the geometry between the computations of the cases and geometries in this work.
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0.o.- X. 1.0 1.xN i.the calculations indicate that the flow becomes unsteady
beyond that angle of attack. The skin friction along the

tam ;4 surfaces of the airfoil elements is shown in Fig. 2.7. It
"c - I • / can be seen that the flow separates at the trailing edge

of the flap even at zero angle of attack, and that this

clad separation reduces in size with increasing angle of attack.
- -- J- The main element has trailing edge separation occurring

at angles of attack of 12 degrees and greater. It becomes

UIU- US_ u.W massively separated at an angle of attack of 16 degrees.
At this angle of attack the flap shows evidence of a vortex
passing over the top because of the large dip in the skin

friction on the surface of the flap.

0.03

0.02 ... .... ..... . _...... .. ... . ... .

Fig. 2.5. Velocity profiles from overlaid grid calculations 0.01

compared to experimental data.

3 .5 - ... ... ....... .. ......".... .. ... .. .. ...... .". .. . ..... .......... . . ....... . .. ..... ..0.00 0.25 . 0.75 1.00
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Fig. 2.6. Coefficient of lift versus angle of attack as com-
puted by the overlaid grid approach for the two-element 0.00 ........

airfoil. F, L.SW

Figure 2.5 shows velocity profiles from the Chimera cal- 1.0 1.1 1.2 13

culations at three locations on the top surface of the main X!C

element and flap. These are plotted with experimen-
tal measurements of the profiles by Adair and Horne.) 7  Fig. 2.7. Skin friction on the surface of the main element

These plots show fairly good agreement with the experi- and flap for various angles of attack.

mental results. The biggest discrepancy is the difference

in the gap velocity off the surface of the flap's leading
edge. This is related to the difference seen in the pres-
sure coefficient plot in Fig. 2.3. The velocity profile from 4.3. Three-Element Airfoil

the trailing edge of the flap shows that there is a sepa- The three element computational configuration was
ration occurring over the top surface of the flap. This taken from an experimental geometry of a supercritical
profile shows that the computational separation bubble airfoil which has been tested by Valarezo et al.18 This
is not as thick as that seen in the experiment, but that airfoil consisted of a leading edge slat deployed at -30

the computations do an excellent job of capturing the degrees, a main element, and a trailing edge flap de-
wake from the main element in this region. ployed at 30 degrees. The experimental Mach number

was 0.2 and the chord Reynolds number was 9 million.

Further calculations were carried out using free-stream The Chimera approach was used to discretize the ge-
outer boundaries (neglecting wind-tunnel walls). These ometry and produce a computational grid. A C-grid
calculations use the overlaid grids with two zones, where was placed around each element, with the main-element

the main element grid extends beyond ten chord lengths grid extending out to the far field. The grids for the
from the airfoil. These were run at various angles of slat-, main-, and flap-element had dimensions of 221x41,
attack to show the capability to compute maximum lift 401x75, and 221x47, respectively, for a total just under

conditions as well as post-stall conditions. The curve 51,000 points. The top of Fig. 3.1 shows every other

of lift coefficient versus angle of attack is shown in Fig. grid point in the first and third element grids, with the

2.6. The lift drops off sharply at alpha = 15 degrees, and resulting holes caused by the main element. The second



half of this figure shows the main element grid. The wake +8
cut boundary of this grid has been aligned just above the . . ..
top surface of the flap element in an attempt to put as -6

many points as possible in the wake and boundary-layer
region found there. -4

S~-2

2z~2
.20- ..... .... ...
-to

Fig. 3.1. Grid and geometry for the three-element airfoil,
showing every other grid point around the slat and flap.

-15
0+ -l+ ... . ... . .

Fig. 3.2. Velocity magnitude contours at 20.4 degrees . . .

angle of attack.
00 0.5 1.0 1 5

x/c

Figure 3.2 shows velocity magnitude contours for the Fig. 3.3. Pressure coefficient comparing computation

three element configuration run at 20.4 degrees angle of and experiment for angles of attack of 8.1, 20.4, and

attack. The wake of the slat is clearly seen across the 23.4 degrees.
top of the succeeding elements. The experimental results
of Valarezo et al. 18 and the computational results of this

study are compared in Fig. 3.3. These figures show pres-

sure coefficients on the surfaces of each element at three 10
different angles of attack, 8.1, 20.4, and 23.4 degrees. 1
Very good agreement is seen except on the suction side .

of the slat. Also, there is a discrepancy on the upper

surface of the flap trailing edge. The experimental re-
suits show a strong adverse pressure gradient followed . 10

by a flattening in the pressure coefficient curve, which
is generally evidence of flow separation. The computa- .

tional results do not show this. This is probably due to 10o _.
the general trend of the turbulence model to underpre- E
dict the amount of separation. The experiment allowed -3 -.............
free transition on the elements, and the computations as- 10

sumed a turbulent boundary layer everywhere. Further
work in this area could include use of a transition model 1-4-... ........... ..... . .

for this calculation.

Convergence histories of these computations are shown 10" 50 1 150 200 250
in Figure 3.4. These computations converge well, with

steady state solutions being obtained after 200 iterations, Iteration Number

which corresponds to about 4 minutes of CPU time on

a Cray YMP. Fig. 3.4. Convergence for the three-element airfoil.
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4.4. Four-Element Airfoil The geometry was discretized using the Chimera ap-
The geometry is made up of a NASA 9.3 percent blunt- proach. C-grids were generated around each of the el-
based, supercritical airfoil with a leading edge slat de- ements, with the main element grid being marched out
ployed at -47.2 degrees and two trailing edge flaps at to the outer boundary. These grids were overlaid and
30 degree and 49.7 degrees respectively. This configu- the PEGSUS 5 code was used to create an overlaid grid
ration matches the geometry used in the experimental Approximately 55,000 points were used in the resulting

work done by Omar et al. 1 9 The Mach number in the composite grid in order to resolve the flow physics ade-
experiment was 0.201 and the chord Reynolds number quately in the boundary layers and wakes. The grid spac-

was 2.83 million. ing next to the surfaces of the airfoils was 10-5 wicth
ensures y+ values of one near the wall.

The computational results of this study were compared
with the the experimental results of Omar et al&.9 . Fig-
ure 4.1 shows velocity magnitude contours around the

..... ... jfour element configuration at 14.25 degrees angle of at-
tack. In this figure the wake from the leading edge slat
is apparent over the main element. Subsequent wakes
from the main element and flaps can also be observed.
Plots of the pressure coefficient on the surfaces of the el-
ements at angles of attack of 0 0, 8.13, and 14.25 degrees

Fig. 4.1. Velocity magnitude contours at 14.25 degrees are shown in Fig. 4.2. Again, excellent agreement is
angle of attack. seen except there is once more evidence that the compu-

tation of the flow over the flap underpredicts the amount
of separation at the lower angles of attack.

10

10:0 100_201

-2.5

-bSc

10

-125 rhe 100 200 300

0.0

-23

-IS !.~. The convergence histories for the four element configura-
tion at three different angles of attack are shown in Fig.

-10 4.3. The computations converge well and a steady state
U I solution is produced after about 200 iterations, which

- \ _corresponds to approximately four minutes of CPU time
"on the Cray YMP.

0-

0.0 0.5 1.0 1.5 2.0 5. CONCLUSIONS
XiC An incompressible flow solver has been used to compute

flow over several airfoil geometries for the purpose of

Fig. 4.2. Pressure coefficient comparing computation developing a tool to study takeoff and landing config-
and experiment for angles of attack of 0.0, 8.13, and urations. The code is robust and produces numerical
14.25 degrees. simulations in a matter of minutes. The flow over an



NACA 4412 airfoil was investigated, and the Baldwin- Stokes Equations,- AIAA Paper 88-2'1I. Juitte 114',
Barth and Baldwin-Lomax turbulence models were corn- See also AIAA J., 28, 2, February 1990, pp .'5 262
pared. The Baldwin-Barth model gave significantly bet- 8. Rogers, S F, Kwak. D)., and Kiris, C . -Numt-rwal
ter results, and was much easier to use, particularly for Solution of the Incompressible Nasier-Stokes Equa-
multi-element flows. The use of the Chimera overlaid tions for Steady-State and l'ime-l)ependent
grid approach was found to be much easier than using a Problems." AIAA Paper 89 0463, January, 198SQ See
patched grid scheme for solving multiple element airfoil also AIAA J., 29. 4, April 199t, pp 603 610
flows. Both approaches are capable of producing accu- 9. Chorin, A J., -A Numerical Method for Souling In-
rate solutions. Accurate pressure prediction was shown compressible Viscous Flow Problems." J Comput
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a multi-element airfoil calculation will be the focus of 12. Baldwin, B. and Barth. T., -A One-Equation Tur-
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ABSTRACT
A study of Navier-Stokes calculations of flows about multi- systems lead directly to greater operitional iexihilit,

element airfoils usir, a chimera grid approach is presented. through increased payloads, extended ranges. and dec.reased
The chimera approach utilizes structured, overlapped gnds tske-off and landing distances Traditi•,ril high lift design
which allow great flexibility of grid arrangement and has relied on extensive witnd tunnel and flight teting
simplifies grid generation. Calculations are made for two-, which is expensive .ýnd difttcult due to the exttemel\
three-, and four-element airfoils, and modeling of the effect complex flow Interactionis enountcred ThMc onniplctxt ot
of gap distance between elements is demonstrated for a two- the flow interactions requires SO h extremn, idehto In

element case. Solutions are obtained using the thin-layer geometric representation and inat-hing of tcst at',,ruel
form of the Reynolds averaged Navier-Stokes equations operating conditions that the applitabiltyv it standard
with turbulence closure provided by the Baliwin-Lomax scale model aerodynamrit testing i li•mited In oider to
algebraic model or the Baldwin-Barth one equation moJel. achievc -,?'imunm designs, new iools for rapm d and etfi, tent
The Baldwin-Barth turbulence model is shown to provide analysis of high-lift coniftgurattoll, a-e rcquired.

better agreement with experimental data and to dramatically Computational Fuw I Dynamics (CFD) offery, great pronlse
improve convergence rates for some cases. Recently as a tool which provides valuable insight into the flow
developed, improved farfield boundary conditions are phenomena associated with h~gh-lift systetm pemrfomman'e.
incorporated into the solver for greater efficiency. however to provide early design guidance rapid .mid
Computed results show good comparison with efficient CFD techsiiqucs must be develop-d and validated.
experimental data which include aerodynamic forces.
surface pressures, and boundary layer velocity prmfiles. Traditionally (and for the foresecable future) high-lith

systems incorporate multi-element geometries in w hich a
Symbols number of highly loaded aerodynamnic elements interact tii

close proAumity to each other. Figure 1 showss an example

C, Section Lift Coefficient, l/q~c cross section of a typical configuration incorporating foul

I Section Lift elements: a leading edge slat. the nair airfoil elet,ient. a

q Dynamic Pressure, 1/2pu 2  flap sane, and a trailing edge flap. Such configutations

u.U Velocity generate very complex flowfields containing regions of

Cd Section Drag Coefficient. d/qc separvit-d flow, vottical flow, and confluent boundary
layers. Laminar. turbulent, transitional, and re-

d Section Drag laininarizing boundary layers may exist. Although high

Cf Skin Friction Coefficient, r,/q- lift systems are typically deployed at low freestream Mach

c Airfoil Chord numbers, they may still exhibit compressibility effects due

"t Shear Stress to the large pressure gradients generated. Such complex

M Mach Number, u/a flows are extremely difficult to analyze computationally

a Speed of Sound and require solution of the Navier-Stokes equations to

Cp Pressure Coefficient. (p-p-)/q- resolve all flowfield details. It should be noted that manyp Static Pressure of the flowfield phenomena (e.g. separation. transition.
y Non-dimensional Distance from Wsr, turbulence, etc.) are areas of intense research in the

computational community and are not yet fully amenable t,
yv't-/(p wý ) computational analysis.

Re Reynolds Number, p.Uoc/9 Confluent

1. Viscosity Boundary
FConfluent K-Layers--

Subscripts: 
Boundary Layers

ooFreestream Quantity
e Quantity at Edge of Boundary Layer Separation
w Quantity at Wall

RSeparation t

INTRODUCTION Separation R Separation
Efficient high-lift systems are critical in achieving GP ,t.0s18.1-v tp

optimum aerodynamic performance of future generation
military and commercial airraft. Well designed high-lift Fgure 1. Typical High-Lift Configuration



One of the difficulties enceunered in computational
analysis of high-lift systeins using the Navier-Stokes
equations is the generation of suitable high quality grids | |,/-Area

about each element to capture all relevant flow phenomena. of Deta:l

Three basic approaches to generating gnds aid solutions
about complex configurations have been widely reported in Blocked Grid
the literature: zonal patched (or bl"..ked) grids,
unstructured grids, and overlapped (chimera) grids (Figure
2). The zonal approach (e.g. Reference 1) hIt- been widely
demonstrated on a number of geometries, and has shown
excellent accuracy in the calculation of many complex
viscous flows. Such an approach utilizes structured grids
generated in separate zones or blocks which transfer
information across common boundaries. Its major
drawback in application to analysis of high-lift systems is

the necessity of matching boundar'es at zonal interfaces.

Fur typical high-lift geometries the boundary matching
places a large demand on grid generation capabilities and
can lead to degradation in grid quality (and consequently
solution accuracy) at bt--"'aries in close proximity to the
Agh-lift system components. The unstructured grid
approach (e.g., Refeience 2) readily generates grids about
high-lift configurations, but can suffer in acciracy from
highly stretched triangular cells generated in the boundary Unstructured Grid

layer region. Unstructured grid solvers are the most recent
approach to the analysis of complex geometries and show
great promise, but they have not yet demonstrated the sanme
wide applicability to complex viscous flows as structured
flow solvers. The chimera grid sc.heme (e.g., Reference 3)
utilizes overlapping, structured gnr$s which are not required
to match at boundaries. Structured grids ibout each elemenl.
can be generated independently with no compromise in grid
quality, and the experience gained in the application of
structured grids to complex viscous flows can be utilized.

The intent of the present study is to develop and evaluate a
technique for the rapid and efficient analysis of multi-
element high-lift systems. The .himera approach was
chosen because it allows for simplified generation of high
quality grids and the use of proven structured grid solvers.
Using the chimera approach, regions where more grid
resolution is required may be assigned additional Overlapped Grid

overlapping grids without modification of existing grids.
Changes in high-lift configuration can be rapidly analyzed
since independently gridded elements can be added or
subtracted at will, and movable surfaces can be easily
modelled by translation or rotation of existing grid- (e.g.
Reference 4). The CFL3D Euler/Navier-Stokes sol.-r
(Reference 5) modified to treat overlapping grids v.
selected due to its wide application to complex viscous
flows ard the generally excellent results obtained with its
use. Initially a Baldwin-Lomax algebraic turbulence model
was used for its simplicity and ease of application.
However a Baldwin-Barth one-equation model (Reference 6)
was incorporated to address deficiencies noted with the
simpler Baldwin-Lomax model. Transition was not treated
(i.e. flows were considered fully turbulent at all points).
The chosen approach is capable of treating three- GP24-05ig-2-V tpk

dimensional geometries without modification.

METHOD Figure 2. Unstructured, Blocked, and
The chimera scheme is a domain decomposition scheme Overlapped Grids About Two-Element Airfoil
first proposed by Benek and Steger (Reference 3). Its
application can be illustrated by considering a general



airfoil/flap :onfiguration as depicted in Figure 3,
Independent grds are generated about the airfoil and flap
elements. The flap grid is embedded within the airfoil grid Hole Cut in
and is outer boundary is updattd by interpolation from the Airfoil Grid
airfoil grid. To keep the airfoil grid froni calculating a
solution inside the solid surface of the flap airfoil grid
points which fall within the flap suiface are disigniated hole
points and removed from the solution. An artificial
boundary is established in the airfoil grid su-rounding the Fap Outer Boundary -
hole points and is updated by interpolati )n from the Interpolated From
overlapped region of the flap grid. In this vway a two-way Interpo it From

communication is established between tiwe a.rfoil and flap

gids, and the complete flowfield excluding 'egions within
solid surfaces can be calculated. The interpo!ation process A Frap Grid
is outlined in Figure 4 which details a po:tion of the Airfoil Grid

overlap region between the airfoil and flap grids. At each Airfoil Hole Boundary -

boundary two points are interpolated. Since the flow Interpolated From

solver difference stencil at any point uses information from GP24-0518 3 V-Ip Flap Grid

at most two neighboring points in any direction, the
solution is completely isolated from points within the rigtLe 3. Definition of Chimera
hole. Imsepolation Boundaries

The chimera solation tames part in two steps. In the first
step a pre-processor code is executed which determines the
location of hole points, determines outer boundary and Airfoil Grid
hole boundary points which must be interpolated, and F T -1 - I T I -
calculates the interpolation factors needed to update I__ I -I- I I Flap Grid
boundary points. The pre-processor code for CFL3D is L L Fa
called MAGGIE (Reference 7). Boundary points are updated Flap Grid
using a biliiear interpolation scheme which utilizes the L Surface
four surrounding points of the interpolating grid. It sihould -- Which
be noted that this interpolation scheme is not Generates
conservative, and that interpolation eirors are proportional Hole in
to the ratio of the area of the cell being interpolated to the Airfoil Grid
area of the cell providing the interpolation data (Reference • Ainoil Hole
8). -Region

The second step in the chimera solution is the flow solver. "-
CFL3D. In this study CFL3D is usd to solve the thin layer
approximation of the three-dimensional, time dependent, 0 Flat, outer boundary point
conservation law form of the Reynolds averaged, updated from airfoil grid
compressible Navier-Stokes equations. The code solves * Airto,, hole boundary point
the discretized flow equations implicitly using an upwind- updated from flap grid GP24 0518 4v -Vp

biased spatial differtncing scheme with either flux
difference splitting or flux vector splitting for the Figure 4. Detail of Airfoll/Flap Grid Overlap
convective and pressure terms, and central differencing for Region Illustrating Two-Point Overlap
the shear ;tress and heat transfer terms. The Roe-averaged Interpolation
flux difference splitting scheme was employed in this
study. The Baldwin-Lomax algebraic model or the Baldwin-
Barth one equation model was used to calculate turbulent selection of the points ised for interpolation. New
viscosity. In application to multi-element flows, the algorithms were implemented for determining which grids
Baldwin-Lomax model was applizd independently on each would be searched for interpolation factors ir. complex
element grid with no attempt to match turbulent viscosity overlapping grid regions. A new algorithm for
across ,-himera boundaries. It was found necessary to limit determining hole points was incorporated. This new hole
the search for the location of maximum vorticity which search algorithm greatly improves the hole determination
defines the length scale of the Baldwin-Lomax turbulence procedure (especially in three dimensions) and will be
model to the first peak in vorticity and not the absolute described in detail.
maximum of vorticity. Turbulent viscosity for the Baldwin-
Barth model was interpolated at chimera boundaries in the The original hole search algorithm implemented in
same manner as the flowfield variables. MAGGIE is based on defining boundaries which create a

surface enclosing the hole points. The outward normal
Many improvements to the MAGGIE grid pre-prom -ssor direction for each boundary is prescribed to defir.e an
code were required to increase the speed of generating 'outside' of the boundary. Initially all candidate points are

suitable chimera boundaries about complex configurations. assumed to be hole points, and each point is tested against
Biedron (Reference 9) improved the search routine for mie boundary to determine if it lics on the 'outside' of the
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boundary and is therefore outside of the hole creation RESU LTS

surface. A point is determined to be outside the boundary if The CFL3D chimera code was applied to three multi

the dot product of the vector front the closest point on the element airfoils for which test data is available Ech test
boundary to the candidate point with the outward surface was conducted to investigate physical phfeinoincria

normal vector at the hole boundary point is positive associated with niulti-element airfoils or the detailed

(Figure 5). This algorithm requires some user experience it performance of a specific multi-elemenit atitoil

defining hole creation surfaces and the division of the configuration. Due to the nature of such testing. specill

surfaces into boundaries (e.g. Reference It)). The new attention to test technique and long established guidelines
algorithm also requires the definition of a hole creation for two-dimensional airfoil testing were obserNed Since

surface enclosing the hole points, however there is no need the testing is aimed at acquiring airfoil data, there is n,
to specify outward normals or to divide the surface into error associated with Reynolds number 'calin 01

boundaries. To determine if a point is within the hole geometric fidelity which would be piesieni in _aje model

creation surface, the number of times a ray from the point testing of a development flight ,ehicle
to infinity intersects the hole creation surface is detenntined
(Figure 6). An odd number of intersections indicates the Two-Element Airfoil:

point is within the hole creation surface, and an even The first test case analyzed was a modified NLR 71011

number of intersections indicates the point is outside of the supercritical airfoil with a slotted trailing edge flap. The

hole. In prictice the new hole point algorithm has proven airfoil was modified such that no flow separation was

to be much more robust than the original. observed at low speed (Reference 12). Test data is available

at a Mach number of 0. 185 and Reynolds number of 2.51

million based on airfoil chord. No boundary layer
SX transition device was used. Data were collected at several

angles of attack for two flap gap distances ( 1.3%• and 2.6b'4

of airfoil chord) with a 20' flap deflection. A small laminar

separation bubble near the leading edge of the airfoil was

observed experimentally. Transition from lanminar to

turbulent botndary layer was generally seen to occur just aft

X Candidate hole point of thu. separation bubble on the airfoil upper surface at

OHole creation boundary point about 2.5% airfoil chord, at about 709/ chord on the airfoil

r- n'> 0 point outside boundary (non-hole point) lower surface, and 50% flap chord on the flap upper surface.
r'- n'< 0 point inside boundary (hole point) The flap lower surface exhibited laminar flow at all times.

GP24 -0518 5 Vt The main element and flap boundary layers were found to be
confluent for the 1.3% flap gap. The experiment also

Figure 5. Original Hole Determination Algorithm showed the flow in the flap cove region of the airfoil low er
surface to be near separation at the entrance and to be

experiencing re-laminarization of the boundary layer near

Ray From Hole Creation the flap leading edge.

Candidate Point Surface Representative computational grids used for this case are

shown in Figure 7. Main element and flap grids are of C
.X topology, with the main element grid extending to the

farfield. Two grid densities were evaluated. The coarse grid

X Candidate hole point had dimensions of 205x4
5 on the airfoil and 1

7
9x33 on

Odd Number of Intersections of Hole Creation Surface the flap, while the corresponding fine grid dimensions were

and Ray From Candidate Point Indicates Point Is 424x91 and 199x41. Initial point spacing off the solid

Inside Boundary GP2•40s05 6 v U surfaces was adjusted to yield a y+ of approximately one for

both the fine and coarse grids. Coarse grid solutions were

Figure 6. New Hole Determination Algorithm made using only the Baldwin-Lomax turbulence model.

Convergence of the solution showed a large dependence on

In order to increase computational efficiency, improved the turbulence model employed (Figure 8). The Baldwin-

farfield boundary conditions based on the mnettiod of Barth model .-equired approximately 20(") iterations to

asymptotic expansions (Reference 11) have been achieve force convergence, while the Baldwit-Lomax

incorporated into the flow solver. These boundary model required in excess of 80() iterations. It required

conditions are derived front the Euler equations about a approximately 40 minutes of Cray YMP CPU time to run

constant pressure rectilinear flow. They have been 2000 iterations on the fine grid using the Baldwin-Barth
demonstrated to produce more accurate results when turbulence model, while the Baldwin-Lomax model required

compared to those obtained using standard farfield approximately 20% less cpu time per iteration.

boundary conditions on a given grid. Conversely, similar
accuracy can be obtained on a smaller grid, reducing the Experimental pressure distributions are available at 6.0%,

number of points in the farfield grid and thereby reducing 10.1%. and 13.1* angles of attack, and comparison of the

computation time. To apply the improved boundary predicted and experimental pressure distributions are in
condition, the farfield boundary must be defined by analytic excellent agreement for both the coarse and fine grids at

curves, and is currently limited to parabolic curves for both flap gap distances (Figures 9 and 10). The fine grid

inflow boundaries and linear curves for outflow boundaries, solutions did show a slight improvement in tie prediction

LV,
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To investigate the effect of turbulence model on the

Airfoil and Flap Grids solution, find grid calculations were made for the 2.b6% flap
gap case utilizing the Baldwin-Barth turbulence model.

Pressure distributions (not shown) are virtually identical
with those obtained using the Baldwin-Lomax model.

Improved behavior near stall is obtained using the Baldwin-

Barth model, with the maximum lift occurring at 14,1I
angle of attack, but with a more gradual onset of stall than

indicated in the expeniment (Figure 13). No oscillatory
behavior was noted in convergence using the Baldwin-
Barth model. The Baldwin-Barth model also shows a
significant improvement in prediction of turbulent
boundary layer velocity profiles on the airfoil and flap

GP2"0518-7-V"u' upper surfaces (Figure 14). with a much improved

Figure 7. Computational Grids for NLR 7301 prediction of boundary layer thickness.

Airfoil With 200 Flap Comparison of predicted and experimental skin friction

distributions show reasonable agreement for both the
Baldwin-Lomax and Baldwin-Barth models on the airfoil

- B10-4 a l iin th upper surface (Figure 15). Experimental skin friction

10"-5 - - - -Bakkin-Lorriax -2 coefficients are available only for turbulent flow regions.
1 and therefore are not available for the major portion of the

1 0-6 .' ,-' 1lower surface. Comparison of experinmental and predicted

7 1,- 7  i-. /" 0 .'_ drag coefficients, however, are not in good agreement for
OD

Cr 0-1 
--8

"--Residual -2 -L 
Ime grid

L • Coarse grid

o -6 0 Experiment10-10 ,,I I f t J ' "-3 Z•

0 2 4 6 8 10 12 14 .2 >
:I:Iterations x 1,000 GP -51-V-.0'

GP24-0518-8-V-tpk W
0 -2

Figure 8. Convergence History for NLR 7301 -

Airfoil, 2.6% Gap • 0

M, = 0.185, a=60, Re = 2.51 x 106, Fine Grid

-16
Q.

of the suction peak pressure for the 1.3% flap gap 0.- 10

geometry. Comparison of experimental and calculated lift t

coefficients also show good agreement (Figure 11). Coarse - -8
grid results tend to overpredict the lift for both flap gap

0
distances, while the fine grid greatly improves the 0 -4
agreement for the 2.6% flap gap and gives a somewhat

smaller improvement for the 1.3% gap. The 1.3% flap gap 0 0

exhibited confluent boundary layers on the flap upper T

surface as shown by the flap boundary layer not recovering 4 I I I .
to the potential velocity before merging with the airfoil -16

wake (Figure 12). The relatively worse agreement of
predicted and experimental lift for the 1.3% gap may be -12 a= 13.1'
attributed to a greater sensitivity of this case to the C

boundary layer development, which was not modelled . _ -8
correctly due to the laminar flow on the flap upper surface W

and re-laminarization of the boundary layer in the flap cove 0 -
region. Coarse grid solutions would not converge at angles

of attack beyond 13.1'. Fine grid results were obtained at 0 0
15.1" angle of attack with the 2.6% gap case exhibiting an &_
oscillatory convergence. At 17.1" angle of attack the 1.3% 4 I I

gap case also exhibited oscillatory convergence. -0.2 0 0.2 0.4 0.6 0.8 1.0 1.2 1.4

Computations fail to predict the abrupt stall observed Relative Chordwise Location- X/C

experimentally at 15.1" angle of attack. The oscillatory GP24Ola-g-v•

convergence and failure to predict the abrupt stall is Figure 9. Computed and Expermental Pressure

attributed to the inadequacy of the Baldwin-Lomax Distributions for the NLR 7301 Airfoil
turbulence model in calculating the onset of separation and 2.6% Gap, M_ = 0.15, Re = 0.62 x10 6

the effects of massive separation.
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o Figure 11. Lift Curve for NLR 7301 Airfoil

-4 With 200 Slotted FlapS0 -• M_ =0.185, Re = 2.51 x 106
t = 0

rt 4 • I I I _
-0.2 0 0.2 0.4 0.6 0.8 1.0 1.2 1.4 Three-Element Airfoil-

The second test case was a GAW(I) airfoil with a slotted
Relative Chordwise Location - X/C

GP24e0518 1 flap and add-on leading edge slat (Reference 13). The
airfoil was tested with and without the slat present for a

Figure 10. Computed and Expermertal Pressure variety of flap and slat detlections. The test was conducted
Distributions for the NLR 7301 Airfoil at low speed for a Reynolds number of 0.62 million.

1 .3% Gap, M_ = 0.185, Re = 2.51 x 106  Transition was observed to occur at 5% airfoil chord on the
main element upper surface, and between 50% and 65"y

either the Baldwin-Lomax or Baldwin-Barth models, with chord on the lower surface. Transition was fixed at 1(0%
the computational results two to three times higher than slat chord for runs in which the slat was employed.
the experimental values. The higher predicted drag may be
due in part to the extensive laminar flow which exists in Computations were made with the flap deflected 40' with
the experiment but not modelled in the computations. and without the slat. When employed, the slat was

deflected 42'. Grids were again of C topology about each
The improved analytic boundary condittons were also element with the main elemer., outer boundary extending to
applied to the NLR airfoil. A grid with a parabolic outer the farfield and the slat and flap grids embedded (Figure 17).
boundary which extended only one chord length upstream Addition of the slat to the basic airfoil and flap
of the airfoil leading edge and 1.7 chord lengths configuration required no modification or additional grid
downstream of the airfoil trailing edge was generated about generation effort to the main element or flap grids. The
the main element. A larger reference grid was also grid sizes were 303x63 on the main element, 21 7 x29 on
generated which incorporated the smaller grid as a subset, the flap, and 19 3x29 on the slat. Additional cases with a
but extended the outer boundary to 7 chord lengths refined slat grid with dimensions of 193x57 were also
upstream of the leading edge and 10 chord lengths performed. Results were generated using the Baldwin-
downstream of the trailing edge. Pressure distributions and Lomax turbulence model as the Baldwin-Barth model failed
force coefficients generated on the smaller grid using the to converge for the slatted cases.
improved boundary conditions are in good agreement with
those generated on the larger grid using the standard Without the slat computed and experimental pressures are
boundary condition, while the standard boundary condition in good agreement (Figure 18), although the main element
used on the smaller grid shows considerable degradation in pressure peak is generally overpredicted. Some
the solution (Figure 16). The smaller grid reduced the discrepancies also occur at the minimum pressure location
number of points in the main element grid by of the trailing edge flap. In addition, a spike in pressure is
approximately 20%, with a corresponding reduction in generated in the computations by the sharp corners
CPU time. introduced by the way in which the blunt trailing edge of
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N 8 0
the true flap geometry was modelled (Figure 19). O0
Computations for the cases in which the leading edge slat 4
was present are not in its good agreement (Figure 20). In 0
general the computations tend to overpredict the pressure 48
peak and overall loading of the slat and underpredict the
loading of the main airfoil and flap. This behavior is 40
clearly evident from the pressure distributions at 5Y3 and 32
9.5' angle of attack, while at 14.07' the computational E
result appears to be more highly loaded on the main r 24 00

element than the experiment. This can be attributed to a N 16
separation on the main element which occurred in the
experiment but not in the computations. 8

0
Several attempts were made to improve the calculated 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 1.1 1.2results fut the slatted cases. The grid about the slat was U/1JPW

refined and different hole cutting schemes were attempted to
ensure that the separation which occurs under the slat FIgure 14. Computed Boundary Layer Velocity
surface was contained entirely within the slat grid and not Profiles Using Baldwin-Barth and Baldwn-Lomax
near the hole boundary of the main element grid. In Turbulence Models on NLR 7301 Airfoil,
addition, the slat geometry was modified such that the
separation underneath the slat was completely eliminated. 2.6% Gap, U.l = 0.185, a = 60, Re = 2.51 x10 6

Neither of these had any significant effect on the computed hole strategy considerably improved the agreement
Sresults. between the experimental and computed pressure

leidistributions (Figure 23). The reason for the differenceS~Four-Element Airfoil:
appears to be the different levels of turbulent viscosity

To further validate the solver, the four-element airfoil of which the flap grid perceives in the two different hole
Reference 14 was analyzed. This airfoil consists of a schemes. This is confirmed by the fact that the Baldwin-

leadling edge flat, ah mainrifoil waeltemet at fap vachnume, B a arth turbulence model, which interpolates turbulent
trailing edge flap. The airfoil was tested at a Mach number viscosity at chimera boundaries, did not show the same
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0.040 level of differences. Due to its better agreement w4ith
-- Ba"Win-Barth experimental data, the second hole strategy was used for all

E 0.032 .. Bakin-Lomax subsequent calculations.
* 0 Experiment0

D0.024 0 Comparisons of experimental and computed pressure
0 distributions are generally good (Figure 24). At 8.13
0 0.016 angle of attack there is a large discrepancy betweeno001 .experimental and predicted pressures on the vane element.

u_ .,apparently due to a separation on the vane upper surface

c 0.008 '- 0 which wat. not predicted computationally. At O.0' angle of

Wn attack this separation has apparently not yet developed,
0 11

0 0.2 0.4 0.6 0.8 1.0 1.2 1.4 and at 14.25' angle of attack the separation region has

Chordwise Location - X/C been reduced significantly and the computations are again
G,•12-s5ig-15-wOs in good agreement with experiment. The likely culprit for

Figure 15. Upper Surface Skin Friction missing the separation on the vane is the turbulence model.

CoefIctent Distribution Res,,lts at 8.13' angle of attack using the Baldwin-Barth

NLR 7301 Airfoil, 2.6% Flap Gap, turbulence model show virtually no ditference witt tnusL
presented for the Baldwin-Lomax model. The pressure

M_ = 0.188J, Re = 2.51x10 6  results presented here (using the Bald%%in-Loniax turbulence
of 0.2 and Reynolds number of 2.85 million, model) are consistent with those of Rogers. et al (Reference
Computational results for this airfoil have also been 15). who employed a Baldwin-Barth model.
reported by Rogers et al (Reference 15) using a chimera
approach with an incompressible Navier-Stokes solver CONCLUSIONS
employing a Baldwin-Barth turbulence model. A technique for the rapid analysis of multi-element high-

lift systems utilizing the chimera approach has been
For the present analysis C type grids were generated about evaluated. Navier-Stokes solutions have been obtained for
each element with the main airfoil grid extending to the two-, three-, and four-elenent airfoils using the technique.
farfield (Figure 21). In the vane/flap region, the grids of and varying agreement with experimental data has been
the main airfoil, vane, and flap all overlapped. The grid demonstrated a!; a function of airfoil geometry. Accuracy of
interactions in this region are complex, and the solution nulti-element airfoil analyses depends to a large extent on
exhibited a dependency on the way the holes were defined the complexity of the flow to be modelled. For the two-

about the various elements when using the Baldwin-Lomax element case without confluent boundary layer flow,
turbulence model. Two different holes were cut in the vane excellent prediction of lift is obtained up to stall, with
and flap grids near the trailing edge of the main airfoil maximum lift observed, at the same angle of attack as the
(Figure 22) and solutions were obtained at 8.13' angle of experiment and the predicted value of maximum lift within
attack. The first hole was cut around the airfoil trailing 2% of the experimental value. Good prediction of turbulent
edge such that the vane and flap grids extended above the boundary layer velocity profiles and skin friction is also
main airfoil wake, while the second hole removed all vane obtained, although drag is not well predicted. Less accurate
and flap points above the airfoil wake line. The second results are obtained for the case exhibiting confluent

-8

CI Cd

- Large Grid, Standard BC 2.377 +0472

-6 Small Grid, Improved BC 2.379 .0425
Small Grid, Standard BC 2.320 .1362
S. Experiment 2.366 .0225

-4 Large Grid
Pressure

0

2 I I
0.0 0.2 0.4 0.6 0.8 1.0 1.2 1.4

Relative Chordwise Location - X/C
0IP24-0518" 16"V/11S

Figure 16. Application of Improved Boundary Conditions
NLR 7301 Airfoil, 1.3% Flap Gap, M_, = 0.185, Alpha = 6.0
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2 2 1 I I I I I Baldwin-Barth model better predicts the detailed boundary

-0.2 0 0.2 0.4 0.6 0.8 1.0 1.2 1.4 layer parameters and gives a more positive indication of
Relative Chordwise Location - X/C stall, with none of the os~ith~tory convergence exhibited

GP24-0518 1s-v-bct, by the Baldwin-Lomax model. The Baldwin-Banth model

Figue 1. Cmptted nd xpeimetalhas also demonstrated a positive effect on convergence rate
Figu re 18 istoiputions foprimhena which can be significant for certain cases.

GAW Airfoil With Slotted Flap The chimera approach has shown itself to be a versatile
Mo = 0.15, Re = 0.62 x 106 too] which can greatly simplify the grid generation effort

boundary layer flow. and consequently modelling of flap and improve the grid quality for the Navier-Stokes analysis
gap effect is not accurate. Calculation of gap effects may of multi-element airfoils. Accurate and efficient solutions
require modelling of transitional and re-laminarizing can be obtained about complex configurations, limited by
boundary layers. Pressure comparisons for the three- the applicability of the flow models employed.
element airfoil are not good. probably because of the
separation which occurs on the undersurface of the leading REFERENCES
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Numerical Solution of the Navier-Stokes Equations for
High-Lift Configurations on Structured Composite Grids

T. E. Nelson D. W. Zingg G. W. Johnston

University of Toronto Institute for Aerospace Studies
4925 Dufferin Street, Downsview, Ontario

Canada, M3H 5T6

Summary Pr Prandtl number
p pressure

A numerical method is presented for the so- Q solution vector
lution of the compressible Reynolds-averaged, Wi Reynolds number
thin-layer Navier-Stokes equations on structured T eigenvector matrix
composite grids as applied to high-lift configu- u, v Cartesian velocities
rations. The method is an adaptation of an U, V contravariant velocities
implicit approximate factorization algorithm for x,y Cartesian coordinates
block structured composite grids. Interfaces be-
tween blocks are treated by overlapping the grids a angle of attack
and taking one layer of points from neighboring 3 relaxation constant
blocks. Turbulence is treated using the Baldwin- I ratio of specific heats

SBarth one-equation turbulence model. 6 deflection angle
High-lift applications presented for comparison 6ý, 61 spatial central difference operators

with wind tunnel data include: a NACA 4412 air- A eigenvalue matrix
foil with NACA 4415 flap, a GA(W)-I airfoil with ý, q/ curvilinear coordinates
a 29% chord flap at 30 degree flap angle and two p density
gap settings, and a GA(W)-1 airfoil with 15% r nondimensional time
chord slat and 29% chord flap. Good agreement
with experimental data is obtained for cases with Subscripts
fully attached flow or small regions of separated f flap
flow. For cases with extensive regions of flow sep- n main airfoil
aration, the thickness and extent of the separated s slat
regions are underpredicted.

Superscript
n time step

Nomenclature

a speed of sound 1 Introduction
A, B, M flux Jacobians
c chord length The flow around two-dimensional high-lift con-
CD drag coefficient figurations is complex, often containing multi-
CL lift coefficient pie separated regions, confluent boundary layers
CM pitching moment coefficient and compressibility effects, even at low onset flow
C, pressure coefficient speeds. The performance of high-lift devices, es-
E, F, S flux vectors pecially close to stall, can be difficult to predict
G gap and requires the solution of at least the Reynolds-
h time step averaged Navier-Stokes equations with a turbu-
J Jacobian lence model. This is an expensive computational
M Mach number task which is made even more time consuming by
0 overlap the necessity of generating a field grid.
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Considerable progress has been made in solv- ditions required by the grid generator and solver
ing the Navier-Stokes equations for high-lift con- are all deternmined automatically. The result is
figurations. Recent papers on the topic include an H-type topology about the configuration. An
methods for the incompressible Navier-Stokes example of the block decomposition and the con-
equations [1] and for the compressible Navier- nections that result is shown in Figure 1 for the
Stokes equations [2], [3],[4],[5]. Investigators have case of an airfoil and flap. Fewer blocks could be
employed structured, patched grids [1], [2],[3], specified by allowing multipleconnections or mul-
overlapping Chimera grids [1], [5] and unstruc- tiple boundary conditions on block sides. How-
tured grids [4]. Turbulence models used include ever, to maintain simplicity for the flow solver.
the Baldwin-Lomax model [1], [2], [3], [4],[5] and blocks with only one connection or boundarv con-
the Baldwin-Barth model [1], [5]. dition on each side have been permitted.

However, many difficulties still remain. Turbu- Grids of types other than I1 may be generated
lence models which are simple enough for prac- by specifying the block boundaries manually. For
tical computations can be inaccurate for corn- example, a stacked C-type grid could be gener-
plex flows. Unsteady flow may occur on high-lift ated by interactively defining the Il[ :1 hound-
configurations especially near stall or post-stall. aries with a CAD program. The ., i age of
Such cases require time accurate computations. the automated approach is the eas,, ,%ilt which
This paper applies a well-established numneri- new geometries may be gridded. For instance, a
cal meth• .d for the Navier-Stokes equations to matrix of gaps and overlaps for a flap optinliza-
several high-lift configurations. Extensive comn- tion study may be quickly gridded with approxi-
parisons with experimental data are made in- mately the same number of points and resolution.
cluding turbulence data, thereby contributing to In contrast, specifying the block boundaries in-
the evaluation of the Baldwin-Barth turbulence teractively is a lengthy process for each geometry
model [6]. and would be onerous for optimization studies.

The disadvantage of the automated procedure is
that the H-type topology requires more points to

2 Grid Generation resolve the flow than C or 0 type grids. This

increases memory requirements and computingA computational grid is needed in the flow field time for the solver.
tsurrounding the high-lift system of airfoils in or-ssThe second step in the grid generation proce-

der to solve the Navier-Stokes equations. Gen- dure is to distribute points on block sides and
erating an appropriate grid around a practi- produce an interior grid. Points may be dis-
cal multi-element geometry can be a difficult tributed by a variety of methods, but usually
task. Problems encountered include blunt trail- hyperbolic tangent distributions are used so the
ing edges, various gaps and overlaps between el- spacing at each end of a block side may be spec-
ements, detachable slats, and cove regions with ified. Also, if desired, points may be clustered
sharp corners. part way along a block side. Within each block,

A single structured body-conforming grid can- a starting grid is generated using a simple alge-
not usually be generated around practical con- braic technique, transfinite interpolation.
figurations so either unstructured grids or struc- Finally, the composite grid is smoothed using
tured composite grids are required. By first di- an elliptic grid generation method [9]. Block
viding the domain into topologically rectangular boundaries are usually held fixed, with fixed
blocks, a structured grid may be generated within points on each side. However, they may also be
each block. This approach is taken here and is allowed to move freely as part of the solution of
known as multi-block. It has been used by a num- the elliptic system. Or, alternatively, the bound-
ber of researchers for practical problems in two ary points may be allowed to move constrained
and three dimensions [7]. to the original boundary curves.

An automated procedure has been used to di- The final grid is smooth, with point and slope
vide the domain into topologically rectangular continuity of grid lines at block boundaries. Also,
blocks and generate grids [8]. The grid gener- grid lines are usually orthogonal at block edges.
ation is accomplished in three steps. First the The exception is at special points, where slope
domain is divided into blocks by tracing stream- continuity cannot be maintained. An example of
lines and equipotential lines determined from the continuiy c otbe maintained. an ex apsoluionof he otetia flw poblm, ompted a complete grid for the GA(W)-1 airfoil and flapsolution of the potential flow problem, computed in a wind tunnel is shown in Figure 2.

using a panel method. Curves specifying block
boundaries, block connections and boundary con-
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3 Numerical Technique for The matrices A, b and A! are the flux Jacobians,

Solving the Navier-Stokes defined by

Equations • ok 0• (9)E utosA= --- , fi= --- , Mq = -- (9)
,9Q OQ ioQ

3.1 Solution Method
and _A" = Qn+1 - rQn.

The solution method used here for the thin- The diagonal form of the algorithm is
layer Navier-Stokes equations is an adaptation
of the diagonal form of the Beam and Warning T( (I + h/n A(] N [I + hhb,,A, ] 7IIA NQ- R
implicit approximate factorization algorithm in (10)
generalized coordinates, as used in the program where
ARC2D [10]. The method is summarized here to Ac T-'4Tc (11)
enable discussion of interface conditions.

The thin-layer Navier-Stokes equations in gen- A, T,7 BT, (12)

eralized curvilinear coordinates are and
N=T( T, 7  (13)

(1) The matrices A( and A, are diagonal matrices

where whose elements are the eigenvalues of the flux Ja-
p cobians. The viscous flux Jacobian R cannot be

J- PU diagonalized with the flux Jacobian B so it has
p= (2) been dropped from the left hand side of equa-
e tion (10). However, a term approximating the

PIT viscous eigenvalues is added to the diagonal, asdescribed by Pulliam [10]. With combined sec-

S= J-- pu" + p( ond and fourth order implicit nonlinear dissipa-
P?'U + (Yp tion, the diagonal algorithm requires the solu-

U(e + P) - 6P tion of scalar pentadiagonal systems of equations

pV rather than block pentadiagonal systems, which

P j = j- puV + 77,p (4) are required for equation (7).

pvV + 'IVP
V(e + p)- rtp 3.2 Application of Boundary Con-

0 ditions
?1 m1 + i7ym 2  For implicit centered difference codes with ex-,• 1 7), M- rx 2 + IlyIn3 (5) plicit boundary conditions all variables must be

r.(urM1 + 1iM2 + M 4 ) specified at each boundary. As a result, the num-

+ rlV(utn2 + Vn 3 + MO ber of numerical boundary conditions required
and may exceed the number of physical boundary

conditions. In a multi-block scheme, if each block
mn = p(4qxu, - 2,lv,,)/3 is to be solved independently then additional con-
m2 = P(qYu'7 + 14,n) ditions must also be specified at grid interfaces.
M3 = + (6 The boundary conditions used here closely fol-

m13 = !A(--2rU,, + 4iv,)/3 (6) low the work of Pulliam [10]. The exception

in 4 = uPr-'(y - 1)-ir 1 O,,(a 2 ) is a viscous outflow boundary for internal flows,

,= upr-1(7 -_ 1)- Ily,(a2 ) specifically the case ofan airfoil in a wind tunnel;
then the static pressure is specified. If both the

With implicit Euler time marching, approximate upstream and downstream pressures are known
factorization and centered spatial differences, the from the experiment then they may be speci-
delta form of the algorithm is fled directly. Otherwise the downstream pres-

sure is adjusted such that the inflow pressure is
[l+h6•,A'][I+hb, •n-h3?-'b J-t•]A~n fin •,po. Thus for internal flow at a subsonic viscous

(7) outflow boundary p, pu, and pv are extrapolated
where the right-hand side is from the interior and

n -h[býEk' + 6,, - 16,,gn] (8) Poutflow = o.uioaw +•,Ape-- (14)
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where ) is a relaxation constant and are obtained for the block boundaries. An inter-
mediate update is then applied so that

AA = 4 + P((18)
and Pinflow is defined to be the average of the
upper and lower wall pressures just downstream the new values of AQ^n are then loaded into bothof the thn oiddnlet.ot
of the inlet. adjacent blocks for use in the next sweep. Af-

ter the 'i sweep is completed, the values on the
3.3 Interface Conditions at Block boundaries are averaged again,

Boundaries I ( ,_X \ ()

In a structured data b-,e, the solution is stored 2I I

in a series of n x m x 4 arrays with the bound- and this average value is used to update the solu-
ary between neighboring blocks stored in both tion on both blocks. Although this simple inter-
blocks. The solution technique, however, re- face condition is not nonreflecting, dhe resulting
quires additional information from the neighbor- multi-block procedure is as robust as the origi-
ing blocks if a solution is to be obtained for the nal algorithm arid, most importantly, converges
interface points. This introduces the concept of to exactly the same solution obtained on a sin-
halo points. If a block is surrounded by an ex- gle block grid. At the interface, disturbances are
tra layer of points, then prior to the next solution partially reflected but these are most noticeable
step, the halo points may be filled with data front at start-up when the boundary conditions are
the adjacent block. These data may then be used ramped in. Over several hundred iterations they
as required. appear to be no worse than the reflections due to

Halo points can be used in several ways. The the exTolicit boundary conditions and the rate of
usual approach is to determine how far away the convergence is not adversely effected.
algorithm needs data and then to copy the ap- It is very important that the metrics and dis-
propriate number of rows or columns of points. sipation be treated in the same manner across a
Normally, artificial dissipation is the constrain- block interface. Otherwise, the program may fail
ing quantity and for the form of dissipation used to converge completely or may diverge. Also, if
here, three extra rows would be required. Alter- the intermediate update is not applied then the
natively, just one row of halo points can be used. stability of the scheme is severely degraded.
Rather than computing the dissipation in one
step, intermediate quantities can be computed 3.4 Turbulence Model
and stored in workspace arrays and data passed
to halo points of the workspace arrays. The ad- The choice of turbulence model can have a sig-
vantage of the first approach is that only one copy nificant impact on computing times and accu-
between blocks is required at the beginning of racy. Usually, simple algebraic models such as
each step. In the second approach, which is used the Baldwin-Lomax model have been employed
here, less memory is needed for halo point data (111. These models have been used successfully
but additional copies are required. Care must for single element airfoil computations includ-
be taken when copying data between blocks be- ingshock/bou ndary-layer interactions,small sep-
cause the storage location and sign of the data arations [12] and computations near maximum
may change depending on the orientation of the lift [13].
blocks and the data type. For high-lift computations with multiple ele-

Once the dissipation terms and the right hand ments, simple algebraic eddy viscosity models
side have been determined for each block, an im- are inadequate. Confluent boundary layers, large
plicit time step may be taken and equation (10) separated regions and separated wakes cannot
may be solved in two steps. If the product matrix be treated properly. One would expect that
N is split into its factors T-Tq then equation improved results could be obtained with one-
(10) may be rewritten as shown equation or two-equation eddy viscosity models.

There are indications, however, that even these
Tf [1+ h6bAt]T'AQ~n =fin (16) models may be unable to predict the interaction

T" [I + hb A,] Tý- I An = Aý (1)of a wake and a boundary layer [14] or large sep-
[(17) arations [15] and that algebraic Reynolds stress

n models or even more elaborate turbulence mod-
After the t sweep is completed, two values of ~els are required. In particular, Squire found that

-w _



the strong interaction of the near wake of a slat tunnel wall effects. so the wind tunnel was in-
with a main airfoil boundary layer may result in cluded in the computations. Inviscid boundar)
.negative eddy viscosity' [14]. This phenomenon conditions were applied at th,- wind tunnel walls
cannot be modelled by an eddy viscosity model, to avoid computing the wind tunnel "'all bound-
Such effects are quite local, and should not dona- ary layer. The wind tunnel test section extended
inate the flow. As a result, one-equation or two- two chords upstreanm of the leading edge anld
equation models may be adequate in many situ- three chords downstream, so the computational
ations. boundaries were placed at the saine locations.

The turbulence model used in this paper is Approximately 70,000 points were used for the
that of Baldwin and Barth [6]. It is a one- grid and the off-wall spa( n8g -as set to 2 X 10- 5c
equa'ion model that is fairly easy to implement to ensure that y+ < 1 for the f'rst point off the
and has recently been applied to high-lift prob- surface.
lems by Rogers et al. [1] for the incompressible In initial computations, transition was fixed at
Navier-Stokes equations and by Rentze et al. [51 the locations specified in tihe experiment. A lain-
for the compressible Navier-Stckes equations on inar separation bubble was predicted on the main
Chimera overset grids, airfoil. Unfortunately, the bubble was not stable

Prior to implementing the model in the multi- and was occasionall) shed downstream, resulting
block code, it was tested for a single element air- in an unsteady solution. in ord•-r to obtain steady
foil at high lift and compared to the Baldwin- results, the transition point was moved forward
Lomax turbulence model. The test case se- to the leading edge.
lected, which was previously examined by An- The conmputation was performed for the NACA
derson et al. using the Baldwin-Lomax tur- 4412 and NACA 4415 airfoils with both sharp
bulence model [13], is a NACA 0012 airfoil at and blunt trailing edges. For sharp trailing edge
K = 3.0 x 106 and M = 0.3. The computed and airfoils, the computation converged very well.
experimental lift coefficients are shown in Fig- With blunt trailing edges, some unstcadiness oc-
ure 3. As may be seen from the plot, the pre- curred in the wake region which prevented corn-
diction of CL.,_. is lower for the Baldwin-Barth plete convergence. A comparison of the conver-
model than for the Baldwin-Lomax model, which gence history for the two cases is shown in Fig-
is very close to the experimental results. At an- ure 4. Differences between the two solutions were
gles of attack higher than 16 degrees the solution small and the results presented below arc- for the
became unsteady for both turbulence models and blunt base airfoils.
steady post-stall solutions could not be obtained. A comparison of the pressure distribution with

experiment is shown in Figure 5. The pressure
distribution on the flap agrees quite well with

4 Results experiment and the flow separates at 87% flap
chord, close to the experimentally observed value

4.1 NACA 4412 Airfoil with of 93%. The computed suction peak on the main
NACA 4415 Flap airfoil is higher than in the experiment and re-

The first multi-element case considered is the sults in additional lift. Wind tunnel wall pres-

airfoil and flap experiment of Adair and Home sures are shown in the same figure and the agree-
[161. The experiment consisted of surface pre- ment is fairly good except near the upstreata and

sure measurements an,! flow field measurements the downstream boundaries. The discrepancy
iusing both near the boundaries indicates that the locationof vlocty nd urbuenc quntiiesof the boundaries may have affected the compu-

hot-wire and laser anemometry. The airfoil sec- taeional results.

tion was a NACA 4412 with a NACA 4415 flap. Conaresons.

The model was positioned at a = 8.2*, 61 = Comparisons of velocity profiles at five stations

21.80, Gf = 3.5%c, Of = 2.8%c and tested at are shown in Figure 6. As may be seen in the fig-

3? = 1.8 x 106, M = 0.09. Transition was fixed ure, the boundary layer is predicted quite well

at z/c = 0.025 and x/c = 0.010 downstream on the main airfoil at stations 1 and 2. The

from the pressure minimum on the main airfoil flow velocity through the slot, station 4, is un-

upper and lower surfaces respectively. On the derpredicted but the wake of the main airfoil is

upper surface of the flap, transition was fixed at predicted fairly well. At the flap trailing edge,

x/c = 0.008 downstream of the minimum pres- station 12, the computed flow has a separated

sure; on the lower surface transition was free. boundary layer profile but the region of reversed
SThe data presented were not corrected for wind flow is thinner than seen in the experiment. Sim-
Th aapeetdwr ntcretdfrwn
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ilar results for profiles and pressure distribution

were obtained by Rogers et al. fl] using an in-

compressible Navier-Stokes solution method with configurations.

the Baldwin-Barth turbulence model. Case a . b, GC 0f

B1 3.98 30 4.0 0.0
4.2 GA(W)-I Airfoil with 29% B2 7.94 30 4.0 0-0

chord Fowler Flap B4 4.13 30 2.5 0.0
B4.5 8.00 30 ",5 0.0

The next case considered is a GA(W)-I airfoil
with a 29% chord Fowler flap. The experimen-
tal data are from Braden, Whipkey, Jones and The computed pressure distribution for case
Lilley, who investigated the flow field for 25 com- B4 agrees well with experiment, as may be seen
binations of flap settings, slat settings and angles in Figure '. Boundary layer and Reynolds shear
of attack [17]. Included in the experiment were stress profiles for the upper surface of the main
laser velocimeter measurements of velocity pro- airfoil are showi, iii Figure 8. The vel icity profiles
files, turbulence intensities and Reynolds shear show good agreement, although the Reynolds
stresses. Also included were surface pressure stress is overpredicted in the outer boundary
measurements, and skin friction and boundary- layer.
layer parameters derived from the profiles. All On the flap, similar reselts arc obtained for
the data from the wind tunnel report were incor- the confluent boundary layer vel.hcity profiles, as
rected, so wind tunnel walls were again included shown in Figure 9 The wake of the main airfoil
in the computations. The tunnel height was is capturo'd well as is the development of the flap
3.33 chords, the upstre-nm boundary was placed bhindary layer. Near the trailing edge a very

at 4 chords ahead of the leading edge and the small separated regio, i s predicted at station 70
downstream boundary was placed 5 chords down- but the experimental profile appears to be at-
stream of the leading edge. The off-wall spacing tached. Agreement for the Reynolds stress pro-
for the grids was again set to 2 x 10- 5 c to ensure files is only fair. In the wake of the inaia airfoil
that y• < I for the first point off the surface. the magnitude of the Reynolds stress is initially
Approximately 60,000 points were used for each _... -edicted but further downstrearm is signifi-
grid and typically 20 to 30 points were included cantly underprodicted. This agrees with results
across boundary layer regions. presented by Rentze et al., who showed that the

Experimental test conditions were = 0.62 x Baldwin-Barth turbulence model underpredicted
106 and 20 psf which correspond to %1 = 0.116. the eddy viscosity in the wake of a slat as it de-
Transition was free but was noted to occur natu- vetoped across the tipper surface of the main air-
rally at less than 5% chord on th. upper surface joil [5]. This result will be discussed further in
of the main airfoil and between 50 and 65% chord the next section.
on the lower surface of the mari airfoil. For the In all four airfoil and flap computati(,ns the
computations, the upper surfaces of the main air- separation in the coy- revion of the main airfoil
foil and flap were assumed to be fully turbulent is significantly underpredicted. An example L.
and transition was set on the lower surfaces at shown in Figure 10 for case B2 which is typical
55% chord on the main airfoil and just ahead of of all four cases. At x/c = 0.66, which corre-
the trailing edge on the flap. sponds to the entrance of the cove, the computed

Computations were performed on four airfoil boundary layer profile is attached whoreas the
and flap configurations The cases selected were experimental profile is separated. Further down.
all 6, = 300 with overlap = 0.0%c. Aigles of stream at x/c = G.71 and x/c = 0.76 the com-
attack of a = 40 and a =. were computed with puted value of the maximum reversed flow v-
two gaps, Gf = 2.5%c and G! = 4.0%c. The locity is correct but the bubble is only one-third
designations are shown in Table 1. The case with as thik as in the experiment. After the flow
(1 = 2.5%c and a = 8*, designated B4.5, was reattaches, the profiles are predicted well as seen
not included in the experiment Lat was computed at x/c = 0.92. This station correoponds to the
here to examine the effect of the flap gap. For the entrance of the slot and demonstrates that un-
narrow gap, cases B4 and B4.5, the flow over the derpredicting the s( paration in the cove does nit
flap is fully attached. however, with the wide dramatically affect the slot flow and hence the

gap, cases B1 and B2, there is a large separated flap loading. This agrees wit: experiments which
flow region on the flap. have demonstrated that high-lift per" rmance is

I
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fairly insensitive to cove shape (18]. case resulted in 31 blocks. A total of 90,000

For the wide gap cases, there is a large sepa- points were used for the grid and the off-wall
ration on the flap. For case BI, a = 4, the flap spacing grids was set to 2 x 10--"c.
separation is underpredicted, as shown in Fig- A comparison of the computed pressure distr.
ure 11. Because the flap separation is underpre- bution and experiment is shown in Figure 15. As

dicted, the flap carries more load than it should mnay be seen in the figure, the pressure distribu-
which in turn increases the loading of the main tion agrees very well for the main airfoil and the

airfoil. Profiles of the velocity in the confluent flap. For the slat, however, the suction on the
boundary layer over the flap are shown in Fig- upper surface is overpredicted. This result is ob-
ure 12. The main airfoil wake is initially cap- tained because the computed separation on the

tured well but becomes progressively worse. The lower surface of the slat is too small. As may
flap separation may be seen clearly at station be seen from the experimental pressure distribu-
(x/C)f = 0.27. Although the computed profile tion, stagnation pressure was recorded at 13.57cc.

is separated, the extent of reversed flow is much In the computations, however, the reattachment
too small. This result is similar to that seen for point is further forward, at 107c. Therefore, ef-
the cove separation on the main airfoil. However, fectively, the slat has more camber which results

high-lift performance is sensitive to flap separa- in higher loading than seen in the experiment.

tion whereas the cove separation is not, as signif- The details of the computed flow may be seen in

icant. Figure 16 which clearly shows the large separa-
A comparison of the lift coefficients for the tion on the lower surface of the slat and the point

computed cases with the experimental data from of reattachment. The flow is attached at the up-

Braden et al. is shown in Figure 13. The effect per surface trailing edge of both the main airfoil
of gap is underpredicted because the flap separa- and flap, so the resulting pressure distributions

tion is underpredicted. Also included in the plot for these elements agree fairly well with experi-

are corrected experimental lift coefficients from ,nent. The separation in the cove region of the

Wentz and Seetharam, which were obtained at main airfoil is underpredicted as before.

R = 2.2 x 10' [19]. The computed lift coeffi- Comparisons of velocity and Reynolds stress
cients are close to the lift curve from Wentz and profiles for the upper surface of the main air-

Seetharam because in the higher Reynolds num- foil are shown in Figure 17. The effect of the
her experiment there is less extensive separated merging slat wake on the boundary layer pro-

flow. file is clearly seen in the computations but is not
well resolved in the experiment. Ilowever, it ap-

4.3 GA(W)-I Airfoil with Slat and pears that the wake develops and merges more

Flap quickly in the computations than is seen in the
experiment. This is consistent with the results of

The three-element configuration considered here Rentze et al. [5] for a three-element configuration
is a GA(W)-1 main airfoil with a 15%c slat at with the same turbulence model.

6, = 42', G, = 1.5%c, 0, = 2.5%c, and a 29%c
Fowler flap at 6f = 40', GI = 1.5%c, Of C c
1.5%c. The entire configuration is at. a = 5.3' Conclusions
and corresponds to case F-1 of Braden et al. [17]. A method for solving the compressible thin-layer

The flow field about a three element config- Avmetod forasong the compressiblentin-
uration is considerably more complicated than g ations equations around high-lift config-
for a flap alone. The leading edge slat depresses urations on structured composite grids has been

the suction peak on the main airfoil which tends presented. The method is based on the approxi-mate factorization technique used in the program
to delay stall. However, the slat wake interacts ARC2D. Interfaces between blocks are treated
with the boundary layer on the upper surface of using interlappin procdure theated

the main airfoil which promotes early boundary using a simple overlapping procedure with an in-

layer separation. The merging wakes then inter- termediate update. Turbulence is modelled us-

act with the slot flow over the flap. The flow is ing the Baldwin-Barth one-equaticn turbulence

further complicated by the separation in the cove model. Grids were generated with the aid of an
region of the main airfoil and on the underside of ted procedure which divides the domaincsisinto blocks.
the slat. A diagram of the three element case Good agreement with experiment is obtained
shown in Figure 14. when the flow about the configuration is attached

or regions of separated flow are small. Compu-
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Figure 4: Convergence history for Adair and Horne test case of NACA 4412 airfoil with NACA 4415
flap. Results with sharp and blunt trailing edges.
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Figure 5: Surface pressures and wind tunnel wall pressures for Adair and Horne airfoil and flap test
case.
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Figure 6: Comparison of velocity profiles for Adair and Horne airfoil and flap test case.
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Figure 8: Boundary layer and Reynolds stress profiles on the upper surface of tile main airfoil for
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Station 68, (X/C)F = 0.03 Station 70, (XC)F = 0.27 Station 68, (/C)F = 0.03 Station 70, (X/C)F= 0.27

0.150 0.150 - -- 0.150 --- 0.1.,

0.125 0.125 0.125 -•," 0.125

0.100- 0.100 * 0.100- 0,100-

0.075 0.055 7 0.071,-

Y/C '.ct Y 70 Y,,c
0.050 * 0.050- 0.050- * 0.050

0.025- * 0.025 0.02 0.02

0.0 0.5 1.0 1.5 -0.5 0.0 0.5 1.0 1.5 1.0 0.0 1.0 2.0 -1.0 -0.5 0.0 0.5 1.0
U/UA,, U/ 100"(twU/,l) 100 (M/Ut

2
.)

Figure 9: Boundary layer and Reynolds stress profiles on the upper surface of the flap for the

GA(W)-1 airfoil and flap case B4.
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Figure 10: Boundary layer p~rofiles in the cove legion of the main airfoil for GA(XV)-1 airfoil and
flap case B2.
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Figure 11: Comparison of experimental and computed pressurie distributions for GA(N%)-1 airfoil
29% chord Fowler flap case 131.
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Figure 12: Boundary layer profiles ott the upper surface of the flap GA(W%)-1 airfoil and flap case

B1.



9-13
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1.80 o~ruW narrow gap

C Wnpulac. wide gap

: ept.. narrow gap

1.4 ~ e xp.. wide gas)
expt.. narrow gap. Re.2.2 million

a

Figure 13: Lift curves for GA(W)-1 airfoil and flap test cases.
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Figure 14: Flow field interactions around an airfoil with slat and flap.
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Figure 15: Comparison of experimental and computed surface pressures for GA(WV)-1 airfoil withIslat and flap.
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Figure 16: Streamlines on the lower surface of the slat for the GA(NN)-1 airfoil with slat and flap.

Station 457, X/C 0.02 Station 458, XIC =0. 10 Station 457. X/C 0.02 Station 458. XfC =0. 10
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Figure 17: Velocity and Reynolds stress profiles on the main airfoil for GA(WV)-I airfoil wit~h slat
and flap.
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SI ;MM ARY 1.0 INTRODLIC ION

.An experimental program has been conducted to assess Increased performance requirements for high-lift sstems,
t ic performance of a transport multiclement airfoil at in the commercial tiansport sector hase cauýekcd ireneed
ilight Reynolds numbers. The studies were performed at emphasis in multielement airfoil aerodynaics. Ihe
chord Reynolds numbers as high as 16 million in the focus of the more recent research has bccn on undei-
NASA Langley Low Turbulence Pressure Tunnel. standing Reynolds and Mach number effects on high-lift
Sidewall boundary-layer control to enforce flow two- optimization' ' with the ultimate aim of imp-ioing max-
dimensionality was provided via an endplate suction imum lift capability as well as lift-to-drag rfatios.
system. The basic airfoil was an 11.55% thick supercrit-
ical airfoil representative of the stall critical station of a The majority of the reported in~esigatin, haxe di-
new-generation transport aircraft wing. The multiele- cussed performance effects due itn Retnold,i hnd Machment airfoil wvas configured as a threeclecment airfoil w-iih cse efrac fet u i enru'adM
lat aidrfol was chordratio s af 14.rea nd a0irfoiel- wit number variations on generic high-lift configurations

slat and flap chord ratiois of 14.41WX% and .3(0%- respec- Additionally, these studies have ctoncentrated tin
tively. Testing focused on the development of landing Additinally results of op tration
configurations with high maximum lift capability and the reporting the results eif rigging optimizationi
assessment of Reynolds and Mach number effects. Also (gapioverhang) and their effect on airfoil performance.
assessed were high-lift performance effects due to devices Thcse investigations have greatly added tni the existing
such as drooped spoilers and trailing-edge wedges. The high-lift database with relevant results at flight and nearn
present experimental studies revealed significant effects flight conditions.
on high-lift airfoil performance due to Reynolds and
Mach number variations and favorable lift increments at This document repor ts Non experiments conducted ait high
approach angles of attack due to the use of drooped Reynolds numbers to develop performance concepts 1-or
spoilers or trailing-edge wedges. Howe\er, no substantial high-lift transpoit aircraft applications. 'The concepts

maximum lift capability were identified. treated in this in%estig-ution are niodificatituns to the
improvements in high liformability wcrc ident trailing edge of the muliclenment airfoil and include
A recently developed high perfogrmance single-segment
flap was also tested and results indicated considerable deflected spoilars. trailing en. ge wedges and a nes ,inrile-
improvements in lift and drag performance over existing segment fap design.
airfoils. Additionally, it was found that this new flap The work docunented in this pae is the reult t4 1
shape at its optimum rigging was less sensitive to
Reynolds number variations than previous designs. cooperative experimental program conducted b\ the

D)ouglas Aircraft Company and the NASA Langlcy
NOMENCLATURE Re,,earch Center. The experiments were conducted in the

NASA Langley Low Turbulence Pressure Tunnel (LI PT)
c airfoil chord (slat and flap stowed) in Hampton. Virginia. The alhn is to :ugmeni the existing

database of Reynolds and Mach number effects on high-
Q lift coefficient lift performance and new concepts.

cfMAX maximum lift coefficient 2.0 MODEL GEOME TRIES

C, pressure coefficient The model tested utilized an I 1.55"lo thick supciluical
airfoil representative of the estimated stall-critical

M Mach number location on an advanced design subsonic transport. lhe
model spanned the width of the test section and had a

OH overhang clean (stowed) airfoil chord of 22 inches. Ihe single-
element and the multielement airfoils tested are shown in

RN Reynolds number Figure I. The slat chord ratio was 14.48% and the
single-segment flap chord ratio was 30% of the stowed

angle of attack (degrees) airfoil chord. Pressure orifices were located along the
ernterline of the model (146 taps for the three-element

asr~tAL stall angle (degrees) configuration) and along or near the trailing edge of each
component. Surface pressures were measured via nine

6, flap deflection (degrees) Electronic Sensing Pressure (ESP) modules calibrated to
15, 30, 45, and 100 psig as required by model aero-

i slat deflection (degrees) dynamic loading. Accuracy for the ESP's was + 0.1%
of full scale value. Integration of pressure measurements

,Sp spoiler deflection (degrees) yielded the forces presented in this publication. Four
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rows of streamlined support brackets for the high-lift element and angles of I Sý, 30, 45 . and 60' 'See tL-.ci,
devices (Figure 2) were reqiired due to the very high on the three-element configuration. I he sedgcs %,cic
loads (approximately 15.000 pounds) developed at some glued to the airfoil lower surface at the ilailing edge -\ti
of the maximum lift conditions. The nomenclature wedges were sealed with Room I etpetatute %ulc:ii•ti/
defining the key geometric parameters of high-lift systems (RTV) to present fno, through the Aedge ai toil Junk iui,

is shown in Figure 3. A sketch of a 30' tfailing edge wedge ipplied to the
single- and three-element aitfoils is -hown in I iguic 4.

0•~ ~ =,5,1 d eg7

Figure 4. 30' Wedge on Single- zitd I lttec- Fe-me it
Figure I. Airfoil Geometries [ested in the LTPT Airfoils

S 3.0 L FPI TESTr FACILITIY

The Langley Low Turbulence Pressure ILtnnel is A single

return, closed-throat wind tunnel (Figure 5) that can be
operated up to 10 atmospheres thus allowing seiN high
Reynolds number capability'. The test section is I feel
wide by 7.5 feet high by 7.5 feet long.

H*&tlngJCoO1ilg
High-Uft Model Support Cotls

Wake Survey
Rake Strut

Figure 2. View of High-lift Model Support Brackets"/

Wvesrhang Sidewall BLC
owventing System .- 9 Antiturbultflcep (-) Shown 7 nScreens

-.- -S .Figure 5. Schematic of Low Turbulence Pressure FTnnCl

To promote two-dimensional flow over the model in siew
of its low aspect ratio and strong wall interference, a new

Gap side-wall boundary-layer control (BLC) system was
installed in the LYPT'. The BLC system employed the
differential pressure between the test section and the

Clean Wing atmosphere to provide suction of the sidewall boundars-
Max Length Line layer through porous endplates (Figures 6 and 7). 1 he

+Overhang -Overhang system yielded good quality two-dimensional flow over
the model for the Reynolds numbers tested as indicated
by the flap trailing edge spanwise pressures shown in
Figure 8. The criterion used to define "two-

Overhar dimensionality" was the observation (at run time) of suf-
-Overhang ficiently flat trailing edge pressures in the spanwise

(direction (±0.5%/ of leading edge peak). Examination of
Figure 8 reveals that there are two peaks in the spanwise
pressures at 15% and 85% span for the case with

Figure 3. Nomenclature for Multielements sidewall suction. These spikes were attributed to the
presence of the outboard brackets (10.7% and 89.3%

The model could also be configured with positively span) and were found to be relatively insensitive to
deflected spoiler surfaces with angles of 5' and 10' as sidewall suction rate. Hence, these peaks were not con-
shown in Figure I. The spoiler geometry was removable sidered when assessing the two-dimensionality of the
and each spoiler deflection consisted of a steel model part flow. Representative trailing edge pressures with these
at the appropriate deflection. two spanwise stations removed are shown in Figure 9.

While this procedure may appear somewhat arbitrary, it
In addition to the above-mentioned configurations, was found that removing the two pressure spikes caused
trailing edge wedges which were 3% of chord in length by the brackets did not improve spanwise pressure dis-
were also tested on both the single- and three-element tributions that were otherwise not flat (see also Figure X.).
airfoils. A wedge angle of 30' was tested on the single-



program ýkas to mneasure the petOt niance effects due io
PAM" deflected spoiler (S 10 ) ýipphclicatioiis oii eitntitOp*FavI

"Ir valve landing configuiation I hc flap gap and 05 erhang •etec
ield cons.ltant to isol'ite the effects duc to '.poilet

d~.amv deflecct i onI.
L T P T P lip e

Tom.• .e -- It was found that for this aiffoil application. droo0png the
V*#W tn-vm spoiler (S5 or I0ý) actually decreased the illi\imluni lift

.... CONOcam SP"l capability' and stall angle (IF-igures 9 and 10i). I loweseri------- oer most of the lift curve, the lift coefficient at a gein
- angle-of-attack was considerahl] incrcased h, the

drooped spoiler (Figure I I The extra lift was generated
largely by the main element, as showkn in lignie I I. anid
is a consequence of its increased aft cambet Besides

F generating more lift, drooping the spoiler changed t'he
MO / vvecharacter of the stall, leading to a shat per stall.

Flax "0"4-s
M =0.20 _ RN = Sxo0'I

4.4- RN = I xN 10,o
Figure 6. Boundary L.aver Venting Systeti 4.3

4.2

4.0

0 5 10 Is
,(d")

Figure 9. +ffect of Spoiler Deflet tion on Maiumn linft
of a Thrce-Element Ai foil.

30 ,i - 3•

23
2 M =0.20 ORN=5 100

Figure 7. Porous Endplates of Boundarv-I aver Control - RN 9 x 1O
System 21

-0520
4.5 (dog)

-0 .3 Si e w l S u c tio n )

-0.2 RN = 16 x 106 I1
C, "0.1 M =0.20

0.0 0 5 10
0.1 - 6. (dog)
0.2
o.3- - - - -- Figure I0. Effect of Spoiler Deflection on Stall Angle
0.4 ofa Ilhrecel- lenient A it foil,0.4

0 10 20 30 ,4o 50 60 70 90 9o 100 5, - 30' 5, 3o'

Nondimenslonal Model Span (%)

Figure 8. Comparison of Trailing Edge Spanwise e-e- , =6"

Pressures With and Without Sidewall Suction. 45 B B &, _ TOTAL

a = 16* 4.0 i-_ , 0-

3.6 MANYMN

4.0 RESULTS AND DISCUSSION 3.0

The following discussion reviews results obtained for Z5
drooped spoiler effects, trailing edge wedge applications, zo
and the performance of a new generation single-segment
flap design. The test results were obtained transition free
at 0.20 Mach number and a chord Reynolds number of to ST
9 x 106, unless otherwise specified. This condition is rep-
resentative of full-scale at the estimated critical wing sta- 0. .
tion for low-speed stall on an advanced medium range 0.0
transport aircraft. 0 2 4 6 8 10 12 14 18 20 222

a (DEGREES)
4.1 DROOPED SPOILER EFFECTS

Positively deflected spoiler surfaces (trailing edge down) Figure II. Effect of Spoiler Deflection on Lift of a
have been used successfully on military aircraft to Three-Element Airfoil, 5S = 30' 6F = 3W
enhance lift generation. An objective of the present
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Two key observations can be made from these results,. -e
First, the increased loading on the main clement leads t0 -78
reduced loading on the flap (downwash) and increased -- ,
loading on the slat (upwash). Second, increased loading -e --

on the slat leads to the slat stalling soon after the main
clement stalls. This effect is not present for the unde- -6

flected spoiler case, where the slat does not stall at all. 4
To further illustrate these observations surface pressure, Cp
at 8' angle of attack (approach) are shown in Figures 12. -3 MA,, EL.F.M•L1 tAP

13, and 14. Figure 13 clearly indicates increased circu- -2
lation on the slat with increasing spoiler deflection. -fhe
authors attribute upwash from the main element as the -1
cause for this effect. Conversely, the flap surface pies- 0
sures of Figure 14 indicate reduced flap circulation with
spoiler deflection. Again, the mechanism for this effect I
is believed to be downwash from the main clement. In 2
general, application of drooped spoilers to the preset 80 85 90 96 100 10 110 11 120 2 130 136 140

transport airfoil indicated maximum lift decrements bUt X/C (%)
substantial increases in lift at a given angle-of-attack.

Figure 14. Effect of Spoilci )el]ctlion or I iling-l dvtc
Surface Pre,,,ure D)iiributiiw - ,ut a I hiee-

-8 r Elemn ent Airfoil. 1, 0 ,i A

-7 •- -e -a &1 *7 ,-r Sitrnimarv results of Reianolds funrU hei t'ct'f,, :iii nx-
6- !. to. imum lift for the three configurations, kidih spotler- 6 deflections oft)", 5. and 10' aoe ,hmt n in H igue I S I he

oterall trend with increasing Rex roldý, nuhCi rs iimil:ar
,-4 -F (increased maximum lift) to 1hat obta:ined %iph ,he

-3 ar ,•N ~~trn.P baseline configtltion

-1 M = 0.20

0 4.4

IC . 4.3 -

________________ C,
0 20 40 60 80 100 120 140 4.2

4.1 1
0
-I be 5d89p= 10 deg

Figure 12. Effect of Spoiler Deflection on Surface 4.00 5 10 Is 20
Pressure Distributions of a Three- Flement RN (x 10 4)
Airfoil. (5, 30' 51 - 3W

Figure 15. Effect of Reynolds Number on Maximum

Lift, 5 -- 36- 5 - 30"

4 ---7-,OI 4.2 [RAILING EDGE WEDGE EF'FECIS

.6 To simulate the effects of a ,mall (3% chord) split flap
MAIN ELEMENT on low speed performance, wedges were attached to both

the single- and three-element airfoil. A wedge with an' angle of 30- was tested on the single-element airfoil and
3 1. 30, 45 and 6W wedges were applied to the flap of

the three-element ;itfoil as described in Section ?
.2

.1 The intent of this study wa-s to identify the fraction of the
"0 i maximum lift increment realized on the single-element

o airfoil (Figure 16) that is retained when the high-lift
components are deployed. It can be seen from Figure 17

2 ,that the wedge provides a lift increment throughout the

o 5 0 2 2 3 lift curve that diminishes with angle of attack. The max-
0 1 23 3 i•mum lift coefficient for this three-element landing con-
X/C (%) figuration is only marginally increased ( + 0.02) by the use

of the wedge. It is worth noting that most of the increase

Figure 13. Effect of Spoiler Deflection on Leading-Edge in lift is generated by the main clement and not the flap
Surface Pressure Distributions of a Three- as might be expected. The mechanism for the increase
Element Airfoil, ks = 30^r ,S - 30^ in lift is the augmented loading on the much larger main

element caused by upwash from the flap.
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20 4.1 ADVANC:ED SlN1JI.-SFI-,G.[NI 1 LAP

1.5 An ads anced flap cor opi dcx eloped at Douglas Air~ t at
1.0 SLAT was a s~o Tested and is still%\w nt in I ig Ute 20). 1t 11IC\w

0.50340041'. shtape is significartlk ili~'!ient thain the baseline L1ip. 111tC
_______________________________________________________ ad\ anced flap wa-is designed To reduce flo,\w spara~tion ,ion

00 tile flap sur f'ace) for landing flap deflections. A\ cotipar-
0 2 4 6 a 10 12 'A 10 18 20 22 24 ison of1 flap sut face pressures meýisUted ;it art ;ipprT-'aiL

a (DEGREES) cotndition (,it 30 , ai - 91is shoixti itt Figure 21 aind
ulemotistraics the itrnprm entent ox er the baseline flip. It

Figure 17. Effect oif a1 30 Wedge on the ILift o!- a Thrtee- can ailso he seen that the ads:) ced Fýip wasi Able TO sirs-
Element Airfodil.5- 30 Jj - 30' tain an increased suction penk while mintaint-ittg

at tached flow. It his; incrteased suctic on peak \\:is pr esc rt
ResulIts obta inedi with 1 5' 30) 45' ,a rid 604 Wsedges ottI up to anrd including the ma xinitumi lift conditior (i ~gutre
the three-element arirfoil for arainge of Re~ nolds nlumbers, 221. where both flaps display attached flow. I his
are shown in Figure 18. Increases in maximum lilt increased suctiorn peak increases the loading oin tire flaip.
capabilitv (from the baseline) are mori; apparent for rlre especially at the lower irrgles orf aittack. I he petlrfrniintC
4s' wedge application. Addttion ilkx, the maximum lift improvement duie nto ilie ads anced flap is show~n in I igUre
IC\ ClS (rut at wedge angles oif 45' and greater (for a '23. The tottal lift) of the three-elerrent tirtfnil inrcrase
Reynolds; number of 9 Y 10'). The results obtained ;it 5 with the advanced flap. This includes a niimni im~l lift
Y 10' indicated a significant increase in mnaximiun lift increase nif f 01.07. Nnntablv. drag lesels are reduced.
betwecen the baseline (no wcdgel and the (r0' wedge especially arorund the appro'ach conditirrn ((/ 3 I.1)
application. However. at the higher Reyýnolds nunmber T~Ihis; decrease in dlrag at approach is shown in Figure 24

x10') this increment all btit disappears. Thus, testIing it to be 29%. rser the baseline flap.
a Reynolds number oif 5 millioin prorduces trends which
don nort occur at the higher Reynolds ntrmbcrs

4.4

W e d g A n l e ( o g)F ig r ure 21). A d s a n c e d F la p S h a p e
Figure 18. Effect Rey-nolds Number run Maximnum l-ift.
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40. ~---The new flap shape exhibits different optimization trends,

'25 tI' in that of the baseline flap4 . Because ,large-scale

20 ~separation oin the baseline flap. the hest iocations for

maximum lift occurrCed with positis e ovcrhangs lo\eriicl-

I ping) andi large gaps (1.5 to 2.^,). '1he optimiiation for

the advanced flap are shown in Figures 26 through 214.

05 . nlik e the baseline flap. the advanced flap optimizes at

00000o 00 003 OWO negative (or iero) oserhangs with gaps bi'tween I and

(DEOWES) C 1.5"%. The dashedt lines in Fgures 26 through 29 are

estimated] lines oif constant (f*For the four

deflections tecsted. the maximum lEft decreases as, the

flap/spoiler overlap increases (mnore positive overhang)

Figutre 21. kcomparison of the [Lift and Drag for the Thc flow about the advanLced flap is better hehased than

Baseline and Advanced] Flaps,, that for the baseline flap, thus allowing the flap to take

30W 5, - 30' advantage of additional Fowler motion.
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AdvJancedI F-lap Shape. i! . configuratiorn (01.02). thle maxNitunt~n lift inkcrement fot

the 45' wedge case; wias i 0.017. %Most of the lifti
RN =9 x 10' M = 0.2 ist= 30 dog 8t,= 37.5 dog iicreticteit was due to the niaiit elemeini, and not the

0.0 flap.

6. PRevohds nunmber effects, ott the three-eerenett tiaiflingr
4. - 30 4.40 edg~e wedge applicat ott wetc e igttifica wt . the lokise

Flap r.S44-51(5 x 10') Reynolds number daita ll~indcated( iticicisig
Gap to.0 maximurn lift wit It increasing wedge airgle (ilp to

(% C)4.~\ 6(0'). 1 owe icr (tlie 9 x 10(' Reynold s no mher di t
exhibited a nmuch smialler inicrease than ithe 5 10t'

154.00 data. Additionally, the tretnds with isedge atigle isere
not teprodticed betweeQn the two Reynolds mntinthers.

2.5 2 1.5 1 0.5 0 -0.5 -1 .1.5

Flap Overhang (% C) 7. A new advanced single-segnietit flap shaipe wkas
tested. The itew shaipe led to significantttv reduced
flow separation for the single-segtteiti landing n(inp
case. I otal airfuoil profile drag at approach ss.;"

Figure 2R. Mlaximumn I ift Coefficienti ContourTs filt itt reduced by 29"- over the baselinte dicwn.
Ads anced 1Flip Shape. Ji( 1,.

8. The advanced flap was not as Revitidd number sert-
RN =B. 1' U 02 , = I~1 g ~sitise as the baseline flap at thle higher Reynolds

FIN= x10 M .2 b. ? cog BF40dog nLIMbers tC~tCdl.
0.0

9. -1 he optimurni rigging of t he adv anced flap shape wasi,
4.15' siubstanltiallv differettt than that of the baselitte( ~design. The advanced flap OptintizedI m snmaller gaps

Flap 4.3 4 and m(ore negatis e overhangs for increased Fossler
Gap 1.0 .C41 4.49. tin
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UNE METHODE D'INTERACTION VISQUEUX NON-VISQUEUX
POUR ECOULEMENTS INCOMPRESSIBLES HYPERSUSTENTES

SUR PROFILS MULTI-CORPS

EN REGIME DE DECOLLEMENT PROFOND

(A VISCOUS-IN VISCID SOLVER
FOR HIGH-LIF'r INCOMPRESSIBLE FLOWS

OVER MULTI-ELEMENT AIRFOILS
AT DEEP SEPARATION CONDITIONS)

J.C. Le Balleur et M. Nkron

ONERA, BP 72. 92322 Chuifiton Cedex (France)

Abstract. La methode est validee par rapport ai une experimentation
ONERA. sur i'hypersucstentateur triple-corps RA16SCI, avec la

A viscous -inviscid interaction numerical method for in- geometrie de bec stv~re AMD. Une non-unicite realiste des
compressible flows over multi-elements airfoils, which is an ex- solutions d'ecoulements decolks a &e mise en lu,,zkre par la
tenfsionl of the numerical method previousl ' suggested for mcethode tie calcul. Un accord calcul-expe~rience satisfaisant est
compressible attached or separated or even stalled flows over obtenu, avec le modele de turbulence ij 2 e~quations propose
airfoils, is presented. The robust algorithms of the method are
capable now to converge as well for attached flows or mas-
sively' separated flows, such as induced by' slope discontinuities
of airfoils or slats, or such as induced by, stall. The viscous -

inviscid approach introduces a self-adaptative viscous grid in 1. INTRODUCTION.
both normal and streamwise directions along the displacement
surfaces. with everywhere a streamvvise grid-resolution oif the La mrtthode num~rique d'interaction visqueux-non
same order as the separating boundary layer thichnesses, even visqueux pour les &coulenients incompressibles d'hyper-
at slat apexes, which is believed to eliminate any, aleatorv, sustentateurs pr~sent&e ici, dont l'origine remonte a la ref. [21
effect of numerical viscosity. des rn~mes auteurs, a 6t depuis lors ddvelopp~e en prolonge-

The method is validated with respect to ONERA experiments. ment direct de la mn~thode num~rique propos~e par ailleurs
on the three-element RA16SCI high-lift device, with the severe pour les &coulements compressibles attaches ou d~coll~s de
AMD slat-geometry. A realistic non-uniqueness of the separat- profits d'ailes, Le Balleur 131[11[171191, dont les progr~s r~cents
ed flow solutions has been exhibited by the calculation method. 131111191 ont permis de donner acc6s au calcul des
A satisfactory agreement between theory and experiment is ob- decollements massifs et du d&rochage profond.
tamned, with the suggested 2 equation turbulence model. Dans le cas de l'hyprutnain e lsd rgv

n~cessaire vers le calcul des &coulements massivement
d~coblls, qui &tait dejýt rencontrd sur les profits d'ailes au
d~crochage, be calcul doit aborder la plus grande complexit6

R16sumnk. des dcoulements visqueux, ainsi que la plus grande complexitd
des gdom~tries, qui incorporent souvent des singularit~s, par

Une in~hode num~rique d'interaction visqueux - non exmesulsbe.
visqueux pour les kcouleinents incoinpressibles sur les profils L-a pr~sente m~thode num~rique montre que la simulation
multi-corps, qui est un prolongement de la m~thode numirique numdrique par interaction visqueux - non visqueux peut 8tre
sugg~rke pr&idemment pour les k~oulements compressibles rendue op~rationnelle, pourvu que les progr6s r~cemnment ob-
attaches ou dkollis voire dkroches sur les profils d'ailes, est tenus [31111, A la fois sur les algorithmes de couplage et Sur
pr~sent&. Les algorithmes robustes de la m~rhode sont main- l'extension des mod~les de couche-mince, soient introduits.
tenant capables de convergence tant pour les ecoulements La simulation par interaction visqueux - non visqueux met
attaches que massivement decolles, tels que ceux induits par de plus I'accent sur les cornraintes de finesse de diser~tisation
les discontinuits de pente des profils ou des becs, ou que ceux n~cessaires, qui exigent que les pas d'espace en direction de
induits par le dkrochage. L'approche d'interaction visqueux - IUdoulement dans le voisinage des d&ollements soient
non visqueux introduit un maillage visqueu~x auto-adaptatif & la toujours maintenus du m~me ordre que I'dpaisseur de la
fois en direction normale, et dans la direction de l'icoulement couche incidente qui va d~coller, du momns si un calcub r~aliste
le long des surfaces de &eplacement, avec partout une de ces processus de d~collement est souhtaitt. Cette contrainte
risolution de maillage dans la direction de l'&oulement du d'6chelle de discrdtisation, d'origine physique, introduit des
m~me ordre que l'~paisseur des couches limites sur le point de dchelles extrimement petites sur les bees anguleux. Elle est
decoller, mame aux apex des bees anguleux. ce qul 0imine dvidemnment toujours prisente dans les calculs, dans les
tout effet aliatoire de viscositi numirique. m~thodes d'interaction visqueux - non visqueux, comme dans
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les mn~thodes de resolution "directe' d'dquations de Navier- 2.3. Forme intftrale en RItftrentitl de Dkplacement".
Stokes. Le diffaut d'une telle resolution dierdtis&e a dchelle
fine reviendrait 1 faire reposer le processus de d&ollement c~al- Une simple integrationi en _x de (1)(2) entre la paroi
culd sur un effet aldatoire de viscosit6 num~rique, i moths -

2  Zý (. 1 et l'infini tournit les equations integrales, pleine-
d'introduire une modt~isation locale du type "volume de con- ment dquivalentes. Les equations int~grales peuvent s'ecrire,
ti-ole". soit le long d'une coordonn&c curviligne W)l sur la surface de

S'il ne peut &re tiable de faire reposer le calcul des zones d~placement. sont le long d'une cuordonn~e curviligne t. i stir
voisines du d&collement sur la dissipation num~rique, la paroi. Les vitesses (visquetise et non-visqueuse) normales a
lintroduction dventuelle d'une moddlisation addicionnelle dans la surface de d~placement, nott~es a 2 ea u2, doixent ýtre
les &chelles fines ne doit pas Etre rejet~e. Cependlant. la distingu~es des vitesses (visquetise et non-visqucuse) normales
m~thodologie d'interaction visqueux - non visqueux semble ý Ia paroi, notdes f. el w.. Designant par q le module de la
maintenant offi-ir la possibilitd d'introduire ý la fois I'acc6s 1 vitesse non-visqueuse, et ± les cot6s superieur/infkneur en cas
lechelle de rt~solution fine correcte au decollement, et 1'acc~s de nappe de sillage
au calcul du ddcoIlement massif, tout en conservant ces avan- r 61
tages habiruels de tr6s faible diffusion num~rique, Dans cette a ,1 -I
optique, les raffinements locaux n~cessaires du maillage sont __P ýq0 +

d'un abord plus ais6 si lVon maintient un calcul non-visqucux q- q61
quasi-incomipressible. discr~tisý par m~thode de singularit6-P"s.;ý

Pq ---- cosy. UV,-Pl, 3
2. EQUATIONS ET MODELES. 2

La presente mdthode de calcul, 4 l'exception du calcul
non-visqueux incompressible. est identique ýi Ia m~thode 17 . xk A r ( .1 12 + (P - )a +
nume~rique proposie pour les dcoulements compressibles
attach"s ou decolks de profils d'ailes, incluant le calcul du Cos V sin V1l4
d~crochage profond. Le Balleur 131171111. On pourra se rcport-
er It [I pour une prdsentation d&tatilde. avec

g2.1. Th~orie de "Formulation-Dtficitaire". ýqýP, --paj'al~id

Les equations de Navier-Stokes sont dissocides en 2 I
syst~mes coupk~s 6quivalents en utilisant la th~orie de I t
"Formulation -Ddfcitaire "de Le Balleur [41171[91131[11. La E q -;iu I
thdonie est utilise ici en introduisant une troncature de a
couche-mince dans les 6quations. Cette troncature nintroduic t5
pas de restriction majeure une fois dcrite en RMf~rentiel de En plus des equations de masse et de mouvement, le
D36placement". voir 131 ou [II]. systmerl (3). choisi ici de rang-3, inclut l'dquation

d'entrainement. qui est une collocation le long de Ia surface
2=6 W) avec le6quation locale de mouvement du syst~me (1)

2.2. Equations locales en "couche-mince'., selon x1. Contrairement At de nombreuses affirmations, les
equations intdgrales sont momns restrictives que celles de

RappelIons que la thdorie de "Formulation- Wflcitaire." Prandtl, parce que p, p, p. u) sont ici supposes ýrre 6volutifs
proposee vers 1980 et compldt~e par lintroduction du sclon x2 au sein de la couche visqueuse, Le Balleur t411811121,
"R~f~rentiel de D~placement" 13), permet de gdn~raliser cette extension ne rdsultant que du choix optimal de d~finition
l'emploi d'6quations de couche-mince au d~collement massif. des dpaisseurs intdgrales ('Formulation-D.~ficitaire" par rapport
Dans ce r~fdrentiel, Ia direction x 2 devient sensiblement nor- aux flux).
male A Ia surface de deplacement (inconnue avant calcul).

X20 est alors la surface de ddplacement et non-plus A Ia 2.4. Modele de prolils de s'itesse turbulents paramfktriques.
paroi. qui devient .x = Zjx'). Les 6quations visqueuses, en
th~orie de "Formiulation- Ddflcitai re" 3[311, lorsque I'on choisit
de les tronquer par des approximations de couche-mince, On utilise la description analytique originale des profils de
s'Ecrivent, si P12 d~signe Ia contrainte de cisaillement cc i J, vitesse moyenne turbulents sugg~r&e pr~cddemment, L~e Balleur
7,k disignent respectivement Ie jacobien et les symboles de 17119][81131, moddlisation construite tant pour les 6coulements

Christoffel des coordonnies curvilignes attachts que massivement dicoik~s, voir [91. Elie est ici
appliqu&e sous sa forme la plus compItc (31, avee sous-couche[pu , -pal rhj J. Ol f laminaire et terme D d'amortissement

j=1,.2 (I -q~'8 X2)fa 1) F 5 J sillage

+ £L f~oioi de parvi

_P.' (lb) IC 1 k'~ 2urdentero(Psu-fidprat u ,p ,1 
(4a)

Fluide Mecl: a. Ypr, loi !amirzareij =1,21-lw j D + D aRs{ g. deIr



Z' max[ 0 2.406[a'- 0.5844))

~=i-. a - A =iF(z) d,
A z-

1LgR[C-'+5.25k k 1~ k 4 11 (4b) /

Cette mo~lisation des profils de vitesse foumnit aussi une / 1
modelisation g~n~rale de 1lentrainement turbulent d'6quilibre I / /
131[71[11,. compte tenu de la definition dle E dans (3) W/U1 1 -/

ENq 4 f U + C 5CL -1 (4c)

C 4 = 0,062, G0  6.5. C5 =C5 (C4,G 0 .- ,Cf.) 3. METIIODES NUMERIQUE,,.

ou a. cI ,Cf corr~spondent aux valeurs de a', Cf calcul~es pour Les mdthodes num~riques, utilis~es pour la couche
la plaque plane en incompressible, au m~me R8 et avec un vsuuee orIagrtm eculg otietqe
param~rre de Clauser Go. celles developpkes en fluide compressible pour les profits

d'ailes. Le Balleur [31111171.
2.5. Modkie de turbulence k-tau.

3.1. Methode nurnhrique visqueuse.
Les effets de turbulence hors-6quilibre sont calcules en

ajoutant le mod~le ý 2 Equations de transport de Le Balleur

171131, qui peut Etre utilis6 aussi bien dans les mdthodes- locales Rappelons que la methode num~nque de couche visqucuse
(calcui tic i , , et dans les mdthodes-int~grales (entrainement et est de nature hybride entre m~thodes-intdgrales et m~thodes-
dissipation). Ce mod~le suggdrd en 1981 a pour originalitd, locales.
d'une part de "forcer' le mod~le de Launder-Rodi par la A chaque station (x'), les profils de vitesse param~triques
rnoddlisation des profils de vitesse. ce qui le rend mieux adapt6 turbulents des relations (4) sont discr~tis~s sclon x entre
aux dcoulements ddcollks, et d'autre part d'effectuer un calcul X 2 = Z et x 2 8 avec un maillage en x'/b qui est auto-
en termes d'deart aux valeurs donndes par le mod~le adaptatif a 8 et a Ia formne du profit de vitesse. La discretisation

d'qilbe(cnrine 12e etaneetEe) '&r auto-adaptative utilise ici 37 noeuds optimisds, d~pendants de
1l6quilibre est suppos6 Etre invariant en direction x 2, et Etre cal- a', avec des sch~mas implicites de trap~zes pour lier les gran-
culd selon xi par 2 Equations (intdgrales) de transport. Celles-ci deurs; locales et integrales.
calculent des effets d'histoire pour l'dnergie cin~tique tur-
bulente moyenn~e en x~ not~e k(x ) , et pour la contraintc de estioentaon(',I ytm d&utIon n~re
cisaillement de Reynolds moyennde en x notde t(X 1) en x- est discrdtisd sur le maillage curviligne (x ) de surface de

d~placement, projection sur cette surface du maillage curviligne
Contrainte locale :1 t t () 1 (9. X de paroi (s). Notons que F'intdgration en x (normale ý la

lie] couche visqueuse) n'est plus ici normale A la paroi, Le Balleur
131[91

Entrainemern global £ - E.,
i 1, 5, 1,l.5, (5a)

2 q p

x 5 18 [q~ -I (4d 1 q pq g2LCosw
a f~ 1  

Wb -.t -~- b= E, 
2 Cos

Pq2Hl = IH ,
Lscefcetetgrandeurs, d'6qu~Iibre qui apparaissent dans 0 -b

le mod~le sont prdcisds dans Le Balleur [1113][7]. sin W = sD./ q
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La pri~sente mithode reprend la discretisation robuste en (s, x I) Le Balleur 13)111I1101, en variables complexes

developpee depuis dle nombreuses anntes, Le Balleur -I II w
[7118113 ft11, s --narehing et non-liniairement implicite en s,. 2. i), (0 + I(~
Elie commute diffirents sch~mas num~riques en direction s, de
second-ordre, ou de premier ordre si le maillage devient gros- w w . ~ ,-
sier, voir I1 I.- '0,,

Les inconnues "non-visqueuses" du probl~nie visqueux a ~ ttl)~' =-

(5a), notdes avec un signe chapeau, (4 , i,,,q ), doivent &tre

coupl~es aux quantitds correspondantes du probl~ne non- )3'I0No y-1 Sil V'

visqueux, qui sont notdes (q, w./q). Pour 6viter les problernes r , l

de singularitt de dicollement, le probI~me visqueux est rdsolu. I -A= I I Sl

avant couplage, soit en mode direct, soit en mode inverse. A it i

chaque noeud (i, 1) et itdration de couplage N, le syst~me =scuss~

discrdtis6 (5a) est fertn6 par la relation (5b), elle-rm~mc
discri~tis&6 par des sch~mas centrds pour (a4/a~s) et Dans ces expressions, le terme V correspond a I'arnplitication
eventuellement d~centris-aval pour (aqlas) :complexe de I'algorithr-ne de point fixe 'direct" (A1' etant de cc

e= 0 Direct fait I'amplification coinpiexe de I'algorithrne de point tixe "in-

e=IInverse verse"). On notera quc la relaxation w2, uý ci-dessus
f ~~correspond A la forme originelle dle I'algorithire "Semni-

F. N inverse", L~e Balleur 161, c'est A dire 3 tine relaxation optimiale
- + (I -E) _01 0 (5b) -1 = 1-g-1, mais quc l'ecriture ici en variable coniplexe de wo

4 Ja sI inclut 6galement I'analyse de Wigton, Holt I1I11, voir 1121. On

La commutation d'un mode direct (E 0) vets un mode remarquera entin que I'algorithme 'Semi-inverse Massive-

inverse (e = 1) est asservie au paramncre de forme du profil de separation" conduit, ni~n e en subsonique, a cc que les 2

vitesse (a 1> 0.28 par exemple), Le Balleur [71131, termes (t) et (0 soient actifs et non-nuls. Le Balleur J311101.

312. Couplage :Algorithme "Semi-inverse Massive-separat ion". 3.3. Calcul des sillages.

A chaque itration de couplage, la vitesse normale 3 )a Le calcul visqucux direct/inverse et le couplage en effet

paroi non-visqueuse w,$" (ou 'nien la discontinuitý de vitesse de d~placement sont effectuds sur les sillages de la mn~me fa-

normale non-visqueuse sur les sillages .cwZ>), qui tradluit I'effet con que sur les couches limites, et Ics decollements eventuels

de d~placement g~n~ralisd, est modifie en chaque noeud de tndutts par les gradtents de vitesse peuvent y etre calcules. Cc

couplage (i, 1) de mani~re explicite grice AI Ialgorithme caicul des sillages est conduit ici dans I'hypothi~se du traite-

"Setmi-inverse" de Le Balleur 16113)1101111 mnent simplifi6 issu de la settle pantic sym~trique des equations,
voir Le Balleur [71- L'effet de courbure est pris en compte

~F1~wN1dans la m~thode, comme dans 171. mais tous les calculs ont ici
w ). w s conduits sans cet effet.

Eni plus de P'algoricthme de couplage, on UtiliS:- pour

r r2.chaque sillage l'algorithme de mise en dquilibre propos6 pour

+ -0 Ljq dq 6 les protils mono-corps. Le Balleur 171, repris en detail dans
q ds ds q~ ds1 ~ dS2 J 1 11131.

0 <0w <2,

La pr6sente m~thode utilise l'extension r~cente "Semi- 3.4. Mikthode nunurique non-visqueuse.

inverse Massive- separation" de 1'algorithme. Ce nouvel algor-
ithme g~n~ralise I'algorithme originel dans le cas oOf w,/Iq Le calcul incompressible non-visqucux est effectud par la

cesse d'Etre petit, mais peut devenir de l'ordre de l'urnt6. Le m-tthode de singularitds propos~e par Ic second auteur, d~jA

Balleur 131111. prdsentcee en 121.

Rappelons de plus que, dans la thdorie numdrique du Dants cette mathode. le conditionnement num~riquc est

couplage associce & l'algorithme "Semi- inverse", voir 111, la amdliore en distribuant sur les parois des profils. dans les zones

technique num~rique s-marching du probl~me visqueux permet de faible epaisseur pr-s des bords de fuite, une double

A chaque statior '. 1) une flimination des variables internes ripartition de singularitds sources et tourbillons.
"purement visqit cs", Le Balleur 151[61171131. cc qui donne L'augmentation correspondlante du rang du syst~me est utilis&e

IVen chaque noeud pour imposer localement des conditions de rdgularitd aux
- 6coulements tictifs que [a distribution de singulanitds indluit 1

0 1V- '(I =0 (7) l'intdrieur des prolils. L'emploi d'unc tidle m~thodc de
I.q as -'. singularitlds mixte dans ces zones de faible 6paisseur, associde

Les coefficients (of, (0~ (0 3 ci-dlessus sont, dans A des contraintes supplementaires appropri~es permet en effet
l'lgrthe Smiinese d e alercacl~ e hau d'utiliser les singularitds de fagon optimale, en limitant l'erreur

nocud (i) de couplage. Ce calcul est tell que w.* corresponde d ic~iain

b la solution (lin~aris&e) de couplage exact sur le nombre Un traitement num~rique satisfaisant dans les zones dle

d'onde maximal 161[71131 a.,~ du maillage. Une surrelaxation faible idpaisseur est tout particu~irement n~cessa're ici dans le

de 2 est alors Ia limite de stabilitd 161171- Pour l'algorithme cas de profils multi-corps. dont les corps principaux et les bees

"Semi-inverse Massive-separation", les coefficients s'6crivent, prdsentent pr~s de leurs bords de fuite des 6paisseurs



g~ndralernent faibles. 43. Conditions des comparaisons calcul-ciptrience.

Num~riquement,, our les iterations de couplage, la
mamrce inverse du syst~me non-visqueux discrttisd (siflages Les calcuk sont compares aux resultats d'essais 1131
exclus) est invariante, et stockte, aussi longtemps que le mail- obtenus ii lONERA dans les souffleries Si Ca en 1980 et
lage (adaptatif) W'est pas rdactualisd. F1 en 1984. Ces essais ont &0 effectu~s entre panucaux (b

1,01 in), sur une Inaquette de 0,5 in de corde de reference, a
une vitesse de 40 inils, et a des nombres de Reynolds de 1,2
10' et 1,9 10". Les essais ont etc effectues en transition
naturelle, les efforts 6tant obtenus par integration des pressions

4. RESULTATS. sur les profits.

La comparaison aux resultats exp~riientaux doit týtre
Les rdsultats de calcul ci-dessous ont Wt obtenus sur un effectude en tenant compte des difficultes exp~rnientales. En

profit d'hypersustentateur construit A parfir du profil supercri- effet. sur une telle configuration multi-corps, pour preserver a
tique RA16SCI de 1'AMrospatiale, expdtiment6 avec un volet et l'6coulement un caracctre bidimensionnel, it est necessaire de
diffirents types de becs [131. Dans le but d'6valuer les perfor- disposer des caissons d'aspiration sur les parois laterales. Lecs
mances et les progres recents du code de calcul (code VIS18b), essais ont montrcý que tL.'-s certaiP'e' configurations, par aspira-
la configuration de bee la plus s~v~re. dot~e du bec A.M.D. , et tion laterale ii l'extrados du volet, ii 6cait possible de passer
source de d~collements profonds. a Wt selectionnide comme cas d'une solution dtecolke sur le volet ý une solution raon-d&coll~e
test. Les configurations calculdes correspondent aux vateurs de par simple variation de la pression d'aspiration.
-20' et -40' de l'angle de braquage du volet 8 ~.e-Par ailleurs, lors de certains essais. des dffortnations de

g~omitrie ont dt constatees. intluant notarnmient sur la largeur
4.1. Description de I'hypersustentateur triple-corps. de fente corps-volet. (cas 8_,=-0) ou sur [angle de bra-

quage du bec. dont la valeur mesuree apr~s essais Etait de 32'

Contraireinent ii la configuration double-corps. trait~e ii 1'emplanture au lieu de 30', la valeur en cours d'essai .ý mi-
anc~rieurement 121 av.ec une version beaucoup moins avancde envergure, vraisernblablement plus d1evee n'ttant pas connue
de la methode de calcul, et d'une complexit6 adrodynamique avec certitude. Enfin, les efforts glohaux obtenus par
bien moindre, la configuration triple-corps (fig.1) introduit une integration des pressions induisent une incertitude au niveau du
difficult6 majeure par Ia geoindtrie du bec. Cuicprsnte b
en effet ii l'intrados une singuiarittý, A l'aval de laquelic be situe
une cavite. La difficult6 de calcul reside momns daris la singu-

ianite, et dans le ddcollement qu'elle d~clenche dans la cavitd,
que dans sa geýom~trie particuli~re, les parois amont et aval y 4.4. Courbe de portance. Volet braqu# A 20'.
pr~sentant en effet un angle aigu.

Dans cette premiere configuration, les angles de braquage

4.2. Conditions de calcul. du bec et du volet ont respeccivement pour valeurs 30' et -20'.
Sur la courbe de portance. les r~sultats de calcul, figures par
des croix. ont iEt6 obtenus jusqu'it l'incidence de 20.20, fig, 5.

La m~thode de calcul des couches visqucuses doit traiter ý Les r~sultacs exp~rimentaux (Fl 1984) sont repr~sent~s par des
partir de cette singularitd un d~collement profond de cavit6, cercles. A 160, les deux autres croix repr~sentent les r~sultats
une couche de m~lange apparaissant A la singularitE, avant de obtenus avec des valeurs de l'angle de braquage du bec 8b, de
recoller vers I'aval. Dans un tel cas, une technique de calcul 320 et de 33'. LUtoile reprdsence le r~sultat obtenu dans la
simplificatrice souvent adoptde consiste par exemple ý configuration de r~fdrence avec le inod~le de turbulence ii I
modifier artificiellement la g~om-itriec de la cavitd, de fai~on A Equation de transport.
adoucir le processus de ditcollement

Notons qu'au voisinage du d~crochage. dans cette
Le ecorsA c tye e clcl smplfiater Wsticipa configuration comme dans les suivances, le calcul est effectud

n~cessaire. La d~marche retenue. pernlise par la mitthodle, gra-ce par continuit6. en initiant les calculs A partir de r~sultats ob-
4 sa th~orie de "Formulation DNficitaire'", voir 111 et au tenus ii une incidence voisine.
"R~frentiel tangent A la surface de d~placement", a consistE I
conserver Ia forme exacte de la cavitd. et k ne modifier la ~Icdne1" oe rqE~2'
g~omntric qu'en imoussant I'apex de Ia singularitd. 4..Icdne1. otbrqkA2.
L'Emoussement est ici obtenu en introduisant un arc de cercle
de trts faible rayon (1,36 1 a-3), iailiE ici par 60 noeuds Sur Sur la Fig. 6. les coefficients de pression Cp(x/c) calcules
environ 1500 (fig. 3,2,4). Sur cet Emoussemens, le processus sont compards A 1'exp~rience. Les positions des points de
physique de od~collement (compression) peut etre effectiveinent d6collement et de recollement dans les couches vislueuses ont
discrdtist. Cette diser~tisation A 6chelle fine, dict&e par 6ti indiqu~es sur Ia repr~sentation du profit, ainsi que sur les
l'dchelle de Ia couche limite juste en amont, assure que le pro sillages figur~s dans leur position d'dquilibre A convergence.
cessus de d~collement et de naissance d'une couche de L'accord est excellent sur le volet et la quasi-totalitd du
m~lange soit ici effectivement calcult et ne soit plus ddterminE corps principal. Sur le bee. ainsi que sur le corps principal A
par les seuls effets de viscositE nurn~rique. I'cndroit de la pointe de Cp, la comparaison est moins bonne.

Les calculs ont Etd obtenus en taissant la transition se Toutefois, confirmant les rcmarques des exp~riientateurs, les
ddvelopper de fa~on naturelle, et sans recaler les dpaisseurs des calculs ont montrd l'influenee du parambtre de ]'angle de bra-
couches limites. uls sont syscdmatiqueinent effeccuds, sauf indi- quage du bec, les r~sultats Etant si-Es diff~rents lorsque cet an-
cation contraire. avec Ie mod~le de turbulence It deux equations gle prend, au lieu de la valcur nominate de 300. la -"aleur dleI de transport. 32*, Fig.8, ou de 330, Fig. 7, compatible avec Ics ddfo~inations

de maquette.
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Pour ces deux valeurs corrig~es du braquage de bec, tant de rechercher une modification des conditions d'initialisation
le niveau de Cp dans les pointes de survitesse, sur le bec etrie du calcul, en agissant sur les conditions initiales ou sur le pro-
volet, que le niveau de pression dans la zone de decollement a cessus de convergence, mais sans modification aucune de
l'inrrados du bec, sont beaucoup plus proches de 1'exp~rence. l'ensemble du iraitement num~rique, afin d'exploref- Jexistence
la meilleure comparaison semblant etre obtenue pour la valeur d'une dventuelle aurre solution. Cette seconde solution, par-
330, Fig.7. Remarquons qu'outre Forienration du bee, des faitement converg&. a 66 rrouv&e effectivement, par simple

param~rres tels que les largeurs des fentes, non consid&6s ici, diminution de la fr~quence A laquelle la geom~rrie des sillages
peuvent avoir une influence importante. En ce qui concerne la est remise en cause en vue de leur 6iuilibrage (r~actualisation
mrndhode de calcul, l'absence actuelle de prise en compre des toutes les 300 it~rations, au lieu de 20). Cette modification a
couches limites confluentes peut dtre dgalement responsable pour effet de figer la g~tomrritie des sillages pendant les 300
d'une partie de l'6cart observd. premieres it~rations, pendant lesquelles s'effectue la plus

grande partie de la convergence. La seconde solution A obte-
Sur les figures suivantes, la distribution de pression nue ainsi pr~sente alors un dfcollement g~n46ralise A l'extrados

Cp(x/c) sur le bec a di reprdsentde i diff~rentes 6chelles. rout du volet Fig.2l, 23, mais sans aucune t-ace du d&ollement
d'abord dans la mn~me orientation que sur l'hypersustentateur. pr~c~demment observe dans le sillage du corps principal (Solu-
Fig. 9, puis afin de mieux visualiser la solution calcul&e au tion B :Fig.20, 22).
voisinage de la singularit6 (6mouss~e). apr~s une rotation de It a ainsi dtd mis en dvidence 1'exisrence de 2 solutions
l'image placant verticalement la bissectrice de I'angle formid differentes dans une rnime configurarion, stables routes deux
par ies deux parois. de part et d'autre de cette singularitd, Fig. prrpotAIagrtm eclulotnind 'n ud10, 11, et 12. La position des points de decollement er de paraot l'grihedcac.lobnindeunoue
recollement a dtd indiqu~ce. Un second decollement, trrs lim- l'autre ne dependant que de l'initialisation.
itd, survient dans le sillage, A partir du bord de fuite, Fig-9 et
10. L~a Fig. 12 montre Ie detail de I'6coulement autour de la 4.7 Courbe de port~ance A 2 branches. Volet A 4W.
singularitd 6moussde. Le decollement survient sur l'arrondi,
apr~s le pic de survitesse, au maximum relatif de Cp. On ob-
serve ensuite un petit plateau de pression, toujours sur Cetre m~me observation d'un d~ioublement de solution a

I'arond, qi seblese accrderseuemet pus e avl a dt effectu~e A d'autres incidences, puis en conduisant les cal-
platarni u i sebe peso seoi la ccr tdr segu12emet p1s1nav. t culs par continuitd au sein de chacune des deux families de

platau epresio assci~A I cavt~,Fig.2 e IIsolutions. chaque calcul 6tant initialisd A panir d'un calcul A
La figure 13 penner enfin de comparer les r~sultats de cal- une incidence voisine.

cul obtenus sur le meme cas de r~f~rence avec le mod~le de M~s lors, que la bifurcation vers l'un ou l'aut-c type de
turbulence A I dquation de rransport. Sur cc cas, les .r~sultats solution s'est trouvee effectude, une modification dventuelle de
sont extrEmement proches. Cetre conclusion ne saurait cepen- la fr~quence de rdactualisation des sillages n'a plus aucune in-

dant Etre g~n~rale. Avec le mod~e A I dquation, le niveau de iec u etp esltocau aclrsatd nmCp est tres l~gerement iriffrieur sur la partic arri~re de cdec su ctp esltocaqeclu etn umml'exrrados des trois corps, en parriculier sur le bec. type que celui ayant servi A l'initialiser. Les deux branches, A
et B, sont totalement disjointes sur Ia large plage d'angle

Sur les figures suivantes sont presentdes des vues de d'incidence decrite ici. Fig.24.
I'dcoulement autour du bec. Les profils de vitesse, Fig.14, font L'interpr~tation physique du dedoublement de solution
apparaitre Ia difficultd du calcul, inaccessible aux m~thodes de calcul6 parait simple. Le braquage tlevC du volet ",,,~=-401
couche lirn-ite classique, lPorientation du vecteur viresse par impose i la partie de l'dcoulement comprise entre le bec et Ie
rapport A la paroi, dans Ia couche de medlange pres de la singa- .. .

larit6, 6rant voisine de 90'. Les quarre figures suivantes volet une forte deviation. tnaccessible en fluide visclueux sans
pr~sntet Aconergnce es igns d corant repeciveentdecollement de l'une ou I'autre couche visqueuse qui le borde.

non-visqucuses et visqueuses, Fig.15 et 16. ainsi que les ISO- Le.dclmnts ruidosi asleilg ucrp
mach Fig.17 et 18. Elles font apparaitre en particulier la zone principal, soit sur la couche limite extrados du volet,
de recirculation 6paisse et Ia position du point de recollement. l'dcoulement ayant Ia double possibilit6 de suivre soit la direc-

L~exmende '&ouemet atou de a snguarit Cious~e ion du sillage, soit celle de l'extrados du volet. Le contr~le de
pe-,d visuaiiscr ]a pciitre_., ties ... irph.iI~ue, 'A la hifurcation entre ces deux families de solutions doir pouvoir

d~colemntqu'l et n~essirede isc~ise, sus ein de s'etfectuer par modification diff~rcnnelle de Ia pression au sein
drolemente qlei pestu physaique paeu discr~iersous peie desia des deux couches visqueuses, c'est-A-dire par aspiration et/ou
re nmplacer Fie 1r9s . hsqu a npoesu edsia soufflage, ceci dans le calcul comme dans 1'exp-6rience.

L'examen des documents d'essais, qui inentionnent la pos-
sibilit6 observee d'obtenir sur l'extrados du volet une solution

4.6. Non-unicitt des solutions. Voldt braquk A 40". d~coll& ou non par simple modification de la pression
d'aspiration sur les parois latirales, A l'extrados du volec,sem-

Dans la seconde configuration itudide de ble confirmer cette hypotbese. La detenninarion du domaine
l'hypersustentateur, l'angle de braquage du volet est de 8,,, d'incidence et W'angle de braquage du volet dans lequel cette
=-40' pour un meme angle de braquage du bec Sb_=30'. Dans double solution survient reste ici empirique.
ce cas i fort dicollement, l'analyse par Ie calcul a mis en Sur l'une des branches, correspondant au cas du
dvidence et interprEtd un ph~nom~ne de non-unicitt A- solu- d&collement dans le sillage du corps principal, il a Wt possible

non. de poursuivre les calculs au delA de l'incidence de d~crochage
ILe premier cas de calcul abordd, effectut A une incidence du profil triple-corps, Fig. 24. Stir l'autre branche, er pour

cz=16*, dans les memes conditions que prdc&Ieinment avait en 8_,,=" -20", cela n'a pas encore dtd possible, plusietirs
effet mis en dvidence une solution comportant, A l'exrrados du difficults se conjuguant lorsque l'on se rapproche de
volet, un d~collement tres limitt prts du bord de fuite Fig.20, l'incidence de ddcrochage, celui-ci semblant s'effectuer de fa-
22, contrairement Ai Ia solution attendue. et comportant par con- con plus brutale que sur la branche precedente.
tre un d6collement intense, A facteur de formne maximalH=40.8, dans le sillage du corps principal. 11 a donc irC tenrC-



4.8. Incidence 16'. Valet braquik A 40'. gamene d'incidence, correspond a one bifurcation enrne 2 types
de di~collements massifs, situts tantbi dans le sillage du corps

En s~lectionnant le cas de riference exp~rimental, c'est-A- principal, taint~tt stir le volet.
dire la solution prisentant un d~collement g~rntralisi sur le
volet, la comparaison avec lea rdsultats expdrimentaux est ex-
cellente, en particulier en cc qui concerne la zone d~colle A Remnerciernents. Les auiaturL adresseni ici leurs remnercienenis a2
1'extrados du volet (flg.23). Comnie darts le cas A 5,,4, =-20', la D. Blaise. P. Girodroiux-Lavsigne, HI. Gassoi, pour leur contours
comparaison est momns bonne sur le bec et sur le corps princi- precieux dans les traiaements graphiques. ainsi quit S. Henns, qui a
pal, A l'endroit de la pointe de Cp. Le niveau de Cp A travaiWl sur ce code lors de son passage Zi IGONERA.
I'extrados cl-a volet, en amnont du d~collement, est egalement
plus faible que darts I'expdrience.

Toutefois, et plus encore que clans le cas pricident,RE RN ES
l'accord calcul-expdrience s'amdliore lorsque l'angle de bra-RE RNCS

quage du bec prend, au lieu de la valeur nominale, la valeur
6_,3' Fig.26. La r~paruition de Cp(xlc) stir le bec, Fig. 25 UI 13ALI-EUR J.C - Viscous-inviscisi calculation of high-fift separateod

et 2, pesete l mie cmporemet qe das I ca copressible flows over airfoils and wings. Proceedings AGARD Symp.
et 2, pcsete e m~e cmpoterent ue ansle as or"High-lift devices aerodynamics. Banff, Canada, 5-8 October 1992.

precedent (6i,,,,,=-20' Fig 10 et 12). La comparaison des AGARD-CP-4 IS, Paper 26, to appear.
lignes de courant et des iso-mach pour chacune des deux solo- 121) LE BAL.LEUR J.C, NERON1 M - Calculs de6coulements vistlueus d&0oll6

*tions obtenues A l'incidence a"16*, pour 8,,=4' Fig. 28. Sue prolils d'ailes par tine apprisehe de couplage. Proceedngs AGARD-

*30 et 29. 31, (solutions d~jA illustrdes par les figures 20. 22, et CP-291, Paper 1I, 1981. (ONERA TP 1980-122)-
131 Ul BALLELR JC - New possibilities of Viscous-Invis4cid numenical21, 23). montre les deox, types d'dcoulement possibles, avec un tcchniques for solving viscous flow equations, with Massive separation.

d&ollement soit dans le sillage du corps principal, soit a Proceedings Fourth Symp. Numerical and Physical Aspects of Acuro-
dynamic Flows, Selected papers, chap. 4, p. 71-96, editor T. Cebeci.

I extrados du volet. SPRINGER-VERLAG 1990. (or ONERA TI' 1989-24 Reprint)
(4) Ui BALUiER JC - Computation of flows including strong; viscous in-
ter-actions with coupling methods. - AGARD-CP-291,General Introduction.

4.9. Aci:6 au calcul du d~crochage. Lecture 1, Colorado- Springs (1981), or ONERA TI' 1980-12).
15) L HiiALIJUR S.C - Viscous-inviscid flow maiching . Analysis of the
problem including separation and shock waves. -la Recherche Aerospa-

La methode a monlri sa capacitt A traiter des cas de tiale 1977-6, p.349 .35 8 (Nov. 1977). French. or English transl. ESA-1'f-476.
d&ollemnents g~nifralis~s stir une telle configuration, malgrd la 161 L HiIALLEiLR IC. - Viscous-inviscid flow matching Numerical method

diffrene cnsierabe d6chlle engr le dpissors and applications to two-dimensional transonic and supersonic flows. -La
diffenc cosidrabe d6chele ntr le 6pissurs Recherche Aerospatiale 1978-2, p. 67-76 (March 1978). French. or English

visquetises stir ]a singularitt 6mouss&e et dans le d~coIlement transl. EiSA-'T-r496.
principal. Fig. 32, 33, et 34d, 34g. Ces figures pri~sentent 171 LE~ ISAULiLE J C. - Strong matching method for coniputing transonic

viscous flows including wakes and separations. Lifting airfoils. - La Re-respectivement le maillage de calcul do fluide visqucux, Ie cherche Aerospatiale 1981.3., p. 21-45, English and French editions, (March
champ de vecteurs et les iso-mach. 8 l'incidence de 19'. 19811.

[8) L.i BAtLiEt:R I C - Numerical viscid-inviscid interaction in steady and
La comparaison des iso-mach a diverses incidences, au unsteady liows. - Proceed. 2nd Symp. Numerical and Physical Aspects of

coors do dticrochage, fait apparaitre deux &tapes clans la perte Aerodynamic flows, Long-Beach. (1983). chapt.13, p. 259-284 T. Cebeci
de portance, d~jA visibles sur Ia Fig. 24, Ia premitre correspon- e~d.,Spnnger-vertag, 1984, (or ONERA-TI' 1983-8).

191 LEi BALIA.LiR1 I C, - Viscous- Invisc id interaction sol~vers and computation
dant A la remont&e vers I'extrados do profil do di~ollement si- of highly separated flows. - 'Studies of Vortex Dominated Flows', chap. 3,
tu6 dans le sillage do corps principal, Ia seconde correspondant p. 159-192, Proceed. ICASE tymp. NASA Langley Field, USA, Ouly 9.10.

1985), Hussaini and Salas ed., Springer-Verlag 1987, (or ONERA TP
8sa gt&n&alisation A tout l'extrados, Fig. 34. 19864).

1101 LEi BALI.EUR J.C - New possibilities of numerical viscous-inviscid
coupling, for viscous flows with massive separation, and for inviscid
Zonal-methods. Proceedings GAMNI/SMAI-IMA conference on Computa-
tional aeronautical dynamics, May 17-19, 1989, Antibes, France.

S. CONCLUSION. SPRINGER-VERLAG to appear. (or ONFRA TP 1989- Vo lReprint)
[Il IIWIG~TON L-B.. HOLT M, - Viseous-inviscid interaction in transonic flow -
5th CEO. AIAA Paper 81-100l3, Palo-Alto (June 1981).

La enethode numdrique d'intcraction visquetix-non 1121 Hi BALIEUR JIC. - Viscid-Inviscid coupling calculations for two' and
visqocox prdsent~e ici (code VIS 18). intigre les progrs three-dimensional flows. Lecture series 1982-04 on Computational Fluid
rdaliso~s stir les profils mono-corps clans le cas de clecollemnents Dynamics. Von Karnsan Institute. Belgium, (March 1982).
massifs. [131 PORCILERON B -Rapport interne ONERA No 28 /1736 AY.

Didcenslwe 1985.
Elie a pu Etre misc en oeuvre avec succ~s stir un hyper-

sosteeltateur triple-corps. darts le cas d'un bec presentant tine
singularit6 fortement prononc6e, l'intrados du bec formant tine
cavit6. Les calculs ont po Etre conduits stir la gdomdtfie rdelle,
simplement dmoussde au niveati du point singulier par tin ar-
rondi de trts faible rayon. MalgrO la difficulcd de discrdtisation
8 tr~s petite 6chelle impos&e par cetle singularit6. Ia mdthode a
permis lc calcol de deux configurations multi-corps dans tine
large gamme d'incidences.

Elie s'est avtrde capable de trailer des cas d'&oulements
profonddment d~co~ls autour d'un profil multi-corps, au-delA
de l'incidence de dicrochage.

Elie a permis de mettre en dvidence, stir le cas du profil
RA1I6SC I avec braquage do volet a -40', tine non-unicitd

ridaliste de la solution. les 2 solutions obtenues itant parfaite-
ment converg~es. Celte double solution. persistante stir toute la
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SUMMARY calendar time needed for grid
ge.ieration. One valid approach of

A 2D High-Lift configuration generating grids is the structured
analysis method is described. The approach, as long as it is
flow model used is based on the sufficiently automated. Examples of
Euler equations, discretized on High-Lift results obtained with
unstructured meshes. The generation block structured meshes can be found
of the unstructured meshes is based in Refs. [1] and [2]. Another
on the principle of successive grid approach consists of the use of
adaptation with respect to the unstructured meshes (see for
geometry. This approach makes later instance Ref. [3]). It is clear
extension towards fully integrated that CFD methods on unstructured
grid adaptation with respect to the meshes use more computer resources
solution straiqhtforward. The main than their structured counterparts
characteristics of the Euler solver (interconnections between the grid
are upwind flux-difference splitting nodes need to be stored for
of the convective part of the Euler instance). The continuously
equations (second-order accurate increasing computer power is one of
discretisation in space) and four the reasons why the use of
stage Runge Kutta local time unstructured meshes in CFD is
stepping. Results obtained with this booming now. It is also clear that
analysis method are shown for the full automation is more readily
NACA0012 airfoil and three element achieved with unstructured meshes
a.-rfoils. Conclusions are drawn. (Ref. [4]) since the grid generation

is based on autonomous algorithms
and not on partial differential

1. INTRODUCTION equations that include interactively
tuned source terms.

The complexity of High-Lift system The current paper shows flow
flow phenomena requires appropriate solutions based on the Euler
analysis methods, able to simulate a equations and obtained on
number <f relevant flow mechanisms. automatically generated unstructured
The c.rrent High-Lift flow meshes. It is shown that the grid
simulation models vary from models generation is not dependent on the
based on panel methods to models geometrical complexity of the High-
based on the Reynolds averaged Lift system.
Navier Stokes equations. A Following cases are treated:
consequence of the complexity of the
geometries under interest is a cas-l
strong pressure on the turn-around- NACAC1?2 single airfoil, Mach
time of the High-Lift system number at infinity equal to
analysis part in High-Lift system 0.85 and angle of attack equal
design methods. This turn-around- to 1 degree.
time requirement partly explains the
success of panel methods in CFD. For case2
field methods, a computational grid NLR422 three element airfoil,
covering a 2D or 3D domain is always Mach number at infinity equal
required. In order to attain to 0.20 and angle of attack
sufficient accuracy while limiting equal to 10 degrees.
the number of grid points, the grid
should contain most of the grid case3
points near to the boundaries of Ml three element airfoil,
interest. Given the geometrical similar to case2 but
complexity of High-Lift devices, extensively measured in the
grid generation is often a hard NLR HST tunnel. Mach number at
task, resulting in a large amount of infinity equal to 0.22 and



12-2

angle of attack ranging from - A third algorithm, hereafter called
2.5 to 25 degrees. successive grid refinement, does not

have the previously cited drawbacks.
It will be shown that grid

2. GRID GENERATION generation is considered as
adaptation of an unstructured grid

2.1 Context with respect to measurable
properties of the geometries under

Various algorithms for unstructured interest. Hence adaption with
grid generation exist. The two most respect to measurable properties .f
frequently used algorithms are the solution is straightforward.

Further the successive refinement
algorithm automatically produces

a) the Delaunay triangulation coarsening of the grid towards the
algorithm: basically this algorithm outer boundaries of the grid and a
tells how to connect a given set of surface grid suitable for
points into a valid triangul r grid. aerodynamic purposes.

2.2 Grid generation by
b) the advancing front algorithm: successive refinement.
given the initial front (the surface
grid on the geometry under interest The following assumptions are made:
for instance) the algorithm
prescribes a method to advance the Al: Let M be a given geometry
initial front towards the outer around which the flow is to be
boundaries such that an unstructured calculated.
grid results.

A2: Let the geometry M consist of
Both algorithms have been K,...,Ki,. a set of n
successfully used in the past and non-intersecting contours.
are the subject of constant further
development and improvement. There A3: Let each contour Ki consist of
are however some drawbacks of both m, segments S,....,Sj,...,s .
algorithms. (This allows to treat C. type

contours, see Fig. 1).
Both algorithms a) and b) do not

form a natural basis for grid A4: Let Sai be the analytical
adaptation with respect to the flow representation of a segment Si.
solution while a fully integrated The analytical representation
approach of grid generation and grid Sa, of the segment S, can be
adaptation is believed to be used to generate pj points
advantageous. P1,...,Pk, ... , PJ on segment Si.

Algorithm a) needs an interactively A5: Let Ss, b
made so called back ground grid to represe be the spline
ensure certain properties of the representation of a segment Si
grid like coarsening of the grid based on the points
towards outer boundaries. This Pt'''''Pk'''''P-
introduces user interaction,
diminishing the automation level of A6: Let Sp, either be the polygonal
grid generation based on the representation of a segment S,
Delaunay triangulation algorithm, based on the points

P,...,IPk, ... ,P. or the convex
Algorithm b) needs a suitable hull of the spline
initial front. In case the surface representation Ssi of a segment
grid is chosen as initial front, the Si.
construction of the surface grid
becomes critical for the resulting A7: Let all polygonal
grid quality in the neighbourhood of representations Sp further be
the surface. A mere triangulation of chosen such that the contours
the CAD/CAM surface description is K1,...,Ki,...,n are closed.
often not suitable enough for (Remark that the task of
aerodynamic purposes. So the closing all contours is not
generation of the initial front can trivial. All current flow
limit the automation level of grid simulation systems based on
generation based on the advancing field methods, structured or
front algorithm.
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unstructured, need contours convergence rate of the Euler
which are closed.) solver.

A8: Let G be an unstructured grid The requirements for the polygonal
covering the geometry M. Two representation Sgj of the segments S,
equivalent representations of based on the points of grid G can
grid G are used: aiso oe identified a prioLi.

Important examples are:
G,: node table

node connection table Rsl: Each Sg1 should not be empty.
per node

Rs2: Each Sg, should at least
Gb: node table consist of three points.

node connection table
per triangle Rs3: The grid spacing along the

geometry M should be
A9: The grid G is considered as sufficiently small in order to

given. It can either be a have enough resolution on the
default grid consisting of 7 geometry M. If A is the total
nodes (start from scratch) or arc length of the geometry M
a previously generated grid and AA is the arc length
(restart). between two points of any Sgj

then:
A1O: Let Sgq be the momentary

polygonal representation of a
segment Si based on the points I•AA
of the grid G that would lie -A- )< Aue (1)
on the polygonal ''maximum

representation Sp, of segment
S, in case the grid generation should hold.
would be stopped at that
moment. Rs4: The grid curvature along the

All: Let F be a given flow solution geometry M should be
sufficiently small in order to

on grid G. In the case at hand accurately represent gradients
F is the solution of the Euler of the flow in the solver. If
equations. a, b and c are three

subsequent points of any 5g,
In order to ensure with a given flow and alpha is the angle between
solver a successful and reliable and vectors ah an g b eth en

simulation of the flow Pruund the the vectors ab and bc then

given geometry M, some requirements
of the grid can be identified a
priori:

Rgl: The far field boundary of the ab bc > Cos (aP~d
grid G should lie sufficiently Prabcribb•

far from the geometry M. 11) 1 (2)
(usually 30 - 100 chords away
from the geometry M). This
distanc. is an input of the should be valid.
grid generator.

Re5: All the segments Sg together
Rg2: The grid G should have most should form closed and non-

resolution in the intersecting contours with the
neighbourhood of the geometry same topology as the segments
M. Coarsening of the grid G SC
towards the outer boundary is
still inevitable, even with The basics of the current grid
nowadays powerful computers. generator can now be summarized:

Rg3: Each node of the grid G should - So called "grid generation" is
lie in the centre of the adaptation of the given grid G
finite volume surrounding it. with respect to the properties of
This grid smoothness the polygonal representations Sg1
requirement, if met, will of the segments Si of geometry M.
favour the accuracy and
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The polygonal represen- of finding the intersecting pairs
tions Sg1 of the segments Si of of N line segments does not
geometry M are used to require O(N*N) but O(N log(N))
determine the refinement operations Ref. [51. In the
flags of the grid nodes, particular case at hand, all the

intersecting pairs consisting of a
So called "grid adaptation" connection of representation G. of
is adaptation of the given the grid G and a line piece of the
grid G with respect to the polygonal representation Sp of
properties of the given flow any segment S, of the geometry M,
solution F. should be found. If the grid G
The flow solution F is used consists of K connections between
to determine the refinement nodes and the polygonal
flags of the grid nodes. representations Spj of the

segments Sj of the geometry M
Hence grid generation is the result consist together of L line pieces
of the recursion of following then N = K + L. As a consequence
algorithms: the construction of Sgi can be

implemented in a efficient way.
algol: assignment of an "in-contour"
flag (Ref. (6]). algo3: control of the grid generator

based on Sgj.
Given a node i of the grid G,

detect whether node i lies inside Test if all Sg, meet requirement
or outside the closed contours Rsl.
K1 ,...,Kj,...,K.. This algorithm is If the answer is negative, then
known as the Shimrat's Algorithm all nodes of the grid are
Ref. (7]. It requires O(K*Q) flagged.
operations, K being the total If the answer is positive, then
number of line segments of the
polygonal representations Spi
forming together the contours Test if all Sg, meet requirement
K1 ,..., KI,...,K and Q being the Rs2.
number of nodes for which the "in- If the answer is negative for a
contour" test is used. It can be particular Sg,, then all nodes
shown that the required order of having intersecting
operations O(K*L) can be reduced interconnections with the
to O((K+L) log(K+L)) (see algo2). corresponding Sp are flagged.

algo2: construction of Sgj. If the answer is positive, then

Assume that a connection of Test if all Sg1 meet requirement
representation G. of the grid G Rs3.
intersects the polygonal If the answer is negative for a
representation Spj of a segment Si particular Sg,, then flag all
of one of the contours Kj of nodes that have intersecting
geometry M. interconnections with the
If the grid generation would be corresponding Sp5 causing the
stopped at this point, the problem.
intersection point would be one If the answer is positive, then
data point of Sg, the polygonal
representation ot the segment Sj
based on the grid points. So by Test if all Sg, meet requirement
collecting in an array all Rs4.
intersection points, Sgj can be If the answez is negative for a
constructed (only grid points that particular Sg, then flag all
have a negative "in-contour" flag nodes that have intersecting
can become member of Sgj). interconnections with the
In essence algorithms algol and corresponding Sp causing the
algo2 are equivalent to the so problem.
called geometric intersection If the answer is positive, then
problem which has extensively been
studied for linear programming,
hidden line elimination Test if all Sgj together meet
algorithms, wire layout etc. It requirement Rs5.
has been proven that the problem If the answer is negative, then
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flag the nodes that cause the "in-contour" indicator algol. This
problem. algorithm only has local
If the answer is positive, then influence. It requires O(R)

operations, R being the number of
flagged nodes.

Stop the refinement of flagged
nodes and jump to algorithm algo6. It is obvious that the grid

generation as described is not
sensitive to the complexity of the

This algorithm consists of a geometry M to be treated. Generation
logical if-then structure and of a grid around a complex High-Lift
requires only testing of device is as easy as generating a
properties of Sg,. The number grid around a single airfoil.
operations required is negligible.

For what concerns the extension
algo4: a refinement algorithm for towards 3D applications, two
flagged nodes of grid G. algorithms need special attention

namely the "in-surface" indicator,
If i and j are two flagged nodes algol, and the construction of Sgj,
of grid G a new node is inserted algo2.
between i and j. Further the For the "in-surface" indicator,
interconnection table of algol, the intersection of K
representation Ga of grid G is elementary triangular planes of the
updated. This algorithm has only 3D poly surface representation Spj
local influence and requires O(M) with L connections of representation
operations, if M is Lhe number of G. of the grid G should be found.
flagged nodes. This can be done within the same

order of operations as for the 2D
algo5: a smoother. analogy of algol.

For the construction of Sg1 , algo2,
Move all internal nodes i towards the same holds true.
the centre of gravity formed by
node i and its neighbours. 2.3 Grid generator D2GRID.
Algorithm algo5 helps to meet
requirement Rg3. Characteristic memory requirements

of the current two dimensional grid
Recursion of algorithms algol, generator D2GRID are:
algo2, algo3, algo4 and algo5 until
"a jump is made to algo 6 results in reals per node: 5
"a grid which is automatically integers per node: 18+2*KB
refined towards the contours,
without any user defined tuning. KB being the maximum number of
Hence requirement Rg2 finally will neighbours of a node i occurring in
also be met. The final grid is grid G. Typically KB equals 10.
obtained by applying algorithms
algo6 and algo7 the grid: Some run time characteristics of the

current two dimensional grid
algo6: a boundary reconstruction generator D2GRID are:
algorithm.

- The lowest grid level of the multi
Move grid nodes linked to the grid V cycle is generated in one
polygonal representation S% on to grid generator run.
the spline representation Ss of
the segment S, and give them the - Uniform refinement is used to
corresponding solver boundary obtain the subsequent finer grids
code. So the user has to determine of the multi grid V cycle. As a
in the geometry description file consequence the subsequent grids
for each segment Si whether it of the multi grid V cycle are
concerns a part of a solid wall, a nested, such that no additional
symmetry wall, etc. This algorithm interpolation data is needed.
algo6 requires O(S) operations, S
being the number of nodes on the - For the NLR422 grid of Fig. 5 the
boundaries, grid generation took about 2000

CPU seconds on the NLR Cyber 962.
algoT: a node killing algorithm.

Remove all nodes flagged by the
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Conclusions: u n., v vn, 0 (4)

- The memory requirements do not
form the bottle neck for the
current grid generator. and the far field boundary condition

- For three dimensional applications
an efficient implementation of the M0 , I, P A, pa. (5)
geometric intersection problem is
important.

In equation (4) nx and ny are the
- The vectorisation level of the cartesian components of the unit

algorithm is low due to the very normal to the solid wall boundary.
deep IF-THEN structures. Equations (3), (4) and (5) should be

solved for the vector of primitive
variables ý. In a shorter notation

3. EULER SOLVER equation (3) reads as:

3.1 Solver algorith. a = _ aF aG

The current flow simulation system H j *j (
is based on the unsteady Euler
equations (3): In the grid generation phase the

flow domain is divided into finite
volumes, on an average having an
hexagonal shape. An example is given
in Fig. 2. In each grid point i the

a vector of primitive variables ý is
i U2+v2j unknown. In Fig. 3 the grid around

2- the slat of Fig. 1 is shown. The
L (7=-1)P 2grid points are (approximately)

lying in the centres of their
1U surrounding control volumes, hencethe present method can be

uu+p characterised as a vertex centred
_ PUV Ifinite volume method. Expressing

Tx ! _p + u that equation (6) should hold withiniUJ + each finite volume 0 of the grid
yields:

vu vv+p d$U,;n, = -If (4 + =_G dfl

(7)

(3) To obtain the left hand side of
In equation (3) p is the dequation (7) two assumptions are

hdensity, made:
is the static pressure, u and v are
the cartesian x and y components of - the shape of the finite volumes
the velocity vector in the two does not change in time.
dimensional space and I is the - the unknowns are constant within
specific heats ratio. Density, the finite volume.
cartesian velocity vector components
and static pressure form the vector The latter assumption is due to our
of primitive variables ý, a vector interest in the steady solution.
in the four dimensional solution Generally, a second order accurate
space. Equation (3) is to be discretisation of the right hand
supplemented with the perfect slip side of equation (7) is obtained by
boundary condition on solid walls assuming a linear spatial variation

of the primitive variables vector
within the finite volume. This is
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practically achieved by representing The underlying idea of this approach
each component ýk of the vector of is that discontinuities (such as
primitive variables by a plane in shocks for instance) aze located on
the x,y,•kspace. This plane is the interfaces between the finite
completely determined by the volumes of the grid, and are not
component •k of the vector of allowed to cross the finite volumes(the Gauss theorem is not applicable
primitive variables ý in the centre in case discontinuities cross the
of the finite volume and the k th finite volume).
component of the unique spatial Applying the Gauss theorem to the
gradient vector of the primitive right hand side of equation (7) it
variables vector ý in the finite transforms to

volume. So the primitive variables
vector is defined within the finite
volume by equation (8): d_= ( + Gný) dS

dt S
(x,y) : (xi,y) + s,

(8) (11)
I_ i (X-X) + "a (Y-yi)

This equation is shortened as

The spatial gradient vector of the
primitive variables vector ý is d
unique since the limiting in the -a N dS (12)
present scheme is applied during the S,
approximation of the spatial
gradient vector of the primitive with N the normal flux at the
variables vector ý. An example for interface S of the finite volume.
one component of the spatial Equation (12) can be incegrated in
gradient vector is given in equation time by a standard four stage Runge
(9): Kutta local time stepping method

(see for instance Ref. (9]).
Convergence acceleration can be done
iby a Full Multi Grid acceleration

f ý it.et n. ds (9) technique based on defect
S, correction. We will further

concentrate on the approximation of

Equation (9) is the result of the the integral in the right hand side
Gauss theorem applied to the finite ct equation (12). For each part of
volume around node i. Si is the the cell surface S the normal flux N
voumfae aoun nhvodue 0i S i d te should be calculated. Consider the
surface of the volume •, nx and ny cell interface Sij between nodes i
are the cartesian components of the and j. Let Ni be the normal flux
unity outward normal on the surface based on the primitive variables
S and ~Iin is the limited vector ýi,,the primitive variables
extrapolation of the primitive vector ý extrapolated from i towards
variables vector ý towards the the cell interface Sj with equation
surface Si. If the neighbours of node (8):
i are called j, equation (9) can be
made discrete:

N1 = N (•ii•) (13)

-FX iA similar definition holds for N1.
S.Within an upwind flux difference

+ (•. -LIM (nx AS scheme the normal flux Ni at the
2 cell interface S• is defined as:n x+I (XjXi n,, AS

(10)

LIM in equation (10) stands for a
limiter, in the present work the Van
Albada limiter was used (Ref. [8]).



•1 12-8

Euler solver are

2 2 (14) NRMore than 4 orders of
magnitude reduction in
maximum residual after 1000

tj E i Mr. multi grid V cycles for a
three level 45512 nodes grid
around a three element

In equation (14) IAI is the airfoil.
eigenvalue matrix of the discrete
Jacobian of the normal flux with 74 A-sec per multi grid V
respect to the primitive variables cycle and per node of the
vector ý. R and L are the right and top level grid of the multi
left eigenvector matrices of the grid cycle.
same Jacobian. The discrete Jacobian
of the current solver is based on - Vector operation ratio on
the polynomial character of the the NLR NEC SX3-12 99.5%
components of the normal flux with
respect to the primitive variables - Vector length 127.6
Ref. [10).
Equation (13) clearly shows that the - 573 MFLOPS (FL,,ating point
present scheme goes back to Van Leer OPerations per Second)
's MUSCL scheme (11] such that this
scheme can be expected as being Conclusions can be drawn from these
monotone and second order accurate figures:
i~n space. The use of 2D unstructured

3.2 Solver D2EUL grids requires 47 percent
more storage of reals and

Some memory requirements of the 1000 percent more storage of
current two dimensional multi grid integers. The use of 3D
Euler solver are unstructured grids requires

143 percent more storage of
reals per node: 47 + 4*KB reals and 3333 percent more
integers per node: 3 + 3*KB storage of integers.

KB being the maximum number of KB should be as low as
neighbours of a node i occurring in possible. The grid generator
grid G. Typically KB is equal to 10. can be extended with a post
For the case of a structured grid 2D processing algorithm that
Euler solver with the same reduces KB towards the
characteristics (same scheme, same natural average of 6 in two
vector computer, same compromises dimensions and 12 in three
between speed and memory): dimensions. The percentages

would respectively be 20,
reals per node: 47 + 3*KB 600, 54 and 1600 percent.
integers per node: 3 The lowest possible KB

occurs in case the control
In this case KB is equal to 4. volumes are chosen
For a 3D multi grid Euler solver the triangular.
following would be found:

The largest increase of
reals per node: 64 + 6*KB memory use is due to the
integers per node: 3 + 4*KB storage of interconnections

since the interconnections
Typically KB is now equal to 25. For are no longer known a
the case of a structured 3D Euler priori. This increase should
solver with the same be payed off by the
characteristics: advantages of using

unstructured grids, mainly
reals per node: 64 + 4*KB by the automation of the
integers per node: 3 grid gcneration.

In the latter case KB is equal to 6.
4. APPLICATIONS

Some run time characteristics of the
current two dimensional multi grid 4.1 Casel.
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The computational grid has 10433 potential method, in which the slat
nodes. The Mach number is 0.85 and and wing cove shape are changed (by
the angle of attack is 1 degree. The an iterative method) such that the
Mach number distribution on the pressure coefficient at the bubble
surface is shown in Fig. 4. It can edges is constant Ref. 112). It is
be seen that the scheme is monotone observed that the solution on the
in the neighbourhood of the shocks fine grid matches better the
and that it captures the shocks with potential solution than the solution
one interior node. The present on the coarse mesh. The streamline
solution is compared with Ref. (13]. following the bubble edge of the
The Mach number distribution is very slat cove in the potential
sensitive to the total pressure calculation is plotted in Fig. 12,
losses due to the dissipative together with the iso total pressure
character of the scheme. Once loss lines, found on the coarse
generated (at the nose of the grid. Fig. 13 shows the wing cove.
profile) the total pressure losses It can be seen that for the slat
are convected downstream, causing a cove the bubble edge found with the
uniform difference between the two potential method does not coincide
Mach number distributions, with the edge of the bubble found

with the Euler method. For the wing
4.2 Case2. cove the agreement is much better.

Fig. 14 and 15 are the corresponding
Two grids around this airfoil are figures in case of the fine grid. It
used. A coarse grid with 11673 nodes can be observed that the level of
and one global refinement of this the total pressure losses diminishes
coarse grid with 45512 nodes. The on the finer grid, except in the
Mach number at infinity is 0.20 and coves where the peak value increases
the angle of attack is 10 degrees. A and the shape of the isolines
global view of the fine grid is changes.
shown in Fig. 5. A detail of the
coarse grid around the slat has been 4.3 Case3.
shown in Fig. 3. A summary of the
convergence history is given in The grid used is very similar to the
Figs. 6 and 7. Figure 6 shows the coarse grid around NLR422 and
maximum residual of the mass contains 15351 nodes. The Mach
equation occurring in the whole flow number at infinity is 0.22 and the
field. It can be seen that the slope angle of attack ranges from -2.5 to
of the curve deteriorates going from 25 degrees. Fig. 16 shows the cl -
the coarse to the fine grid, for alpha curve for M = 0.22, Fig. 17
both the single grid and the multi the cd - alpha curve and Fig. 18 the
grid method. Far more iterations are cm - alpha curve. Due to the effect
needed to converge in the single of the dissipative character of the
grid method case. Figure 7 shows the scheme the calculated curves fit
lift coefficient history. The lift relatively well to the measured
coefficient is slightly higher for curves. Figs. 19 and 20 give the
the fine grid, indicating that in numerical and experimental values of
principle another refinement of the the pressure defect at the slat and
grid is needed. For the fine grid flap cove rakes for 9 degrees
the Mach number distribution around incidence. Due to the perfect slip
the whole configuration is shown in boundary condition of the Euler
Fig. 8. Several dips in the iso Mach equations the pressure defect
number lines near to the surface can decreases toward the solid wall. The
be seen. These are due to the total peak level of the pre3sure defect
pressure losses to which the Mach however corresponds reasonable with
number is sensitive. The total the experiments.
pressure losses are caused by the
dissipative character of the scheme
used (mainly the limiting of the CONCLUSIONS
scheme, reducing the scheme locally
to a first order accurate scheme). It is shown that the described flow
The pressure coefficient simulation system is capable to
distributions around the slat, wing successfully handle complex 2D
and flap are shown in Figs. 9, 10 geometries such as encountered in
and 11. In these figures a High-Lift systems. The main
comparison is made between the characteristic of the unstructured
current solutions on the coarse and grid flow simulation system is the
fine grid and the solution of a automation of the grid generation
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procedure. This paper illustrates 'An automatic euler solver
the application of unstructured grid using the unstructured
generation to solve the Euler upwind method.', Computers
equations for complex geometries in and Fluids, Vol. 19, nr.
two dimensions. For a typical three 34, pp. 273-286, 1991.
element test case with 16000 nodes
the total grid generation plus 5. Shamos, M.I. and Hoey, D.,
solver turn-around-time of the 'Geometric intersection
current flow simulation system is problems', in 17th Annual
approximately 2 hours. The Symposium on Foundations
computational results are compared of Computer Science, IEEE,
with experimental results and show 1976.
qualitative ag.eement, due to the
dissipative behaviour of the 6. Milgram, M.S., 'Does a
solution of the discrete Euler point lie inside a
equations. A future critical issue polygon', J. Compt. Phys.
is to account for the dissipative 84, 1989.
effects in a proper way. It requires
an extension of the mathematical 7. Shimrat, M., Commun. ACM,
model to Reynolds averaged Navier pp.434, 606 ,1962
Stokes equations.
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Fig. 1 Three element airfoil NLR422 (case 2)

TK

Fig. 2 Finite volumes around the slat of the NLR422
three element airfoil (case 2)
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Fig. 3 Gnid around the slat of the NLR422
three element airfoil (case 2)

CURRENT FLOW SIMULAT)ON SYSTEM-e-
REF. [13]1
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Fig. Mach number distribution around the NA CA 0012
single airfoil (case 1)
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Fig. 7 Lift coefficient history (case 2)

Fig. 8 Mach number distribution around the NLR422
three element airfoil (case 2)
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Fig. 9 Pressure coefficient distribution on the slat of the NLR422
taree element airfoil (case 2)
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Fig. 10 Pressure coefficient distribution on the wing of the NLR422
three element airfoil (case 2)



12-16

Cp- X UNSTRUCTURED COARSE GRID -
4,00 -- - X POTENTIAL FLOW ()

cp _LCP - X UNSTRUCTURED FINE GRID --

3.00 -

2.00-

1.00- /
0.00 - - -

-1.00--

-2.00--

-~ - _ _ X/C
0.8 00 0.900 1.000 1.100 1.200

Fig. 11 Pressure coefficient distribution on the flap of the NLR422
three element airfoil (case 2)
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Fig. 12 Iso total pressure loss lines around the slat cove of the NLR422
three element airfoil.' coarse grid (case 2)
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Fig. 13 Iso total pressure loss lines around the wing cove of the NLR422
three element airfoil: coarse grid (case 2)

7 4
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Fig. 14 Iso total pressure loss lines around the slat cove of the NLR422
three element airfoil: fine grid (case 2)
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Fig. 15 Iso total pressure loss lines around the wing cove of the NLR422
three element airfoil: fine grid (case 2)
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PREDICTION OF THE H1IGH-LIFT PERFORMANCE OF
MULTI-ELEMENT AEROFOILS USING AN

UNSTRUCTURED NAVIER-STOKES SOLVER

Leslie J. Johnston and Luca Stolcis*

Department of Me -. ancal onginering, UMIST
PO Box 88, Manchester M60 IQD, England

SIJMMARY However, Uth cndse wing design must be adapted in order to
meet the lifting requirements at low speed associated with take
off and landing. In pacticular, high lift is required at take off

A detailed dcocripboon is presented of a comnputational method to reduce Uth take-off speed and shouten the take-off run. But
to predict Uth actodyna5Dc performanice of tticchomal high-lift this bigh lift must be generated with a minimum penalty in
systems The Rieynokkaveragod Navier-Stokes equations drag, so tint a safe climb raze can be maintained in the event
applicable to comnprsible, two-dimensonal meta flow arc of an engine failure. During landling, increased drag cani be
salved using a cell-cenitred, finite-volume spa"tia scretisatiom tolerated since this results in dir availability of a Iarg
and an explicit multi-stage schem to time march to variation of glide slope with engine power setting. For this
steady-state solutions The governing mcan-flow equaionsa are resmon lift coefficiesits at landing conditions ten to be mucrh
soaved int conjuniction with a two-equaton high-Reynolds higher tha those at take off. Tbeae low-speed, high-lift
nuimber k-e turbulience model, this level of turbulence model requirements ame generally met through the wse of mechanical
sojihistication being considered as the miraminan requited to high-lift systems, comperisig slotted leading-edge slats and
eamble an adqneresolution of the complex flow physics. traaling-edge fhapa
lTh geomsetric complexity a-dcated with practical
rirrli-eleen arutfo configurations insdlee by adopting The additional lift assoelate with mechanical high-lift systems.
unstnuctured computational grids. Results for the RAE 282 in obtained dure to the increased effective camber and
transomc single-saenid] section are presented, comparing two choidwise extent of the wrilti-eleamnt wing. Also, a wing with
near-wail hetmenis for the turbulenc-tramspor equation&. deployed high-lift devices wili, in general, be able to operate
Thereafter, a detailed evaluation is preserted of the predictive at higher incidence anigles since the required upper surace
capability of the method, in its current form, by comparison pressure rise to the trailing edge is split over a number of
with experimer" altant for the low-speed, high-lift NLR 7301 wing elements. A. fresh bourmdary layer develop& on each

aerfolt'ralin-ege flap configuration. Results ame also elemenet, which is better &4le to negotiate the prmesure rise, so
presented for the SKF 1.1 aerofcaI/manoevrc flap configurationt that trailing-edge flow separation is less likely to occur.
over a range of transonimc flow conditioms, from fully-smireritical Similarly, as shown by Smith2 , the circulation around the
flow to srpetenitcal flow with shock-induced separationi. The upstream wing element ram counter to that of the downstream
level of apreerrw between peedictirns and experiment is elemaiet in the gap region, reducing drastically the leading-edge
aarcoutagirilg for the casw consideredL However, it is concluded suction peak on the &,owimresm element and so alleviating the
that improved mkodelling of Uth complex flow physics is tendency for leading-edge separation at high incidence angle&.
required, with Utc lack of resiotu of the currett k-a
tirtbulence model to streamline curvature being a spignficant Even for two~dlmaneio~nl flows, deployment of high-lift devices
limitation can quervitative accuracy aroud miaximum lift results in a multi-elemnnet aeroical configuration around which
conditions. Similarly, procedures to automatically adapt the the flow development is significantly more compjlex than thnt
computational grid to the flow solution would imprave of a single aerofoil; see the discussion of Butter0, for example.
predictions over thne extended range of conditions amociate lTh flow in dominated by Viscow effects, in which the wakes
with the practical operatimonfc a mechanical high-lift system. from upstream aertfoil elements can interact with the upper

surrface bountiday layers of dlownstreatm elements. This
wakefbomsmthry layer mixing leads to thick viscous layers which

124TRDUMONQ~ can be highily-craved due to the large effective camber of the
aerufoil system. For thin reason, there can exist significant
prssoe gradients across thme viscous layers, in addition to the

Highl-tAcnxagwim more usual stremwise pressure &mdbAL T1hese biter pressure
gradients may be severe enough to result in off-the-surface

As discussed by Lowtcyl, a transport aircraft wing nanlt reverse flow in wake regiomns andl, as discussed by Jolýsc
provide the lift force necedsry for safe, efficient mrine flight and Horton4 , may he Uth mechanism precipltating the final
with the required pa~oad ove a specified rnge Since the Stall of the configurationt.
cruise is usually thrt loniavt segermert of a typical flight,
inrvoling; the largest amout of fuel hrint, this condition tends Closed recirculation zones develop in slat and flap cove
to domrmnat do wing desgn process. lTh main objective of regions, due to the geometric discontiranties that result from
the wing deaign at thne erutse conditom is to achieve the the need to be able tin. retract the high-lift devices to form a
required lift coefficiet whilst minimisng the drag. Thin can be clean aciofud section for cruise. Thke presence of gaps between
aclumeved by avoiding separated flow and using modern aeraloil elements results in a flow tint is highly-sermtive to
superetriical arrotcal sections, which delay Uth onet of Reynolds nuimber, so tdW configuration optirnisaton at
wmuwie drag tise. Reyno~lds nuimbers below flight conditions, as is sometimes Uth

cas in wind-turnel testing, can result in misleading t-ret d.
Finally, Uth interaction of Uth circulations around the various

Current addrma: CRS4, Via Nazario Saum 10, aenfoil elements resuits in a large suction peak on the must
09123 Cagliari, Italy forward elemnent. This can lead to conmpressitbility effects even



thuhtTfcsranMc ubri around 0.2, with clscy-cupI4 muit-l~eimet awood configurataions. a

flow separation may be a fuuther stall mechanism. involved the coupling of boraidary-layer methuds to the inviscid
flow solver e Grossan mid Vu~plpe9, Lticher2, ush. n

In order to manoeuvre effectively at trarmonic speeds, the wing Klevatenhu 1n 6. As is also the case for low-speed, uhlf
of a combat aircraft mind be able to generate high lift without methdsi the viacesx/inviscid coupled approach tends to rni
incrurring an excessive drag penalty or the onse of buffet. The into solubm on inveugnce problems when anything other than
wse of a supercritical wing section enables such a performance limited regions of flow separation ame preset Also, a
specificatiori to be met. However, the rcoulting wing section discussed by johaton and Hcatr 4, the complex viscou, layers
may not be well-optiuiued at other design conditions, with the developing over multi-element aerofoil sections are not really
cruise perfoane in particular, being degraded due to larger amenable to analysis by simple boundiary-layer methods.
than acceptable drag levels. Mechanical high-lift systems, such
as trailing-edge flaps and/or leading-alge: sltats can he used to Mume are a rather restricted number of experimental data-sets
enhance mnogeuvrnpg capability without comprontisig cruom available with which to validate computational methods for
perfiormanice. Flight test involving F-4 and F-14 aircraft high-lift systems. Bruneand Sikavi21  and Nakayama et &122

equipped with leading-edge slats, for example, have pesett results for realistic high-lift configurations which
deumirmattdal sigficandly-improved clumling and turning include measurements of both mean-flow and turbulence
perfoeinanes even withoutr complete optimisation of the sla quantiies However, both of these data-sets ame for Reynolds
geometr. razl.ber well below full-scale conditiona. leading to

urwnertairtica regarding extrapolaio of cocluchsionis to flight
Numerical Analysis ofHigb:11ft System Reynoldsrnumbers. Thiis problem is being addressed by Yip ci

aI23 ho rportin-flight measurements for the trailing-edge
M1w high-lift performnuce of m~ultielmcnt aewoil sections flap system of a Boeing 737-100 aircraft.
lends to be dominated by viscous effects, this being
particularly tau for the maximum attainable lift. The Mo-Y FwMehd
significant influence of viscota effects is aggravated if the
clean aeruifoi section is of arperecrtical dealgr. Conse~quently, Mcchanical high-lift systems present two distinct probilemsa
prediction methods based ont the solution of inviswid flow which can hinder the development of efficient oarl accurate
equations are of little use for the optimisation of high-lift naumerical analysis methods. Firstly, the geometric complexity
systems. 11w viscous flow development is governwd by the associated with closely-coupled maulti-elemert serofotis,
Reynolds-averaged Navier-Stokes eqwuatcns, which musnt be incldin slurp cut-outs in cove regions, makes it difficult to
solved in conjunction with a suitable turbulence model since gennerte the computational grids; required by flowfleld methods.
the set of mean-flow equationst is not closed. This represents a Secondly, as Ins already been described above, the flowfleld
computkuuonlly-intesinve task, and so the early nrumerical itself is highly complex, involving interacting viscous layers,
methods employed separate inviscid flow and boumdszy-layer closed recirculation regions, separation from smooth surfaces
flow sovers coupled in an iterative fashion. Surface-singularity etc. it is this very flow complexity, particularly at the high
methods were gererally adopted to compute the rinviscid incidence angles associated with maxiuaum lift coniditions, that
flowfleld for low-speed high-lift systems, these being able to causes numerica problems with the inviscic~viscous coupled
deal with mnulti-element configurations in a straightforward mnethod approach. It is now generally a' tnowledged that such
mants= Integral boundaary-layer methods were the mos popuilar fkowfleds are only likely to be adequately predicted by solving
approach for computing the development of the viscowa layers. the Reynolds-averaged Navier-Stokes equations, arid accepting
RcpresenWatv methods in this clams are those of Stevens et the high computational expense involved with this approach.

al-T6, Sebo antmd Newman 7, OsIaM8,, Butter anid
Williarn 10 . Note, however, that tnt all of these methods 11w motivation for the present work is the desire to be able
incorporate techniques to treat the mixing of wakes amid to compute the viscous flow devclopment around
bounidary layers, mid recirculation bubbles in cove regions are completely-representative: multi-elemnwrt aerofoil geometries. In
dealt with in a nathe ad-hoc mariner. Progress in the USA addition, the resulting computational method sliould be capable
beyond these early methods, up to the late 198(s, is reviewed of application at both low speed high-lift and trmansnic
by, Bria and NMcmmier 1 I with King and WilliaMs12 manioeuvre conditions. T~he complex physics associated 1-
presenting a corresponding review of UK work. multi-element acrofial flows leads naturally to the use of the

Reynolds-averaged Navier-Stoires equations, Thes are solved in
11w development of anumerical analysis methods to aid the terms of mass-weiglted average variables for compressible flow
design of efficient transonic manoeuvre: devices attracted the applications An explicit turbulernce model is required to close
attention of the research commtunity ni the mid 1970s, This the set of governing mean-flow equations, and a two-equation
work began with inviscid flow methoids, statin with use of model is adopted as being the lowest-order model consistent
the small-diturbunce approach by Caugheyl 3. Subsequently, with an alllity to computAe interactin viscous layers. It can be
(hrossmn and Melnikl* arad ArlingerIS developed methods noted het. that Shima24, Mavnpi;: 25 and Chow and Chu26

which solved thw full potential equationi, using conformal have used the algebraic turbulence model of Baldwin and
mapping techniques to transform the flow domain external to Loma 27 to compute multi-efernet flowfleldjs, but this model
an aerofoilslat configuration linto the anraular region botween requires rather ad-hoc modifications to deal with interacting
two concentric circles. However, auch conformal mapping wakes and boundsry layers.
methods are rot eomfy extended to configurations cnitg
of more than two aerlooi elements. Roach arnd Klevenlamen" ..t geometric complexity of multi*-lemetit aerofoil
overcame this limitation by first computing the incompressible configurations is dealt with in the present method thruough the
flowfleld using a surface aingularity method. 71s: streamlines use of uaatruckone computational gri dste method being
and equipotential lines of this flow were then wed as an based on the original inviscid flow solver of Stolcis; and
orthoos grid on which the full potential equation was Solviaton, 9. The wse of unstructured computational grids and
solved, reauts being presented for serofbil/slat and a two-eqution turbulence modlel is also the approach taken by
aerfdoil/slat/flap cotnfigurationis. kairipfis anid Martinell 30. Although auch a turbulence model

is deemed to be the lowest-cadet model consistent with the
11we computational grids; obtained by the conformal mapjan comiplex flow prymsic (the tetone-equation model of
appoach or that of Roach and Kievenlasrse, are not Baldwin and Barth3  may be an altenative, however), thins
necessarily optimal from the pount of view of thw flow solver. does not gumaricte that the imodel is adequate in a quantitative
Also, the validity of the full potential equation is ernntialy sane, a pownthdat will be retuurned to below.
restricted to flows with weak shok waves More recently,
M"AvpHXa17 anl Stolcia MWd Johinsto have developed inviscid The present pape starts by presenting the governing mean-flow
flow methods based an solution of the Euler equations. In equations, and the turbulence-troroaport equations associated with
boh coas, wuswatrred computationanl grids were wsed to the high-Reynolds rnumber version of the k-e two-equation
overeomec the probleiam asociated with grid generation for turbulence model. Two alternative modelling approaches to
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bridging thes viaconty-domannated rner wall region are then
discussed Details of dis nuanencal diacretisatom scheme anti PH - PE * P (6)
solution, proedurae are given next. Resuts for the RAE 2822 bigtemW o pcfchias ae s . o i.E
trimaked Ain&l-aesfil section are presented, comparing the am th vi~'Cfsi~cusdic fluxs vetaornse 4fra
two near-wall tramet aor the moscou diffutivc flux vectiu
equatim A detailed evaluaton. of the method a rsne o 0

thelow wed j*iftNLRt 7301 wricaljnsiling-elgc flap
0011fgultir '',o aplcabliy f the method to transonic I

RlOWS is illustroUA for the SKF 1.1 mtcfolil/mnousavic flap Fv -x

configuration over a range of conditiona, from futy-anlicritical - ~ x +oX VOjy qx
flow to supercritical flow with shock-imluced separation. The k
paper closim with a disactaim of the adequacy of tisuaiece Pa x
modelling at the tw-qainlevel for the complex viscous
flowfields of mut-elemenit aetoloil, highli-ft systems. 0

Oxy

GOVERING FIDEWPQUAflQk4 r0v a 1 QYyg (7)

The computational method ia boned oni a solution of the Of)
Reynolds-averoged Navier-Stoires equtions for the mean-flow
developmenet, written in term. of mom-weighted average a a sand ox w conipolsants of the sirem temaor, whtlst
variables for application to compreasible turbiulent flows& The qamq ait, copmtYfteha-fu etr y k~

tim-avetsging proceduire used to obtain the set of mean-flow Ox 1  a md componens vousf fuini the trtflxve ,Anm, Ok
equationsintnou'aces -e urmlrowns, the ReynoldsAe srtinad equatOM for and e, the form adopted for these terms is
t0es -r modelled using A scalar eddY-vicoty QTcfiit. given va the Turboulence Modelling section below. Finally,
LIaca values of this coefficient ame determined by the solution vector jv contains the soures terms in the k and e equations
of two additional modelled transport equations, for the turbulent
kinetic eneirgy andi its Isotropic rate of dissipation. All 0
equationis in this and! sublsequent sections ame wrtten in teemas 0
of ron-dimensional vauiables, using the scalings given in sv - 0

equation (16). -0

lbs governing flow equations awe written in integral form, to So
facilitate the finite-volume spatial discretisationi adopted in the
calculation mnethodL Further, the time-dependent equatinss are to where, again, the pazucular forms of Sk and So we discuasedI be solved, by marching in time to a steady-state solution. The in the next secton.
femalting equationsa can be written asfollows

Reynolds tee and turbulent heat fluxes in the mean-flow
rfvequations are miodelled by introchicing an isotropic

W J 8t + JH.n d~ls + dM - 0 (1) ecli-viscomity coefficient lit and a turbulent Prandtlt number
atJ-5r JOaS Pit. Thin, the visoow grst terms in equatoio (7) become

G is mny two-dimnsaional flow doImain, Us is the boundary to 2
the domain ant at is the unit outward normal to this boladaly. Oxx " (p + pt) sxx + - pk

i s the vector of dependent variables 3

p 2

(2) yy - (p + pt) Syy + - pk

pk

PIE O - - (P + Pt) sxy (9)

p, 5. k anid g ame the density, total energy per umat min, where the components of the mean-strain terwr amt
turbulent kinetc eniergy per unit mawn gal diampation rate of k
respectively-, U NW! V ame the Cartesian meanr-velocity MU 2 r tU aV
comnponents.ifisaman trix containing the flux vectoms Which t xx - 2-
can be wnitten as x 31 aX aY

H - (i+ Fv)i + (Gi +- Gv)i (3) av 2 aIJ aV

a -y 2- - -
where j and j us unit vectors in the X- andi Y-diitctions of ya y 31 oX a
the cattesian Booedinate system. L arid Q ame the convective
flux vectors aU pYmy - - v-J(0

Pu *+P pUV IY a X

PaV -i ,v +I = ~ p (4) Similary, the comnponenits of the hwat-flux vector in equation

PUN pVH (7) bcm

Pis the static presn : and Hthe totaler thalpy pertinit q1mas. lbs varnios quantities us related to each other by th LPr Prt aO'XT
definitions; of total energy per unit volume andl total chalpy
per unit volume for a perfect gas t a

qy . Y - - -(11)
PE - P/(Y - 1) + 19(us + VI) + Pk (5)1Pr rt a
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Pr and Pit, tih lamiar and turbulet PrndtU mnmbers-- am umea-low develkownt which have a for(m cane ally idetical
asumed to tak Consant values of 0.72 and 0.9 respectively. to se Navict-Salrks equastios for aminar flow. Mwl

Tb e Ic tapettatu T in equation (11) am be wluncd two-equeiai k-e W&buaw model of Loinder and Spulding 3

- the pefect g relation, wnum in the foam is wed to d•amie the local values of the turbulew viscosity
cocffit At. This level of mphistictmon of turbulene model

P - (y - 1) p T. (12) is considere to be the lowest-level appropuiate to an adequatc
Modelling ofthde complex flaw physics of high-lift systems.

the pecamie P. being determined fAro the dependent variables The turbulent viscosity coefficicra is obtainedi froma the
in w. uasg dte defntion of the total enrw. equation (5). following relatim
Sucherdam's law

y'IJ[ T.* + 110.4 1 k(

A - [(y -l)T la I (13) lt I CA P (17)

1 [(y - O)T T.* - 110.41 £

is used to evalue the laminar viscosity A, where M and R whe c P(2 is a model iosatant, whoe value is given in

am t e the m nmbr sM Ry nolds and equaion I(21). T1e two modelled tnsimprt equations, for the

respectively. T-' is the ftmtreat static temperature, in ke turbulent kinetic aWy k and the dissipamion rate , have
been given in outline in the Governing Flow Equations section

T surfae con s p t te sabove. The turbulent diffusive tranpspor te•ms in fv and Qv,

T m - equation (7), ae modelled by assuming a imple scalar
equations we the n ip oondditions gadient diffusion pmces

U -= VW - 0 (14)

together with the ii an ia tic wall, which ladk Ak [ - .k Pky + - M k

f L 0(15) A tthe t ulnt0 td
I . ..n. 0p 115 -• 0 Pa A + - - , ply A + -÷ - (18)

ay Yn a, I• aX O aY

Subscript w indicates conditions at the wall and Yn is the ok and Ge am two furthcr model conrsant& The modelled
suMfc normal distance. source terms Sk and S. in equation (9) involve the pmduction

Pk and the &aspslkmio rate e of kine•tim c eniergy

Non-reflecting farfield boundsr7 conditions am applied at the

outer bamndary to the compulatiomnl domain. Thee arm Sk Pk + P
constructed usng the Riemann invanriants for a onc-dimensional
flow nomal to the outer boundary; see jameson and Baker3 2

for details. The downstream outflow boundary in the wake
region is treated in exactly the same way. For subsonic Se - - c Pk- + Ce p- (19)

outflow, this amounts to an extrapolaton from the interior of k k
the entropy and the mcan-velocity component tangential to the and c, e a mather two model constant& The term Rx
down e ndar m a c pe repreenting prucction of turbulent lanetic energy is modelledand the speed of sound am given by the Ricman invariants, usn the con o turb ulgvscst cefcent kiAt nry smdle

&-id the prssue is determined usng the definition of the LamB the turbul visccsty coeficiet Mt
speed of sound. Tlie outer-boundary conditions sm modified 2 a
to talz ýAo account the effect of the circulation armund the
liftn ado(od system, following the apprach of T'homas and Pk = (Pt S3- - p k) -a-

The following scallop have been adopted to put the governing 2 aV
flow equations ard all sulmucet equstons, into a + (Pt Syy - - pk) - t + t sx y sxy (20)
mm-dimensioraal form 3 tY

X* xc y* , Y* Yc* pt  p p., pt  p . Sxx. Y and S al ma the components of the mean-strain temir,

and r in equation (10). This basic high-Reynolds
U* U ,(P.*Ip.*) , V* V ,(P.*/P.*) , umber version of the k-a turbuknc model contains five

constants, which take the following values

E* E P.*Ip.* , H* = H P.*/p.* , k* = k P.*/p,*,' - ' k - 1.0 , 1.3

T*= T P.*/(p.*Cv*) , t* = t c*l'(P'*Ip*) c, 1.44 , c -
1 

- 1.92 (21)

P* P c*€/(P,.p.*,*) , Pt*- =t c*'(P. *p*) , The k-c turbukence model as parsented above is applicable
only to the fully-wtbulrt and outer regions of the viscous

. layets, Both the k and a equations requwr additional near-wall
-* =5 (P.*Ip,*)3Z I c (16) damnping terms if the model is to be used tight down to the

wall. A number of so-called low-Rcynolds numner models have

Superscript * indicates a dimensional quantity and subscript been devised to enable tne of the k and e equations across
denotes frestream condalidom Cv* is the specific heat at this region; see the review of Patel et al35 . The continuing
constant volume, and the reference length scale c" is usually proliferation of such k)w-Rcynolds number k- models
taken M the chord of the clean aewot'il section. indicates the lack of a general cnmsesus as to the mIt

sppqxiate form of the near-well damping terms. Tbese models
also tun out to require very refined computational grids near

TUI RUfLtEN('F MOt3FLIJING the wall, which can have serious cisequenrces for the
numercal solution algorithm. The modelled

taaequatiosw become very stiff in this near-wall region, leading to
odelli of the Re s s s ud a scalar tuger a d adation of the convergence and stability pmrperties of the

viscosity coeffici• t resalis in a set of equations for the solution algorithm see Mavriplis and Marincli30 for a
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discsson of these Poinis. reirsn, it is preferble to take an altemauve approach which
allows resolution of the viscous layers right down to the wall.

Two alternative approaches are genwrally taken to allcviate In the present work, a ont-equation, itaurxlace model is ue
theme problems in the viscouty-dominsted near-wall region. The ini this visxusity-dominagod, near-wail regici. 71w particular
fihrm is to 'patch' the high-Reysolds numbler k-e model to model adopited is the near-wail of c that used by
near-wail bosundary condiionsw bint in the fully-iturbuuint region Mtcheltice et &136 and kinskit 3' which is itself a
of the flow nither thart at the wall itself. No attemnj is made compressible flow versio of the original model of
to solve the turbulawce-tUsnapc equations very close to the Wolishteill.
wail when usinng tins so-called wall function approach, The
second. andl pedispsi, more satisfactory approach is to use a 11w high-Reynolds number forms of tls k arnd e equations are
simplified turbtulence model to beidg the region betweent the solved as usal in the flully-turbulent aid outer parts of the
fully-tunbulmit pat of the flow, modelled totng the walbbotauled viscous layers, In addition, the k equation is also
high-Reynolds number k-a model, and the wall. Both solved in the near-wail region for which y+ - 50. with the
approaches have beat investigated in the present wo&t correct wall bomundary ccasdition

Wall [Aunctima Appen"d k, -0 (27)

Experiments indicate that for turbulent boundarsy layers the T1w wall shear stres Tw' needed to evaluate U. usin
man-velocity component Parallel to a wail UT Obeys the equatiorn (24), is obtained fromt the itaiting forn of the
semi-logarithmic law-of-the-wall momentum eqiuaitio &I the wall

- _ oyE (22) [W PW T (28)

in the fully-twrbimnti, near-wail region, 11w actual lateral extent For y+ < 50, the turbulent viscosity relation, equation (17), is
of this region is a funartioki of both Reynolds number and the replaced by
pressre distribution along the wall. In equation (22). y+ is+c 1
defined as Ort p g p k'1  LA (29)

and the rate of dissipation of k is modelled using a disspaton
Y* ' PW UT y I Yn/ w (23) length scale L.

where yn is the stiface nrtomal distance, mid subscript w p c - k' 2h ,l (30)
denotes conditionisatthe wall. U.is the wadifriction velocity-
and is defined in terms of the wall shear stress rw 11w two length scales LPandi L. ame given by algebraic

relations, varying linearly with distance from the wall, but
11 W la-ftewl uWoe UT (24) modifled by damping functions in the molccular-viscosimy

T~w aw--di-wal ivolvs to cnstntsdominated region immediately adjacent to the wall

K .4 E-9(25) P -c C, Yn I -exp(- RkIAP)I.

x is the von Karman onstant,a&W the above valuieof Eis Le c, yn I- x( k2c)1(1

thatappoprateto soot wals.where Rk is a Reynolds number characteristic of L'w turbulence
In the wall ftaiction approach the turbulctice-trumsport equations
are solved only in the fully-tiubuteat and outer regions of R '/ n/0(2
wall-bounded viscouis layers. ITha is achrieved by arranging thkat k Ii (2
the canties of the rust near-wall comiputational cells are ins the I'i one-quaton model, ner-wall formulation is completed by
range 30 < y+ < 300. T1w k ana a equeticrs; arm rno solved seiiaino h w diinlcrsat
in theme titar-wall cells, but have their values prescribed on icfcto o h w ditoa onat
the boas of local equlibuiurn of the turbulence. A balance
between production and dissipation is sauined in the turbulenit A 76 , c, - iK / C P (33)
kinetic entergy transport equsation. The shear stms and
niean-velocity gradient in the prxodction tent are then given Note that the tuse Of Rk rather than y+ in the near-wail
by the wall shegrewtn and the law-of-the-wail respectively. damping flinctionas, equation (31), leads to a well-behaved
Fiunally, by modelling the dissipation rate aby an algebraic model in separated-flow regions, since, the turbulent kinetic
length scale proportionial to Yn, th new-wall values of kt and energy always retaisim poisitive.

e ecome

Ur' UTS SPATIAL lISRfl&ISAIO
k - - , e - - (26)

.IcP Iyn1Th present numerical sehemne employs an unstructured
11= meant-flow equations are solved in the near-wall compiational giid approach, in ordler to deal with the
comptational cells, with no-slip cotnditions applied at the wall, geomttrtc comnplexity sscisted with niolti-clemnent aerofobil
equations (14) and (15). However, the wall shear stres is sections. 11w comnpttational domain £2 is divided into a finite
obtained from the friction velocity UTr using equation (24), numbner of nati-ovcelapping cells, the resulting gtid being
where the law-of-the-wall, equation (22), provides an implicit untrutiuetmd but bounlly-cortomming. M1w dependlemt vauiables.
relation for U, itself. equetim (2), within a cell ar represented by their average

values at the Lell critre, setic quantities being denated by
One-qpatrws ineWallMode maffix k for cell IL The governing flow equations are now

apple to eact comsputational cel in turn, and equpation (1) for
71w wall fivactiott approach to the near-wall bou~ahry a typical cell k becmews
coniuitiernr for the k and a equatio is atrsigtiomnlr to
Impilement in a raumerical solution prmocdtve. However, there k I

flo unetitie soiaed it this aproac on sprthed -. _ - 5 !I + !v)dY - (at + Gv)dXj- v (34)
law-of-the-wall, equatio (22), under such ceinditiomin. For this



13-6

where Oc rdates to a contour itterathin around the bouindary first derivatives on edge i ame dcatrnnined directly, by carrying
of the cell, taken in dic anclockwine sense 11w cel ha. an out a contouir integration arounid an auxliay cell formed by

am o hkwhic isfixd intimdite two vartces (a~b) and dhe two cell centres (k~p). sce Fig
2. Dependent variables at the two vcrtices are evaluaeda by a

M1w timeiep&jarair integral form of cofastion (34) -igacts &c nurple huspolaki ot die surrounding ccll-centic values. Thor,
u of a fmile-volunic fortmiisthi forthde spatial diaceftisato1. for example, die fiait derivatives of U on edge i ame given by

and d&M Mmarchig the armalikig aes1i-damet. equatians in trime
to reach dom detlay-state anultiicx Pa(cmnuiiig die spatial Utj dYIIU X (3
dwroitionf of ouistio (34) befor'e die don discexeaissim I -I- l dY,- - - Ud

taspect to time,
whiere lit and 0 amc die ame amid cotmouy of the auxiliary ccl I

d~k respectively. Finally, dio sourc terms Sk mid Se, in die k antd
- . _-2 + Yk) (35) a eqations involve finit derivatives of flow vaziahica at die

dt cell centres. Tcmc ame evaluatedi usng inategratioin formulae
nsimlar to equation, (43), but based on die "as comnputational

Uk arid A ame &acmee aPProzimaitica Of td convective O'd cells, MSg I-
viscous flux lnitegial reapectively, die hatow also containing die
source terms Av. Mi contour integration of the convective
flux voclo, eaquatio (4), is approximated by NIMERLCAL DIT~SStPATON

I kedges )(6 3) o h

-k n con ~' 2vective flux terms in die mcan-flow equation is
hk n-i ~rior-dissipative. This nmeas that any crers, such as

discretisation or rounid-off cifoms wre not damped and

whene the .immaticmis over die edges forming cell k. Fig I oscillations may be preset in the steady-state solution. in
shows the rotation adopted for a typical edge i, formed by the order to eliminate these oscillations, artificial disipative terms
two vertices a and b, which is common to computatiornrl cells ame added to die righit-hand side of equation (35) which, for

kard p. The cartesian lengths o( edge i arm given by the mean-flow equations only, becomes

AXi Xb - Xs , Ayi - b - V, (37) d!jc

Maw convective &lu vectors on edge i can be evaluated using - - - (2kc * k - N) (44)

editer the flux vectors or the dependent variables at th w dt
appiopmas cell centres. Mew Latter approach is taken in the T1w approach of Jamsntima ot a139 is Wadotd to constrnct the

peetmtothus dissipation fuinction 12k. For structusred computational gnds, this

Eii() -Fi(i) ,ýiiW) 21(i) 38) comnsits of a blend of second and fourth differvices of die
- G'(!) (38) flow variables W. Fourth differencesa are added throughoust the

flow domain where the solution is arnoon. but are

The simplest approach to evaluating the dependent variables on 'switched-oWi in die region of shock waves. A term involving
the cell edge is to average the two cell-centre values, for second differences is then *switched-on, to damp oscillations
example near shock waves. Ibis switching is achieved by means of a

shock-wave sonsir, based cm the local second differences; of

- (!k + !p) 12 (39) prsue

Conistruction of the artificial dimpatave terms for eastructured

Equaetiuons (38) anid (39) amonost to a second-order, centre grids basically foalws the above proceduare. However, the
dliffetence formulation cm a regular cartedan grid. Thi resulting form a( the adaptive coefficients is somewhat

approach is found to be satisfactory for the four meani-flow different; am Jamneson et al40. Within the finite-volume
enpiatione. For numietical stability of the soluation algorithm, an approach, die dissipation funcetion for tmstructured grids is
alternative finat-otrie upwind scheme is used for the k and e calculated by a swninatkmn of the fluxes across the edges

kedges kedges
!j ( max(0, At &i) + Sin(0, Ai !P) 1 (40) E - d + ()4)

where Ii-

Ai -Ui M - V A~i(41) Also, for unstnrutured grids die second and fourth diffeavies
Ai - i £~i - V ~i 41) f conserved variables amre eplaced by

A similar procedure is tsed to aprxmt th contou
integration of do visicous flux voctors, equation (7), (0) ' (2)

kodges - - i 91(') (V'jt, V210 (46)
YjI E (FVn AY - G-v AX,,) + Svk (42)1

hk n I where i denotes die edge delimiting cells k and p, Fig 1. V2

is defined as
However, in this cow both the mean-flow arnd
turbulence-transport equations ama treated uimng the secosid-order, kedges
cenatred formulation of equastiort (39). V'Izk (Ii - Ik) (47)

Theviscous Wfisive flsuxvectors equton (7),in Eva'nidQvi
require evaluadior of firat derivatives of flow variables cm the
cell edges. Thew inat obvious approach is to evalua.thesdi Note that in equatio (47), X' and Wk are cell-dge arid
derivatives at the two cell centre. k sal p, then avenage to cell-centr values respectively.

give a value for edge J, ame Fig 1. This approach may tombl
in a do-coupling of dve solutions at adjacent cells, and does not 1w madst traightforward way to consitruct the acptipvc
contribute to tie damping of eroors. In the preaent method, the coefficients e 0') and e(-) in equation (46) is by a summnation
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of firat differcrcc of picsis, this being the tustnicturcd-gnid vl(s) Wi
analogue of the second differene of omatsu used in
struetamedpInd schamas. As discusse by Stolcis and + a,4t-M. frWIt
Johal ilthids leads to a fogmulation dhat is too dissipspave. -- fo mtIo4
Therefoe, the shock-wave sensor v, in a(0) is construted on
a local edge basis, usng only flow vauiables from the two =n+ VI(. (54)
adjacent cells k mid p

- n is the curent time level, n+l I s the new time levelad
Pp - 1 (8 following coefficients am ued

Pp+ Pk ct a - 1/4 , a, - 1/3 ,a, - 1/2 ,a, (55

Tc adptv cofficint the beoeIn order to nunirfumse the compautation time, the rtsidual in
equaton (53) is reformulated as

d(a) - k~s'v . (di) - MaslO 0.) 1 ) _R(m) - 2(m + V($) - DO*) (56)
*1 *(a (49-

The scaling factor cti in the dissipaion function, equasion (46), where the expensive evaluation of the dissipation function 11 is
is based on the maximumn elgenvaluecs of the convective carreld out only at the first irtermediate stage (e), and then
iacobuin matrices allaW and da/8)& along the appropmiate frozen for the subsequent stages& Ths is kno~wn to modify the
Cell edge stability region of the scheme, bxut the steady -state accuracy

arid convergence characteristics appear to he preserved
a1  - i - *iX itai + AY 1

3) (50) Similarly, the viscous flux and sourcve terms compristing Y arc
I also only evaluated at stage (sn) arnd then froien ft.r %ubbequeni

ij s the local speed of sound-, see equattion (59). k(2) arid stg.

k.) are two empirically-chisen constants, which typically have 11w local time step for a given computational cell is
values in the tange 1/26 < kV-) < 1/32 and 1/2 < 0~) < 1. deterninird as a combination of convective and diffasirvc time

T1w above formulation for the numriecal dissipative ternms; has
been developedl for the Euler equntionai governing inviscila
compressible flow. If used in this form with the 4tk aAtk At'k 17
Reynolds-averaged Navier-Stokes eqaios thi numeri-c(5l
dissipation may awiamp the real physical dissopalion in teAtk +A'
viscous layers Thec result can be modification of the biga dutbecntntkn .vlei h agboumdary-layer developmeint, the delay or suppression of flow a en najsal oelnt aigavlei h ag015 to 0.25. The inviscid time step involves the nmaxi mumseparation and the weakening of shock waves& In marny caca cigenvalues of the convective Jacobian matrices, equation (50),
the physical dissipation present in the diffusive flux temsE for the edges forming the cell
arid Qlv may be sufficient to prevent the build-up of
ocaiilatioms but experience indicates that some numerical
dissipation is kedgesoii ndJhsin9prpsd h hk (8
following simple scaling of Dk for the computation Of k-kcgs58
turbulent flowflelds

I IUAY, - V1A5X1  ciI(AXil '
2k' - k 1- xp(- a P/Pt) I(51) i . I

where aisan adjustable constant which generally isset to a where cjis the local speed ofscumd on edge i
value of 50. Such a scaling, based on the magnitude of the
turbulent viscosity coefficient pt, has the advantage of also ci3  , Yt Pi / Pa (59)
operating in wake regions remote from the aerofoil surfaces.

11wi corresponding viscous tnim step is constnucted as follows

flI1E-MARCHlIN1(iSCHlEME A = k ed hjk (60)

The spatial discretiuition described above reduces the governing kedgP PtJ
mean-flow arnd turbulence-trarsport equations to a large system E TPt) (Axil tAyi') +

of semni-disecrte ordinary differential equations, which may be i -II r p t
written as

The time step given by equation (57) is then multiplied by the
dW~ 52 CFL rnumber for use with the multi-stage scheme

dt Atk - CFL At~k (61)

The right-handl side of this system mrepeexets the residual eno 11w major disadvantage of explicit schemes stuch as the present
(deviation from the steady-state) in each cell k one is that the magnitude of the maximum allorwable time step

k -(2k + Yk - Nk) (53) retito a ealvaetosm xet ymrhn h
solution in each omtrputational cell at the maxmimur allowable

1he integration in time of equation (52), to a steady-state local time step. 11e trwisiient solution is then nott
solution, is performed using an explicit miulti-stage scheme. tirte-accursate, but this is of ro concern since only the final
Since time accuracy ix rot important for a steady-state steady-state solution is of interest-
solution, such schemes are selected only for their properties of
stability region and damping. The following 4-stage scheme is
adopted for the present work (neglecting, for clarity, the CQNVE.R ENCE AfrELERAIION
subscript k denoting a particular cell)

Convergence to the steady-state solubso can be further



accelerated ousng the residual smoothing technique, in which RWL1LM
dhn residual Rk equtation (52). is replaced by an average of

the esidsl of he cllsAll the rcatults prsuented in this section were computed oats a
(2 fixed set of flow algonithm parametrcs. The two numerical

!t- !k + I (62) dissipatiun coetticirasa 0() and k(-), equation (49), were set
to 0.65 aid 0.0045 repectively. 11w timce-nnaahn ach-a

where , Is a smoothing coefficient and V ais definad in employed local time stps anid implicit me"dual soodung, with
equation (47). Noet that then smoaothing isarried out implicity. a CFL laifiier of 4.0. T1w solution wan considered to be
to gain then maxitm- benefit in aceclrated convarga= Since converged when the average derinty residual was reduced by
the inesultng matrix of residuals is diagwually-douair-Ct for dhe four ord-r of magnitude. A compuchciesmve validation anid
values of a of intrst. this implicit syatm can be solved by evaluation of the numerical nirdiod in given by Stokcia43.
performsing several Jacoii iterations Typical reatilts for sugle- anid muilt~i-ement aerootbls. at both

low-speed anid transomc flow coniditions, am presented below.
kedges

(*). aA 2E2 Aerriw

11wi RAE 2322 aerotcal has a maxitmum thickancsochod ratio
-(63) of 12.1IS and a sharp trailing edge. Cook et al" f . an

I + a kedges extensve experimental attidy of this smtioil in the Ift x a
trsarime wind tunnel at RAE Faninarougls. 11w dths-set

whenre ()refers to tan turimoothand residal, arid the nmber includes mirfae premium skin friction aid integral thickiness
of iterations reqtred to estabrlish dhe smoothed residual is disrbetaitns as well as mans-velocity profiles, at a range of
small (a comman value is 2). This smoothing technique allowa flow condcitions As sulh, it is oane of daenwmor nearly
the CFL nmanber to be increased to 2 or 3 times dhn complete aerolcal deta-sets and has been used extensively to
wunsoodand value, validate nmeiarical methods 11e aerofail model has an aspect

ratio of 3, and so dan -wind itiawani sidewalls shuxld have little
influeance on the flow development. Similarly, the tiunnel

GRI GElanONhight/aeraoil chord ratio of 4 is Large, enough for linearised
theory to be used to determiane wind turml coraections for dhe
upper arid lower walls. Experience indicates that compuitations

Urutrictuted comnputational grids cannot be represented in the shouild toe thn manciactured ratlher then than destgr geometry,
smne way an structuited grid!; within a solution algorithm, since in order to capture correctly featrLre of the surfasce pressue
there is not a grid-point matrix in winch dheneiWghbounJ~ng distribution in than leading-edge region.
elements are also neighbours, in physical space. A cornectivity
matrix is required for unatructured grids, containing all the Fig 3 shows results for Case 9, which is a fully-attacland
rnecesity relationshtips between cells, cell-edges and vertices. transonic flow condition, at a Mach anumber of 0-73, a
T'his iniformationt is accesse in an indirect way by the flow Reynolds number of 6.5 x 106 and a corrected incidetwe angle
solver, so the choice of an optimal data-storage scheme is of 2.79*. Transtition is fixed at 3% chard on dhe upper arnd
important. lower surfaces, in accordance with experiment. Two

computations am shown in Fig 3, for than high-Reynolds;
In the present cell-centred, finite-volume formulation, this nuimber k-a turbulence model with wall fusnctiorns and with a
connectivity matrix is written in wterms of cell edges rather nan-equation recar-wall formulation. Computational gdrid for the
than the cells thetmselves. This allows a very simple two case were generated by direct triangulation of C-type
one-dimensional form to he adopted for the solution algorithm. stristuted grids, the two grids being essentially identical away
T1= various algorthmic operations, such an the computation of from the immuediate viciruty of the aerofoal surface. 11w grid
fluxes, nmenarical dissipation, time step, etc, can be wrtttei Ln for the wall function computation cornsisted of 23497 cells,
terms of a single evaltation for each edge of the grid. These 15522 edges and 8000 vertices, with 160 cells adjacent to the
quantities mec diem accurmulated, with the appropriate agt, for surface 11w one-equation rear-wall computation employed a
the two cells associated with each edge. A flow solver more refined grid consisting of 25074 cells. 37849 edges and
structured in this way also becomes independent of the acttual 12800 vertices, again with 160 cells adjacent to dan surface.
shapes of the cells, enabling dan mixing of triangular and
quadrilateral cells for example. It wan initially supposed that Despite the different computational grids and turbulence models
there may have been an advantage to using quadrilateral cells in the near-wall region, Fig 3 indicates good agreemnte
in boundary-layer regioss, particularly whan uisng simple between the two results and experirrent. Theli minor
algebraic turbulence models; we Weathetill et al4l. "This hass discreparncies around the upper-surface shock-wave can probably
not boew thancaw with tha present work~ involving Ora k-a be attributed to inadequate grid deninty in thu region.
turbulence model, and tan results presented below were all Computed lift and drag coefficients we 0.327 arnd 0.0220 for
generated using only triangular cells- the wall function approach, 0.34 and 0.0225 for the

one-equation anaw-wall model, compared with 0.803 and 0.0 168
flan unstructured computational grids for multi-Cemnent aerofoil for than experiment. Part of the over-prediction of drug

sections are generated by a thre-stage procedure. Firstly, coefficient is almost certuirnly dune to the surface pressurt
structured quadrilateral grids ame generated arounsd each aerofoil integration with an irssufficiermtly fine grid Stolcis and
component in isolaton, using simple algebraic tecletiques. The: Joluuton45 present results for Cawe 10, involving shock-induced
vertices of these variousa isolated grids mre then overlaid and separation, wh~ch show a similar Level of agreemenet for the
reconrnected using a suitable algorithm, to produce a single grid two near-wall formulations Fr this remun, all subsequent
consistingj of tinangular cells. In than Mescrt work, than compatatioms presented ame based on the wall funiction
Delaurmy algorithmn of Weatheill 42 is tused to produce the aipproach.
required conneactivity information, since this results in an
optimal triangla grid, in termns of cell-duope regularity. It Is NLR 7301 WingI4lAD
also found beneficial to apply a ample Laplaciani smoothing to
the grid after than Delairnay algorithm. This approach to grid Fig 4 shows than geometry for than low speed high-lift NLR
geaneration ansure high quality grids in the vicinity of the 7301 aerofoil/trailing-edge flap configuration of van den
aeroloil surfaces, which is aneesay for the adequate resolution Berg 46. The flap angle is 200 and computations mre presented
of the vscocus layers. Grid resolution arid quality can be for than larger flap gap of 2.6% of the reference chord. 11w
further enhanced by refinement of the initial grid, whereby experiments were carried ourt in the NLR 3m x 2m low-speed
specified cells ame sub-divided into thre smaller triangular wind tunnenl, at a freestreamt Mach naimber of 0. 185 arnd
cells. In gerneral, this technique is required to improve Reynolds number of 2.51 x 106. The expecimnast was
resolution of wale regions, which ame usually not well-alignecd trarsitiort-free, but tranksition was fixed for the computation.
with than original structured grids. based on flow visualisation observation&. The grid shown in
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Fig 4 was generated by firat producing ()-type grid arcarrd of the main elemnent, aid at the leadng edge on the flap.
the isolated acrotcal components, usnrg die Delaunray algorithmn Although the experimenets involved free transitio., disturbances
to w-eaxa the vertice and thmen ariching the grid in the frmoa surfac P--sr tappin were likey to iave Promoted
wake megon of the Main gerfal. The resulting grid consited tranistion in the leading-edge regions, at least un the upper
of 12299 cells. 13567 edges and 6267 vertces, with 120 said S~faces-

100 teac a"an te man~an~bi andfla resectThey lc omputational grids were constriwted by first gencrating a
Computed strface presue ditilutins~ for incidence angles of structaaned grid of C-type topology arouild the basic SKF
6.01 anid 13.10 ane shown in Fill 5, and are in excellent section, with outer arid downstream bounrdaries at 15 and 1
agreement with experiment- Upper surfac mean-velocity chards respectively away from the acreofod surface. A second
profdle on the Omain aesofcil and flap are well-predicted for C-type grid was thent generated arounid the flap clement, but
the 60 incidence angle cmae Fig 6. At the higher incidence with onrly the inne region being retairned. A local grid was
angle of 13.10, the dsplacemenmt of the main esofruil wake constructed in the flap cove region of the main aerofoil
away front the flap surface is rader-predicted in the flap elmcmat Finally, the vertices of these thuee subgrids were
trailing-edge region. Thin can be partilly amtrbuted to reconnected to foarm triangular computational cells, using the
inadequate grid resolution in the outer wake regiont. However, Delaurity algorithmn. The resulting grid consiosd of 9712 cells,
it in likely that some of this discrepancy is due to a lack of 14742 edges auid 5031 vertices, with 140 anid 100 cells on the
response of the k-a turbulenc mtodel to the significant flow main aeOfotil arid flap surfaCcs respectkVelY.

curvtimpreentat es ighlif coditon.Stolcis arid JoluuatonS0 carried out a wide-ranging evaluation of
The computed lift, drag and pitching mentý coefficients are the Present comtputational method for this pasticular data-set.
compared with experimen in Hig 7. The drag in consistently Results are presented heme for a range of increasingly severe
ovecr-predicted by about 100%, despite the apparently good flow conditions, at various freestreati Mach numbers but with
surface pressure distribution predictionsi of Fig S. 11w limited a fixed incidence angle. Fig 9 compares measured surface
number of surface cells in the computational grid will result in pressure distributions with predictions, two sets of computations
a rather inaccurate integration for the drag, however. Fig 7(a) being shown. The first set are for the nominal experimental
and (c) show good agreement between predictions and freestreain Mach naumbers, and agree reasonably well with
experimniet for the lift and pitching moment coefficient, up to measurements. The second set of computations irncludle a
the experinxentally-obaerved stall. The computations fail constant increment AM - -0.02 on the noinrnal freestream
completely to predict the stall, so that the lift continues to Mach ramibers. Such an increment is consistent with solid mrid
increase with incidmene angl. DavidscM4 has observed a wake blockage effects in the experiment at these high-lift
sirnilar reluctance of computations to predict the stall of a conditions Incluison of the Mach number increment leads to
high-lift, single-aerofail section when using the k-e turbulence an overall improvement in the predicted surface pressure
model. This inability of the k-e model to predict distributions, although the magnitude of the presumed WAM
smooth-surface flow separation in, again, assciated with a lack appears to be too large in somic cases.
of rsos to flow curvature. Recent computations by
Stdli~ , employing an algebraic Reynolds-stress formulation Predicted variations of lift, drag and pitching moment
with the k-* moadel (a model that dons respond to flow coefficients with Mach raumber are compared with e-'permntw
curvature), do predict the correct stalling behaviour for the in Fig 10. The drug levels below transonic drug rise conditions
NLR 7301 aerofoul/flap conifignurtion. are significantly over-predicted, and this is attributed mainly to

an over-prediction of the pressure drag cointribution of tilec flap.
SKE 11 Wingadanecaivr Ela0 Suction levels in the leading-edge region of the flap arm

critically dependent upon the shape and size of the
1the SKF 1.1 aerofoil/maraieuvre flap configuration of recirculationi zone in the flap cove. It is well known that the

Stanewsky arid Tiwbett4 was chosen to evaluate the present k-e turbulence model tends to predict premature re-attachmnict
computational me'hod for transonuic flow conditions. The for such zones, and this is consistent with the present
data-set consists of surface pressure distributions and integrated under-prediction of suction levels around the flap leading edge.
loads only, but covers a wide range of tranusinic conditions in Inadequate grid resolution in this region may also b a
a systematic mainer, from fuly-subcritical flow to supercritical contributory factor, however.
flow with shock-induced separation. Hig 8 shows the aerofoil
with a 25% chord manioeuvre flap deployed at a deflection An overvew of the predicted flowfleld for a typical transonic
angle of 100P, this being referred to as Configuration 5 in the flow ecairgition is given by the iso-Mach naumber contains; in
data report4 9 . The aerofeal/flap combiniation was tested in the Fig 11(a), which are smooth despite the caratnuctured nature of
DFVLR 1 x I Mete Trarasonue Tunrnel, the modiel having the computationtal grid Mean-velocity Vectors in the flap cove
tunnel heigh~chord and widtlhfchon! radas of 5. Such a region, Hig 11(b), show clearly the closed recirculation zone
widtl/chotd ratio should have mnininsed the influence of the formed due to separation fromn the sharp edge on the lower
wind tuinecl sidewalls on the aerofotl/flap surface pressure suirfac of the cut-oiL Note that the flow re-attaches on the
distributions. innier surface of the flap cove upstream of the upper surface

trailing edge.
The geotnetric angle of incidence a has been coreected for
top-and-bottomn wall interference effects following the procedure
recommended in the data report. For the large lift. coefficients CQNCLUSIQLNS
achieved in the experimenit (in excess of 1.0), this amounrts to
a subsantaial corrccdon of the oruder of -3~* The inerae lift
ocfficient CL and pitching moamet coefficient about the A Computational Umehod to predict the compresabIe viscous
"qtartehrrcd -at CMi(1/4) have similarly been corrected for flow developmnta arouad multi-element, high-lift seimfoils has
wall-induced streamrine asyature effects. The drag coefficient bowt described. Solution of the Reynolds-avetuged
CD was measured by the wake-traverse technique and so Navier-Stokes equations in conijunction with the two-equation
requires no correction All the experiment were carried out at k-e turbulence moxde gives a basic capability for dealing with
a f~reegreamn Reynolds nmaber of about 2.2 x 106, with free the complex flow physics of such high-lift systens. Similarly,
trarsition on both aterfail elements, the use of unstructured computational grids allows the method

to be used in an essentially routine fashion for
Hig 9gshows the aetroilmainoeuvrc flap geometry, together fuly-representative, closely-eoupled configurations. The method
with the imier region of the grid wsed in the computations, has been evaluated for low-speed, high-lift configurations and
The geomectry is fully-represented with the main aerfotil for single- arnd multi-elnicrit aerofomin at trurusonic flow
element having a cut-out in the cove region into which the conditions 11w results achieved to date ame encouraging, but
flap can retrac to form the clean SKF scrrifoil sectiont. Both indicateý limnitationsa in quantitative accuracy due to
seeldol elements also have bltait trailing edges. Trnsition was turbterlene-rnodelling deficiencies at the k-e level. In particular,
fixed on both ascofoil elcemat for the cotnputations, at 3% the lack of response of the model to flow curvature is a
arid 25% chord raestetively on the upper arnd lower surfaces seriou problem for predictionsr near maximum-lift conditions
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Fig. 4 Computational grid for NLR 7301 wing/trailing-edge
flap configuration
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Fig. 5 Surface pressure distributions for NLR 7301 wing/flap
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Fig. 8 Geometry and inner region of computational grid for
SKF 1.1 aerofoil/flup configuration

2.0.2.

-P C*

-I. -. -- -- -- - -- -. .-. . . . . . . .- -C

-1.0

00.5 0 -0.5 0 •

0 D0 .25 -0.0• - -25 0 0. 0 A •nn I 2-,

0.5 O,5

_______________________________ 151.0 . 0

(a) 4-= 0.600, a = 0.18', run 223 (b) M. = 0.650, a = 0.02'. run 229

-2.0 [-2.0

CP C

0 0S,, 0,-.o..o o0

0.0 /c 0.0 /c

00 0.25 0.50 0. 1 25 0 4 , 0.25 0.,50 0 A.

0.5 0.5

1.0 1.0

I.5 1.5

(c) M• 0.701, a -0.15', run 235 (d) = 0.760, a = -0.26', run 241

Fig. 9 Surface pressure distributions for SKF 1.1 wing/flap
Mach number sweep at a = 0*
o,& experiment; - computation at nominal M.

computation including AM-d



2.0

CL

1.5

x x

x 0
x 0

1.0

0.5

M

0. 0

0.5 0.6 0.7 0.8

(a) Lift vs Mach number

0.6 (0.'
C3

-0.2

0
C)

X

0.05 -0.3 x

0
0

x x
x x

X X 0

0 0

8

0.00 , -0.5

0.5 0.6 0.7 0.8

(b) Drag vs Mach number (c) Pitching moment vs Mach number

Fig. 10 Integrated loads for SKF 1.1 wing/flap

Mach number sweep at a = 01
o experiment; X computation

I



13-I

(a) Mach lnmuhc r ctolilr' ( I IIcate, ni i

, • . . . -#

(b) Velocitly vectors in flap cuoe cg

Fig. I1 Typical computed flowfield solution for SKF 1.1 wing/flap
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NUMERICAL CALCULATIONS OF HIGH I.IFT FL~OWS
USING STRUCTURED AND UNSTRUCTURED METPHODS
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SUMMARY dtee
ýsee e g.

At the 015institute 'or Design AeroLdyna- existence * -f ' s1."1icn areg
mi.§s current research In the atea ,--f nlgh ted fiow drd ,-, st g ng

litaerodynamics is directed toýwards the inlterference ~t~> ~
dýevelopment at a computational anialysis airfoil probm eli from the ae,_,.-:
oa pab, i -try f or h Ig h llf_ s ys tem s. "n e teing faced av.r;s
Nav'er-Stokes equations are sollved w a cessluj. de_4

murgrid metnod based an central s~pat a! lift dev-,oes w.. e

differencing arnd Runge-Kutta time steppn. ; nderstar-d,.n, e
Two particular problems are addressed in acntheve t.s
this paper. The first concerns the calcIa- -indthreil
tion of maximum. lift far a single airfoil required.
a nd a clean wing canfiguration. The aocc ra-
cy of The basic structured tlow aolver is At the DLR lost~tt 'etc
investigated by comparing the results with mics a n-merica lD pýced~i~e
experimental data tar twa test procb ers and high lift c 'a -

several flow conditions. Emphasis Is c'ac-d unzder ve'-r
on the siensltivit.y of the computed so týn the sol,_oif lemZ;!er;C
associated with turbulence modelling. !-e Stokes equaiý:, cor ing 3j
second aspect dealt with in the pie-ent scezt a P
paper concerns the extension at the n, cmr1 ping scheme.~p o e
cal method to multi-element airfo'ls. Both by the ;se cter
Ithe b lack- structured and the .i~ ... rd niques pana a
grid approach are investigated it, -- e ro rittim. The tasi a,,v d
explore their specific merits arl a .,airet y c f p ;7
t ions. Detai led compar isons at f' st r uc- span w g s wa,- wg _c-
tured and unstructured approach. are pre- 3-
senited for low Reynolds' nu,.1ibe r .aminar
viscous tlows around a single airto I., and Intepee'Paper 'wo2,ý
tar the inviscid flow around a multi- ot th'e codýe idt:v.'elcpnrTent. for
element airfoil. fiquratio *'s 1 r e addr ess e -

capdbilityý of th.e Nav,ýcr-So.e ,vt-
LIS7 OF SYMBOLS pred-ict: thie maxiMU!o llft ,

toil and a wi ,ng is ne g e

been used. Comparisons of :ec~t

* 1cLlift: coefficient suits obtained wiltn different
* dc drg cofficentmodels and experimental data are

dcD drgcefcetSecondly, the extens-,on of thie a
* surface pressure distributi'on solver to treat multi-element- alit _1 i

E specific- total energy discussed. Although substantial p: n'~ros
has been made in the development -f t ho

F tensor of flux density live algorithms foi soIlvngJ the Nay-( c-

n unit vector of outward normal Stakes equat,(o.ns, very often thýe -e
these methods for practical apploa~nn 'S

M Mach number limited due to deficiencies in grid jeýýei.a
uvwCartesian velocity components .ion. Today thec generation of an app. a

uvwpriate grid around complex aerodynam.,
Re Reynolds number geometries such as high lift conifiguratioýns

V control volume continues to be a major obstacle. For the
treatment of multi-element airto~ls mra~nly

3V boundary of control volume V two approaches have been used in the lit.-

a angle of attack erature. namely the block structured grid
concept (see e.g. [61) and the unstructured

ri spanwise section m#qh approach (see e.g. (71)1. At. DLR cur-

P density rently both approaches are being investiga-
ted in order to explore and assess their
merits and limits. First results of these
investigations are shown here. The studies
presented in this paper appear to be neces-

1. INRODUTIONsary steps towards he developoment of an
1. INRODUTIONaccurate and efficien~t computational proce-

In the development of new aircraft the dr o ihlf ofgrtos

design of high lift systems for low speed
take-off and landing capabilities is per- 2. DESCRIPTION OF NUMERICAL METHODS
haps one of the most complicated aerodyna-
mic problems. The flow around high lift The governing equations are the mass-
configurations is characterized by many



.;In :.ý.,'r.a V37 lnass re''..'.,r! V" I

.2. legril er::il A' '. .K.

-'IV

15'-, I.Yev.--z 0 r: Se rvo V~it s. '' 1 '-
l]Udntities ý2 v , w n E e n

,iv s- y, 'Ihe >3,atO5eLaif vellocity A,,peie
mdthe spe,-Ir , 'Ieac energy. V e prese L--

ýin ar c Ir dry 1nr§ roum c.'. 2.r. 1~ :.±:.j.e

JV dnd outer :1 r"-i. j.to Ž27. '~

te ::.' ie n s y tensor is 1.Lte '' r
Te ega' Cn r, st a te tor per-et 3 -r s a Spet -1'

u.s ed, Cto -c aclte pressure and 'el.'e jr. . s pa 1i1a Sa Cer et:>
.ne cir v-scosity -,s i.~JSe feda-

11n emp ir i c 'p-.e r la' t ' ti'me Wnic
~r -,,u, Ient tl'ws 7ýie lamtinar /i_ iy exp' let culI ag sj
.sreplaceri by and thie hi a! I fle

-e I I.'P 1e 1y 'erm aIre n
eJ''C~''' - lt~ s2v _1, t -aid they ire zen

n P rari' i "-_='e 1 P r, ire P, ;V-;'e_ stages. Sir~ee:,irn
P .r:uonee m'-i e' I Ohnrs. > steady flew ' ~

mb'1 lls -'d Bald1wtn--'~~d '8 are used to- ac,_elerie e
Jehson King '0j are mined- The Bai' n sý edy statoe. Wi'

Lomcax model sa algebraic qiiich X :iaxrnu jiloal .OWS

relates the edd:y viscosity to e 1n :Dj each, cell! I'D ai1varice '.e

73,it"iMI v.r lly. th ýs eq"-b1r 7 iplicit SMhO.< g n :e
cede w5 WI le.y used for cc:týp_,lug _iýa:h employed to ex*ei s t e.- Y ký 7
m-d '..dy s e paLrat ed fl11ows , Tn., odo~r Lfle , asic eXP, 1 5. e1

alwa more accu~rate determtriatr :. ),n c varbesot' u
..rbulernt st~resses in separatrci hc.n~r rion cf the cell aspeet rt:n'-I. a.........
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h th convect,_on and dtffus.'on ý; ,- raito cells lra~v a
.ence are tIakien in'Io aeccount. method acccdr 'a o1!1i

sequence of successiveiy coarsýer
2_. Str'.ctured Method usd to eff iciently cm

*houghcun thne frequency sperr_ t -:_ Ti~. -

Tne b-ic flow solver (DLIF-code J-EVCA-S neously. Due t.j thne less zestl', Vk
ý3. i3,111 is a finite vol'ume metned based step limit-atluns and tI.e rscarl o
on structured grids. The inumerical approxi- points on th~e ceaýrse SIehe
matroin of Eq (11 follows t~he miethed of can be advanced much more rapidl~
lines, which decouples the discrertzat 0"'

in space and t ime . The physical doz-nia In -The code CEVCATS allows T,..,l e.' ho>-p
around the aerodynamic body is divi'ded into sition of the compilta,ý0-a icri a ,'n,
n-exah~edral cells by the generat~on of a wh4Ch iS 4mootn o ri SO
Lc'dy-f-,tted grid. The discrete values of craft geometries sucn as highli s y:- e!-,'
the flow quantities are located at the Considerable effort has b e enr made* 'vertices of the computational mesh cells, lop effic-ent, mualtigrid sztrateg-o ýS '
The cells selrrounding a vertex form a super mu lti-block com~putations [161
cell. The rate of change of mass, momentum
and energy associated with a cell vertex is 2.2 Unstructured Method
obtained by summning up the fluxes through
the outer boundary of the super cell. The In order to explore the capabiliti.es and
flux through a boundary segment is obtained limits of the unstructured grid approach.
by averaging the quantities at its corner the basic solution method described above
points. It can be shown [12] that this cell has been extended to allow computations on
vertex discretization scheme is first-order unstructured meshes. Following the work of
accurate it the distribution of the seg- Mavripilis [17,18] a two-dimensional Euler!
ment-normal vector is smooth ovei the seg- Navier-Stokes code has been developed
ment, and if the cell faces do not degene- [19,20] which uses control volumes formed
rate to triangles. On smoothly varying by triangular elements (see Fig 1b) . The
meshes the discretization is second-order numerical scheme for the solution of the
accurate. The viscous fluxes contain first full mass-averaged Navier-Stokes equations
derivatives of the flow variables. They are uses a spatial discretization employing a
computed using a local transformation from lalerkin finite element formulation. De-
Cartesian coordinates to the curvilinear tails are given in [20] . The process is
coordinates. Details are given in [31 . In equivalent to a finite volume approximation
the present code the thin layer approxima- for regular triangular meshes. As in the
tion is employed in which the viscous structured algorithm artificially construc-
fluxes take into account gradients in the ted dissipative terms have to be added to
direction normal to the body and in span- provide background dissipation and to allow
wise direction only. shock resolution. In the case of unstruc-

tured meshes the artificial dissipative
Since the spatial discretization is based operator is constructed as a blend of an
on central differencing, dissipative terms



undivided Laplacian and a binarmonic opera- measurements is obtained for ail Reyioids
tor [17]. For Navier-Stokes calculations number and Macr- number comlinations. in the
the dissipation model is modified according vicinity of the normal force maximur the
to Mavripilis [18] in order to take into theoretical reqults obtained wioh the
account the high aspect-ratio cells resent Johnson-King model show discrepancies ru-
in the boundary layer and wake regions. For wards higher drag coefficients as cu:T.pared
advancing the solution with respect to to the experimental data. It car. be sai.d
time, an expliciti five stage Runge-Kutta that considerable differences bptwuen comn-
scheme is used. As in the structured scheme putations and measurements become apparernt
convergence acceleration is achieved when substantial flow separation occurs.
through local time stepping, implicit resi- The best agreement between theory and ex-
dual smoothing, and a multigrid method. In periment is cotained for M. = 0.3 foi the
order to improve the accuracy and efficien- low Reynolds number. This may be due to the
cy of the numerical procedure, a local grid fact that for these conditions only small
adaptation procedure has been implemented. domains of flow separation exist. The same
Important flow features are well defined trend cat. `tes seen in Fig 4 where the normal
and the overall efficiency of the unstruc- force coefficient is plotted versus the
tured scheme is not adversely effected by angle of attack. In this figure also ex-
the adaptation procedure. The adaptation perimental data with wind tunnel correc-
technique has been originally developed for tions [22] are displayed. Fig 5 shows the
application to Euler solutions [19] and has convergence history for some selected cal-
to be extended to be applied efficiently to culations. For low angle of attack around
viscous flows. A detailed description of 80 mulcigrid cycles are required to achieve
the current implementation of the 2-D un- a residual reduction of 4-5 orders of mag-
st-uctured Navier-Stokes solver is given in nitude. Note that with respect to the lift
[201. coefficient sufficiently converged solu-

tions are obtained within 40 multigrid
cycles. In the vicinity of maximum lift the

3. COMPUATION OF MAXIMUM LIFT efficiency of the Navier-Stokes solver
somewhat decreases.

The stru'ctured Navier-Stokes solver des-
cribed here has been applied to a wide 3.2 Wing-Body Combination
variety of uwo- and three-dimensional
flows. This paper addresses the capability The second test case used in this analysis
of the Navier-Stokes solver to predict is the DLR-F4 wing-body combination con-
maximum lift. Since so far no turbulence sisting of a transonic wing of high aspect
model has been implemented in the unstruc- ratio and a fuselage of Airbus type. The
.ured solver, this investigation is re- DLR-F4 wing-body configuration was used
stricted to the structured algorithm, within GARTEUR for experimental studies of

3-D transonic flow fields. An extensive
3.1 NACA 0012 Airfoil data base of surface pressure distributions

and total forces is available for a range
As a first test case the two-dimensional of transonic Mach numbers and angles of
flow around the NACA 0012 airfoil has been attack. Fig 6 shows the geometry of the
calc ated for two ýeynolds numbers Re = configuration [23] . The computational grid
3-10 and Re = 9-10 and for Mach numbers generated by transfinite interpolation is
b, tween M = 0.3, and M. = 0.7 [211. For of C-H topology, that is C-type in stream-
tiese flow conditions experimental results wise direction and H-type in spanwise di-
of Harris [221 exist. For the computation a rection. The grid contains a total of 259
r .ype griu with 385x65 grid points has points in the streamwise direction, 59
been used. Fig 2 shows the grid structure points in the direction normal to the wing
in the vicinity of the airfoil. Two slight- surface and 59 points in spanwise direc-
ly different grids have been generated for tion. The clustering of the grid lines in
the two Reynolds numbers. While the distri- direction normal to the surface is suffi-
bution of the grid points along the surface cient to produce the non-dimensional wall
remains constant •n both cases the first coordinate y + to be less than unity in the
spac~ng i.s 1.5-10- c and 1-10- .c for Re = cells adjacent to the solid surface.
3-10 and Re = 9-10 , respectively, where c
denotes the chord length of the airfoil. As This configuration has been analyzed exten-
in the experiment the transition from lami- sively using the 3-j structured Navier-
nar to turbulent has been fixed to 5% of Stokes solver, and detailed rasults are
chord length in all calculations. For tur- given in [51 . Comparisons of computed and
bulent flow computations the Johnson-King measured total lift coefficients versus
turbulence model has been used. angles of attack for three Mach numbers,

M.= 0.6, M_= 0.75, and M. , 8 are presented
Fig 3 shows the computed drag pFlars for in Fig 7. The Reynoldspnumber based on the
M_= 0.3 and M_= 0.55 at Re = 3-10 (see Fig meen chord is Re = 3-10 . Calculations have
3a) as we l as for M.= 0.55 and M_= 0.7 at been performed with three different turbu-
Re = 9-10 (see Fig 3b). The experimental lence models, the original Baldwin-Lomax
results of Harris are also displayed. It model, a modified Baldwin-Lomax model ac-
has to be mentioned that in order to allow cording to Kays [24], and the Johnson-King
a comparison -,ith experimental data the model. In the computation transition was
normal force coefficient has been plotted fixed on the upper wing surface at 15% ot
instead of the more usual lift coefficient. the local chord and on the lower surface at
The normal force coefficient cn is defined 25% chord. On the upper surface of the wing
as at the wing tip and the wing body junction

cn = cI cos a + cd sin a , (2) as well as for the whole fuselage the flow
was considered fully turbulent.

where a, cl,cd denote the angle of attack,
the lift coefficient, and the drag coeffi- The agreement is quite satisfactory even
cient, respectively. At lower angles of beyond the onset of buffet. Up to buffet
attack good -igreement of computations and onset no difference can be found between
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ferences between the predicted results for given in Figs 19a and b. For both schemaes
this case and those for Ti are larger than computations have been carried out with and
those between Ti and T2. The pressure coef- without multigrid acceleration. In ca.e of
ficient distributions shown in Fig 13 exhi- the structured method Full Multigrid was
bit only small differences when compared to used to establish a reasonable starting
the structured grid results. This is true solution on the finest mesh, and a 4-level
for each of the meshes used by the unstruc- w-cycle has been used on the finest mesh.
tured techniqje. Case T2 exhibits a jumb in In the unstructured computations, a 4-level
the pressure distribution at the trailing V-cycle was used. In the unstructured ap-
edge of the airfoil. The reason for this is proach the point distribution on the coaser
again the unbalanced dissipation stencil on meshes is independent from the distribution
the line of symmetry for this mesh. This on the finer meshes, whereas in the struc-
analysis shows that generally the accuracy tured scheme each point on a coarser mesh
of the unstructured algorithm is comparable is represented on the finer mesh. This may
with that obtained using the structured limit the possible number of grid levels,
grid approach, provided an unstructured but careful grid generation can circumvent
grid without distorted cells is used. these limitations. The convergence proper-

ties of both schemes are very similar. For
4.2 Inviscid Flow around Two-Element single mesh computation, about 1500 time-

Airfoil steps were necessary to decrease the resi-
duals to 10-6. With multigrid, for the

As a second test case in order to investi- structured method 100 cycles on the coarse
gate the capabilities of both structured mesh and 150 cycles on the finest mesh were
and unstrucutred methods for the applica- needed, whereas in the unstructured scheme
tion to high lift configurations, the in- about 250 cycles on the finest mesh were
viscid flow around a Karman-Trefftz airfoil used, starting directly on the finest
associated with a flap has been chosen. The mesh.
main airfoil is at zero incidence, and the
flap is deflected by 300. The Mach number
is 0.15. Fig 14 shows a global view of the 5. CONCLUSION
computational meshes used for the struc-
tured and unstructured scheme, respective- Two particular aspects of the development
ly. The mesh used for the structured method of a computational procedure for high lift
consists of 3 computational blocks, a C- aerodynamics have been presented. Navier-
type block around each component, and a Stokes calculations on structured meshes
global C-block containing the component have been carried out to predict maximum
blocks, as can be seen in Fig 14. On the lift in the case of a single airfoil and a
surface of the main airfoil 144 cells are wing without high lift devices. Using the
located, and 112 cells on the flap. In the Johnson-King turbulence model good agree-

unstructured mesh, the main airfoil surface ment between theoretical results and ex-
is represented by 128 points and the flap perimental data has been achieved for very
by 100 points. Fig 15 gives a view of the high angles of attack. Rapid convergence to
computed lines of constant Mach number for steady state has been obtained due to the
the structured and unstructured scheme, multigrid method, making this solution
respectively. Both solutions are qualita- method attractive for engineering applica-
tively as well as quantitatively in good tions.
agreement. Note that in the display of the
structured results the block boundaries are The scope of the applications underlined
also indicated by bold lines. The lines of the flexibility of the method, and compari-
constant Mach number pass smoothly over the son with experimental data demonstrated the
boundaries. In Fig 16 a close-up view of capability of the basic CEVCATS code for
the passage between main airfoil and flap maximum lift flows. The second aspect of
is given. Note that on the structured mesh the investigations was a direct comparison
a grid discontinuity is located on the of a structured and an unstructured algo-
lower surface of the main airfoil in the rithm. Calculations of the laminar flow
trailing edge region. Fig 17 shows the around the NACA 0012 airfoil showed very
corresponding flow field computed with both good agreement of the results obtained from
schemes. The solutions agree quite well in both strategies. However, computations on
this region, too. In Fig 18 the computed different triangular meshes where always
pressure distributions of both approaches the same structured mesh was used as basis
are compared. On the main airfoil the re- for the triangulation, showed a dependency
sults of structured and unstructured method of the solution on the mesh quality. For
almost coincide. Only on the lower surface structured meshes the influence of the mesh
close to the trailing edge, the structured quality on the solution is a well known
solution shows a discontinuity in the slope fact. In case of unstructured schemes cri-
of the pressure distribution due to the teria for the necessary mesh quality are
mesh singularity located there. This dis- not that well established, and the computa-
turbance has however no effect on the glo- tions carried out in this study indicate
bal solution. On the upper surface of the that mesh quality is a critical issue also
flap the unstructured scheme yields lower for unstructured schemes. As a more complex
pressures than the structured approach. test case the inviscid flow around a
This is in better agreement with the analy- Karman-Trefftz airfoil with deflected flap
tical solution, as shown in [19). The rea- was chosen. Again the solutions of both
son for this slight deficiency of the schemes agreed well with each other. For
structured solution may be found in the the structured scheme, a slight deficiency
high aspect ratio cells in this region, occurred at the mesh singularity located on
which are known to degrade the accuracy of the airfoil surface, the effect was however
the method for inviscid flows. This is also only local. More sophisticated mesh genera-
indicated by the slope of the iso-Mach tion techniques will remedy this problem.
lines in Fig 17, since the Mach lines of Convergence properties of both schemes were
the structured solution do not intersect also comparable, and the time-lag between
the upper surface of the flap as perpendi- different blocks in the structured approach
cularly as in the unstructured solution, caused no disadvantages with respect to the
The convergence behavior of both schemes is unstructured method.
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The results from the investigations carried (12) Rossow, C.-C.: Berechnung von Strd-
out in this study indicate that for both, mungsfeldern durch Lbsung der Euler-
structured and unstructured schemes, mesh Gleichungen mit einer erweiterten
quality is the key issue for accurate solu- Finite-Volumen Diskretisierungs-
tions. Assuming a sufficiently sophisti- methode. DLR-FB 89-38, 1989.
cated mesh generation system, the block-
structured approach appears as feasible as [13] Jameson, A., Schmidt, W., Turkel, E.:
the unstructured approach for the applica- Numerical Solutions of the Euler Equa-
tion to complex configurations. With this tions by Finite Volume Methods Using
argument and taking into account the uncer- Runge-Kutta Time-Stepping Schemes.
tainties of unstructured methods with re- AIAA-81-1259, 1981.
gard to three-dimensional viscous flows, at
the present time high lift activities at [14] Martinelli, L., Jameson, A.: Valida-
DLR are geared towards more effective and tion of a Multigrid Method for the
more flexible grid generation methods for Reynolds-Averaged Navier Stokes Equa-
block structured flow codes. tions. AIAA-88-0414, 1988.

[15] Jameson, A.: A Vertex Based Multigrid
6. REFERENCES Algorithm for Three-Dimensional Corr-

pressible Flow Calculations. In:
[1] Butler, D.J.: Recent Progress on Deve- "Numerical Methods for Compressible

lopment and Understanding of High Lift Flows - Finite Difference, Element and
Systems. AGARD-CP-365, pp. 1.1.-1.26. Volume Techniques". Ed. by T.E.
1984. Tezduar, T.J.R. Hughes, 1986.

[2] Dillner, B., May, F.W., McMasters. (16] Rossow, C.-C. : Efficiernt Computation
J.H.: Aerodynamic Issues in the Design of Inviscid Flow Fields around Complex
of High-Lift Systems for Transport Configurations Using a Multi-Block
Aircraft. AGARD-CP-365, pp. 9.1-9.22. Multigrid Method. Fifth Copper Moun-
1984. tain Conference on Multigrid Methods,

Colorado, USA, 1991.
(3] Radespiel, R., Rossow, C.-C., Swanson,

R.C. : Efficient Cell-Vertex Multigrid [11] Mavripilis, D.; Jameson, A.: Multigrid
Scheme for the Three-Dimensional Solution of the Two-Dimensional Euler
Navier-Stokes Equations. AIAA Journal. Equations on Unstructured Triangular
Vol, 28, No. 8, pp. 1464-1472, 1990. Meshes. AIAA-87-0353, 1967.

[4] Longo, J.M.A., Radespiel, R.: Vortical f18] Mavripilis, D.J. , Jameson, A.,
Flow Simulation by the Solution of the Martinelli, L. : Multigrid Solution of
Navier-Stokes Equations. 8th Symposium 'he Navier-Stokes Equations on Trian-
on Turbulent Shear Flows, Technical gular Meshes. AIAA-89-0120, 1989.
University of Munich, 1991.

[19] Dimier, A., Ronzheimer, A.: Solution
[5] Longo, J.M.A.: Viscous Transonic Flow of the Euler Equations on Unstructured

Simulation around a Transport Aircraft and Adaptive Meshes. DLR-IB 129-90/4C,
Configuration. DGLR-Jahrestagung, 1990.
Bremen, 1992.

[20] Bailey, R.H. : A Multigrid Algorithm
[6] Sanetrik, M.D., Swanson, R.C.: A Mul- for the Solution of the Navier-Stokes

tigrid Solution Procedure for Multi- Equations on Unstructured Meshes for
element Airfoils. 5th Conference on Laminar Flows. DLR-IB 129-92/19,
Domain Decomposition Methods for Par- 1992.
tial Differential Equations. Norfolk,
VA, 1991. [21] Arnst, G.: Berechnung von Profilum-

str~mungen und Vergleich mit Mes-
[7] Mavripilis, D.J. , Jameson, A., sungen. Studienarbeit Nr. 89-2, TU

Martinelli, L. : Multigrid Solution of Braunschweig, 1989.
the Navier-Stokes Equations on Trian- [22] Harris, C.D.: Two-Dimensional Aerody-
gular Meshes. AIAA-89-0120, 1989. namic Characteristics of the NACA 0012

Airfoil in the Langley 8-Foot Transo-
[8] Baldwin, B.S.. Lomax, H.: Thin Layer nic Pressure Tunnel. NASA-TM-81927,

Approximation and Algebraic Model for 1981.
Separated Turbulent Flows.
AIAA-78-257, 1978. [23] Redeker, G., Miller, R., Ashill, P.R.,

Elsenaar, A., Schmidt. V.: Experiments[9] Johnson, D.A., King, L.S.: A Mathema- on the DFVLR-F4 Wing-body Configura-
tically Simple Turbulent Closure Model tion in Several European Wind-Tunnels.
for Attached and Separated Turbulent AGARD-FDP, P.2, Symposium Naples,
Boundary Layers. AIAA Journal, Vol. 1987.
23, pp. 1684-1692, 1985.

[10] Rossow, C.-C., Kroll, N., Radespiel, [24] Kays, W.M. : Heat Transfer to the
Transpired Boundary Layer. Journal of

R., Scherr, S.: Investigation of the Fluid Mechanics, Vol. 30, pp. 741-773,
Accuracy of Finite Volume Methods for 1967.
2- and 3-Dimensional Flows.
AGARD-CPP-437, P17.1-11, 1988. [25] Ronzheimer, A.: Lbsung der zweidimen-

sionalen Euler-Gleichungen durch eine
[11] Atkins, H.: A Multi-Block Multigrid Finite Volumen Diskretisierung auf

Method for the Solution of the Euler Sunstrukturiertem Netz. DFVLR FB-88-34,
and Navier-Stokes Equations. 1988.
AIAA-91-0101, 1991.

AIA-91010, 191.[26] Baker, T.J.: A Three-Dimensional Mesh
Generation by Triangulation of Arbi-

trary Point Sets. AIAA-87-1124, 1987.



7. Figures A

B

C A
B' A'

X/

EH

Fig. !a Con-Crol Volume in structured ccde. Fig lb Contral volume in unsltrocltreaocie.

Fig. 2 _ _rdgrid arouro'

4!':d 384 x 64

Cri M_, 0.30 Mflo5

computation

A experiment - computation

(not torrected A eprmn

5.3 not crrected)

. 1 4- =0.55

0.13

0.7

0.2 optto
0.2 A A ;experiment

0.0 
o

10.0 0.0) 0.62 0.e2 0.04 0.05 CW 0.07

Fig. 3 Drag polar for N'ACA 0012 airfoil.



14-8

___ _ Re__ 33-0---C' ~o~ C'
d3• M.= 0.55

M. 0.30

0.7
09 g 

.6

0.6 computation .-5 computation

A experiment 0 A experimenft0'. a• (nrot cm"r•"ed I a . ( not coxterted)

02 0 expe2iment . 11 0 2xperiment

Cco rrec d) a., ( jco riiO 6 -
.. *

a ' 1 2 o 0 1 , 0 2 3 4 5 6 82

1.3

--

C',, R 9-106 M. = 0.55

a.7 M_, -0.70 "
0.6

. - w putation
'3.3 aA experiment0.2 / i A (no cu*red )

ý). 1 00 experiment

3 .8 ( wredted)

-. 8 2 3 * 5 6 7 8 a 3 1 ,3 a 1o0

1 '3 2 3 1 3 6 7 a 9 8 0 o 2

Fig. 4 Normal force coefficient versus angle of attack for
NACA 0012 airfoil,

Re 3,106

a 5.00 a = 490 .x = 14.50 a = 150

Fig. 5 Convergence history MO' 0.30 M = 0.55 M = 0.30 M = 0.30

for NACA 0012 airfoil.

[k i2,
!I L

multigrid cycles

Fig. 6 DLR-F4 wing-body configuration.

I ', m m•,mmmlmmm mmmmmn



M-.= 0.75

M =0.8 .
-- L I"

- exp. buffet

exp. buffet / boundary M = 0.6
0comp. futl Fig. 7 Total lift coefficient vers.us

turbulent angle of attack for

nLR-F4 wing-body confionrig o.

Johnson-King
-0.2/ Mod. Madwin- Lomax - - -

Baidwin-Lomax
measurements

-4.03 -4.-3 -4 .3.-2 -10123 4 C23

M_ =0.6

-.CL M0 = 0.75

Fig. Drag polar for DLR-F4 0.6_
wing-body configuration.e

-0.2 (0Johnson-King -

*measurements 0

0.01 0.01 0.01 0.02 0.03 0.04 C

-Cp

}. . 0.6 (ý=0 75 a = 0.93')

0.4CL 0.0 ~ L, Norm C

O.10' , 100 300

0ý1.0 10- 1 1 1

0.2 ' 
Mull cycles

Tj 0.0910

-Cp "--A C,

.o Euler 10' 0.

0.8 N Navier-Stokes -.

0._ measurements r 100 300

0oO015Fi Mult.cydes -010 Mult.cycles

-0.2 i.i Convergence history for
-0.4 Fig~. .1 0. 9

°" M_, 0.75 0 = .93' DLR-F4 wing-body configuration.

0.0

Fig. 9 C P-distribution at three different
spanwise sections.
DLR-F4 wing-body configuration.



\VV

a unstructured grid TI (symnretr'e) b) unstructured grid syL

..1' .. ............................

a)unstructured grid T i ' unst=e~i) 1 ýructured grid, T,2x

c) unstructured grid T3 d) structured grid
Fig. 12 Comparison of isobar contours for NACA 002 airfoil,

Re =500, M.0 0.8, a = 10'.



_C,
-C

Structured Grid
Unstructured Grid ---

CASE T1 CASE T2 CASE T3

X A

L L L

F.13 C:,)Ppar ison or predicted surf.ýcc r~tccccure coetl ±y(:.r~s
Scr NACA 0012 airfoil-, Re 5C' M_

Grid Ti 0414822 0 144131

Grid T2 044881 0 146M!~

Grid T3 0 45051 746

Structured Grid 044691 ) 14312

I :c~d~snof predictc1 . :9Y25Oe2a

ol fic .enzs for var~cuis A,: . A~

a) structured grid b) unstructured grid

Fig. 14 Structured and unstructured grid around Karman-Trefftz
airfoil with flap.
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SUMMARY When the best possible high-lift configuration foT a ney,
Solution of the Reynolds averaged Navier-Stokes equations wing is sought, wind tunnel matrix tests for the gap-
is obtained to simulate the flow field around a 13% overlap optimization between the high-lift elements are
thickness super-critical airfoil slat/blown-flap high-lift often pursued. While this approach is reliable in obtaining
system. A staiked-C mesh topology is used in conjunction information on the best Cl1 m~x gain, without understanding
with the slat and the flap trailing edge streamlines and theadapted to accurately locate the strong viscous flow teflow physics and their implications to the data, the
regions. A previously modified PARC2D implicit ADI process is not cost effective in that an isolated set of test
sergions. emp re byously thdified ) uimplyiconncite A results for a particular wing can not readily be made useful
solver is employed whereby the muwtiply connected for another design. In general, the flow fields under theseboundary value problem can be treated with a single test conditions are very complicated- In most cases, they
computation zone. A modelled injection boundary
condition was demonstrated to connect transient flap wake are dominated by viscous effects resulting from hurundary

vortices downstream of the computational domain. The layer confluency that can not be modelled accurately by the

converged surface pressures and the values of the lift invtscid-boundary-laver interaction method; flow
coefficient are compared with the wind tunnel data at M_,, sinparation is a common feature e nd can esen oLur in the

0.17, Re = 3.4 M for momentum injection coefficients of

CA = 0.01 and C. = 0.04, respectively. The conditions under which a Navier Stokes solution
method is needed can be demonstrated in the lollowing

1. INTRODUCTION example of a pair of wind tunnel tests of a three element
The development of analytic and numerical techniques is airfoil high-lift system (Ref 5). The configuration shown
important for the design and analysis of a high-lift system. in Fig. la cotsists of a 13% thickness supercritical airfoil
An accurate and dependable method to compute the lift can with a 20% chord slat having -25 deg of estension. and a
complement the laborious and expensive experimental test 30% chord single-slotted flap with main element/flap gap
process te achieve a desirable configuration. Interactive and overlap sizes, both at 2% chord. Shown in Fig. la are
methods employing an inviscid solution, coupled with a curves of CL vs a and in Fig. lh and Fig Ic are pressure
confluent boundary layer analysis, have been used for some data collected at flap angles of 8f = 20 deg and 5f = 40 deg.
time to compute the high-lift flow field. A long list of respectively, at a nominal test Mach number of (.17 and a
references using this approach can be found, for example, chord Reynolds numK r of 3.4 million. Turbulent flow
in the recent review article of Brune and McMasters (Ref 1). conditions were est o3lsh.d Over the entire high-lift
These methods, with often elaborate modelling of the codtIn wee estabied over the entire high-lift
boundary layer interactions, are based on the assumption system. In the linear range. CL for the 5 f 40 deg case is
that the upstream influence of the flow field is transmitted seen to be higher than for 8f = 20 deg. The sudden changes
through the inviscid process. When viscous effects are of slope of the lift curve at 5f = 40 deg also suggest that
small and when flow separation is limited to confined different flow interactions are involved as the angle of
regions (i.e., shallow separation bubbles), these attack increases. In each case (Fig. lb and Ic), the smooth
calculations show reasonable results that are primarily portions of the curves on the main foil indicate the range
corrections of boundary layer and wake effects applied to an where pressure is determined primarily by inviscid
inviscid pressure field. These codes are fast and easy to run, processes. The apparent change of slopes and the
and, when used conservatively and judiciously, they can inflection points at the rear portion of the wing box show
function reasonably well in the traditional "evolutional" the extent of the upstream influence due to the presence of
high-lift design procedure to complement an experimental
intensive proccss. In most of these cases, the data of the the flap. For u f = 20 deg (Fig. ob). the flow remains
base line design are well in h-l4 d and !he new designs never attached until the point just before the stall where flap
deviate far from the original optimal ones, where, as had separation occurs. The slope of the separation pressure
been pointed out by Dillner et al. (Ref 2). strong boundary curve at cc = 18.36 deg also suggests that the separated
layer confluency conditions rarely exist. A two- region is represented by a thick viscous layer with sizable
dimensional, inviscid-boundary-layer, interactive multi- flow entrainment. The pressure patterns in this case are not
element airfoil method has also been used in the high-lift unlike those on the elements of a typical multi-flap high-
wing modification study for an existing aircraft (Ref 3). lift system of a civilian transport aircraft where the flap
More recently, interactive codes were used successfully to angles between the elements remain in the 15-25 deg
validate the high-lift flight test data of a civilian transport range. The inviscid-boundary layer interactive methods
aircraft (Ref 4). In the absence of large flow separation, the such as the MCARF code (Ref 6, 7) or the Moses code (Ref
study demonstrated that at near-design conditions, the 8, 9) can treat these cases adequately, with perhaps some
interactive codes can be fine-tuned to study laminar to inaccuracies near the CtM•.
turbulent transition, incipient flow separation, and other
boundary layer related effects at the flight Reynolds In an effort to reduce the complexity of the system, the
number. This knowledge is valuable for correlation and single slotted flap configuration is preferred in the modem
interpretation of the high-lift wind tunnel data used in the design approach. The flap angle is increased in an attempt
design. to gain lift, which usually leads to a more complex flow

• Senior 3taff Scientist * Staff Scientist
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field. Fig. Ic, at a flap angle of 8f ý 40 deg. shows the solver. The trailing edges* streamlines and the flap

pressure distribution from one such attempt. The flow field separation line were adapted during iterations. This

is dominated by massive flap separation even at very low effectively reduced the mesh dependence of the solution.

angles of attack. The relatively small surface pressure
gradient in the flap separated region suggests a general Shown in Table I are the results of computations of C1, and

flow structure consisting of a mostly inviscid separated CD compared with experiment (Ref 5) for 2% and 5% chord

core region sandwiched between the flap boundary layer and flap gaps. It is seen that very good agreement was obtained

a complex wake structure formed by the flow emanating at these angles of attack. More recently, converged

from the main-foil cove region and the top surface main- solutions at higher angles of attack, approaching the

foil boundary layer. As the angle of attack approaches CLAx,, were obtained. The results indicated, however, that

CL,,x, this inviscid separated core structure begins to a turbulence model more realistic than the algebraic one

break up, forming a thick viscous separated region as used in the PARC2D method is required in this high-angle-

indicated by the flap pressure slope change. The upstream of-attack range to compute CL accurately and the vortex

influence of the wake flow field becomes so strong that the breakup of the separated region.
flow begins to separate on the main foil just before the
stall point (see Fig. Ic). The variation of the lift In this paper, our methodology is employed to investigate
coefficient in a range beyond the first CL peak as seen in solution of the Navier-Stokes equations for the flow field

Fig. la suggests transitions of flow structures are around a blown-flap high-lift system. It has been known

occurring. The challenge of an analysis method is to (Ref 11) that lift augmentation can be achieved by properly

accurately predict a priori these complicated flow fields so placing a concentrated momentum jet in front of the

that meaningful trend studies can be made in the gap- trailine edge flap. The chordwise blowing utilizes the
overlap optimization investigations. Coanda effect to attach a thin, high momentum sheet of

fluid to the curved flap surface. The injected jet energizes
the boundary layer and keeps the flow attached through

In Ref 9, we computed a solution in the linear range of the large flap deflection angles; it increases wing circulation
8f = 40 deg case, where massive flap separation was a and entrains more of the freestream air, resulting in a

dominating, feature. A novel "stacked-C" mesh system was significant increase in lift generated by the wing. The
used to map the multi-element geometry into a single blown-flap experiment and the input data used in the

computation domain. The PARC2D code (Ref 10), modified present computational simulation are described briefly in
exclusively for this application, was used as the flow the next section.



Table I Lift Coefficient & Drag Coefficient was part of a research program designed to explore the

Comparison for Three-Element STOL capability of a carrier-based miitadry aircraft (Ret 5)

High Lift System, M_, = 0.17, Re = 3.4M Extensive surface pressure and force measurements %,ere
made for various combinations of slat/conventional flap

FLAP co and slat/blown flap settings. For the present powered lift
FLAPZE L CL CL CO C0  study, we utilize the configuration having a 20% chord slat

__ __ _ (EXP) PRESENT (XP with a -25 deg extension and a 23% chord blown flap with
43-deg extension. The wing box contains a plenum from

6.099 2.600_- 2610V 0110 O 1og, which high pressure air was allowed to expand through a
02C - . - - full span adjustable slot formed by the wing box upper skin

8189 2.865 2.890 0.115 o0.116l and the flap upper surface. The blowing slot height can be
r:--= :z --% -=- -- 4•-jr.... -• - -.... ~ • varied by adjusting the flap position. The case we anaMved

607 2.355 240 0 112 10123, had a slot height gap of 0.006 in. Assuming an isentropic
- , expansion to the freestream pressure p., the momentum

03C 8.12 2625 2.740 0 125 0 128. coefficient, C., is given by:S""t - " - r mV

r1015 2.900 3.010 0.135 0.1361 mV(
qc

where rii, the mass flow per unit span at the momentum

'Q lot, is given by
4ii = p.Vjh,

and pj = pPo / P./ ' /2, V 2 2RT]

2. TWO-DIMENSIONAL BLOWN FLAP Y[-1 P.]l-
CONFIGURATION & SURFACE PRESSURE
DATA Po, Po, and To are the plenum density, pressure, and
For the present Navier-Stokes numerical simulation, we temperature, respectively; q is the freestream dynamic
have chosen a 2-D, three-element, blown-flap high-lift pressure; and h and c are the momentum slot height and the
airfoil system as shown in Fig. 2. The wind tunnel test chord length, respectively. The plenum conditions were
model used for surface pressure and force balance calibrated with a given momentum slot height and
measurement is a two-dimensional wing panel with a two- maintained within certain tolerance during the
foot chord. three-foot span, whose clean section is a 13% measufement. The C, provided by the experiment was used
thickness supercritical airfoil. The high-lift experiment to model the boundary condition for the present blown-flap

"13% SUPERCRITICAL AIRFOIL

J< SSLAT -25"

20% CHORD SLAT

MOMENTUM SLOTSHEIGHT

23% CHORD FLAP

Fig. 2 Three-Element Blown Flap High-Lift System
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computation. The wind tunnel conditions were the same as b_ b3
those used in Ref 9 to obtain the results of Table 1 with
Mach namber M_ = 0.17 and Reynolds number Re = a3~-

1.7M/ft. Turbulent flow was assumed. Details of the wind 2
tunnel test setup can be found in Ref 5. Shown in Fig. 3 are e3  c -_

examples of the surface pressures from the blown-flap

experiment at an angle of attack a = 10.3 deg and cl
momentum coefficient values of C• = 0 and CA = 0.012,
respectively. (a) SURFACE MESH DISTRIBUTION WITH SLAT

& rLAP TRAILING EDGE STREAMLINES

3. COMPUTATION METHOD
Here, the solution procedure used in Ref. 9 for solving the K-=KMAX
Navier-Stokes equations for a standard 2-D multi-element
airfoil system is extended to compute the flow over a
blown-flap configuration as described above. In this
computation scheme, a structured, stacked C-mesh is used SLAT TRAILING

whereby the physical trailing edge streamlines from the CDGA 1 SLATE B1 EDG E

respective high-lift elements are employed to control KSLAT+TREAM..
automatically the mesh condensation for the solution
accuracy required. In case flap sepuratiun occurs, the flap KSLAT C2 A2 SLAT'-B2 D2
separation streamline can also be uscd to specially treat the INJECTION
separation zone (Ref 9). This step was not necessary in the WAKE LOCATION WAKE
present application. Shown in Figs. 4a and 4b are the
stacked C-mesh system in the physical plane, with the K= C3  MAIN FOIL D3
boundary mesh distributiofis, and in the computation J=1 E3  A3  B3 F3 J=MAX
plane, respectively. The lines b1 d1 and b2 d 2 in Fig. 4a are BLOW FLAP BLOW FLAP
the adjacent coordinate lines corresponding to the slot LOWER UPPER
trailing edge streamline. Similarly, the lines e3 c3 and f3d 3  SURFACE SURFACE

are the wake ;uts corresponding to the flap trailing edge
streamline. Since the flap and the wing box are snugly (b) COMPUTATION PLANE
fitted except for the momentum slot gap (see Fig. 2), they
are treated as a single element The point b3 corresponds to Fig. 4 2-D Blown Flap System
the momentum slot injection location of the experiment.

The numerical solution for the Navier-Stokes equations is getting an accurate lift solution for the multi-element
obtained using a single computation zone as shown in Fig. system. Our version of the PARC2D code for application
4b. The flow solver is our modification of the implicit to the high-life airfoil has the general efficiency of the
finite difference code PARC2D (Ref 9) The use of this code NASA/Ames ARC2D code (Ref 12) as applied t, a single-
allows the boundary condition on the slat A 1 B1 B2 A2 to be element airfoil calculation. However, due to the
prescribed directly. This unique feature allows multi- complexity of the flow field in a high-lift system,
element high-lift airfoil systems to be treated conveniently considerably more CPU time is required for a converged
with a single zone, thus avoiding the residual error control solution for CL - The code uses an algebraic turbulence
problems one usually has to monitor carefully in a multi- model loosely based on the Thomas formulation (Ref 13) of
zone algorithm. This issue is particularly important in the Baldwin and Lomax model (Ref 14). Turbulent flow

over the entire high-lift system was assumed in all the
calculations made in the present work.

The experimental values of CI9 for the angle-of-attack
DATA survey chosen for our simulation had fluctuations of up to ±

C- 0.000 20% from an average value of CA = 0.0107. However, the
C'a 0.0 .'aexperimental values of lift were not overly sensitive to

these variations. We chose a nominal value of C ,~=001

for the numerical computations (barred quantity denotes the
a. • ° " *a.,values used in the computations). The actual experimental

., + C, * °condition near the momentum slot exit could not be
simulated easily without a controlled study of the internal

0 a0 flow through the gap and its interaction with the flow
* beyond the exit. We anticipated a fair amount of friction

loss through the gap. Furthermore, the velocity
distribution was expected to be different from that given by

0.0 o1 0o2 0 02 O.A 0.e 0.8 - a constant value of Vj (Eq (1)) across the momentum slot
X/c X/C

_N gap. Without any additional knowledge, we chose the C/a

Spo value as the controlling magnitude to model the boundary

S00 "condition in the flap. The dynamic injection pressure

Fig. 3 Experimental Pressure Distribution for 13% Pj'VJý can be computed from Eq (1) with a given C-. A

Supercrltlcal Airfoil Blown Flap System, distribution function f(s) =p,(s)[Vj(s)] /;jV.2 < I (Fig, 5)
_= 0.17, ca = 10.3 deg, Re = 3.4M was used for establishing the boundary condition along the



1.5 geometry, specifying the airfoil and the upper surface of
the flap, nd exits at the upper trailing edge with J=375.
The boundary then proceeds along the same amicipated

EXPERIMENTAL streamline paths as for the initial segment (1=1,27) to the

1 JET WIDTH far field but is displaced from the initial s,ýgment by the
local grid stepsize. The outer boundary (K=50) for the
inner subface proceeds from the far field along a path
mimicking the shape of the lower wing-flap edge and
provides a normal approach to the slat's lower leading edge

0.5 at point a2 shown in Fig. 7. The bounoary then continues

from J=117 along the bottom surface of th- n•at and exits at
the trailing edge of the slat at point b2 with 1=241. The
remainder of the boundary follows the anticipated slat

0 trailing edge streamlir.e passing over the top of the main

ON START OF O foil and flap and out to the far field.
END OF FLAP

INJECTION The outer subface shown in Fig. 6 is defined for K=51,121
s and J=1,401, resulting in 28,471 grid points. The inner

boundary (K=51) of this subface follows the same path
Fig. 5 Numerical Momentum Injection Distribution, shape as for K=50, but is displaced outward by the local

grid stepsize. until it attaches to the slat at point a,, where
f(s)=P•s) [V (S) 2/ 2 it then proceeds around the slat's upper leading edge. The

boundary exits the upper slat trailing edge at 1=241 and
once again follows the slat trailing edge streamline path to

top flap surface, where s is the dimensionless running the far field but is displaced by the local grid stepsize from
surface length measured from the experimental injection K=50. The far field boundary for K=121 represents the C
point .. the flap trailing edge. The injection velocity Vj(s) topology, extending four cord lengths forward and nine
was assumed to be tangential to the flap surface, from lengths behind the multielement airfoil.
which the surface velocity boundary conditicts were
determined. One could think of this procedure as modelling The distribution of grid points along the individual
the complex local interaction by a thin shear layer across boundary curves is critical for insuring grid quality based
which the static pressure changes are assumed to be on orthogonality and skewness measures. GRIDGEN-2D
negligible. The function f(s) was d ..ined through provides features for easily controlling point clustering as
numerical experiment such that the local value was the illustrated in Fig, 7, where the point distributions in the J-
minimum required to convect the flap vortices downstream, direction along the lower section of the slat are set
The effectiveness of the blowing is determined here by its essentially uniform, due to the small flow gradients in the
elimination of the separation region on the flap. The cove region as compared to nonlinear distributions along
method minimizes the details of the blowing simulation as the leading edge. Here there is significant clustering near
well as provides a mechanism for convecting transient the anticipated stagnation point required to capture the
vortices downstream of the high-lift system. The validity pressure suction peak, followed by a thinning of points
of this approach is determined by the agreement of the along the upper edge due to the fact that the same number of
calculated pressure distribution with the experimental points must span the upper and lower edges of the slat. The
measurements. distributions cluster again towards the trailing edge of the

slat in order to blend with distributions selected in the slot
4. STACKED C-MESH GENERATION region. Another area which required considerable
The "stacked-C" computational mesh is generated clustering in the 1-direction is shown in Fig. 6 in the
interactively on a Silicon Graphics Iris-4D workstation region of the momentum injection slot (1=321,332).
using GRIDGEN (Ref 15), a three-dimensional, elliptic grid
generation code developed by the U.S. Air Force. The The height of the inner subface over the top of the airfoil or
process of devaloping the mesh begins with extracting the position of K=50 above the wing is 0.013 cord lengths
from the database describing the slat-foil-flap geometry the while the first step size in the Navier-Stokes boundary
input into GRIDGEN-2D, a member of the GRIDGEN family layer is 0.0000063 cord lengths. This step size was
of codes used to develop two-dimensional surface grids.
The grid strategy used for the high-lift multi-element airfoil
is shown in Fig. 6. where the stacked C's are designated as J -241 - 401
the inner and the outer C-meshes. These divisions are -

usually referred to as blocks or zones for three-dimensional
grids or as subfaces in GRIDGEN terminology. The
combined C-mesh topology has a total of 48,521 grid MOMENTUM INJECTION SLOT
points, with the normal grid index K ranging from I to 121
and the longitudinal index J varying from I to 401. One of
the major challenges in developing the grid for this
problem is specifying the point distributions along the SLAT NNER BLOCK (5o 401)
subface boundaries such that grid orthogonality is met at K- I
the boundaries and grid skewness is gl6bally minimized. K - 50

OUTER BLOCK (71 x401) KK-51
The inner subface is composed of 20,050 grid points with
K=1,50 and J=1,401. The boundary for this subface with
K=I starts in the far field at 1=1 and follows the anticipated J 117
flap trailing edge streamline forward, where at 1=27 it
attaches to the underside trailing edge of the flap. The
boundary continues along the flap and around the subface Fi. 6 Stacked C-Mesh Topology
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a 5FIg, 9 Navier-Stokes Grid in Slat & Cove Region

Fig. 7 Slat Geometry Specifies Block Boundaries

maintained along the upper edges and was increased to
0.00002 on average along the lower edges. With the edge
clustering specified for both the inner and outer subfaces,
the two-dimensional grids were generated first using the - -

algebraic or trans-finite interpolation algorithm. Next a
Laplace solver was used to eliminate grid cr')ssings caused
by the complex geometries, but it resulted in a grid where
the K curves are pulled away from the surface geometry, ,
resulting in poor orthogonality conditions. Grid quality
was restored with the use of an elliptic solver using
Thomas-Middlecoff control functions, with the resulting
grid meshes for the inner and outer subfaces shown in Fig.
8. Details of the grid for exploded regions around the slat Fig, 10 Navier-Stokes Grid in Flap Region
and flap regions are given in Fig. 9 and Fig. 10,
respectively.

Fig. 8 Navier-Stokes Grid Around Multi-Element Airfoil
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S. RESULTS & DISCUSSION An additional calculation was made for a higher momentum
The experimental pressure distributions in Fig. 3 show
that, without boundary layer control, the fluid cannot coefficient C, = 0.04. The angle of attack, Ca, was equal to
negotiate the large camber change at the flap and has 6.195 deg. Again, the surface pressure results compare well
separated. Thus the flap has lost its effectiveness in with the data. as shown in Fig. 15. The isobirs for this
contributing to the lift. Data also indicated that the case are shown in Fig. 16. The streamlines are shown in
separation had also occurred at much lower angles of attack Fig. 17. The converged numerical solution for CL value
(not shown). It is seen that very little energy (C, = 0.012) was 4.22 as compared with the value from the integrated
is required to achieve a dramatic change in the whole pressure data of 4.17.
pressure field by shedding the vortices in the separated
wake through using momentum injection. The local 6. CONCLUDING REMARKS
expansion has created a negative pressure peak and allows
the flow to recompress gradually towards the trailing edge In the present paper, we have shown successful examples of
with a back-end surface pressure distribution similar to that a computation of a 2-D blown flap using the Navier-Stokes
of a typical rear-loaded airfoil. The injection also lowers equations compared to experiment. This method can be
the overall pressure levels on the top surfaces, including employed to estimate the lit: gain of the present type of a
that of the slat, making the lift gain particularly effective, powered high-lift device. Since the boundary layers

remain through a vortex shedding process, the simple
For our calculation, we used a mesh with 401 cells in the algebraic shear-layer turbulence model used in the present
streamwise direction and 121 cells in the normal direction, calculations appears to be adequate for predicting the
The Mach number, Mo-, was equal to 0.17 and the Reynolds surface pressures. The present flow solver is very slow. It
number, Re, was 31.4x10 6 . Turbulent flow condition was is highly desirable to develop a fast multi-grid algorithm
assumed over the entire high-lift system. The momentum for this type of application so that the methodology can be
coc1;.ient, C,, unless otherwise mentioned was 0.01. The used as an effective engineering tool. Furn' !nsitivity
computation started with the standard procedure using a studies are required of the model of the inje.. rt ooundary
freestream initial condition with the surface boundary condition using a more carefully controlled experiment
condition blended in gradually at the early cycles of the near the injection slot, which was not sufficiently provided
iteration. After about 5000 cycles, the flow established by the present collected data.
was largely separated even with the injection boundary
condition already imposed. The time-sequenced results of 7. ACKNOWLEDGMENT
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SUMMARY M, local Mach number

An extensive European wind tunnel research pro- Re,R Reynolds number
gramme on high lift systems has been carried out in
the past few years within the framework of a Re,, Reynolds number, based on retracted
GARTEUR Action Group. To provide a relevant and chord of the 59 % wing station
realistic case, permission was given by British
Aerospace to use a section from the A310 wing from Re, Reynolds number, based on aerodynamic
which a 2D airfoil could be derived. A Deutsche mean chord of half model. Reynoldn
Airbus JD half model of the A310 aircraft has been number, based on retracted chord of 2D
used for the 3D test and an airfoil representative model
of the 59 % span section has been used for the 2D
test. The wind tunnel test programme carried out in R attachment line Reynolds number
the major European low speed wind tunnels (ONERA Fl
in France, NLR HST and LST in Netherlands, RAE 5 m U, V velocity components of 3D-B.L profile in
in UK) was complemented by a full scale flight test streamline coordinate (U = streamwise
supported by Airbus Industrie. A wide range of component, V = crossflow component)
Reynolds numbers and Mach numbers has been covered V local total velocity of 3D-B.L. and wake
by the test and a very comprehensive, well profile
integrated and accurate body of data has been
generated by this research programme. After pre- V. total freestream velocity
senting GARTEUR the paper deals with the Reynolds
number and the Mach number effects as well as the XZ coordinate of the airfoil
correlations between 2D and 3D data and between
wind tunnel and flight test results. Z height of wake or B.L. probe

a angle of attack
LIST OF SYMBOLS

arngle between x-axis and local. total
velocity of 3D-BL profile sideslip

AL angle of attack
6, displacement thickness

C chord of retracted high lift system
1 wing station

C' total drag coefficient
0 sweep angle

C,, wake drag coefficient

C, skin friction coefficient SUBSCRIPTS

CFLTW skin friction coefficient (Ludwing- c based on retracted chord
Tillman)

C,,I, at maximum normal force coefficient
C, total lift coefficient,

Cie.. at maximum lift coefficient
C, integrated normal force coefficient in

wing-axis-system LE leading edge

C,1, total moment coefficient, reference point max maximum
0.25

C, static presure coefficient min minimum

CW chord of main wing 2D 2D flow

DlI displacement thickness of B.L. and wake, 3D 3D flow
based on wall pressure coefficient 59 59 % wing station

KPI pressure coefficient

M,Ma frees-ream Mach number
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I INTRODUCTION the basis of balanced contributions.

1.1. Garteur presentation Parallel to the formation of GARTEUR, on the In-
dustry side various collaboration arrangements

GARTEUR (Group for Aeronautical Research and Tech- between companies have been developed. When GARTEUR
nology in EURope) was formed in 1973 by represen- was formally established under the MoU in 1981, the
tatives of the Governmental departments responsable airframe industries of the four GARTEUR countries
for aeronautical research in France, Germany and replaced an earlier body with the Industry Group
the United Kingdom. The Netherlands joined in 1977 for Collaboration on Aeronautical Research and
and Sweden in 1991. Technology in Europe (CARTE).

The GARTEUR community at the present time comprises Representatives from Swedish industry joined CARTE
more than 250 individuals from various research in 1991.
establishments, industrial companies and government
authorities who actively participate in the orga- CARTE is the formal communication link with GARTEUR
nization. and interfaces with the Executive Commitee (XC) on

both policy and research matters. Relations with
According to its MoU, the mission of GARTEUR is to CARTE have also been established at other GARTEUR
mobilize, for the mutual benefit of the GARTEUR levels. Initially Points of Contact from industry
member countries, their scientific and technical were assigned to all Groups of Responsables, and in
skills, human resources and facilities in the field due course some of the industrial senior
of aeronautical research and technology for the specialists themselves became Responsables. At
following purposes Action Group level all CARTE companies are actively

participating, and in sr"se areas are supplemented
"* Strengthening collaboration between European by participants from the materials supply industry

countries with major research capabilities and and other aerospace related companies.
government funded programmes.

GARTEUR has operated about 46 Action Groups since
" Continuously stimulating advances in the aero 1981, 25 of which have successfully finished their

nautical sciences and pursuing topics of applica- activities.
tion-oriented research in order to maintain and
strengthen the competitiveness of the European 1.2. The High Lift Action Group programme
aerospace industry.

High levels of performance for transport aircraft
"* Concentrating existing resources in an efficient high lift systems are mandatory since they play a

manner and seeking to avoid duplication of work. crucial role for the payload/range of the aircraft
and its noise characteristics. This has been reco-

"* Performing joint research work in fields suitable gnized for a long time and the development of
for collaboration and within research groups spe- mechanical high lift systems during the past has
cifically established for this purpose. provided practical systems which give good C,, and

L/D for today's aircraft. However the potential for
"* Identifying technology gaps and facility needs further improving the performance of mechanical

and recommending effective ways for the member high lift devices is substantial but intensive
countries to jointly overcome such shortcomings. efforts are required both in theoretical and expe-

rimental aerodynamics. Concerning the experimental
"* Exchanging scientific and technical information, aspect, the lack of high quality experimental data

for 2D and 3D high lift configurations is one of
GARTEUR is organized around three main elements the reasons that preclude the development of re-
(see fig. 1) liable and efficient theoretical methods for the

design and the analysis of such complex configura-
"* The GARTEUR Council, the governing body, assisted tions.

by the Executive Committee and the GARTEUR Secre-
tary. This is why GARTEUR decided in 1984 to set up an

Action Group with the task of proposing and coor-
"• The Groups of Responsables, the scientific mana dinating a major multinational research programme.

gement body and think-tank of GARTEUR. Each of the four member countries FRANCE, GERMANY,
THE NETHERLANDS and the UNITED KINGDOM, provided

"* The Action Groups which constitute the technical representatives both from their national research
expert body for programme formulation and the ex- organizations as well as from their aircraft in-
ecution of the GARTEUR research work. dustries to contribute to this group. The Action

Group therefore proposed a test programme with the
GARTEUR is an independent organization ; it has, following objectives
however, no staff of its own or a common fund at
its disposal. The necessary resources (staff, - To study in 2D flow the Reynolds number and the
facilities, costs in kind) for the joint research Mach number effects on a selected high lift
activites are made available by the Governments of configuration.
the member countries out of their national pro-
grammes, or by the participating organizations on - To study the same configuration in 3D flow.



- To study the effect of wing sweep on the The programme proposed to investigate thý fD11owing
transition location as a function of the Reynolds high lift configuration
number.

conf.l Take-off configuration
- To correlate wind tunnel and flight test measu conf.2 Landing configuration

rements.
The main emphasis of the research programnme in the

To provide a relevant and realistic case, permis- 2D and 3D tests is directed to the take-off confi-
sion was given by British Aerospace to use a sec- guration which has a well ordered flow and the
tion from the A310 wing from which a 2D airfoil landing configuration which has a separat~d flow on
could be derived. In the period between 1985-1989, the flap. For the comparison with the corresponding
the Action Group carried out an extensive wind 2D flow data 3D tests were performed with the half
tunnel measurement programme on a 3D half model of model without nacelle.
the A310 aircraft and on the local sweep normalized
59 % span section in 2D flow. This wind tunnel However to provide correspondence with flight tests
programme was complemented by a full scale flight which became a firm part later in the research
test programme supported by Airbus-Industrie programme, tests with a through-flow nacelle moun-
(fig.2). This action Group AD (AGO8) consists of ted under the wing 'he halt model were added for
members from ONERA, NLR, DRA, DLR, Aerospatiale, the take-off and :.g configurations in the RAE-
Fokker, BAe, Deutsche Airbus and Airbus-Industrie 5M and ONERA Fl w tunnels.
(fig.2).

2.1.1. 2D Models M1 and M3

2. MODELS AND TEST PROGRAMME The model M1 was constructed and manufactured by
DLR-Braunschweig and the instrumentation was partly

2.1. Models and instrumentation carried out by DLR and completed by ONERA. The
model M3 was manufactured and instrumented by NLR.

The series of models used for high lift investiga- The main dimensions of the model are
tions of the GARTEUR AD (AGOS) are :

Model Ml Model M3

2D model Ml HS7 LST

2D model M3

half model M139 span (mm) 2000 2000 2250

chord (retracted) (mm) 900 400 400
as shown in fig. 3. The A310 flight tests completed aspect ratio 2.22 5 5.25
these tests.

The half model M139 consists of the left part of The chordwise instrumen ation of models MI and M3
the complete MBB model M139, a 1 : 9.5 scale A310. is listed in fig.3 and briefly discussed below
The high lift system of the half model (Fig. 44)
consists of : - pressure taps

- a Kruger flap in the wing root fairing Both models have the following number of pressure
taps : slat 35 taps, wing 60 taps, flap 35 taps.

- a slat (divided in three parts) at the leading The diameter of the pressure holes was 0.3 mm.
edge

- a double slotted flap (vane-flap) at the trailing Unsteady pressure transducers (Kullres)
edge of the inner wing and,

Unsteady pressure was measured at 12 locations on
- a single slotted flap (Fowler flap) at the the model M1 : 8 on the slat upper surface, two

trailing edge of the outer wing. on the upper side of the wing nose and one on the
wing shroud, one on the flap upper surface.

The model is also equipped with an all speed aile-
ron (ASA) in the engine region and a low speed Skin friction device
aileron (LSA) on the outer wing. The 50 % wing
station is located on slat 2 between slac tracks 6 Model M1 was equipped with 4 hot film gauges of
and 7 and nearly in the middle of the Fowler flap. 6 mm diameter and depth to measure skin fric-

tion : one at the slat t.e., one at the wing t.e.
The 2D model coordinates and settings are obtained and two at the flap upper surface. Preston tubes
from the A310 wing coordinates of the 59 % station with an outer diameter of 0.5 mm were mounted on
using local sweep normalization process. The the model surface to measure skin friction on
ordinates of the undeployed 2D section are given model M3.
then by

- Boundary layer cove rakes
(Z/C)11=(Z/C)uf/CoS0 (x/c) , 6,, = 5,,Icon#L

In the slat and wing cove small rakes were ins-
where OL is the sweep of the undeployed constant talled on the models Ml and M3 to measure total
x/c lines. pressure in the separated flow region.

as
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- Internal boundary layer traversing mechanism in order to obtain a total survey h~lght of
22 am.

An internal traversing mechanism could be instal-
led on the model M3 to measure the viscous flow 2.2 Wind tunnel test programs
at the si.t .... (.;tat''r 1) nAn at the wing
leading edge (station 2 x/c = 0.131). 2.2.1. 2D Test Programs

- Transition observation
NLR LST and HST Wind Tunnels

Model Ml was equipped with a plastic strip of
polyurethane resin on the upper surface of slat, Extensive 2D tests with model M3 were first per-
wing and flap, to measure the laminar / turbulent formed in the NLR LST and HST wind tunnels.
transition location by infrared image technique.

The model was installed vertically in the 2D test
2.1.2. Half Model M139 section of NLR LST wind tunnel between the two

turntables in the ceiling and the floor, fig. 6. In
The half model M139 consists of the left wing of order to determine wake drag of the wing section,
the existing MBB A310 - complete model M139 and of a quadruple wake-rake was mounted horizontally in
a new half fuselage manufactured by Deutsche Air- the tunnel with its tubes approximately one chord
bus/DLR. The main dimensions of the half model are distance downstream of the trailing edge. An ex-

ternal boundary layer survey device was separately
semi-wing reference area 1.2135 m2  mounted on the tunnel floor.
semi span 2310 mm
aspect ratio 8.8 In the NLR-HST wind tunnel the model M3 was mounted
leading edge sweep 30.20 in the test section with the special 2D set-up,
sweep of 25%-chord 28.00 fig. 7. The wake was measured with a rake at a
trailing edge sweep 20.50 distance of 0.76 retracted chord downstream of the
aerodynamic mean chord c 614 mm trailing edge. An external boundary layer traverse
chord of 59 % wing station c,, 427 mm device, constructed on a special wind tux.nel strut,
fuselage diameter / length 594 / 4830 mm was installed to measure with a dual probe the

total and static pressure at the boundary layer
The instrumentation of model is listed in fig. 3 stations.
and briefly discussed below

The measurements in the NLR LST and HST wind tun-
- pressure taps nels consisted of pressure measurements, boundary

layer and wake surveys and flow visualization
In the high lift configuration 602 pressure holes within a ReYLolds and Mach number range of Re = 1.9
with a diameter of 0.5 mm are fitted in 13 wing - 7.10' and M = 0.13 - 0.30. In addition to the
sections. 40 holes are located on the fuselage, airfoil pressure distribution for a complete a-
The relevant 59 % wing station contains the sweep up to stall, detailed flow investigations
following number of pressure taps : slat 16 taps, were carried out. These included
wing 30 taps, flap 15 taps.

- unsteady pressure measurements with Kulites at
hot film gauges the slat nose and the main wing nose, and at the

trailing edges of all three components,
Three hot film gauges were glued at the slat
hook : one at the 59 % wing station, one inlboard - measurements of the extent of th- separation
and one outboard of the 59 % wing station. bu;bies in the slat and main wing coves with

fixed rakes,
- razor blades

- skin friction measurements at the trailing edges
One razor-blade of 0.64 mm thickness on the flap of slat and main wing coves with Preston tubes,
at x/c = 0.895 and one of 0.44 mm thickness on
the wing shroud at x/c = 0.7 were installed on - total wake surveys behind the airfoil for drag
the model at 59 % wing station to measure some determination.
skin friction values in the RAE-SM wind tunnel
tests.

Flov visualization was carried out for the take-off
- internal boundary layer traverse device and landing configurations to obtain information

about flow separation and boundary layer
To measure the wing boundary layer at x/c - 0.5 transition, using oil flow and sublimation tech-
of the 59 % wing station an internal boundary niques. Boundary layer and wake surveys were car-
layer traverse device could be installed by ried out at 8 stations for the take-off configura-
mounting a special shroud on the main wing, the tion at a = 120 and 200, and at 9 stations for the
viscous shroud in Fig. 5. The internal boundary landing configuration at a = 120 and 210, at
layer device, designed and built by ONERA was M 0.22 and Re = 1.9.10' (LST), M = 0.22 and
motorized allowing a survey height of 11 mm for Re = 4.0.10' (HST). In the HST, some extra surveys
the two three-hole probes that were 11 mm apart were performed at Re = 1.9.10' and 6.0.10' for



comparison with measurements in the LST and ONERA 0.18 - 0.34 for the take-off and landing
F1 wind tunnels respectively, configuration with and without nacelle,

investigations of the flow over the wing upper
ONUA F1 Wind Tunnel surface with particular emphasis on the 59 % semi-

span region were carried out using oil flow
2D tests with the large 2D model Ml were carried visualization techniques to obtain information
out in the ONERA Fl wind tunnel. The model was about flow separation , especially separation
mounced in the 2D test section, fig. 8. The exter- bubbles in nose regions, and china-clay
nal survey device was installed to measure the visualization for transition detection. Results
boundary layer profiles at the same station as on were obtained for the take-off and landing
model M3 and the near wake (station 8) at configurations without nacelle at M = 0.25 and two
x/c = 1.06 perpendicular to the flap chord. The far Reynolds numbers (Re, = 3.35 and 7.33.10'), for two
wake was measure,! with the same external survey angles of attack : a, corresponds to 0.7 C,,, and a,
device at a distance of 1.0 retracted chord to near C,,,. Some skin friction measurements using
perpendicular to the flap chord. The far wake was the razor-blade-technique were also made for the
measured with the zame external survey device at a same model and test conditions. Hot film
distance of 1.0 retracted chord perpendicular to measurements were performed to detect the
the wing reference chord, downstream of the trai- attachment line transition on the take-off
ling edge. configuration with and without nacelle.

The measurements in the ONERA F1 wind tunnel in- ONKRA F1 Wind Tunnel
cluded:

The 3D tests in the ONERA Fl wind tunnel, which
a pressure measurements as follows were complementary to the RAE tests, were carried

out over a Reynolds number range of Re = 3.5 -
0 static pressure measurements on the element 11.10' at a Mach number of M = 0.25 for the take-

surfaces off and landing configuration with and without
O unsteady pressure measurements with Kulites at nacelle. Balance measurements, pressure

the slat nose and the wing nose and at the trai- measurements on the entire wing and fuselale, and
ling edge of all three elements boundary layer and wake survey at the 59 % wing

0 total pressure measurements in the slat and wing station were performed. For the attachment line
cove, investigation hot film measurements were carried

out on slat and wing in the take-off and landing
m boundary layer and wake surveys, configurations as an aid to the interpretation of

the flight tests.
a skin friction measurements, and

In both wind tunnels an additional test was carried
a transition detection by thermography out at M = 0.2 and Re = 2.58.10' at atmospheric

pressure to provide a direct comparison with
for the take-off and landing configurations within measurements made in the DNV wind tunnel on the
a Reynolds and Mach number range of Re = 6 - complete model M139.
16.4.10' and M = 0.13 - 0.30. The boundary layer
measurements were carried out at the corresponding 2.3. A310 Flight Test
stations for two angles of attack of a, = 120 and
a, = 210, at N = 0.22 and three Reynolds numbers To provide a greater understanding of the
Re = 6, 9 and 13.10'. differences between wind tunnel and flight, tests

with the A310-300 prototype NSN 378 were carried
2.2.2. 3D Test Programs ot with the suvport of Airbus Industrie.

2.3.1. Flight Test Instrumentation
Extensive 3D tests were performed on the half model
M139 i- the RAE-5b wind tunnel and in the ONERA Fl
wind tunnel. The installation and operation of the

instrumentation of the starboard wing of the
The half model was mounted above a peniche of 81 mm aircraft was under the responsability of a flight
height (to separate if from the tunnel boundary test group. The general arrangements is given in
layer) on a six component underfloor balance in fig. 11. At the 59 % wing station the entire wing
both wind tunnels, fig. 9. To measure the wake drag section is instrumented and at the 64,5 % station
at the 59 % wing station an external motorized wake only the slat
survey device was installed in the ONERA Fl wind
tunnel, fig. 10.

- pressure holes

RAE-SE Wind Tunnel
Three pressure belts were fixed around the wing

The measurements in the RAE-SM wind tunnel included box including airbrake, the flap and the slat 2,
balance measurements, pressure measurements over containing 25 holes on the slat, 30 holes on the
the entire wing and fuselage, within a Reynolds and wing and 15 holes on the flap. The location of
Mach number range of Re, = 3.40 - 9.2.10' and M = the pressure holes was the same as on the half



model M139 but with additional holes in the nose 3. DATA ANALYSIS
region of the slat.

The programme has generated a very comprehensive.
- hot film gauges well integrated and accurate body of data which are

still under analysis. In this section some results
Adjacent to the 59 % and at the 64,5 % station will be presented with emphasis on Reynolds number
two rows of 7 hot film gauges were glued on the and Mach number effects on C.,,, 2D/3D correlations,
slat belt for the attachment line transition wind tunnel/flight test comparisons and Attachment
investigation. Line Transition rcsults.

- unsteady pressure transducers ({ndevco) 3.1. leynolds number effect in 2D flow

For.the measurement of the unsteady pressure 5 The evolution of the maximum lift coefficient C,,
Endevco pressure transducers were flush-mounted over the measured Reynolds number range from
with the slat belt surface : 4 in the slat nose 1.9.10'up to 16.7.10' and a constant Mach number of
region and one near the slat t.e.. Also one M = 0.22 is shown in fig. 14 for the take-off and
Endevco transducer was installed at the wing t.e. the landing configurations. Favourable Reynolds

effect occurs up to 6,7.10' for both configura-
- boundary layer rakes tions. Further increasing Reynolds number has no
To measure the total pressure in the boundary layer effect on C_, for the landing configuration while
one rake was installed at the slat t.e. and one at it causes a small decrease of the C for the take-
mid-chord of 59 % station on the wing. The slat off configuration. In that case the forward displa-
rake with a height of 30 ms comprised 14 tubes, the cement of the transition location mainly on the
wing rake with a height of 160 mmn 21 tubes, flap but also on the slat leads to an increase in

the viscous effets which is not compensated by the
The scanivalves and the electronic equipment needed effect of Reynolds number. Thus the overall circu-
for the slat instrumentation were installed on a lation decreases for Reynolds numbers above 6.10'
special bracket which was attached to the slat as shown in fig. 15 where the Maximum Mach number
structure in the shroud area underneath the slat. on the slat is plotted versus the Reynolds number.
In order to avoid causing early transition on the
slat attachment line the belt on slat 2 was For the landing configuration transition on the
extended to cover its full length, as shown in the flap is less sensitive to Reynu'ls number since a
photographs of fig. 12. ONERA had built a mockup of velocity peak occurs at the leading edge and the
the slat, wing and flap nose in order to achieve overall circu]lPion is almost constant for Reynolds
best fit of the belt segments. The belt surfaces numbers above 6.10'.
were very smooth and the edges were faired by means
of a filler. For low Reynolds numbers laminar separation bubbles

are present on the three elemerts which increase
2.3.2. Flight Test Program the viscous layers and decrease the overall circu-

lation.

Three test flights were successfully performed in A good correlation is observed between the C,
the following sequence values obtained in the HST and Fl wind tunnels at

6.10' which is confirmed by the pressure distribu-
Flight n° 289 Landing configuration tion plotted in fig. 16.
Flight nO 290 Landing configuration
Flight n° 291 Take-off configuration Detailed boundary layer surveys have been performed

:t 8 stations on the different elements as well as
From the flight measurements data points with in the near wake, as shown in fig. 17 for the take-
sufficiently stabilized flight parameters were off configuration. Reynolds number effect on the
selected for further evaluation wing boundary layer are presented in fig. 18 for

the take-off and the landing configurations near
37 data points for the take-off configuration C,,,. As shown on the figure a Reynolds number
36 data points for the landing configuration effect occurs for Reynolds numbers lower than

6.101. For this angle of attack merging between the
The Mach number and the Reynolds number envelopes slat wake and the wing boundary layer occurs
which have been covered by the different test are downstream of station 3 (x/c = 0.5).
shown in fig. 13. The Mach numbers and Reynolds
numbers of 2D and 3D tests are correlated by simple No significant Reynolds number effects have been
sweep theory in order to compare 2D and 3D data found on the dimensions of the separated flow areas
under equivalent freestream conditions. As shown on in the slat and wing coves as well as on the extent
the figure 2D test were performed at Reynolds of the separation on the flap for the landing
numbers as high as those in flight and Reynolds configuration. For both configurations the stall is
numbers of between 1/3 and 1/2 of those in flight dominated by a wing trailing edge separation.
were achieved in the 3D test.



3.2. Mach number effect in 2D flow that span section the nactlle generates large 3D
effects as shown on the boundary layer profiles,

The Mach number effects were investigated at a measured at mid chord (fig. 24). Wake surveys have
Reynolds number of 4.10' in the NLR HST wind tunnel been carried out with a five-hole probe at x/c -
and at a Reynolds number of 9.10' in the Fl wind 1.05 in the ONERA Fl wind tunnel. An example of the
tunnel. effect of the Reynolds number on the wake profiles

is shown in fig. 25. Increasing Reynolds number
The Mach number dependence of the maximum lift induces a decrease of the wake size at high angle
coefficient C6,,, over the measured range of attack and less mixing between the flap and the
0.13 ( M < 0.3 is shown in fig.19 for Re z 9.10'. A wing wakes.
large decrease of the C..,. occurs for Mach numbers
above 0.22 for both the take-off and landing 3.4. Mach number effect in 3D flow
configurations. Pressure measurements show that the
strongest effect of Mach number occurs on the main Mach number effect has been investigated in the RAE
element on which a trailing edge separation appears 5m tunnel for a Reynolds number of 7.4;10' (equiva-
at an angle of attack several degrees lower than lent 2D Re = 4.10'). As in 2D0 increasing the Mach
aO~m,,, number induces a decrease of C_, )fig.26, for the

complete model as well as a decrease of the maximum
The maximum local Mach number at the slat leading normal force coefficient of the 59 % span section
edge is plotted in fig. 20 for both configurations (fig.27). The compressibility effects are greater
and the two Reynolds numbers. It increases up to for the take-off configuration. The maximum Mach
values around I = 1.3 - 1.4 which indicates that number on the slat at the 59 % span section is
shock boundary layer interactions are likely to lower in 3D than in 2D.
occur on the slat which influence the slat boundary
layer and its wake. Thus, the stall of the wing is 3.5. Comparison between wing section data and 2D
certainly influenced by transonic flow phenomena flow data
which occur on the slat at high angle of attack.

Simple sweep theory has been applied to the 3D test
These have been clearly observed through the signal data in order to compare the dla,3 with the 2D
analysis of the Kulites which were located in the values. Fig. 28 shows that this simple correlation
slat leading edge region. works quite well for the maximum normal force.

However Reynolds number effects for the landing
3.3. Reynolds number effect in 3D flow configuration are different due to a different flow

behaviour on the flap in 2D with separation and in
Reynolds number effect has been investigated for 3D withut reparation.
M = 0.25 on the A310 half model 139 within a large
Reynolds number range (3.4.10' < Re. 9.2.10') in For the pressure distribution the same technique
the RAE 5m wind tunnel and up to Re = 10.8.10' in using local sweep angle provides a good correlation
the ONERA Fl wind tunnel, as shown in fig. 29. Some differences appear on the

main wing near x!c = 20 % due to different shapes
Correlation between the results from the two wind for the 2D and the 3D models in the slat trailing
tunnels have been found to be very good. However edge junction region and on the flap. A good 2D-3D
small differences have been observed near C,.,,. The correlation is also obtained for the section wake
data obtained on the half model 139 are also in drag up to CNmax (fig.30).
good agreement with those obtained in the DNV wind
tunnel on the complete model as shown in fig. 21. 3.6. Comparison between Flight and wind tunnel data

The evolution of C,.,, with Reynolds number for the The total lift in flight is plotted versus angle of
take-off and landing configurations in both wind attack for both configurations, and compared with
tunnels is summarized in fig. 22. For the take-off wind tunnel data in fig. 31. The lift coefficients
configuration with and without the nacelle as well at fligb" "eynolds numbers are in good agreement
as for the landing configuration with the nacelle with the wind tunnel data for a large range of
the increase of C,.,, is about C,. = 0.04 over the angle of attack. Near maximum lift the lift coeffi-
whole Reynolds number range. For the landing cient of the aircraft is a little bit lower than
configuration without the nacelle the effect is that of the 3D model.
smaller with a tendency for the C *,. values to
decrease for Reynolds numbers above 7.101. The
effect of the nacelle on the C_, is only signifi- For the 59 % span section good agreement is also
cant for the landing configuration. observed (fig. 32) in spite of the difference in

Reynolds number which confirms the small influence
of this parameter for this configuration. The

Considering the 59 % span section which corresponds differences near maximum lift which occur for the
to the airfoil tested in 2D the evolution of the landing configuration is due to the flap which
normal force CN versus Reynolds number near C,,, is carries more lift in the wind tunnel than in
presented in fig. 23. These evolutions correlate flight, probably due to small differences in the
with those obtained in 2D, with an increase of the slot geometry.
CN up to Re. = 7.10' (equivalent Re, - 6.10') and no
significant effect for higher Roynolds numbers. For



3.7. Attachment line boundary layer investigations - important Mach number effect,
- important effect of the nacelle on the C_,, and on

The state of the boundary layer along the slat the boundary layer profiles at the 1 = 0.59
attachment line was investigated in wind tunnel and station (X/C = 0.5),
in flight near the 59 % span sectiun. This has been - the local sweep normalization process used tc:

achieved in wind tunnel using one hot film glued in 2D-3D correlations leads to a broad agreement
the slat near the hook for three spanwise stations between the pressure distributions at any speci-
(54 %, 59 % and 66 %) while for the flight test the fied C,, for the take-off contiguration.
whole slate was equipped with two raws of 7 hot - at moderate angles of attack, the take-off confi-
films located at q = 59 % and q = 65 . guration presents satisfactory agreement between

2D and 3D wake drag estimates,
Some typical hot film signals are shown in fig.33 - attachment line transition occurs on the slat
for the take-off configuration with increasing from Re, = 7.10'.
Reynolds number at an angle of attack near maximum
lift. These measurements in the RAE 5m tunnel Flight test
indicate that the Attachment line on the slat seems
to be fully turbulent at Re = 7.3.10' which leads C , a correlations good between F.T. and W.T.
to a 1 value in good agreement with the usual value data
of - 300. A laminar separation bubble was observed
for the same conditions which implies relaminariza- - for the complete aircraft at moderate C
tion of the boundary layer on the upper surface. - for the 1 = 59 % section

In flight a laminar boundary layer on the slat Pressure distribution correlation between half
attachment line at the 59 % station was observed model and flight
for higher Reynolds numbers indicating that less
disturbances cross the 59 % station in flight that - quite good for take-off configuration
in wind tunnel. These differences can be explained - some differences on wing upper surface and flap
by the fact that the belt on the aircraft slat upper surface for landing configuration.
gives a very smooth surface while the roughness is
higher for the wind tunnel model. Furthermore, the Hot Film signal analysis on slat
relative size of the brackets is greater in the
wind tunnel. Sweep effect on attachment line tran- - both laminar and turbulent attachment line he"e
sition has also been demonstrated in flight as been observed at moderate angles of attack,
shown in fig. 34 where the reduction of the air- - b.l. relaminarization has been observed
craft sideslip angle by 110.4 leads to a laminar - at high angles of attack a laminar attachment
attachment line and a decrease of the boundary line is detected in flight at higher values of R
layer thickness at the slat trailing edge. than in the wind tunnel tests.

4. CONCLUSION All of this substantial set of measu:ements has
provided what is certainly the most comprehensive,

The success of this GARTEUR high lift research well integrated, and accurate body uf data dealing
programme was made possible by the excellent with muti-element aerofoils and wings operating at
cooperation between the partners from industry and high lift that is available anywhere in the world.
research establisments. Form the extensive wind The programme of data acquisition has in itself
tunnel tests performed on 2D and 3D A310 high lift already provided valuable detailed comparisons
models in the NLR, DRA and ONERA wind tunnels as between three major European wind tunnels ; these
well as from the flight test conducted by Airbus have in turn led to improvements in thenderstanding
Industrie the following main conclusions can be and the application of test and correction techni-
drawn ques. Furthermore the all-too-ra,'e availability of

corresponding measurements made in flight are
2D test immensely valuable even when assessed purely on tle

balance sheet of advances in measurement accuracy.
- moderate Reynolds number effect from Re, = 4.10' However, more importantly, GARTEUR member nations

up to 16.10', now have a better understanding of the flow about
- much more important Mach number effect, high-lift systems, which will facilitate the deve-
- the C1,,, is due to the stall of the main element lopment of improved designs, together with a

which is induced by the slat wake-wing boundary comprehensive data base available for the develop-
layer interaction, ment and validation of new computational techini-

- at high angles of attack, a shock-laminir boun ques. It has consequently been possible to set up
dary layer interaction is observed on the slat a successor to the Action Group tasked with taking
and induces the thickening of the slat wake, the first steps along the road to real improvements

- the take-off configuration presents an unfavou in the aerodynamic design of high-lift systems.
rable Reynolds number effect on the CL, from
Re, = 7.10'.

3D test

- moderate Reynolds number effect,
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Fig.8 Model Ml in ONERA Fl wind tunnel with external Boundary
Layer device survey system

Fig.9 Half model M139 arrangement in the RAE 5m tunnel



Fig. 10 Half model M139 in the ONERA Fl wind tunnel with the wake
survey device

TEST SECTION

70 PRESSURE
HOLES

I '. .SLAT SLAT
.]..7 HOT FILMS 7 HOT FILMS
, • .•5 ENDEVCOS ,

"" -. SLAT 2 i..

"" ~SLAT-TE)""PLASTIC , ,B.L.-RAKE
" BELT • WN

OUTER FLAP

I ! Fig.l1 General arrangement of flight test instrumentation



I

16-14

SFLAP BELT

Fig.12 Belts on A310 wing for flight test

M
2 0'0 13 8 20 22 25 28 22

2 D - TESTS
NLR A / 7 -

ONERA F1 4¶ /
20 ~FUGHT TEST

3 3D-TESTS A( ,' 15NrA--- -

RAE 5M X TAKE-"TAK

C'NERA F' 1

V.'.
¶29 / - £3

92 -5

I0' R -ec --- S-

55 -3

35-2

0
10 ¶8 22 25 28 32 34

T 30
SFig. 13 Test envelope



7)i

M = 0.22

CýMSS-HST

U3 - M-ST

/
/
/

R€10-4

*~1 1 s to i2 14 11

Fig.14 Reynolds number effect on C, in 2D flow

S2D MOOELM I OAF1M N 0.22

20 MODEL U3 NL HST W = 0.22

HLOCAL TAM OFFCLna OA AW

1.4 1.4 -- CAL

I1.2- 1.2-o
// /

1.0 1.0

"ne 106 "Ne 106
0.6 6 10 1•2 1'4 f6 0 0.5 2 4 i 4o 1'2 141 i

Fig.15 Reynolds number effect on maximum slat Mach number near
C, in 2D flow

O=21.40 M:0.22 Rec6 106

-... M3 - HST

-U1 - F1

TAKE OFF

Fig.16 SLA o of FLAP

Fig.l6 Comparison of HST and Fl wind tunnels data



16-16

Take off confglurstIon

I i i2/

II FSTA T
III .,.d

s I I1I

SII

STTOip STATION3 2 ST STATONp STATKR.5
I STATION7 ,

I o I I. -/

to ft

0 2. .a . .2 0 2 0

Fig.17 Example of boundary layer surveys - NLR data

ONERA F1MuO .22 - STATION 4 *

NIR 1ST/HIST U = 0.22 ... STATION 3 o

TAKE OFF LANOM)

01FW CFLW

0 6-.0

0.002- 0.002-

0.001 t 02ODI 
Q- o'--'-----,""

#0 1a 12 0 2 4 5 6 S 10 12

Fig. 18 Reynolds number effect on boundary layer data near CL,...

in 2D flow

T WE OFFLNDN

S ----..... N 0j n o

Fig. i.1 18aeynld number effect onbondr laye dat neD flow

, &CLmx = 0.5 ,
: \Q

0I 0S 0

Fig.19 Mach number effect on C1., in 2D flow



20 MODEL MIommAF ft=9 0 196

-- 2D MOE IN MIII MY ft 4I W

1,2- A-

1.202-

0.0..

M,2 - 0 201. -2 t *

,.J//

I /

0.6

.* 
)o" M~ ,,/c,,0

C D

0.1 01t 0.9 , 0.1 0.. 0.,

Fig.20 Mach number effect on maximum slat Mach number near C..
in 2D flow

NTAKE O/F CO•FGRATI - NA(ELLE ON
U*0 a20 Rc - 2 NO FI

1c

SlNee/ 106

Fig.22 Reynolds number effect on maximum lsft in 3D



16-18

: MCiLLIE 
MN'

MAC:ELLE OFF

CNTAKE OFF CONIU~fOLUV to LWN"Mn CONFIG4MATION]
0K ' 1 I, I 13"

- - - - - --- , -- - -

N 0, I

M%/ 10406%,10i4

*3 S

Fig.23 Reynolds number effect on section normal forces

'AO[ OfT 0((*64 UjRATION
BCOtl(AR0 1AYtLR PROOES AT WM', TATeIN X/C- 05 9 = 59%

E-AL~f o4 K 0A K- ... .. } ....p. = I f)6

z

I 4 1 , -,

20 4

'0 12 '4 UIVo, 01 o 0

Fig.24 3D boundary layer profiles at n = 59 %

IN CI IOS - -- €Ic M .... OCIC 1440" -- C 0• I 1.7

TAKE OFF NACELLE OFF

S-ZM( ) -Z

01Re= 7 x10 ROc= 10. x 106

-0.1- V/VNear we po V/fl a

Fig.25 Near wake profiles at I = 59 W



IT

HACELLIE OFF

A310 HALF NODEL M139

W/T RAE - 5M Re, = 7.4 106

CN N

0 IT O. o-

.s .io .- 0 . s .io .is .io

Fig.26 Mach number effect on maximum lift in 3D

A310 HALF MODEL M139

Rc=7.410 6  W/TRAE-SM

CI max

LANDING - NACELLE OFF

0.2 - - • --

TAKE OFF - NACELLE OFF

-l

0.15 01i0 0251 0.130 0.35

Fig.27 Mach number effect on maximum slat Mach number at
S= 59 % near CL..

- 2D MODEL
-. 3 NORMAUMEDSECTKN q = O.59

,C max Reso• 4 106 ¢lOGW MVf- 0.22
TAKE OFF CIONFI LtANOOW

0.1 LANCING ...

2D
0.1

20wom -. TAKE OFF

.,, .2 .25 .2, .32.34 ,.6 5.2 6.4 7.4 % /too

.10 .As 4,O i~s 10ous 2 a

m/104

Fig.28 Normalized section j - 0.59 in 2D Flow and wing flow -
Comparison of the Reynolds number and of the Mach number
effects on C,,.,



M2D=0.2 2 RO 2D0 4 106

S SLAT ---- 20 MODEL

Cm - CHo 3NOA4AUSL D

CN - CM max Sectl• i 0.S9
C YANG

J_,', _ X_.__ _AFLA

-'C

Fig.29 Normalised section n = 0.59 in 2D flow and wing flow -

Comparison of the pressure distributions near C_,

CD ~E (SQUJIRE/' ONG)
HALF MODEL M 139. •

SM = 0.25 / /

CD0.0 M 0.2

-5c 10 1.4 206

Fig.30 Normalised section 
_ = 0.59 in 2D flow and wing flow

comparison of the drag

CL  CL

0.5 0.5S,/ ,'

-- F IW.. ROC 100. 11

M - 0.2S

FuWgr ts to talo lif
.o 

023 U0.2 ?

i Fig.31 Wind tunnel / Flight test comparison for the total lift



CN CN

IhC "W05 1+ 0~.5

500 88u Iee 01, 2

Fig.32 Wind tunnel / Flight test comparison for the i 0.59
normal forces

: 19.40 M=0.25

TAKE OFF CONFIGURATION - NACELLE OFF

W/T RAE SM HALF MODEL M139

GAUGE1 iO0.59 M=0.21 Re 15 106
=54% ~/

GAUGE 3 - 0.0

R:3.7 •:204 R=4.4 R=223

GAUGE I
'I = 54%

SGAUGE 3
q= 66%

R=5.O 4=239 R=5.9 i=256
LAMINAR SEPARATION IUBBLE

GAUGE 1 _______ NOT F"$KM" 11OAL FL *NLSHOFiM mNA S~ N O FILM SIGNLSn=54% /3 a-o- 1,3 -

GAUGE 3 r i ,
q = 66% 12/

R=6.6 4=272 R=7.3 4=285 TA . :LOCnF U PROP"
-- A.L. T~LIOTPP. .LLL

GAUGE 1
-.---- '1 =54% -____

GAUGE 3 - - 4 L
q = 66% 10A "4 Lo"

R=8.0 R=300 R=10.1 R=337 S

REYNOLDS NUIMER A = Roe / -10o 0.o 0.7 O0s 0.9

Fig.33 Slat hot film signals. Fig.34 Flight test. Sideslip effect
RAE 5m tunnel. 3D model on attachment line boundary

layer and slat trailing edge
boundary layer



' 17-1

AN EXPERIMENTAL INVESTIGATION OF THE OPTIMUM SLAT SETTING ON A

COMBAT AIRCRAFT MODEL

by

I. R. M. Moir

Defence Research Agency
Farnborough, Hampshire, GU14 6Th, United Kingdom

SUMMARY location of such an opt,: -um is obviously important, and
is the result of two competing effects arising from the

Tests have been carried out, on a combat aircraft model relative movement of the wing elements. Firstly, as the
with high-lift devices, in the DRA Farnborough 5 metre two elements are moved together, load is increasingly
pressurised low-speed wind tunnel. The deflection shared between the two surfaces, and the pressure
angle and position of a leading-edge slat were varied distribution on bothi elements is modified. This
and optimum settings established. The separate increases the load on the upstream element and
effects of Reynolds number and Mach number on overall decreases the load on the downstream element,
lift coefficient and on the optimum slat setting ware reducing the likelihood of flow separation on the 'atter.
investigated. The results show that optimum
performance is achieved at a very high slat deflection In addition to the possibility of flow separation from the
angle and the performance is strongly influenced by upstream element due to increasing load, the wake from
compressibility effects this element can merge with the boundary-layer on the

downstream elernent, thickening it and increasing the
LIST OF SYMBOLS likelihood of flow separation.
c chord
CL lift coefficient It is apparent, therefore, that ths. high-lift device may be
Ctma, maximum lift coefficient positioned in order to achieve a balance between the
CP pressure coefficient adverse and beneficial effects, leading to the conceptC~ prssureof an optimum setting.

C; pressure coefficient corresponding to local

Mach unity In addition to their application to civil transport aircraft,
M0  free-stream Mach number high-lift devices are also used on some combat aircraft,
M peak local Mach number not only for improved take-off and landing performance,
Re Reynolds number but also for enhanced manoeuvrability. However,
V free-stream velocity combat aircraft wings are usually of higher sweep thanXs siat overlap 'civil' wings and have lower aspect ratio as well asthinner aerofoil sections, this latter characteristicz' slat gap leading to potential practical problems oi

0s slat deflection angle accommodating mounting brackets for high-lift devices.
ai angle of incidence These features of the wing geometry result in highly
A wing leading-edga sweep three-dimensional flows which are a severe test of the

two-dimensional concepts used to describe the flow

1 INTRODUCTION over civil wings.

In general, increased sweep shifts the spanwise loadingTie flow around multi-element high-lift aerofoil sections outboard, and also tends to shift the chordwise loading
is now relatively well understood. Extensive forward. The pressure gradients are made moreexperimental studies, such as those in Refs 1 and 2, adverse near the tip as a result. Together, thesetogether with theoretical work involving CFD modelling effects would tend to encourage the stall to occur first
-s in Ref 3, have identified '.ý[e important features of near the tip, with a leading-edge type stall, which is also
such flows, at least in two-dimensions. The conclusions more likely with the thinner aerofoil sections used on
have 'een applied with some success 3 , in conjunction combat aircraft.
with concepts related to infinite swept-wing flows, to
describe the flow over wings of high aspect ratio and It would appear then that this markedly three-
moderate sweep, such as civil transport aircraft dimensional flow around combat-aircraft wings means
configurations, where root and tip effects are that earlier work on low-sweep, high-aspect-ratio wings
comparatively small in the context of the overall flow. may not give a good guide to the optimum positioning of

Extensive research has also been carried out into the high-lift devices, and probably of leading-edge slats in
mechanisms which govern the optimum relative partcular.
positions of the components of a high-lift wing (eg slat, Thus a need was perceived for fundamental research
wing, flap), but rather less or, the effects of Mach into the general area of high-lift devices for combat
number and Reynolds number on this optimum. The air,;raft wi'ngs, and with this in mind a model with a low

aspect-ratio, high sweep and high taper-ratio wing wasCopyright 0, Controller HMSO, London 1992 manufactured at DRA Farnborough, U.K. In the present

i.
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tests, the deflection angle of the slat and its position encompassed the range of Reynolds number and Mach
relative to the wing were varied in order to establish the number listed in Table 2; this was close to the widest
deflection and location, necessary to optimise CLma,. range allowed by the operating envelope of the tunnel,
The freestream Mach number and Reynold3 number as shown in Fig 5, and by the design stress limit of the
were also varied independently in order to examine how model. Force measurements were made at small
these parameters affected the overall CLmax and increments of angle of incidence to beyond the stall,
optimum slat position and deflection, while surface pressures were monitored at 57.8% span

on the port wing and 82.6% span on the starboard wing,
2 DESCRIPTION OF MODEL as shown in Fig 1. These pressures were recorded at

ca = 160, 200 and 240 and at 3.20, 1.20 and 0.2' below the
The model, designated DRA Model 4954, is stall.
representative of a low-level strike-fighter. It was
designed for general research into high-lift devices on For the slat optimisation process, the slat was set at
low aspect-ratio swept wirgs. The general layout of the each of a number of positions in turn, and
model is shown in Fig 1, in which the principal measurements of forces and pressures were made over
dimensions are indicated; these are also given in the range of a and M0 and Re.
Table 1. The high mounted wing has an 8% thick
supercritical section, and has provision for an 18% 4 RESULTS AND DISCUSSION
chord leading-edge slat and a 33% chord trailing-edge
flap, or a plain undeflected trailing-edge. As originally Figs 6a and 6b show an example of the variation of lift
designed, the sls! deflection angle could be set at 250 coefficient CL with angle of incidence over the range of
and 350, but for reasons discussed later, it was Reynolds number and for the range of Mach number
subsequently found necessary to make modifications to covered in the tests, respectively.
increase the available deflection to 450. The slat
position relative to the wing can be adjusted also, over The Figures show that a fairly high CLmax is achieved,
the range shown in Fig 2. This range was also increased albeit at a high angle of incidence, as would be expected
during the present tests. The slat brackets were of a for this low aspect-ratio configuration.
special profiled design (illustrated in Fig 3) which is used
to minimise the wake shed from the brackets. Such Fig 6a shows that CLma is Reynolds number dependent
wakes are known to be entrained through the slat gap at and Fig 6b shows that it is very strongly Mach number
moderate to high a's and can induce premature flow dependent.
separation on the wing.

The foregoing suggests headings under which the
The flap also is adjustable in overlap and gap, as well as results may be discussed, ie:
having a number of deflection angles available. (i) Geometry effects

(ii) Reynolds number effectsThe model has a fixed fin and an adjustable tailplane, (iii) Mach number off ects
but the latter was not fitted for the present tests. and these three aspects will be considered in turn.

The port wing, slat and flap have provision for
measurement of surface pressures by means of 4.1 Geometry Effects
spanwise tubes which have tappings drilled in them at
several spanwise stations, the unwanted holes being As mentioned in the Introduction, the low aspect-ratio
blanked off with adhesive tape, so that pressures may and high sweep of the present configuration should
be measured at one discrete station. The starboard typically result in a high loading towards the tip. Fig 7a
wing has tubes and tappings at one station only, near shows the pressure distributions at the two tapping
the tip. The pressures are scanned by on-board stations, just below CLmax, and these do show much
Scanivalves, and converted to electrical signals by higher suction peaks at the outboard station.
pressure transducers. Comparison with results from a typical civil transport

model in Fig 7b, at similar spanwise locations, also just
For the present tests, the model was mounted on an below CLmax, shows that the latter has a much smaller
underfioor six-component mechanical balance by way of variation on the slat between the tip region and the
a single main strut plus a jacking strut at the tail to station near mid semi-span. In both Figures the
provide pitch variation, as shown in Fig 4. The mounting pressure coefficient corresponding to local sonic
allowed a range of angle of incidence of -80 to +400, the velocity is indicated. In the case of the fighter
angle being measured by on-board accelerometers. configuration the slat suction peak exceeds this value

in the tip region, and the implications of this local
3 TEST CONFIGURATION AND supersonic flow will be discussed in a later section.

CONDITIONS 4.1.1 Effect of Slat Deflection and Position

The model was tested with both the plain wing trailing-
edge and with the single-slotted flap set at 20° The original design of the model assumed that the

deflection, this being the highest angle at which optimum slat deflection angle aid position would be
attached flow could be expected. The overlap and gap similar to that established rn high aspect ratio, lower
were set at 0% and 3% respectively, relative to the sweep 'civil' wings. This r; suited in the initial deflection
shroud trailing-edge. The model was tested with the slat angle of 250, although just prior to the first tests,
set at 250, 350 and 450 with the plain trailing-edge, and modifications were made to enable the slat to be set at
350 and 450 only with the slotted flap. an alternative deflection of 35*. The first tests

commenced with the lower deflection angle (in

The tests were conducted in the DRA Farnborough conjunction with the plain trailing-edge), but, as

5 metre pressurised low-speed wind-tunnels and suggested by Fig 8a which shows the variation of CL,.
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with slat position, it was quickly discovered that the 350 slat may pose problems in this respect.
CLmax was still increasing when the limit of the available Furthermore, it is also noticeable in Fig 9 that the slat at
slat adjustment range was reached. The rapid increase 450 deflection is rather more sensitive to position than it
in CLmu , seen in the Figure, as the slat was moved is at 350 and the lower slat deflection could be used at
away from the wing thus reducing the load carried by the an off-optimum position without incurring much penalty
slat, indicated that it was very heavily loaded, and this in CQ .
probably resulted in an early flow separation, originating
on the slat. This result prompt.ad the abandonment of In order to determine the precise positions of the slat
the 250 slat in favour of the 350 deflection which which correspond to optimum CLn,,, values of overlap
hopefully would be sufficiently less highly loaded and and gap for a range of values of CLW were read off the
would enable a peak CLmax to be achieved much closer earlier plots of CLr,, against slat position and plotted in
to the wing. the form of constant CLmu 'contours', as illustrated in

Fig 10, which is derived from Fig 9. Plots of this type
An example of the variation of CLma, with slat position enabled the optimum slat location to be determined
for the 350 slat is also shown in Fig 8a. It may be seen within about ±0.2% of overlap and gap. These data
that CLm, was now nearly 0.2 higher than for the lower enabled the variation of the optimum positions over the
slat deflection, but the position corresponding to peak range of Me and Re to be examined - this aspect is
CL. •, was still obviously further ahead of the wing. At discussed in the following sections.
this stage, further modifications were made to the
model, to increase the range of adjustment of the slat, 4.2 Reynolds Number Effects
enabling it to be moved further forward of the wing and
also, since it was obvious that the slat was still very 4.2.1 Overall Effects
highly loaded at 350 provision was made for an additional
increase in slat deflection to 450. The overall effect of Re on the CLmax for a fixed slat

position is illustrated in Fig 11, which also shows results
Due to insufficient tunnel time, a full range of slat for atypical civil transport model at a similar M0 . It may
positions using the extended range for the 350 slat, in be seen that the two configurations show a similar
conjunction with the plain trailing-edge, was not degree of sensitivity to Reynolds number.
completed, but tests on the 450 slat covered a sufficient
range of positions to enable the position giving the 4.2.2 Effect on Slat Optimum
highest value of Cta to be located as shown in Fig 8b.
It may be seen however that this maximum value is now As suggested earlier, the optimum position of the slat
lower than that for the 350 slat, suggesting that the may vary with flow conditions. In Fig 12, the variation of
optimum deflection is lower than 450, although the x, and z, is plotted against Re for the two slat
corresponding optimum slat position is at a fairty small deflection angles at Mo - 0.22. The Figure shows some
underlap relative to the wing leading-edge at the higher apparent movement of the optima with Reynolds
deflection. number, although the actual changes in x, and z, are

A feature of the 450 slat deflection is the large drop in of the same order as the accuracy with which the

CLmax (about 0.4 relative to the optimum value) as 3% optimum positions were determined. It is reasonable to
suppose that the effect of increasing Reynolds number

underlap and 1.5% gap is approached. This would be to generate thinner boundary-layers, which in
corresponds to a reduction in stall incidence of about 6* turn would affect the degree of wake/boundary-layer
for this case and is presumably assc.-iated with a more interaction. This would suggest that the optimum slat
rapid change to the pressure distribution, and hence the position should move closer to the wing as Reynolds
proportion of the overall load carried by the wing as the number was increased. However, the results do not
slat is moved away from it than was the case for the 350 give clear support for this hypothesis.
deflection. The configuration with a slotted flap shows a
much smaller loss in CLmax at this setting as will be Although the 350 slat appears to show the larger
seen in the next section. movement of optimum position with Re, the sensitivity

of CLma, to slat position has been shown to be rather
4.1.2 Effect of Slat Position less than that for the 450 deflection, so the actual

variation of optimum CLmax with Re has to be
In order to explore fully the optimisation of the 350 and considered in order to assess the relative loss of CLmax
450 slats in conjunction with the single-slotted flap, associated with txing the slat position for the full range
additional modifications were made to the model to of Re , and this is shown in Fig 13. The Figure shows
increase the range of slat adjustment in both x, and the increment in CLmax for the slat fixed in its optimum
z,, as the earlier measurements showed that optimum position for the lowest Reynolds number, compared with
CLmax tended to occur at more negatie values of x, the corresponding increment when the slat is moved to
and lower values of z, than could be achieved on the the position giving the highest attainable CLmai as Re
model originally. is increased. The increment in CLmax for 0e - 350

relative to es - 450 is also included.
Fig 9 shows typical examples of the variation of CLmax

with slat position at the two slat deflection angles for the lt may be seen that the potential loss in CLmax for a
slotted flap configuration. As with the plain trailing-edge 'fixed' 350 slat is about 0.03, compared with a
configuration the 350 slat achieves the higher CLmax, 're-optimised' slat. Also, the 'fixed' Oalt has a lower
but at the expense of an underlap greater than 40% - this CL,= than the 450 slat at the higher R-,.nolds numbers.
amount of underlap may not be possible on a real The 450 shows very little loss in CLmm when fixed at the
aircraft for structural reasons. Similarly, it may not be same position through the Re range, although its CLmw
possible to incorporate practical slat brackets to is lower than that for the 're-optimised' 350 slat through
provide a 450 deflection in a hin fighter wing. Even the the whole range.
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4.3 Mach Number Effects configuration at the highest Mo appears to coincide
with Cpj, reaching the limiting value suggested by this

4.3.1 Overall Effects criterion. It is postulated that the Mayer criterion may
describe a 'primary' inviscid effect in which local

The overall effect of the variation of Mo on CLmax is velocity is limited by compressibility, while the more
shown in Fig 14 which also shows results for the civil general case of loss of CLmax with increasing M0 is a
transport model; these latter are at a rather lower Re. 'secondary' effect in which the boundary-;ayer is
The plot for the combat aircraft configuration is thickened by compressibility and results in earlier flow
characterised by a large reduction in C1.m between separation.

-Mo 0.22 and 0.28. while the transport aircraft
configuration appears to exhibit a more gradual drop off It would appear then that the sudden loss of CLmax
in CLmax. This compressibility effect is presumably between the two highest freestream Mach numbers for
associated with high local subsonic and supersonic the combat aircraft is associated both with the spread of
flows, as suggested by Fig 7a. This is further illustrated local supersonic flow inboard on the slat and wing which
in Figs 15a and 15b which show the variation with Mo of could give rise to compressibility-induced bnundary-
peak local Cp just below CLmax on the slat and wing layer thickening resulting in an earlier stall, and also with
leading-edges for the fighter and transport a direct limit imposed on the maximum value of CPMin
configurations, at similar stations near the tip and near as suggested by the Mayer criterion.
mid semi-span. it is seen that for Mo = 0.16 (0.15 for
the transport aircraft) the flow is wholly subsonic for 4.3.2 Effect on Optimum Slat Deflection
both configurations. At Mo = 0.22 the flow attains
supersonic velocity on the slat near the wing tip for the Fig 17 shows the variation of CLma, with slat deflection
combat aircraft, while the wing leading-edge is ;ust angle over the range of Mo , for the plain trailing-edge
sonic, and the inboard station is entirely subsonic, as configuration.
are both stations for the transport aircraft (Mo - 0.21) on
slat and wing. At Mo = 0.28 there is supersonic flow on The CLmax data for the 250 and 350 are the highest
the slat and wing leading-edge at both the tip and achieved values, while those for the 450 slat are the
inboard station of the combat aircraft; in contrast the optimum values. Compared with the 350 slat CLmax iS
transport aircraft (Mo - 0.27) just achieves supersonic lowerat 450 deflection for Mo = 0.16 ar.. 3.22, even with

atrporth sthe 350 slat in a non-optimum position. ' Mo = 0.28 theflow at both stations, and that for the slat only. 450 develops the slightly higher CLmax - this is possibly

because the 350 slat, being more highly loaded, suffersit is interesting to note that although the 35* slat, being more from compressibility limitation at this higher Mo.
more highly loaded had a much higher peak suction than
the 450 slat at the lower Mach numbers, at Mo - 0.28 the 4.3.3 Effect on Slat Optimum
peak suctions for the two deflections have very similar
values, at least on the outboard wing. This suggests In Fig 18, the optimum values of x, and z, are plotted
that there is an effective limit imposed on Cpmin., against Mo for the 350 and 450 slat deflections, at one
presumably by compressibility effects. This feature is value of Re . As with the variation with Reynolds
illustrated in Fig 16 which shows the overall Cpmnin number, the movements are fairly small compared with
plotted against Mo for both slat deflection angles at two the accuracy of the optimum position data.
slat positions for each. Also shown on this plot is the
variation of a maximum Cp as derived by Mayer6. It is to be expected that any effects due to
Mayer's empirical criterion states that compressibility depend on the relative loading of the slat

and the wing. Hence the movement of the 350 slat
- CPM 2 < 1 optimum away from the wing initially and then back

towards it as M0 is increased may be due to the
compared to the theoretical limit of 1.4. appearance of supersonic flow first on the slat and then

on the wing. The 450 slat may behave differently as
The Mayer expression gives CP = -12.75 at M0 - 0.28 supersonic flow appears on the slat and wing roughly
which is very close to the apparent limiting value at this simultaneously. This will be discussed in more depth in
Mo from the present tests, as seen in Fig 16, although the following section.
Mayer's result was obtained from tests on a simple
aerofoil at rather higher Mach numbers. This effective Fig 19 shows the overall effect of fixing the slat position
limit on Cpin has implications for other aspects of the for the full range of Mo, compared with re-optimising the
results, as will be seen later, slat at each Mo . The relative effects for the two slat

deflections are shown. It is seen that the potential loss
It has been shown that supersonic local velocities exist in CLmax for the 350 is about 0.05 at the highest Mo ,
on the slat and wing leading-edges at the higher while the 450 shows an appreciably smaller loss of about
freestream Mach numbers. Using the expression given 0.01, and even the 're-optimised' 350 slat has a lower
in the Annex, the combat aircraft configuration can be CLnax than the re-optimised 450 slat.
seen to generate local Mach numbers of up to about 1.5.

4.3.4 Variation of Local Mach Number
Comparison with the results for the lower sweep, high
espect-ratio case also shown in Fig 16 shows that for In section 4.3.1 it was shown that the high levels of
this latter the peak local suctions are appreciably lower, peak suction on the slat and wing leading-edges were
with correspondingly lower MI.,, , and that in this case associated with local supersonic velocities, and in the
the Cpmin is not high enough to assess whether it too discussion on slat optimisation in section 4.3.3 it was
conforms to the Mayer criterion. On the other hand, the suggested that the optimum slat position could be
large loss of CLmax experienced by the fighter
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influenced by the variation of MiocaI on these This concept of a limiting value of Cpmin and hence
components. MkW adds a further parameter to the variation of the

optimum slat position with Mo. As the highestFigs 20a to 20f shows the variation of the peak Miocaj on freestream Mach number is approached the peak Mical
the wing and slat for both slat deflections at on the slat and wing tend to have very similar values at
Mo - 0.16, 0.22 and 0.28, at the outboard pressure the optimum slat setting, and this value is close to the
plotting station. Also shown on the plots are the limit suggested by Mayer. This effect is most noticeable
optimum slat locations as discussed in section 4.1.2. It for the 350 slat which has large differences in peak
will be seen that several of these plots have a rather Mioca between slat and wing at the lower Mo's. At
'confused' appearance, while others show a well ordered Mo . 0.28 the load on this slat therefore appears to be
variation of peak M10ci with slat position. The most limited to a greater degree than for the 450 deflection.
likely explanation for this feature is that due to the This is consistent with the earlier results for the
sharpness of the suction peaks near CLm. , it is quite variation of CLm, with slat deflection and Mo.
possible that there would not have been a pressure
tapping coincident with the maximum suction, and the Referring to the discussion of the movement of the slat
apparent value of Cpmin may well be in error by a optimum with Mo in section 4.3.3, the increase of Mo
significant amount. For example, if at Mo - 0.22 the from 0.22 to 0.28 results in a much larger shift of the
true Cpmin is -15, but the maximum recorded value is optimum position towards the wing than for the increase
-14, the resulting error in peak M10oc is about 0.05. It from 0.16 to 0.22. This, as shown in Fig 20f is where the
will be seen that adjustment of some of the points in the peak values of Micai on the wing start to reach the
peak M1oa, plots by increments of this order could 'Mayer limit', and the optimum is deter-ined solely by
result in a much more ordered appearance. the maximum load on the slat, which itself 13 imposed by

a balance of the limiting value of Cpmin and the slat
Bearing this point in mind, the plots in Fig 20 do show wake/wing boundary-layer interaction.
some interesting features which reflect the overall
variation of CLrax . Firstly, it is seen that peak Mlocal It will be noted that the foregoing only considers data
increases as expected with Mo , from totally subsonic from the pressure plotting station near the wing tip. The
values at Mo = 0.16, to a mix of subsonic and results from the mid semi-span station have not been
supersonic at Mo = 0.22, to almost totally supersonic fully analysed, but due to the higher peak suctions in
values at Mo- 0.28, as seen in section 4.3.1. At the the tip region, the limiting values suggested by Mayer
highest M0 (Figs 20e&f) the maximum peak Mgocal are not reached further inboard.
approaches 1.5 which corresponds to a value of Cpmin
which comes close to satisfying Mayer's criterion as 5 SYNOPSIS
discussed in section 4.3.1. As Mo is increased it is
also obvious that the total variation of peak MW. over Fig 21 sow the overllation of itio withethe ang ofsla movmen alo icreaes.Thi is and Re for one slat deflection and position for the
the range of slat movement also increases. This Its fighter configuration, with the corresponding plot for thetransport aircraft. This summarises the relative effectsAnnex which shows that the calculated value becomes of Reynolds number and Mach number as well as the
more sensitive to CP as Mo is increased. This effect is fundamental differences between the two
probably partially responsible for the less well-ordered configurations. It must be borne in mind that any
examples of the variation of peak Miocal with slat differences in absolute values of CLmax between the
position. It is possible that it also has some influence two configurations can be attributed at least in part to
on the location of the optimum slat position, at the differences in flap size, type and deflection. The rate of
highest Mo at least, as will be discussed shortly. change of CLmax with Reynolds number is remarkably

similar for the two configurations, and the onlyIt may also be seen that the variation of peak M10oc1 for significant difference would seem to be the sensitivity to
the two slat deflections differs significantly, at
Mo -0.28 in particular. At this Mo the 350 slat
(Fig 20e) shows quite a small range of peak Mioca but The increments in CLmax associated with slat re-
fairly large on the wing, while the 450 slat has a very optimisation (ie up to 0.05), discussed in sections 4.2.2
large range of peak Mk" and the wing has a very small and 4.3.3, are seen to be significant in terms of total
range. It will be noted that in both cases the maximum •
value of peak local Mach number is generally close to
1.5, which, as has been seen, approximately satisfies 6 CONCLUSIONS
Mayer's criterion, and this appears to impose a limit on
the amount of load the slat or wing can carry. The 350 Tests have been carried out in the DRA Farnborough UK
slat, being already highly loaded, quickly reaches the 5 metre wind tunnel on a model which represents a
'Mayer -nit' as it is moved towards the wing, while the fighter configuration with a low aspect-ratio, high
less highly loaded 450 slat is able to increase its peak mounted swept wing with a supercritical section profile.
Mbcaj a large amount before the this limit is reached. In The model had two basic configurations, one with a
the latter case the wing has a peak Mlbý near 1.5 over plain, undeflected wing trailing-edge, and the other with
the whole slat adjustment range, and so is near the limit a single-slotted flap. Both configurations had a leading-
suggested by Mayer, whatever the slat position. The *edge slat with three available deflection angles, 250,350
effect is further demonstrated as M0 is reduced and 450, although only the two higher deflections were
(Fig 20d), where we see a much more 'balanced' tested with the slotted flap.
variation of peak M1om, on the slat and wing, and at
these lower freestream Mach numbers the 'Mayer limit'
is no longer being reached on either component.
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The purpose of the tests was: edge, as established from the measurement of surface
pressures. The values of peak Cpmin measured at the

(a) to examine the overall characteristics of the highest Me were close to those predicted by the
configuration and how these were influenced by empirical relationship of Mayer.
scale and compressibility effects.

(5) The positions of the slat optima show small
(b) to determine the optimum deflection angle and movements with Mach number and Reynolds number.

location of the slat, and The increase in CLmax for the 350 slat if it is re-
optimised as Mo and Re are varied is fairly large, with

(c) to investigate how these optima varied with Mach much smaller corresponding gains for the 450 slat.number and Reynolds number.

(6) Consideration of the variation of the peak local
To achieve these aims, overall forces and moments Mach number on the slat and wing leading-edges near
were measured, and surface pressures were recorded the tip shows that at freestream Mach numbers
at two spanwise locations, approaching 0.28, the optimum slat position coincides

with an apparent limiting value of peak Mca . This limitThe main conclusions obtained from the results are:
appears to be close to the value predicted by Mayer's

(1) The configuration develops a high CLm~a but the empirical relationship.

lift-curve slope is low as would be expected for the low
aspect-ratio, resulting in a very high angle of incidence Table 1
at CLrmax Model Data

(2) The slat deflection angle for optimum CLmax is
between 100 and 200 higher than the typical value for a Quantity Symbol Value
transport aircraft.

(3) The 250 and 350 slat deflections result in optimum Span 2s 2.700 m
positions which are at large values of underlap. The Area S 2.1465 m2

optimum for the 350 slat in particular is about 2% wing Aspect ratio AR 3.4
chord further forward than that for the 450 deflection. Centre-line chord C0  1.200 m
For an actual aircraft design, the slat brackets 0.390 m

necessary to achieve either this large underlap or the Tip chord CT 0.390 m
large deflection angles involved might be difficult to Mean chord E 0.795 m
incorporate in a relatively thin fighter wing. However, c 0.864 m
since the 350 slat achieves similar values of CLmx to Taper ratio
the 450 deflection even when at a non-optimum position, 0.325
it could be used at a similar value of underlap to that at Leading-edge sweep A 400
the 450 optimum with only a small penalty in CLmax - Slat chord rG5 C 18%

(4) CLmax shows a similar sensitivity to Reynolds Flap chord Cf/C 33%
number as for a typical transport aircraft. Mach number Thickness/chord ratio t/c 8%
effects were quite large, particularly for values of M0
above 0.22. This appeared to be associated with the
appearance of local supersonic flow over the leading-

Table 2
Test Conditions and Slat Positions

Os 35- O = 450

M R x 10-6 x0% z8% x5% zs%

0.11 5.87 -2 1.5 -1 -1
0.16 5.87 -3 -1 -1 0
0.16 8.81 -3 0 -1 0.75
0.22 5.87 -3 0.75 -1 1.5
0.22 8.81 -3 1.5 -2 -1
0.22 11.23 -4 -1 -2 -0.5
0.28 5.87 -4 -0.5 -2 0
0.28 8.81 -4 0 -2 0.75
0.28 11.23 -4 0.75 -2 1.5

-4 1.5 -3 -1
-5 -1 -3 -0.5

R is based on , 0.864 m -5 0 -3 0
-5 0.75 -3 0.75
-5 1.5 -3 1.5

I
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Annex

EFFECT CF W11NG SWEEP ON CRITICAL PRESSURE COEFFICIENT

A useful indicator of likely compressibility effects is the Taking y= 1.4, this gives:
local Mach number based upon the component of
velocity normal to a given sweep line. To obtain a valuefor the local Mach number, it is necessary to make the C" O- 0 6 7 39 5 283 20(M•cos4A)

assumption that the flow at the spanwise station where MP + 0.5283 cos A +
the pressure is measured locally approximates to that
on an infinite sheared wing, ie the spanwise component ...... (A-4)
of velocity is constant and equal to V sin A . With this
assumption the local Mach number normal to the sweep Thus, for low values of Mo (a maximum of 0.28 here) it
line is given by is the first term that is dominant and rapidly varying and

S1 C; is only made more negative by a relatively small

I2 + ((y-1)/2)M'o cos2 A amount by increasing sweep as indicated by the typical
--�= j� " (A-1) values for the two major terms in (A-4).

L Cp(,2)lMo)
M0 0.6739/M2 A0  0.5283 cos2A

Putting Miocal 1 we obtain

S / o0.11 55.694 10 0.5224
2 M2  0.16 26.324 20 0.4665

S+1 Y+2 -7" 0.22 13.924 30 0.3962
0.28 8.596 40 0.3100...... (A-2) 50 0.2183

Expanding this for small M0 Hence the maximum error due to ignoring the term in A

is about 6%.

-• cos 2A + 0(Mocos 4A) . (A-3)
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AN EXPERIMENTAL INVESTIGATION OF ATTACHMENT-LINE TRANSITION
ON THE SLAT OF A COMBAT AIRCRAFT MODEL
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SUMMARY I INTRODUCTION

An experimental investigation into scale effect at low The introduction into service of facilities such as the DRA
speed and high lift has been carried out in the DRA 5 m, Farnborough 5 m Low-Speed, Pressurised Wind Tunnel has
pressurised wind tunnel on a subsonic strike-fighter model allowed the effects of Reynolds number rad Mach number
equipped with slotted high-lift devices. The attachment- on aerodynamic performance to be evaluated separately. At
line boundary layer on the leading-edge slat was found to be the 5 m tunnel, particular attention has been paid to inves-
turbulent on the outboard part of the wing near maximum tigating the effects of Reynolds number on the performance
lift for a range of unit Reynolds number. An adverse of high-lift wings. The impetus for this research comes
Reynolds number effect on maximum lift was measured from the fact that, despite the ability to achieve high
which correlated quite well with the onset of attachment- Reynolds number through pressurisation, models of large
line transition. The conditions for onset of transition were transport aircraft can still only be tested to about /4 full-
not consistent with the assumption of gross contamination scale. There is therefore a need to understand the
by the fuselage boundary layer, the attachment-line mechanisms that cause both the Reynolds number effects
boundary layer remaining laminar on the inboard slat to that occur within the tunnel operating range, and those
more than double the expected free-stream Reynolds which might cause similar effects at higher values of
number. It is suggested that this result is due to spanwise Reynolds number - up to full-scale. This paper presents the
variation in attachment-line position, which results in results of an investigation into one of these mechanisms,
suppression of the disturbances emanating from the root and its effects, conducted in the 5 m wind tunnel on a swept-
region of the high-lift wing. It is concluded that attach- wing strike-fighter model, Model 495 '. The model was
ment-line transition is a potentially significant factor in equipped with a leading-edge slat and single-slotted
wind-tunnel testing of high-lift wings equipped with trailing-edge flap. and the objective of the tests was to
leading-edge slats. investigate the effects of Reynolds number on the slat

attachment-line boundary layer, and to evaluate the
SYMBOLS corresponding overall effects on the high-lift performance.
c wing chord given by csw cos
Csw streamnwise wing chord The position of transition on an aircraft wing can have a
Cl.m maximum lift coefficient significant effect on performance, the laminar-flow wing
d trip wire diameter being an extreme example. The type and location of
K acceleration parameter transition is scale dependent and consequently the correct
Q. free-stream velocity simulation of full-scale aerodynamics in a wind tunnel
q hot-film power dissipation requires that these dependencies are understood and
R unit Reynolds number accounted for. Broadly speaking there are three distinct
Sattachment-line Reynolds number types of transition that may be significant in relation to
s surface distance - Fig 1 swept wings at high lift:-
U. velocity normal to leading edge - Fig 1
u velocity normal to attachment line (1) Transition following the development of
U, attachment-line velocity gradient instabilities of the Tollmien-Schlichting type, either in an
V_ spanwise component of velocity - Fig 1 attached or separated shear layer (eg a laminar bubble).
x distance normal to leading edge
M model incidence (2) Transition following instability of the cross-flow
E additional spanwise velocity velocity profile.

€1 non-dimensional spanwise distanceu kinematic viscosity (3) Transition following the development ofk sweep angle instabilities in a swept, attachment-line boundary layer.
sweeptachetln o aylyrlnglescl
attachment-line boundary-layer length scale It is the third of these, attachment-line transition, that is

the focus of the present investigation. In low-speed, high-
Cnpyright C, Controller HMSO, London 1992 lift testing it is usually assumed that the predominant scale
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effect will be a favourable one, related to a general thinning The atlaclhnm-line boundary layer is characterised by a
of the viscous shear layers as the Reynolds number is Reynolds nuimber, R. which is a function of the spanwise
incresed. This assumption implies that the variation of velocity at the edge of the layer, V , the corresponding
transition position is small over the Reynolds number kinematic viscosity, u . and a characteristic length scale.
range of interest. This is generally borne out by two- ¥, so that R = V W/) . A convenient form for W .
dimensional calculations and experiments on high-lift representative of the boundary-layer thickness, is given by
configurations, where the characteristically sharp suction
peak close to the leading edge of each component tends to w = [tu/(du/ds),o 1'2 (1)
'anchor' transition of the Tollmien-Schlichting type close
to the start of the pressure rise. However, this is not where (du/ds)..0 is the velocity gradient normal to the
necessarily the case for three-dimensional wings, and some attachment line at the edge of the boundary layer. For an
time ago Woodward2 caried out boundary-layer calculations infinite swept wing the velocity at the edge of the attach-
for swept. high-lift wings which indicated that attachment- ment-line boundary layer is given by V = V. = Q. sin ,
line transition could supplant Tollmien-Schlichting (where Q. is the free-stream velocity and # is the sweep
instability as the primary transition mechanism as angle) and the Reynolds number, R , can be written
Reynolds number was increased. The movement of tran-
sition from close to the suction peak to the attachment line ft = VWA = (RswIJI)'/2 sine . (2)
with increase in Reynolds number was predicted to result in
a significant adverse scale effect on maximum lift due to the Here, Rsw is the free-stream Reynolds number based on a
increased boundary-layer thickness implied by the forward streamwise length. cw, and U, is the non-dimensional
movement of transition. attachment-line velocity gradient given by

These results had important implications for wind-mnnel U= (d(uU/d(s/c))..0 , (3)
testing because the transition Reynolds numbers involved
were found to he much lower than those relevant to high- where U. = Q.. cos 0 and c = c., cos 0. Equation (2) is a
speed flow, actually falling within the range covered by convenient form for R and, although derived on the
modem pressurised wind tunnels. As a consequence of these assumption of infinite swept-wing flow, it seems reason-
predictions, a detailed experimental investigation was able to use it for three-dimensional wings of moderate
carried out in the DRA 5 m tunnel using an existing model, aspect ratio, except probably in the root and tip regions.
Model 495. In summary, this investigation showed that
attachment-line transition occurred on the slat and that Transition becomes more likely as k is increased and
there was an adverse scale effect on maximum lift. Equation (2) shows that this can occur through an increase
Transition on the outer wing developed broadly as predicted in the free-stream Reynolds number or wing sweep angle or
by the existing criterion and correlated with the adverse through a reduction in the velocity gradient, U1 . The latter
scale effect. On the inner wing, however, transition was implies a reduction in the rate at which fluid is carried away
delayed to much higher Reynolds numbers, suggesting that from the attachment line and hence a thickening of the
contamination of the attachment line by the fuselage-side boundary layer there. The value of U, depends on the
boundary layer did not occur as expected from previous chordwise velocity distribution near the attachment line
high-speed experiments. The hot-film instrumentation which is largely determined by the local surface shape.
indicated sudden switching between laminar and turbulent Fig 2 shows schematically the importance of this fact in
states with change in model incidence, which was difficult distinguishing between the high-speed or cruise condition
to explain, but development of transition with increase in and the low-speed, high-lift condition. For the high-speed
Reynolds number at fixed incidence was found to be case the figure shows the attachment line near the aerofoil
monotonic, as expected, and engenders confidence that the nose where the high curvature results in U1 values of
unexpected variations with incidence were not spurious. around 100, whereas for the low-speed case the attachment

line is shown lying further aft on the lower surface where
2 Al TACHMENT-LINE TRANSITION the curvature is much lower and U1 values of around 5 (for

the main wing) to 20 (for the slat) are more typical. The
The flow in the vicinity of the attachment line on a swept significance of these values is that, according to the
wing is illustrated in Fig 1, which is taken from Ref 3. The existing criterion for infinite swept wings, they imply
component of the free-stream velocity along the attach- transition at the attachment line for some typical high-lift
ment line gives rise to the attachment-line boundary layer. models in wind tunnels such as the DRA 5 m.

On an infinite swept wing, the properties of this layer are
invariant with distance along the attachment line. How- 3 OTHER INVESTIGATIONS

ever, disturbances can propagate spanwise and, depending

Son the conditions, instability and transition can occir. The mechanism of attachment-line transition was first
Furthermore, because the boundary layers over the wing recognised as such during attempts by aircraft manufacturers

originate at the attachment-line, transition to turbulence (notably Northrop and Handley-Page) to construct laminar-

there can result in turbulent flow over the whole wing. flow swept wings in the early part of the 1960s. Much less



18-3

laminar flow than expected was found in flight and tunnel leading edge, relaminarisation was eliminated and a 15%
tests and it was discovered that disturbances generated in adverse scale effect on maximum lift was found. Gamer
the wing-body junction triggered attachment-line observed that such large effects represent undesirable risks
transition and hence ensured that whole wing was covered in scaling wind-tunnel data to flight Reynolds number.

in a turbulent boundary layer. Subsequently. more detailed
investigationss5- were made in an attempt to clarify the 4 MODEL AND INSI RUMENTATION
conditions necessary for the onset of attachment-line
transition. This work ended in the early 1970s and little Although it was anticipated that investigation of the slat
further was done until Poll 34 published the results of an attachment-line flow would present some problems because
extensive series of experiments on attachment-line of the proximity of the sharp slat heel ( Fig 2 and 3 ), it
transition and cross-flow instability in 1978. was considered that the predominance of slats on modem

aircraft made this a configuration of considerable interest.
These experiments were carried out using a swept-cylinder The choice of model was dictated by the requirement that
model which was mounted so as to eliminate the large attachment-line transition should occur within the
disturbances to the boundary layer which normally arise operating envelope of the 5m tunnel. Two-dimensional
from the root or wing-body junction. Poll was thus able to calculations coupled with simple sweep theory indicated
investigate the effects of artificially tripping the boundary that, on the basis of the existing criterion. Model 495
layer. Whilst largely confinming the earlier results of would satisfy this requirement. A full description of this
Cumplty and Head7 and Gasters, which suggested that model has been given by Moirl. It is a large, complete
attachment-line transition following gross contamination model repres entative of a subsonic strike-fighter aircraft,
could be characterised by a single value of R for all sweep built to approximately one third scale. The wing planformr
angles and tunnel si-ds, Poll was able to discover detailed is shown in Fig 3. A useful feature of the model for the
results for the variation of the critical k to produce present tests was the special slat-bracket design which, by
turbulence at a particular position on the attachment line aligning the bracket camber surface with the local flow
with varying trip size and location. This work was direction at high lift, greatly reduced the flow disturbances
extended by Paisley and Poll9 using a tapered, swept which usually arise from the separated flows found on
cylinder so that the three-dimensional effects of spanwise conventional slat brackets. For the tests reported here, the
taper were included in the experiment. This showed that the high-lift devices were deployed in a typical take-off
earlier 'infinite swept wing' results could be applied to the condition with the single-slotted flap at 20 degrees
the tapered cylinder, although there was some change in the deflection, and the 18% chord slat at 35 degrees deflection.

critical trip sizes, measured normal to the slat quarter-chord line. The slat was
positiontd close to the optimum location relative to the

More recently, an experimental investigation10 into wing for maximum lift at this angle.
attachment-line transition on a model representative of a
transport aircraft has been carned out in the DRA 5 m The wings were equipped for pressure measurement at the
tunnel. The development of attachment-line transition on three spanwise locations shown in Fig 3. The distribution
the unslatted leading edge of this model was clearly seen of the pressure taps around the slat profile is also shown in
and significant differences from previous, infinite-swept this figure. The pressures were measured using rotary
results were found, but no adverse scale effect on maximum scanning switches in conjunction with Druck pressure
lift was observed. Relaminarisation in the favourable transducers, and overall forces were measured by the under-
pressure gradient between the attachment line and the peak floor, six component mechanical balance. The primary
suction location was suggested as the probable cause of the instrumentation consisted of three hot-film gauges located
latter result. This suggestion was based on evaluation of as indicated in Fig 3. These gauges (Dantec 55R47 glue-on
the acceleration parameter, K, which, in terms of velocity probes) were positioned as close as possible to the heel of
and distance along a streamline, is given by u(du/ds)/u 2 . the slat and so indicated the state of the lower surface
Strong favourable pressure gradients combined with low boundary layer. This had the dual advantage of eliminating
velocities lead to high value of K and a tendency to any disturbance to the upper surface boundary layer and
relaninarise. According to the existing criteria4.'1'1 2 the ensuring that the gauge signals reflected the state of the
values of K found in Ref 10 indicated that relaminarisation attachment-line boundary layer, at least at high lift. The
was likely. It was conjectured that the expected adverse latter follows from the low pressure gradients between the
effects would be postponed by relaminarisation to higher, attachment line and the gauge location. The gauges were
but less than full-scale Reynolds numbers, and it was glued into shallow recesses to minimise interference
pointed out that this could make extrapolation to full scale effects, but were in any case very thin (0.05 nun). Because
uncertain in some cases. Garner13 discusses the results of only a qualitative indication of the boundary layer state was
similar tests also carried out in the 5 m tunnel, but on larger sought, the hot-film gauges were operated in a constant-
models, which showed very large adverse scale effects on current mode when observing velocity fluctuations, though
maximum lift. On a simple wing a 7% loss was observed a useful additional indication of boundary layer state was
and evidence was found that relaninarisation occurred over provided by the mean values of heat dissipation in the
the whole span at lower Reynolds nunbers but only gauges. This quantity was determined by measuring the
outboard at higher values. Using a specially designed
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hating curraeta required to maintain the gauges at die same the infinite-swept assumption by defining a small
men tmnperatuea for all meamarement conditions. additional spanwise flow component. so that

V=Q.,(I +e)sin#. Thevalueof e varied with the

Measurements wow made for the single model configuration assumed atachmzent-ine position but exhibited a minimum
described above, at a free-stream Mach number of 0.22 and for a particular location and this was taken to be the appro-
for nine values of Reynolds nunber between 5.5 and 14.5 priate value. This modification resulted in a smooth
million per mnare. At each Reynolds number the signals velocity distributions normal to the attaclunent line and
from the lot-film gauges, the pressure transducers and the allowed values of U1 to be extracted from tie measured
mechankil balance wae recorded for model incidences from pressures in a systematic way.
zero up to the stall.

6 RESULTS
5 ANALYSIS OF RESULTS

6.1 Attachment-line velocity gradient
Analysis of the measuremnints presened two main
problems, detenmination of the state of the slat attachment- Values of the attachment-line velocity gradient, U, were
line boundary layer fromn the hot-film results and estimation estimated from the measured pressure disbibutons, as

of the correspanding values of U1 , and hence R , from the described as above. This was a somewhat imprecise

pressure distributions. As noted above, both mean and procedure because of the relative sparsity of chordwise
fluctuating signals were recorded from the hot-film gauges pressure holes but data was recorded for several Reynolds

and these allowed the results to be classified with some numbers, so that average values of UI could be estimated
confiderce as laminar, transitional or turbulent with with some confidence. In the case of an infinite swept
subsidiary distinctions betw,'i laminar-transitional and wing. Ul depends only on the chordwise position of the
turbulent-transitional usually possible. The characteristics attachment line. Therefore, to remove the primary effects
of die unsteady signals varied greatly with incidence, as of spanwise variation in lift coefficient and hence attach-
illtstrated by the examples shown in Fig 4. These results ment-line location, the estimated U1 values are plotted

were obtained at a unit Reynolds nunber of 10.5 million against chordwise position in Fig 6. The range covered by

and at moderate incidences of around 20 degrees, where the the results is indicated by a shaded region - part of the

Sslat attachment line was close to the leading edge. Over the variation within this band is due to uncertainty in the

1 degree change in incidence covered by Fig 4, the estimated values and part is due to the fact that the flow
following interpretation was put on the traces; differs significantly from that on an infinite swept wing.

The total variation is, in any case, only equivalent to an

Incidence Station 1 Station 2 Station 3 uncertainty in k of around ±6% at the higher incidences
which are of most interest. Values are not plotted for the

21.5 degrees turbulent/ turbulent/ laminar region close to the maximum because of much increased
transitional transitional scatter. To the left of the maximum, the attachment line

22 degrees laminar/ laminar/ laminar lies on the geometric upper surface of the slat, while to the

transitional transitional right it lies on the lower surface. The results of a two-
22.5 degrees turbulent turbulent turbulent dimensional inviscid calculation are also shown in Fig 6,

and fall within the measured band, except for the highest

Typical variations of the mean signal with incidence are incidences where the attachment line is close to the slat
shown in Fig 5 for two unit Reynolds numbers. A histo- heel. There is some uncertainty in both results in this
grmn style of presentation is used as this better reflects the region - the calculations were made with a smooth fairing
very sudden changes with incidence which were a feature of in the cove region and the experimental results rely on a
the results. The points which correspond to the instan- rather one-sided distribution of data, with the attachment
taneous signals shown in Fig 4 are indicated. It should be line close to the last pressure hole. However, on balance, it
emphasised that although the hot-film signals changed is felt that more weight should be given to the experimental
character rapidly with variation in incidence, the changes results because of the consistent trend shown over a wide
were precisely repeatable. range of experimental conditions.

In order to evaluate the attachment-line velocity gradient, 6.2 Attachment-line Reynolds number

UI , and Reynolds mumber, R1, using equations (2) and (3),

the flow in the vicinity of the attachment line was initially The estimated UI values for each hot-film station were used
assumed to behave like that on an infinite swept wing with to determine the corresponding values of R from equation
the same sweep angle as the attachment line at the point of (2). The results ae presented in Fig 7 in the form of the
interest. This assumption gave a discontinuous variation in free-stream tuit Reynolds number needed to give an t of
velocity normal to the attachment line, from which it was 300. This is the minimum value of R , according to Poll 3 ,

difficult to estimate U, accurately. In view of the highly for which complete turbulence may be present at some

three-dimensional nature of the flow on this wing it was distance from a large disturbance on an infinite swept wing.
considered reasonable to allow for some divergence from Such a disttubance is termed gross contamination and is



usually regarded as arising from the turbulent boundary Two or three values were obtained for most Reynolds
layer at the wing-body junction. Fig 7 shows that, for numbers and these are plotted in the tigure to incicate the
incidences near the stall, the critical Reynolds numbers are repeatability of the measurements. The data has been fully
within the operating envelope of the 5 m tunnel for all corrected for lift constraint and blockage effects. At low
three spanwise stations. For incidences higher than Reynolds number conventional scale effect is apparent.
25 degrees, transition should occur first at the inboard with the maximum lift increasing with Reynolds number.
station and progress outboard with increase in Reynolds However, a maximum occurs at around 9 million and the lift
number, due to the apanwise variation in chord. At slightly subsequently falls as Reynolds number is increased further.
lower incidence however, the effects of spanwise variation This adverse scale effect is not large - the maximum lift
in attachment-line location are large enough to overpower only falls by around 1% - but it is potentially significant.
the chord variation and reverse this trend. It is clear from If measurements had only been made for a range of
Fig 7 that, on the basis of Poll's criterion for large disturb- Reynolds numbers at the left-hand part of Fig 11 (by
ances. attachment-line transition would be expected to varying tunnel speed in an atmospheric tunnel), then only
occur at high incidence in the present experiment at all the favourable trend with increasing Reynolds number
three spanwise stations and with an increasing tendency to would have been identified. Extrapolation of those results
turbulence inboard. to full scale could lead to a significantly optimistic

estimate of maximum lift. Because of the way in which
6.3 Hot film gauge results attachment-line transition developed on the slat. with rapid

switching between laminar and turbulent states, it is
The varying state of the slat lower surface boundary layer difficult to link it categorically to the adverse scale effect.
inferred from the hot-film gauge signals is summarised in However, it is possible to identify Reynolds numbers
Figs 8-10. In a few instances the distinction between fully beyond which the flow at the mid and outboard stations is
turbulent and fully laminar states and the adjacent tran- predominantly turbulent at the highest incidences. These
sitional states was not clear-cut. but the difference between Reynolds numbers are marked on Fig 11 and indicate that
laminar (light lines) and turbulent (heavy lines) states was the adverse scale effect on maximum lift is consistent with
marked. Turbulent flow occurs at low incidences because development of attachment-line transition, bearing in mind
the attachment line lies on the upper surface and there is an that the maximum sectional lift coefficient ( which might
adverse pressure gradient ahead of the gauge positions be expected to coincide with the position of onset of flow
which gives rise to T-S instability and transition of the separation ) occurs at around 78% semi-span.

chordwise flow. The incidence at which this gradient
Schanges sign is indicated in the figures. The rapid changes 7 DISCUSSION

in boundary-layer state with incidence are apparent, though
there is a clear tendency to increasing turbulence at higher In discussing the results of this investigation it is neces-
incidence. The trend with increasing Reynolds number at sary to consider whether phenomena other than atachment-
fixed incidence is more nearly monotonic, ie laminar, line transition could have affected the measurements.
transitional and finally fully turbulent, as expected. The R Therefore, values of the cross-flow Reynolds number and
contours in Figs 8-10 show that attachment-line transition acceleration parameter have been evaluated from the
did not develop in the way expected from Poll's criterion. measured pressure distributions. Comparison with
There was little sign of turbulence up to R values of 450 on published critical values for these parameters4,1.12

the inboard station and up to around 350 on the mid-span indicates that neither cross-flow instability nor relaminari-
station. Only on the outboard station does it appear that sation is likely to have had any effect on the hot-film gauge
ft = 300 was a reasonable transition criterion. However, it measurements at the high incidences which are of most
must be remembered that the flow is three-dimensional mad interest. This was as expected, because the measurements
discussing the boundary-layer states in terms of the were made in the lower surface boundary layer so that, at
corresponding R values is only strictly justified for high lift, the pressure gradients between the attachment
infinite-swept conditions - where ft is constant across the line and hot-film gauges were small. However, the possi-
span. On this wing the flow is strongly three-dimensional, bility of relaminarisation in the upper surface boundary
and thus ft varies significantly acss the span; it would be layer cannot be ruled out and this could delay the adverse
reasonable to expect this to affect the development of scale effect of attachment-line transition on maximum lift
disturbanc4s within the attachment-line boundary layer. to higher Reynolds numbers. On the basis of the measured
Nevertheless, the delay in development of transition on the transition values of R and accepted critical values of the
inboard wing to such high values of ft and the progression acceleration parameter, it is considered that relaminari-
from outboard to inboard are striking differences from the sation is unlikely to have greatly effected the present
expected behaviour which cannot be explained by such measurements. This conclusion is supported, of course, by
considerations. the fact that the adverse scale effect observed was broadly

consistent with the onset of attachment-line transition.
6.4 Variation of maximum lift with Reynolds number

It is with some confidence therefore, that attachment-line
The measured variation of maximum lift coefficient (Crui) transition has been identified as the dominant mechanism
with free-strom unit Reynolds number is shown in Fig 11.
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on the slat at high lift. In addition to the evidence for this The conclusion that attachment-line transition was
already discussed, useful corroboration was provided by the responsible for the observed adverse Reynolds number
pressure distributions, which were consistent with the effect on maximum lift has important implications for

existence of a laminar separation bubble on the outboard wind-umnel testing. The most significant of these is the
wing at low Reynolds number but not at higher values, additional uncertainty in extrapolating measuremeii to

However, transition did not develop as expected according full-scale, as mentioned previously in discussing the results
to the accepted criterion for infinite-swept wings and of Fig 11. If the U1 values of around 20 found in this

possible reasons for this must be considered. Firstly, the experiment are typical, the attachment-line flow on the
absence of transition on the inboard wing for values of i inboard region of the slat of all but the smallest transport
in excess of 450 shows that gross contamination from the aircraft is certain to be turbulent, because the resulting R
fuselage-side boundary layer did not occur. This represents values are high enough for natural transition to occur.

an important difference between the present high-lift Thus, artificially tripping transition at the attachment line
configuration and the accepted picture for cruise configur- in wind-tunnel tests might produce more representative
ations (Ref 3 for example), which suggests that such results in cases where the test Reynolds number is
contamination will always be present. A possible sufficiently high for this to be possible. However, this
explanation for this difference is that the reduced slat lift technique would only result in a fully representative flow in
near the wing root results in an attachment line position cases wicre the boundary layer did not relaminarise down-
close to the nose so that low values of R occur and disturb- stream of the attachment line, as this process is most
ances from the root are suppressed. Ref 6 shows that very unlikely to occur at full scale.
rapid decay of turbulence in a region of low R is certainly
possible. For cruise configurations the attachment line is 8 CONCLUSIONS

likely to lie close to the section nose over most of the span

so that large reductions in R over the inner wing are The attachment-line boundary layer on the slat of a high-
unlikely, lift strike-fighter model, Model M495, has been found to be

turbulent on the outboard part of the wing near maximum

Secondly, although transition on the inner wing is delayed, lift for a range of unit Reynolds number. An adverse scale
as described above, transition on the outer wing occurs effect on maximum lift has been measured which is consist-

more or less in line with the R = 300 criterion. According ent with the onset of attachment-line transition. However,

to poll3 , for low levels of free-stream turbulence or other it was found that the conditions for onset of transition were
disturbance, the attachment-line boundary layer should not consistent with the assumption of gross contamination

remain laminar up to R values in excess of 700. Free- by the fuselage boundary layer, the attachment-line
stream turbulence obviously cannot explain the present boundary layer remaining laminar on the inboard slat to
results, but surface irregularities and the slat support more than double the expected free-stream Reynolds
brackets, which intrude slightly into the slat heel, are number. This is in agreement with other results10 for a

possible sources of disturbance on the model. Poll's simpler, unslatted high-lift wing, but contrasts with results
results3' 4 provide detailed data on the permissible size of previously obtained for the flow past non-lifting and cruise
two-dimensional roughness elements for infinite-swept configurations, where it has been demonstrated that the

cylinders, and Paisley and Poll9 found that substantially fuselage side boundary layer invariably acts as a source of
smaller values were appropriate in the case of a tapered gross contamination. Suppression of disturbances in a
cylinder. The spanwise gradient of R in the present case region of low R near the root of the high-lift wing is
was found to be close to the value quoted in Ref 9 and, using suggested as the reason for this result. Transition on the

these results, it is estimated that a 0.06 mm diameter wire outer wing was found to occur at lower Reynolds numbers,
would be required to trip transition at the outboard station more or less in accordance with the accepted, R = 300
for R = 300. The model surface was smoother than this but criterion. It is concluded that attachment-line transition is

it is conceivable that disturbances of sufficient magnitude a potentially significant factor in wind-tunnel testing of
could have originated from the pressure holes, tubing high-lift wings equipped with leading-edge slats. It is
installation or slat brackets. Such disturbances also suggested that artificial fixing of transition on the

provide the only obvious explanation for the sudden, but attachment line may sometimes improve the accuracy with
highly repeatable, changes in boundary-layer state which which full-scale flows can be represented, but that the
were observed. A quantitative argument cannot be made for utility of this technique will depend on an improved
this suggestion but the estimated trip sizes deduced from understanding of the effects of relaminarisation.

Poll's results and illustrated in Fig 12, are interesting.
According to Ref 9, lower values than these would be The present investigation has been of an exploratory nature
appropriate for the present mooel, particularly at higher and there is considerable scope for further work. For
incidence. The figure shows that the trip sizes vary non- example, an improved understanding is necessary of the

monotonically with incidence and it seems possible that flow in the vicinity of the attachment line when it lies
this could result in the type of behaviour observed, if close to the sharp slat heel. Similarly, more detailed
sufficiently large sources of disturbance were present. measurements of the attachment-line region close to the

wing root might help to explain the observed absence of
gross contamination. It is also important to understand the



effects of free-stream Mach number and of slat position and 13 Garner, P.L.; Meredith, P.T.; Stoner, R.C.. "Areas fo,

deflection angle, all of which strongly influence the future CFD development as illustrated by transport

performance of a slatted wing. The first of these might be aircraft applications". AIAA Paper 91-1527 (1991)

particularly interesting because supersonic flows and

shock-wave boundary-layer interactions can occur on slats

and so it is conceivable that attachment-line transition
could alter the nature of this interaction from a laminar to a

turbulent type, perhaps resulting in a favourable Reynolds

number effect, in contrast to the adverse effect found at the
lower Mach number of the present tests.
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VISCOUS PHENOMENA AFFECTING HIGH-LIFT SYSTEMS AND SUGGESTIONS FOR
FUTURE CFD DEVELOPMENT

by

P.T. Meredith, Senior Specialist Engineer
Boeing Commercial Airplane Group

PO. Box 3707, Mail Stop OF-AR
Seattle, WA 98124-2207

United States
SUMMARY
This paper describes a number of viscous phenomena 3) A 1% increase in take-off I.D is eqwvalelA to a 2800
which affect the aerodynamic performance of high- lb increase in payload or a 150 nm increase in range.
lift systems typical of commercial jet uansports. The nature
of these phenomena suggest a course of action regarding the While necessary, high-lift systems increase airplane weight,
continuing development of computational fluid dynamics cost, andcomplexity significantly. Therefore, thegoalof the
(CFD): in addition to the ongoing work of grid generation high-lift system designer is to design a high-lift system
and algorithm development, increased attention to funda- which minimizes these penalties while providing the re-
mental fluid mechanics is called for. quired airplane take-off and landing performance.

LIST OF SYMBOLS VISCOUS PHENOMENA AFFECTING HIGH-LIFI
CL lift coefficient SYSTEM PERFORMANCE
CLA= maximum lift coefficient Fig. I shows some of the viscous flow features aflc-ting a
Cp pressure coe.Ticient typical multi-element lifting system:
dU/dx local velocity gradient
K --(v/U2 XdU/dx), relaminarization attachment line transition from laminar to turbulent

parameter relaminarization of turbulent boundary layers
Rbar =(U.sin(A)/v)'4(vI(dUldx)), attachment transition of boundary layers from laminar to turbulent

line Reynolds number shock/boundary layer interactions
Rc Reynolds number referenced to chord viscous wake interactions
U velocity at outer edge of boundary layer confluent wakes and boundary layers
U.o frestream velocity separated flows
X/c non-dimensional chord location
a angle of attack All of these features play an important role in high-lift
8" boundary layer displacement thickness aerodynamics and all are affected by Reynolds number. Of
11 semi-span location the above flow features, transition and development of
A sweep angle or attachment line sweep surface boundary layers have received the most attention,

angle though much work remains to be done in these fields. This
Ac/4 quarter chord sweep angle is appropriate given that the maximum lift of a single
v kinematic viscosity element of a multi-element high-lift system, as well as the

maximum lift of the system, are strongly dependant on
RfMODU{MOQ boundary layer state and development, as discussed by
High-lift systems arm used on commxra jet transports to Smith [1]. However, understanding and modeling of surface
provide adequate low speed performance in terms of take- boundary layers, while necessary, is not sufficient to enable
off and landing field lengths, approach speed, and commu- the calculation of maximwun lift, the optimization of pressure
nity noise. The importance of the high-lift system is illus- distributions, and the optimization of geometric positioning
trated by the following trade factors derived for a generic of high-lift systems in general.
large twin engine transport.

While it is commonly thought that increasing Reynolds
1) A 0.10 increase in lift coefficient at constant angle of numberyields increasing liftatleastthreeof thephenomena
attack is equivalent to reducing the approach attitude by listed above can result in decreasing lift with increasing
about one degree. For a given aft body-to-ground clearance Reynolds number, sometimes termed an adverse Reynolds
angle, the landing gear may be shortened resulting in a number effect, as discussed by Garner, cta [2]. The three
weight savings of 1400 lb. phenomena addressed in the remainder of this paper are:

2) A 1.5% increase in maximum lift coefficient is equiva- viscous wake interactions
lent to a 6600 lb increase in payload at a fixed approach relaminarization
speed. attachment line transition
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Fig. 1 Viscousflow features affecting high-lift systems

Viscous Wake Interactions illustrated in Fig. 2 which shows a lift curve for a landing
To illustrate the interaction of a viscous wake with a lifting configuration having double slotted trailing edge flaps and
surface, the interaction between a wing wakr and trailing the corresponding flap pressure distributions at two angles
edge flap will be considered. There are two major interac- of atack. The flap loading is greatly reduced at high angle
tions between a wing wake and a flap. First the wing wake of attack relative to the loading at low angle of attack.
may become confluent with the flap boundary layer. Sec- Contrary to conventional wisdom, the pressure distributions
ond, and the subject of the remainder of this section, the and surface flow visualization (not shown) demonstrate that
proximiy of the wing wake to the flap upper surface results the decrease in flap loading is not associated with flap
in a darping, or supression, of the flap upper surface separation. In fact, the reduction in flap loading results from
pressure distribution, (-ien when the viscous layers are not the growth of the wing wake displacement thickness with
confluent. increasing angle of attack.

The wing wake above the flap has a displacement effect on Another way to change the thickness of the wing wake is to
the flow field which tends to suppress the flap pressure change the Reynolds number. Assume a flap is designed and
distribution. Generally, the biggerthe wing wake, the more optimized at low Reynolds number. The flap d-sign and
suppressed the flap pressure distribution becomes. This is orientation will reflect the presence of the wing wjke exist-

ing al low Reynolds number. As Reynolds number is
increased, the wing wake thins and the flap load increases.

High ca This may cause or increase separation on the flap, decreasing

SlatiWinglMain/lA lift in the process. The adverse effect is more likely to
Mach - 0.20 happen for flaps designed to maximize lift at a fixed angle of
Rn .9 million attack rather than for flaps designed to maximize CLmax of

the system.

This phenomenon isillustrated by Figs. 3 and4. Fig. 3 shc ws
lift curves at two Reynolds numbers for a 2D four-element

cL /(slat, wing, vane/main flap) configuration obtained during a

Lo al wind tunnel test at the NASA Langley Low Turbulence
Low a of atnlek Pressure Tunnel (LTPT). The higher Reynolds number

Highangleof results in a large loss of lift at low to moderate angles of
attack. Also shown are calculated lift levels using a 2D
analysis code by Kusunose, etag j3] which employs a full

Cp potential solver coupled with a viscous model patterned after
that used in the Euler code of Drela (4]. While the i-ft levels
are high relative to the wind tunne data, the trend with
Reynolds number is correctly predicted. The mechanism

Main flap Al flap involved is illustrated in Fig. 4 which shows the calculated
wing wake displacement thickness and flap pressure distr-
butions at the two Reynolds numbers at moderate angle of

a - deg. attack. At the lower Reynolds number, the wing wake

Fig. 2 Wing wake/flap interactio- becomes very thick over the main flap. As Reynolds numberis increased, the wing wake thins and the main flap loading



I

increases until the boundary layer separates, resulting in the thepreviously mentioned multi-element full potential solver
high Reynolds number case in Fig. 4, where the wing wake coupled to an integral boundary layer and wake model. The
is thin, the main flap is largely separated, and lift is greatly wake model contains several empirically determined pa-
reduced. At high angles of attack, the thick wing wake rameters, one of which, termed Fw, influences the response

surpresses the flap loading which alleviates flap separation of the wake to adverse pressure gradients. As Fw is in-
at the higher Reynolds number such that no adverse Reynolds creased from 0.20 to0.45, the wing wake grows more rapidly
number effect is evident at CLmax. in the presence of the adverse pressure gradient imposed by

the flap. The thicker wake in turn suppresses the loading on
flap. Available wind tunnel data suggest the' Iwo v-hle

Code Results of Fw but the integral wake model may be too simple to be

Rn=2.8 million -, generally valid.
Rn=12 million In the course of the above work, the literature was reviewed

// to identify experimental results which would aid in improv-
NASAILangley ing the viscous modeling. It was found that the available

/C LTPT Test Results wind tunnel data are limited and tests in which the viscousCL // • Rn=2.8 million
/, Rn:2 million wakes were measured, in terms of total piessure and velocity

Rn=/ mitprofiles, and turbulence quantities, more limited still. The

CFD developer is thus forced to adjust the viscous modeling
/ to match surface pressure data rather than the viscous fea-

tures the code is attempting to capture. To remedy this
4-Element Airfoil situation, much experimental work must be done to obtain
Slat/WingNmne~ialn the type of data necessary for continued development of

CFD for high-iift applications.

Relaminarization

a - dag. As discussed by Smith [1], it is very beneficial, in terms of
developing maximum lift, for an airfoil or element of a high-

Fig. 3 Adverse Reynolds number of effect on lift lift system to have a laminar boundary layer up to the point

of pressure recovery, the idea being to begin the recovery
A final example of the wing wake/flap interaction is pro- with as thin a turbulent boundary layer as possible. There-
vided in Fig. 5 which shows the influence of the wake fore, all phenomena which affect the state of the upper
modeling on the flap pressure distributions as calculated by surface boundary layer can be expected to play a role in the

Calculated Results
I
IVane/Main Geometry Wing Wake Rn=2.8 million

Displacement /
Thickness

Rn=12 million

Vane & Main Flap Pressures

Cp Rn=2.8 million

// Rn=12 million

X/C
Fig. 4 Wing wakefflap interaction at low and high Reynolds number
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maximum lift developed The influence of boundary layer atlachm•t line boundary layer. However, under the right
state on Cum is shown schematically in Fig. 6. Referring conditions, the turbulent boundary layer downst.ram of the
to Fig. 6, CLam rises with increasing Reynolds number attachment line may become laminar, a process termed
until the initial upper surface boundary layer begins relaminarization. In subsonic flow, relaminarization may
transitioning from laminar to turbulent causing a loss in occur under the influence of favorable pressure gradients at
CLmax with further increases in Reynolds number. After sufficiently low freestream Reynolds numbers.
t transition pwcess is completed, CLmax once again rises
with increasing Reynolds number. Two phenomena which
can cause such behavioram relaminariation and attachment
line transition. While the primary subject of this section is StalWingFl (Wing shown)
reaminari , attachment line transition, the subject of
the next section, will be tauched on in the following discus- Landing Flap, a = 22*
Sion.

LANIN.. MIXED FULLY
FLOW nMBULENT

'~AvadoWei
CL 4 C LMC

PUGIF

I I still Fig. 7 Typical poteetial flow surface streamlines

1 2 10 201044
Fig. 8 shows the trend of CLmax with Reynolds number for

Reynold's Number a simple, swept wing tested jointly by Boeing and Japan
Fig. 6 Typical effect of boi y Layer state on CLNx Aircraft Development Corporation (JADC in the RAE

Farnbomugh 5m pressure umnel. It is seen that CLmax
increases with increasing Reynolds number, reaches a maxi-

Fig. 7 shows the potential flow surface streamlines for a mum, and then declines, dropping 7% from the peak value
sweptwing. The attachment line, a line of spanwise flowon at the highest Reynolds number achievable. Decreasing
the lower surface well behind the wing leading edge, is CLmax with increasing Reynolds number has been ob-
clearly shown. For a 3D swept wing, the upper surface served before, as discussed by Woodward, cW (51 but the
boundary layer state is usually determined by the state of the magnitude of the observed loss was sprising.



calculated spanwise distribution of K as a function of
Reynoldsmunuber. Itis seen utatrelamninarization~as defined

MachnO.20by K>3E-06. is likely at Reynolds numbers less thani about
U~caO207% 12 million. Also, due to the spanwise distribution of pres-

sure gradients, relaminarization should first cease inboard
with inclreasing Reynolds number, a result in agreement with

CL~nx th experimental dama

12 K¶d

\Full model I-Hall model-ý 10. A

Reynolds No. KilO46

Fig. 8 Variationof 'Lm=ia with Reynoldr nwmber
for a single swept wing

2 11 aftion

An investigation of the phenomenon proved interesting. 01
iSurace oil flow visualization showed alaminarsepamrao 0 0.2 0.4 110.6 0.8 1.'0

bubble on the uppe suirface over the entire span at low
Reynolds number. The laminar bubble began to disppear Fig. 9 Spamvise variation of the reiaminarization
on the inboard section of the wing as Reynolds mnuber was parameter Kfor a simple swept wing
in~crased. At the highest Reynolds number, the laminar
bubble was evident on only the outboard third of the wing. Additional data confirming relanunanizaton were acquired

during a subsequent test and are briefly discussed in the next
One mechanism considered was the transition of the attach- section.
mentlinefrom lamirlartoturbulent with increasing Reynolds
numbeir. Thfis mechanism was ruled out for three reasons. Much work remains to be done to undersand and be able to
Firt the observation of lamiarm bubbles outboard but not model relaminarrization. For instance, the relaminarization
inboard would imply a turbulent attachment line inboard and parameter K does not reflect boundary layer characteristics
a laminair attachment line outboard, an unlikely situation. nor the chordwise extent of the favorable pressure gradient.
Second, a wire trip was placed on the inboard loweir suface, Also, cross flow instabilities, a function of wing sweep, can
normal to the aftachmient line, to cause attachmnent line be expected to influence the propensity for relanoaiarization.
transition but no diffeirences in flow characteristics were Finally, the rapidity with which the boundary layer
Observed. Fuially~calculaftonof thezutachmentlineReynolds retlransitions to turbulent flow certainly has an impact on
number Rbar, after Poll [6], gave Rbar>240 at the lowest maximum lift
Reynolds number suggesting that the attachment line was
turbulent for all Reynolds numbers tested. Attachment I -ne Tran'ition

As Previously mentioned. the state of the attachment line
T'he most likely mechanism is now thought to be usually determines the boundary layer state on the upper
relamminrization. At low Reynolds number, the turbulent surface. The attachment line on many high-lift devices is
boundary layer flowing away from the attachment line far behind the leading edge in a region of low curvature and
becomeslaminardue to the action of theextrmely favorable subsequently smaill velocity gradients which favors devel-
prC~sr gradient aru~nd the leading edge. As Reynolds opRiet Of a tubulent attachment line. In the absence of
number increases, the spanwise extentof the relamninarizationi sufficiently large pressure gradients and at high enough
decreases. The change from a mostly laminar initial upper freestream Reynolds numbers, relaminarization as discussed
su~rface boundary layer to a mostly turbulent one amcounts above is unlikely to occur. Therefore, in the absence of
for the obseirved loss in C 1aw. relaminarization, a turbulent attachment line results in a

lber hae ben svera paameers ropsed s ukan turbulent boundary layer over the entire upper surface.

of when relaminarization is likely. One parameter, K, after After the experiment discussed above, a new leading edge
Launder mnd Jone M7. correlaites reasoniably well with the shape was designed for the model as shown in Fig. 10. The
experiment uinder discssion. A value of K>3E-06 is some- primary desire was to avoid relannminration, or at least
twamspropsedasarclamilarizadon criseria. Fig.99shwsthe confine it o lower Reynolds numbers so that the trend of
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Cl.. with Reynolds nwnber could be established with a Fig. 12 shows the calculated spanwise distribution of the
fully turbulent upper surface boundary layer. To this end, relaminarization parameter K for both H120 and H120.5 at low
the curvature around the leading edge wrs reduced in order and high Reynolds numbers. 1120.5 has greatly reduced
to lessen the favorable pressure gradients promoting values of Krelative to H20 with Kgenerally less than 3E-06,
relamninarization. However, the resulting shape had in- indicating that reiaminarization is much less likely for 1120.5
creased curvature in the vicinity of the attachment line, than for H120.
increasing the likelihood of a laminar attachment line.

Nee Moc -e~- 0.20

I I~A12-

4 *1111million
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Fig. 10 Leading edge shape mod 'lication to reduce Fig 12 e Efeofleading de hpemdization pr e
velocity gradients o h eaiairto aaee

The model was again tested by Boeing/JADC at the RAE 5m Fig. 13 shows the attachment line Reynolds number Rbar for
pressure tunnel. Same results are given in Fig. 11I which both H20 and 1120.5, calculated at about 20% span, as a
shows C~jn as afunction of Reynolds number for both the function of freestream Reynolds number. 1120.5 exhibits a
initial design (1120) and the new design (1H20.5). H20.5 175 unit reduction in PRbar relative to 1120 at all freestrearn
exhibited characteristics similar to 1120 in that Cl.. first Reynolds numbers. Using an Rbar of 240 as an indicator of
increases with Reynolds number, reaches a maximum, and a turbulent attachment line, it is seen that 1120 should have
then decreases. However, relative to H2C characteristics, a turbulent attachment line over the range of Reynolds
the Reynolds number for peak C~a for 1120.5 was much numbers being considered while 1420.5 shoulý ýave a lam:;-
lower and the decrease in peak C~a was much greater, nar attachment line at low Reynolds number and a turbulent
15% as opposed to 7%, although the drop in CLmnax for H20 attachment line at high Reynolds number. These calcula-
was limited by the maximum Reynolds number attainable. tions are in reasonably good agreement wiih the experimen-
Also, 1120.5 showed a resumption of increasing CLjna with tal data
Reynolds number at the higher Reynolds numbers tested. _ _ _ _ _ _ _ _ _ _ _ _ _

While the adverse Reynolds number effect on 1120 is due to
cessation of relamiarwization, for 1120.5 it is believed to be Inoard Section. 6~ .20

due to attachment line transition.
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A final bit of evidence was provided by arrays of surface a high-lift system of fixed size as the system becomes
mounted hot film sensors installed at three spanwise stations more point designed.
around the leading edges of both H20 and H20.5. The hot
film data. detailed discussion of which is beyond the scope 4) Current CFD tools do not model the physics with
of this paper, support the above conclusions. The hot film enough accuracy and/or in enough detail to reliably
signals for H20.5 showed a laminar attachment line at low predict Reynolds number effects on CL and CLmax of
Reynolds number and a turbulent attachment line, with no highly loaded high-lift systems.
relaminarization of the upper surace boundary layer.athigh
Reynolds number. The hot film signals for H20 confirmed 5) The existing experimental database, in terms of the
that the attachment line was turbulent over the range of number of revelant experiments and the type of data
Reynolds numbers tested and that the adverse Reynolds obtained isinadequateforthepurposeof improvingthe
number effect was due to cessation of relaminarization. ability of high-lift CFD tools to predict Reynolds num-
Also, the data showed that CLmax is affected not only by the ber effects.
presenceor absence of relaminarizadon but by thechordwise
extent of the relaminarized flow which, like most viscous To advance the state of the art in high-lift aerodynamics,
phenomena, is strongly a function of Reynolds number. the following recommendations are made:

In summary, relaminarization and attachment line transition I) Continued development of CFD tools is called for as the
have a very large effect on high-lift system performance and likelihood of developing wind tunnels for jet transport
greatly reduce the confidence with which wind tunnel data configuration development testing at flight Reynolds
are scaled to flight Reynolds numbers. While unlikely to numbers is remote.
replace the wind tunnel, the development of CFD tools
which model these phenomena will enable the design of 2) The further development of CFD requires that the
more efficient high-lift systems and mitigate the risk of greatest weaknesses of current CFD tools recieve the
being surprised during flight test. greatest attention. This means that increased work in

fundamental fluid mechanics, rather than in grid gen-
CONCLUSIONS and RECOMMENDATIONS eration or algorithm development, is warranted. Such
The performance of high-lift systems depends greatly on a research should be directed towards the understanding
variety of viscous flow phenomena which are strongly a and modeling of:
function of Reynolds number. Three of the many phenom-
ena have been addressed in this paper: turbulence

boundary layer and wake development
viscous wake interactions viscous wake interactions
relairnizazioZ transition
attachment line transition relaminarization

separated flows
"/be.e phenomena are of more than academic interest as each contluent flows
can lead to adverse Reynolds number effects where lift at
constant angle of attack (CL) and/or maximum lift (CLmax) 3) To accomplish the above recommendations, additional
decrase with increasing Reynolds number. experimental data must be obtained. The type of data

needed will require experimental researcher- to focus
Based on the material presented in this paper, and the less on testing airplane configurations and components
research on which it is based, the following conclusions are and more on experiments designed to answer specific
drawn: questions in fluid mechanics.

1) Adverse Reynolds number effects on CL and CLnax High-lift aerodynamics remains one of the most interesting.
are not uncommon, challenging, and rewarding of engineering disciplines. It is

hoped that researchrs will embrace the recommendations in
2) Adverse Reynolds number effects on CL and CLmax this paper;, advances in the understanding and modeling of

can be large. the viscous phenomena discussed will benefit not only CFD
for high-lift aerodynamics but CFD and fluid mechanics in

3) Designing and testing at less than flight Reynolds general.
number is not in general conservative and may result in
expensive airplane modifications during flight testing ACKNOW-LEDGEMENTS
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A STUDY OF THE USE OF HALF-MODELS IN HIGH-LIFT WIND-TUNNEL TESTING
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SUMMARY The results suggested that there were indeed in some
circumstances clear discrepancies between the two.

An experimental investigation into the use of half-model The more comprehensive programme reported here was
testing techniques specifically aimed at high-lift testing therefore instituted in an attempt to clarify the issue.
has been carried out in the 5 Metre Pressurised Wind
Tunnel at the DRA, Farnborough. The aim of the 2 APPROACHES TO HALF-MODEL
programme was to provide an assessment of the extent TESTING
to which the measured characteristics of a high-lift
model might be compromised by, in particular, the Many different arrangements of half-model support
existence of a boundary layer on the reflection plane schemes have been adopted in different wind tunnels,
and how any penalties might be minimised. all offering particular advantages and disadvantages.

However, in those cases where a particular effort has
The results suggest that, provided care is taken with been made to minimise the influence of the boundary
experimental technique, good agreement is possible on layer growth on the reflection plane, they appear to
stall incidence as well as the absolute values of lift, drag divide into two approaches:
and pitching moment. (a) to reduce the boundary-layer thickness on the
1 INTROD)UCTION reflection plane,

The use of half-models in wind-tunnel testing can offer (b) to reduce the influence of the latter on the
several advantages. Among these are the engineering aerodynamics of the model.
advantages of design simplification, speed of manu-
facture and reduction of model cost together with the A very convenient and economical method of achieving
operational advantages in test of the removal of support (a) is to mount the model above a short reflection plane
interference and the increase of model Reynolds so that the distance over which a boundary layer can
number. However, these benefits are only offered at the grow is restricted. However, at the 5 m wind tunnel, it
expense of possible interaction between the flow over was felt that an essential consideration should be the
the model and the boundary layer over the reflection need to maintain as far as possible the same uniformity
plane. Because of this, many wind tunnel engineers of the flow and known calibration over the half-model as
take the view that, while useful results may be achieved that over a complete model. Only when this was the
for lift and pitching moment, this is not necessarily true case could there be reasonable hope that the behaviour
in the case of drag. An alternative view, also widely up to the stall would then ba common between the two.
held, is that the half-mode! technique offers a means of This view led to a rejection of a short supported
establishing incremental changes to forces and reflection plane or of an endplate where the outer wing
moments resulting from modifications to model build but would be able to 'see' the edges of the reflection plane.
cannot provide the absolute values of these forces. On the other hand, if a larger reflection plane were to be

used, the design should be such that the stream
Despite these reservations, the undoubted velocities on each side of the plane should be broadly
convenience of half-models provides a strong incentive similar; if this were not the case, the oncoming stream
to their use - for example in attempting to define would respond as if to an additional contraction which
optimum slat and flap settings in the development of would require a significant streamwise distance before
high lift devices. However, in this particular application the flow were uniform again. To ensure that this was the
where the interest centres on maximum lift and the case, thb, plane would have to be be mounted reason-
nature of the stall, or on drag at high lift, it seems much ably far from the test section floor and the model size
more probable that a strong interaction between the would inevitably be reduced.
model and the wall boundary-layer flow would be evident
in the test results on the half-model. Initially, the techniqae favoured followed the approach

(b) above in attempting to' reduce the interaction of the
At the 5 m wind tunnel at DRA, Farnborough, this type of floor boundary layer with the aerodynamics of the
test is carried out fairly frequently; it was important model. Thus, the model was supported with minimum
therefore to explore more carefully what limitations there clearance directly above an earthed plinth, or peniche,
might oe on using these test techniques and to what having the same outline as the fuselage. However,
extent the speculations discussed above were results from the early stages of the test programme
accurate, in particular as far as the assessment of high- suggested that, whether or not a plinth had been
lift characteristics was concerned, installed, it would be desirable to reduce the effective

boundary-layer thickness.
A preliminary exploratory test programme comparing the

results from a half-model test and the corresponding Being a pressurised wind tunnel, space around the test
results from a complete model was carried out by BA.. section at the 5 m tunnel is at a premium and it would be

very inconvenient to install large-diameter suction
pipework. However, high-pressure pipework presents

Copyright 0, Controller HMSO, London 1992 less of a problem and it has been possible to introduce a
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boundary-layer re-energisation system using a nozzle made as small as was conveniently possible in
extending across the great proportion of the width of the order to reduce airflow between inside and
test section at a point around a metre upstream of the outside the test section,
nose of the model in use.

(b) as close as possible to an earthed plinth, or
A calibration of blowing pressure and nozzle %. idth was peniche, of 75 mm thickness and having the
carried out against tunnel pressure and Mach number same outline as that of the fuselage centre-
using boundary-layer rakes attached to the test section section. The plinth was attached to the turntable
floor at three positions across the width and slightly which carried the balance and model and
upstream of the model nose. The choice of what was consequently rotated with the latter as incidence
considered to be an acceptable total head distribution was changed (see Fig 2),
was of course largely arbitrary. However, plainly one of
the main questions to be answered was whether, and (c) as close as possible to a deeper plinth of 100 mm
under what circumstances, there might be any thickness in order to assess the influence of
sensitivity of the model behaviour to the boundary-layer plinth height.
characteristics at the reflection plane. Given the typical size of model used in the 5 m tunnel

The boundary layer profile shown in Fig 1 is typical of and the overhang of the extremes of a corresponding
what was taken to be the most suitable at one particular fuselage and making due allowance for movement of the
tunnel operating condition. Evidently, the total live balance platform before equilibrium was achieved, a
boundary layer thickness changes throughout the convenient clearance between the live part of the model
tunnel working envelope but, gi,3n. that an appropriate and the tunnel floor in the absence of a plinth was
criterion for blowing pressure is applied, the character of around 5 mm. The semi-span of the half-model used in
the re-energised layer does not change substantially. this instance, obviously rather smaller than would
In fact comparative tests at much higher energisation normally be the case in a tunnel of this size, was
levels show no detectable changes in stall incidence 1.750 m.
and only small changes in forces at very much higher
levels of blowing. The hall-model is shown mounted in the test section in

Fig 3a and since, at a later stage in the programme, it
3 DESCRIPTION OF MODELS became clear that an effectively reduced floor

clearance was necessary, details of the improved
In making assessments of the comparative effects of sealing are indicated in Fig 3b.
different test techniques on high-lift stall
characteristics, it has to be recognised that great care It must be recognised that, because of its fairly small
must be taken to avoid even minor changes in model size relative to the tunnel, the use of this half-model
build. These inevitably create a risk of introducing adjacent to an unrepresentatively thick boundary layer
significant flow changes in the neighbourhood of stall may well have exaggerated differences with the
which in turn serve to confuse the comparisons; complete model or at the very least made such
differences between models, support systems and differences easier to identify.S~possibly even tunnels offer still greater risk. When used with a plinth, the latter was earthed and
In order to minimise this complication, an existing 1:13 attached firmly to the turntable. Again, apart from the
scale model of the A300B Airbus aircraft which had height needed to accommodate the plinth, an additional
already been extensively tested at the 5 m tunnel was clearance similar to that when used in the absence of a
used. This model has been used as a general plinth had to be introduced between it and the live
workhorse for technique development since 1978 and in fuselage.
particular has provided the basis for a lengthy
programme of research into support interference. It Since the maximum thickness of the floor boundary
happened also that BAe Hatfield had been interested in layer at the lower end of the tunnel operational envelope
using this same model in a calibration exercise in their was about 100 mm reducing to around 70 mm at the high
own tunnels and had manufactured a suitable half end, the plinth height that was thought to be the most
fuselage so that it could be tested in half-model form in a appropriate was 75 mm. This height therefore was used
smaller tunnel. They agreed to its use by DRA for its most extensively in the comparative programme.
own research programme. Nevertheless, it was always evident that, at incidence,

the floor boundary layer would be swept up over the
Measurements for a very wide array of different fuselage regardless of plinth height. Consequently, in
configurations of the complete model were already an effort to assess the influence of plinth height, some
available, in most cases using a conventional three- tests were carried out using a second plinth, 100 mm in
strut support system from an undertloor balance height.
although, as part of the support interference
programme, it had also been testod using a sting 4 DISCUSSION OF RESULTS
support with an internal strain-gauge balance. Apart
from check tests therefore, there was no need to carry The manner in which different configurations react to
out any further testing on the complete model. changes in half-model test procedure is complicated

and may well explain why, following success in a
In half-model build, the model was mounted from the particular instance, some laboratories adopt a pro-
same underfloor balance in three positions: cedure which has proved unsuccessful for others.

Furthermore, when in particular the interest centres on
(a) as close as possible to the earthed test section stall development, especially where some effort hes

floor. The model support therefore passed been spent on optimisation of the high-lift character-
through a hole in the latter. No attempt was made istics of the wing and consequently all parts of the wing
"to provide a labyrinth seal but clearance was are working hard, it can be more than usually difficult to



20-3

reproduce the forces and moments identically following At both Reynolds numbers, the 100 mm plinth retained
a model rebuild; even in consecutive test runs, an inboard stall.
movements of sealing materials or tape edges can
manifest themselves through significant changes to the The impact of BLRE is shown at the lower Reynolds
stall development but still be quite difficult to locate number of 5 x 106 on lift in Fig 8 and on the corre-
physically. Nevertheless, in the present test sponding pitching moment in Fig 9. In this case, the
programme, it was felt that that the controlling stall on both the 75 mm plinth and the simple half-model
mechanisms could be identified fairly clearly despite was delayed but now the stall on the latter was higher
occasional lapses when the lack of reproducibility was than both the 75 mm plinth and the complete model.
evident.

Consider first the stall behaviour of the three half-model
In the course of these present tests, a large number of configurations. The introduction of a plinth, earthed or
different configurations for both landing and take-off not, produced a fuselage which was effectively wider
have been examined at various Reynolds numbers with and which therefore increased the effective incidence of
and without the presence of a plinth, and with and the inboard wing. Provided therefore that the outboard
without the use of boundary-layer re-energisation wing did not stall first, the highest plinth case should
(BLRE). However, for the purposes of this paper, the have stalled inboard first of the three. This, therefore,
data has been limited to that necessary to illustrate the accounts for the fact that, at both Reynolds numbers
various phenomena that have been identified as and regardless of BILRE, the 100 mm plinth case stalled
affecting the results. Fortunately, it has been possible inboard and early.
to choose a single configuration to demonstrate all of
the major effects: the A300B4 in take-off configuration Without BLRE, the simple half-model may suffer from an
(16*:8*/30). early inboard stall triggered by the thick reflection-plane

boundary layer. With BLRE, it has already been pointed
Fig 4a&b compare the lift curves for the complete model, out that stall on the half-model was delayed by around a
the half-model without plinth, with 75 mm plinth and with half degree. Now corrections to incidence are usually
100 mm plinth; there was no application of BLRE in this calculated at the 5 m tunnel as a suitably weighted mean
instance. If, for the moment, we choose to regard the of an upwash which varies across the span. In the case
results for the complete model as being correct, various of the hall-model, which was in fact quite small for this
distinct features are apparent: tunnel, the wall-induced upwash varied by no more than

0.050 across the span and can therefore be regarded as
(a) the simple half-model had a lift-curve which was effectively constant. However, the complete model had

too low and stalled early by a little less than 20, incidence corrections both for larger wall corrections
which varied significantly along the span and as a result

(b) the half-model mounted on a 75 mm plinth had a of the presence of strut guards.
lift-curve slope which was only marginally too
high and began to stall very slightly early, The wall-induced upwash corrections have been applied

to the data as a weighted mean incidence correction
(c) the half-model mounted on a 100 mm plinth had a which in the case of the complete A300 model

lift-curve slope still higher and stalled at around corresponded to the upwash angle calculated at about
the same incidence as the simple half-model. 0.4 span; the contribution of wall-induced upwash

relative to the corrected incidence is zero therefore at
This behaviour seems at first sight to be erratic whilst 40% span. On the other hand, the procedure used at
also providing us with a strong predisposition to use - in the 5 m wind tunnel for applying strut and guard
this tunnel at least - a 75 mm plinth. In fact, the various corrections is such that these are applied together
interacting mechanisms are quite clear and will be using semi-empirical techniques; it happens to be
discussed in the following sections. convenient to apply the corrections to lift, drag and

pitching moment rather than to incidence. While the
4.1 Stall procedure works well at incidences below stall, it does

not result in a significant correction to stall incidence.
If guidance is sought from the pitching moment The distribution of upwash due to the strut guards has
behaviour, shown in Fig 5, for the same configurations been extracted from this data and is plotted together
discussed above, it is immediately clear that all the half- with the wall-induced corrections in Fig 10. It is evident
models stalled dramatically nose-down whereas the that the outboard 20% of the wing on the complete
complete model stalled less severely and nose-up. The model wa, mt an incidence some 0.5* higher than the
implication is that there was a very abrupt loss of lift corrected incidence used in the plots. Plausibly
inboard on the half-model whereas on the complete therefore, given that both complete and half-models
model, either the outboard wing or possibly the inboard were disposed to stall outboard, the complete model
flap stalled first. In fact, examination of the rolling would be expected to stall some 0.50 lower than the half-
moment data made it clear that it was an outboard stall model.
in this instance.

The same simple argument ought also to apply to the
However similar the full-model and half-model lift curves 75 mm plinth case. Unfortunately, while it does do so at
might appear in the case of the 75 mm plinth, the stall the higher Reynolds number, shown in Fig 6, it plainly
development was plainly totally unrepresentative, does not do so with BLRE in Figs 8 and 9. In fact, the

At a slightly higher Reynolds number, when the slight improvement of stall incidence following the

reflection plane boundary layer was somewhat thinner, a introduction of BLRE to the plinth-mounted model
magnifiedvionwplfne ifouneary stallae was somewha thanne, a results from a movement of separation from inboard tomagnified view of lift near stall shows (Fig 6) that now the neighbourhood of the pylon rather than to the

the simple half-model stalled at close to the same tboard wingh Whe pt rater that the
incidence as the 75 mm plinth case. Interestingly, the ouitbrod win. While it is quite possible that thechange in pitching moment through stall on both, Fig 7, distribution and upwash field that the mid-wing near the

had now altered completely from nose-down to nose-up.
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pylon was triggered into an early separation that did not agreement. Evidently, although 'spihage' of lift carried
occur at the higher Reynolds number, it may seem more at the ends of the fuselage through inefficient sealing
reasonable to recall the difficulties mentioned at the did not lead to a detectable change in overall lift, it did
beginning of this section of repeating stall behaviour on make a significant contribution to pitching moment.
a wing that has been carefully optimised. Since a substantial length of upswept fuselage

remained unsealed at the rear, it is likely that completion
4.2 Lift-Curve Slope - and possibly improvement also - ol the seals would

lead to better agreement. However, given the quite
A deficit in lift-curve slope can be seen on the simple respectable agreement that has already been
half-model in Fig 4a. Initially, this had been thought to established, it seems fair to speculate whether an error
be due to the thick reflection-plane boundary layer of this magnitude could result also from inadequacies of
operating on the fuselage and inboard wing particularly the strut and guard corrections given that a pitch strut
in view of the much closer agreement when using a was used to support the rear fuselage for the complete-
75 mm plinth but calculations made using a panel model mounting.
method (SPARV) showed that this latter improvement of
lift-curve slope above that of the simple half-model 4.4 Drag
woufd be expected from the change in geometry
resulting from the introduction of a plinth. Furthermore It is convenient to illustrate differences in drag between
the operation of BLRE, as shown already in Fig 8, different configurations by reference to the reduced
provided little improvement in slope, drag, CDR, where: CDR = CO - CL/NA and where A is

un fact, significant improvement in agreement between the aspect ratio of the full-model in all cases.
half- and complete-model lift-curve slopes (Fig 11) Fig 13 shows that pre-stall, the simple half-model with
resulted from the installation of a baffle plate which BLRE had a reduced drag some 50idrag ounts (0.0050)
reduced the gap between the model support and the too had ahreduced a som 50 DRa s (0.0050
reflection plane from around 1C mm to nearer 2 mm,
together with additional sealing around the outline of the as 150 counts too low. This latter change was largely

fuselage in an effort to reduce the flow of air from one generated by changes to induced drag since the

side of the fuselage to the other (see Fig 3b); this was inviscid panel method calculations referred to earlier in

achieved without otherwise changing the model fact tend to overestimate this change; the calculated

geometry. The implication therefore is that errors in the drag changes due to the introduction of an earthed
measured lift resulted more from deficiencies in the plinth are included in this same Figure at three
design of the support system rather than from an incidences.
inability to reproduce the D.rrect aerodynamics of the The use of improved sealing shown in Fig 14 slightly
wing. Evidently, there still remained a significant lift
deficit which would probably require a fundamental improves the similarity of the simple half-model to the

full model but although the comparison is now quiteredesign of the model support and sealing system to close, the differences are still clear. However, it is
reduce to an acceptable level on a model of this size. worth pointing out that the reduced drag includes an
However, as suggested above, there seems to be no input from the measured lift which is itself in error. If this
indication that the aerodynamics of the wing and high-lift discrepancy is removed by referring the reduced drag
system are compromised by lift losses at the fuselage on the half-model to the lift at the same incidence on the
and support system. complete model, Fig 14 shows that now agreement has
4.3 Pitching Moment been brought to within 15 drag counts. In effect this is

equivalent to establishing that the total drag agreed to

The influence of BLRE and plinth installation on pitching- within 15 drag counts. At this level of agreement, it has
moment behaviour in the neighbourhood of stall has to be pointed out that an error in tunnel upwash on the
already been discussed. In addition to this particular complete model, or of sidewash on the half-model, or

aspect however, it is evident that all three half-models indeed a combination of the two, of 0.040 would give rise
had close to the same pitching moment at zero lift to his level of discrepancy at a CL of 2.
(Fig 5), that the slope of the pitching-moment curve
measured on the simple half-model agreed quite well 5 CONCLUSIONS
with that for the complete model but that the A substantial programme of comparative tests of a
aerodynamic centre moved perceptibly forward as the copeestrut-mounte od ana h el ofplinh high inreaedcomplete strut-mounted A300 model and a half -model of

the same aircraft using the port wing of the complete

The effect on pitching moment of the modifications to model has been carried out in the 5 m Low-Speed
fuselage/reflection plane sealing discussed earlier in Pressurised Wind Tunnel at DRA Farnborough. Since
relation to the lift-curve slope are shown in Fig 12. In the complete model was sized for the tunnel, the half-
fact, the modifications were carried out in two stages, model was evidently somewhat small and consequently
the resuhs for both of which are shown. interactions with the boundary layer on the reflection

plane were exaggerated; this made their identification
The first stage applied sealing simply along the parallel more clearcut than perhaps would normally be the case.
section of the fuselage while the second extended
these to the edge of the turntable; since the fuselage On the basis of this programme, various conclusions
overhung the turntable at both ends, an extension may be drawn:
around the complete fuselage was not easy to contrive. (1) Unless efforts are made to reduce the effective

It is clear in Fig 12 that, while very good agreement was boundary-layer thickness on the reflection plane, the
achieved between full- and half-models by using short use of a simple half-model mou~ited close to the

seals, 'improvements' to the seals by extending them reflection plane may possibly - although not necessarily
towards the front and rear led to a deterioration in - yield wholly unsatisfactory predictions of the stall

behaviour.



(2) Where the results are indeed unsatisfactory, the
technique cannot be used even for the assessment of
incremental changes of model configuration at least as
far as stall and post-stall behaviour is concerned.

(3) In some instances, the use of an earthed plinth
(or peniche) to lift the half-model high in the boundary
layer on the reflection plane may improve reproduction
of stall incidence. However, this technique introduces
consequential errors in lift-curve slope, drag and
pitching moment. Furthermore, although the inboard
wing may have reduced sensitivity to the boundary layer
on the reflection plane, it is now adjacent to a fuselage
which is effectively wider; it therefore suffers from an
increased upwash around this wider fuselage and
consequently a tendency to early stall due to this
alternative mechanism.

(4) When the effective thickness of the boundary
layer on the reflection plane has been reduced
sufficiently, good reproduction of stall incidence may be
achieved. Differences between the two are likely to
favour the half-model given that the full model is open to
disturbance from its support system.

(5) Some care must be be taken to ensure that flow
from one side of the model to the other, or through the
gap around the support frame, should be restricted. The
immediate effect of inndequate sealing is shown as a
significant loss of lift-curve slope. This particular
problem has proved to be the most intractable with the
present half-model design where the discrepancy
between full and haff-models amounted to around 1.5%
on lift. However, there seemed to be no indication that
this leakage interfered with the aerodynamics of the
wing or of its high-lift system but was more restricted to
the flow about the fuselage. With a model sized more
appropriately for the tunnel and designed from the start
as a half-model, it might be reasonable to expect that
this discrepancy could be reduced.

(6) Jusi as in the case of lift, pitching moment also
responds to changes in sealing around the fuselage but
again giving no indication that the aerodynamics of the
wing and its high-lift system are compromised in any
way. In the present instance, the total absence of
sealing at the extremes of the fuselage appeared to give
significant changes to the pitching moment coefficient
with a maximum error of around 0.01.

(7) Perhaps most surprisingly, drag appears to be
the most satisfactory in that disagreement between
complete and half-models over a large part of the
incidence range was not worse than 15 drag counts. An
improvement in this level of agreement may not be
possible without greater confidence in the knowledge of
the mean values of upwash and sidewash velocities
existing in the empty test section; a total discrepancy of
0.04* in incidence between complete and half-models
would be sufficient to generate this difference in drag at
a lift coefficient of 2.
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SUMMARY c mean aerodynamic chord, 11.20 ft
Flight experiments are being conducted as part of a multi- d Preston-tube diameter, in
phased subsonic transport high-lift research program for h pressure altitude, ft
correlation with wind-tunnel and computational results. K relaminarization parameter, eq. (2)
The NASA Langley Transport Systems Research Vehicle M Mach number
(B737-100 aircraft) is used to obtain in-flight flow p local static pressure, psf
characteristics at full-scale Reynolds numbers to contribute po freestrearn static pressure, psf
to the understanding of 3-D high-lift, multi-element flows Pt local total pressure, psf
including attachment-line transition and relaminarization,
conflunt bondary-layer (Ie"-!opment, and flow separation q- freestream dynamic pressure, p_,V2/2, psf
characteristics. Rz Reynolds number based on c, Vc/v

R attachment-line Reynolds number, eq. (1)
Flight test results of pressure distributions and skin- R0  momentum-thickness Recynolds number
friction measurements were obtained for a full-chord wing
section including the slat, main-wing, and triple-slotted. S reference wing area, 980 ft2

Fowler flap elements. Test conditions included a range of s surface slreamwise coordinate, ft
flap deflections, chord Reynolds numbers (10 to 21 V true airspeed, ft/sec
million), and Mach numbers (0.16 to 0.40). Pressure Vi indicated airspeed, knots
distributions were obtained at 144 chordwise locations of a x/c non-dimensional chordwise coordinate
wing section (53-percent wing span) using thin pressure y spanwise coordinate. ft
belts over the slat, main-wing, and flap elements. Flow Z/c noji-dim.n.ional thickness coordinate
characteristics observed in the chordwise pressure CE aircraft angle of attack, deg
distributions included leading-edge regions of high- Ct2-D wing-section angle of attack. deg
subsonic flows, leading-edge attachment-line locations, Ap differential Preston-tube pressure, Pt - p' psf
slat and main-wing cove-flow separation and re-
attachment, and trailing-edge flap separation. In addition bf flap deflection, deg
to the pressure distributions, limited skin-friction ALE leading-edge sweep angle, deg
measurements were made using Preston-tube probes. 71 non-dimensional spanwise location. y/(b/2)
Preston-tube measurements on the slat upper surface
suggested relaminarization of the turbulent flow introduced v kinematic viscosity, ft2 /sec
by the pressure belt on the slat leading-edge surface when p-6 freestream density, slugs/ft3

the slat attachment line was laminar. 0 momentum thickness, ft
S surface shear stress, paf

Computational analysis of the in-flight pressure

measurements using two-dimensional, viscous multi- Abbreviations
element methods modified with simple-sweep theory ESP electronic scanning pressure
showed reasonable agreement. However, overprediction of KIAS knots indicated airspeed
the pressures on the flap elements suggests a need for better LE leading edge
detailed measurements and improved modeling of confluent
boundary layers as well as inclusion of three-dimensional V tra nsporc l2-D two-dimensional
viscous effects in the analysis. 3-D three-dimensional

LIST OF SYMBOLS 1 INTRODUCTIONb wing span, ft. INRDUTO
f skin- in. cefi t High-lift system aerodynamics can significantly impact

Cf skin-friction coefficient, t/q. the overall design of transport aircraft in terms of sizing,
cf preston-tube-measured Cf using eq. (3) performance, system complexity, and certification for
CL aircraft lift coefficient, lift/q..S safety and community-noise acceptance aspects.1

However, the design of subsonic high-lift systems remains
Cn normal-force coefficient from integrated pressures a technical challenge mostly due to the limited
C pressure coefficient, (p-p.)/qq. understanding of the complex flow physics associated w;h
c chord length. ft high-litt flows. Multi-element, high-lift flows are very



sensitive to Reynolds- and Mach-number effects; and measurements of pressure distributions and boundary-layer

therefore, the aerodynamic performance of high-lift flow parameters at flight Reynoldi and Mach numbers is
systems is generally difficult to extrapolate from wind- critical to the evaluation of computational methods and to
tunnel or to predict in computational fluid dynamics (CFD) the modeling of turbulence for closure of the governing
studies. In order to improve the design methodology for flow equations.5 .6 Detailed measurements and analyses of
high-lift systems, additional experimentW data with the multi-element flow field have generally been limited to
sufficient flow details on transport-type swept wings are two-dimensional studies. Previous detailed flow
needed at flight Reynolds and Mach numbers to better measurements in wind-tunnel investigations have included
understand high-lift flows. Thus far, only a very limited Reynolds-stress components, however, at sub-scale
number of flight investigations have been conducted with Reyn:olds numbers and only in two dimensions. 7 '8 '9, 1 0

sufficiently detailed flow measurements on a high-lift These results have been applied towards the development
system for correlation with ground-based investigations and validation of 2-D multi-element numerical codes.
and to guide 3-D CFD modeling. One such investigation
was reported by Greff2 on an Airbus A310-300 aircraft. Two-dimensional multi-element flow issues include the

following:
As part of a multi-phased research program at NASA (1) compressibility effects including shock/boundary-
Langley, flight tests are being conducted on the Transport layer interaction on the slat;
Systems Research Vehicle (TSRV), a B737-100 aircraft, to (2) laminar separation-induced transition along the upper
obtain detailed full-scale flow measurements on a multi- surfaces;
element high-lift system at various fligh't conditions. In (3) confluent turbulent boundary layer(s) - the merging
Phase I of the program, experiments were focused on flow and interacting of wakes from upstream elements with
visualization, pressure distributions, and flow-separation the boundary layers of downstream elements;
measurements on the triple-slotted Fowler flap system of (4) cove separation and reattachmcat; and,
the research aircraft. Phase I activities have been (5) massive flow separation on the wing/flap upper
completed, and the flight test results were reported by surfaces.
Vijgen et al.3 In Phase I1, more detailed flow measurements
have been planned including the main wing and leading- Availability of detailed flow data in three dimensions at
edge slat components. Initial Phase-II flight experiments full-scale (flight) Reynolds numbers has been much more
have recently been completed on a wing section at one limited. To contribute to the understanding and correlation
spanwise station to measure pressure distributions on the of high-lift research between wind tunnel, CFD, and flight,
full chord, and these results were reported by Yip et al.4 . additional experiments are needed at full-scale Reynolds
Additional Phase II flight experiments are planned to number and for 3-D swept wings. Further understanding of
provide additional full-chord pressure measurements at scale effects in both 2-D and 3-D is required to accurately
several spanwise stations and detailed measurements of extrapolate to 3-D, full-scale, flight conditions. 1 1,12,13
leading-edge transition and relamnarization. In Phase III,
extensive off-surface instrumentation for detailed turbulent Three-dimensional multi-elerment flow issues include the
boundary-layer and wake flow-field characteristics are following:
planned. This paper summarizes the test results to date of (1) leading-edge attachment-line transition;
the high-lift flight research program on the TSRV as well (2) relaminarization of turbulent flow in the leading-edge
as planned further flight experiments, region;

(3) crossflow instability transition downstream of the
attachment line;

B.Possible shockt (4) sweep effects on confluent boundary-layer

Confluentboun dc layers Fseparation development, turbulent boudary-layer separation,
Confluent boundary layers ,and separated cove flows; and,

(5) highly three-dimensional, local flow modifications;
e.g., vortex generators; flap side-edge-separated

_ .. flows and tip effects; and flow interactions with slat
--- 0 .brackets and flap-track fairings, engine pylons, and

3-D transition landing-gear struts.
Relaminarization

The three-dimensional multi-element issu~es of leading cdge

Cove separation , attachment-line transition and the potential for
relaminarization are discussed in more detail in the

Figure 1. Multi-element flow characteristics. following section.

2.2 Attachment-Line Transition and
2. BACKGROUND FOR HIGH-LIFT FLOWS Relaminarlzation Issues

In three-dimensional, swept-wing flows, the flow along the
2. 1 Multi-Element Flow Issues attachment line (a locus of points near the leading edge

dividing upper- and lower surface flows) can be laminar,
The flow field around a multi element transport wing with transitional, or turbulent, depending on the pressure
sweep is characterized by several aerodynamic phenomcnn distribution, the leading-edge sweep angle, and the
which are highly interrelated, complex in nature, and Reynolds iu-nber.1 4.15.16 If attachment-line transition
generally not fully understood (see Fig. 1). Accurate occurs, the resulting changes in the development of
prediction of surface-pressure distributions, merging boundary layer flows can significantly influence the
boundary-layers, and separated-flow regions over multi- downstream turbuli," flow field (id' confluen htoundary
element high-lift aufoits. is an essential s.quiienmnt 1t time ,ay#.- aind onset of separation). Relaminarization of the
design of advanced high-lift systems for efficient subsonic flow downstream of a turbulent attachment line can occur if
transport aircraft. 1 The availability of detailed the streamwise flow acceleration is sufficiently



Sstrong.17.18.19 If the flow ahead of a steep adverse characteristic length where U' represents the 'nviscid
pressure gradient along the upper surface of the elements is velocity gradient at the attachment line in the direction
laminar, an additional Reynolds-number effect can occur normal to the attachment line.14.1!,16 For a laminar
due to the presence of a laminar-separation bubble and its attachment-line boundary layer along an infinite swept
effect on subsequent turbulent-flow behavior, cylinder, the momentum thickness can be shown to be 0 =

The issues of leading-edge transition and relaminarization, 0404 K , and consequently, Re = 0.404 R21 Previous

illustrated in figure 2 for a single-element, swept wing, studies have shown that for R < 245, the attachment-line
become very important in the extrapolation of sub-scale, boundary layer will tend to remain laminar, and turbulent
three-dimensional, wind-tunnel results to flight. contamination introduced in the boundary layer by
Typically, wind-tunnel data used to extrapolate maximum significant surface roughness and intersecting turbulent
lift in flight are obtained at Reynolds-numbers conditions shear layers will decay. For R > 245, the turbulence will
where wing stall is dominated by conventional scale effects self-sustain, causing the attachment-line flow as well as the
(--e Woodward et al.2 0 ). Conventional scale effects refer flow downstream of the attachment line to become
to the increase of maximum lift with Reynolds number due turbulent. For incompressible conditions, in the absence
to the thinning of the turbulent boundary-layer in the wing of roughness and intersecting turbulent shear layers.
trailing edge region and the subsequent aft movement of the attachment-line instability followed by transition will
trailing-edge flow separation point. At higher flight occur only if R > 580.22
Reynolds numbers, attachment-line transition can occur
causing turbulent flow to start from the attachment line. An important parameter when examining relaminaritLtion
By shifting forward the starting point of the turbulent of whenoexainingere ynonlocaton ca turbulent boundary-layer flows is the inverse Reynolds
boundary layer, the trailing-edge separation location number, K which is defined s follows:
also shift forward due to the increased growth of the
turbulent boundary layer. Because of the increased extent
of trailing-edge separation, a significant reduction in lift K U_ (2)
can occur. However, because of steep favorable pressure K = v (2)

gradients associated with high-lift flows, relaminarization
is possible for some sections of the wing aid would where the characteristic velocity is represented by the local
thereby alleviate some of the lift loss expected as a result
of the attachment-line transition. In a high-Reynolds- inviscid velocity, U, and the characteristic length, ;, is

number wind-tunnel investigation of a swept-wing defined by • = U/Us with Us representing the velocity

configuration without slats, maximum-lift losses of the

order of 15 percent have been measured when transition gradient along the inviscid streamline. 1 7 ,2 3 .2 4 For K

occurred along the attachment line and relaminarization did larger than I x 10-6, reversion from turbulent to laminar

not occur. 1 2  flow is possible, for K > 3x10" 6 relaminarization is likely,
and for K > 5x10"6 complete relaminarization occurs for 2-

S".,.- b.M T.WIng- D flows (only very limited detailed data 18.19 are available
T. ,,M • . = to date for 3-D flows on swept wings).

- 'o Attachment-line transition, relaminarization, and
LW• ,.- h.to m..-ot. j crossflow instability along the elements of the B737-100

high-lift geometry were examined by Vijgen et al. 3 using
predicted pressure distributions. Results of the studyt C eSobl-mt. tlK I . fiC t.~~o jitchen sc. eo 0 dslni

ub. x OM-.ým.d CO tjo. Aff"O•ch,@. COýnf.... indicate that the attachment line along the slat and fore flap
MAX .,- - " - -- - are likely to be laminar, while the attachment line along

. ....g -- 'ng the fixed leading edge (main element) is likely to be

Jpos.i turbulent for the 400 -flap setting at a = 0°. In this paper, R
R eft...t..- and K are obtained from the measured pressure

distributions. The attachment line along the slat in the
--yp~cal WindTunnel RN -- --FlihtRN - b flight experiment reported by Greff2 on the Airbus A310-

Reynolds number (RN) 300 aircraft was measured to be laminar under certain high-
lift flight conditions.

Figure 2. Effect of attachment-line transition and
relaminarization on maximum lift. 3. DESCRIPTION OF FLIGHT EXPERIMENT

An important parameter when examining the transition 3.1 Test Aircraft
characteristics of the attachment-line boundary layer along The NASA Langley TSRV was the prototype aircraft used in
the leading edge of a swept lifting surface is the the development of the Boeing B737-100 and has been

attachment-line Reynolds number, R, as defined by the significantly modified for flight systems research. 2 5 In its

following equation: unmodified state, the Boeing 737-100 is a twin-jet, short-
haul, subsonic transport designed to carry approximately

- 1 100 passengers with a cruise speed of Mach 0.78. In order
R =-W. (1) to obtain short-field takeoff and landing performance, the

V aircraft incorporates a slat and triple-slotted flap high-lift
where W. = V sin A system. Basic aerodynamic characteristics of the Boeing

1(v/U)" 0 configuration .,om wincd-tuljel ih.vc•tigattorls
K =have been documented in reports by Capone2 6 and

The characteristic velocity, W.., is the spanwise Paulson27
Scomponent of the freestream velocity, and K is the a
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slat avid outboard slats (see Fig. 6). For the 15- and 250-
flap settings, only a very small slot exists between the slat
and main-wing elements (see Fig. 5).

slat main-wing fore-flap
mid-flap

aft-flap
15-flap setting -%

25'-flap setting

L1' 30 -flap setting -_'

Figure 3. NASA TSRV (737-100 aircraft) in flight with .. -

40°-flap setting and landing gear up 40--fap setting

Figure 3 shows the TSRV in flight with the triple-slotted A
flap system deployed at a 40°-flap setting (landing
configuration). Figure 4 shows a planform view of the
B737-100 configuration and illustrates the overall
geometric characteristics. The aircraft wing is Figure 5. Wing sections at various flap settings.
characterized by a span of 93 ft, an aspect ratio of 8.82, and
a sweep angle of 250 at the quarter-chord line and 27.58o at
the leading edge outboard of the underslung, low-bypass Esia --u--er 0.Sslat, upper 0.72
ratio engine nacelle. wing, upper (1u) 0.14

wing, upper (2U) 0.94t wing, upper (3U) 0.96
wing, lower (iL) 0.18

, wing, lower (2L) 0.7o

i ~S = 980.0 sq. ft.S 00 q .I,1 Preston tubes (upper , lower)

b = 93.0 ft. Ps b

c= 11.20 ft. generators ,

AIe =27.580

q =0 53 remote

computer

Figure 6. Instrumentation layout.

3.2 Instrumentation, Data Acquisition, and
Data Reduction
Instrumentation for the full-chord, wing-section
measurements is illustrated in figure 6. Surface static

Figure4. Planform view of the B737-100 aircraft. pressure distributions, Preston-tube skin-friction
measurements, and flow-visualization results were obtained

Inboard leading-edge Krueger flaps and outboard leading- on one outboard wing section of the research aircraft. The
edge slats are extended in conjunction with the deflection chordwise pressure distributions were measured at a
of the triple-slotted trailing-edge flap system. As shown in nominal spanwise station of TI = 0.53 on the upper and
figure 5. the outboard high-lift wing section studied in this lower surfaces of the slat, main-wing, and flap elenments
paper consists of 5 elements: the leading-edge slat. the using thin belts of plastic tubing (0.062 in. outside
main wing with fixed leading edge, the fore flap, the mid diameter / 0.028 in. inside diameter) which were wrapped
flap, and the aft flap. At flap settings of 300 and 400, the around each element. The belts were attached to the surface
two most out',,,-A 'dat segments are fully extended and with thin (0.005 in.) adhesive tape. To minimize belt edge
deflected an additional increment from the 150 and 250 effects, five extra (non-functioning) tubes were added to
setting (see Fig. 5), effectively creating a spanwise break each side, and the sides of each belt were smoothed with a
in the wing-planform's leading edge between the inboard silicon-rubber compound. The technique of using external



pressure belts has been commonly used in previous studies real-time display and stored on an optical disk for post-
and was shown to provide good results when compared to flight playback and data analysis. Pressures were recorded
flush surface orifices.2 8 The possible effect of belts on the at a rate of 10 samples per second while aircraft flight
pressure distributions in the leading-edge regions of the parameters were recorded at a rate of 20 samples per second.
present high-lift system will be determined in future flights The pneumatic lag for the longest tube length was measured
with fluh orifices (see section 6). With the installation of in ground tests and determined to be approximately 0.5
the pressure ielts, the minimum flap deflection was limited seconds and was taken into account in the reduction of data.
to 15*, while the standard nia:,mum flap deflection of 400
was unchanged. In order to provide zrrections of the static pressure due to

probe position error for each flap setting, an airspeed
calibration flight was conducted prior to the research

flights using a tracking-radar method2 9. These corrections
along with temperature measurements were used to compute
freestream static and dynamic pressures as well as Mach and
Reynolds numbers. Also, angle-of-attack corrections were
obtained by calibrating the aircraft angle-of-attack vane
against pitch attitude obtained from the aircraft inertia
navigation system in steady-state flight conditions. Lift

- .- ' :coefficients were determined from steady-state, 1-g flight
rraneuvers using aircraft weight calculated from aircraft fuel
consumption measured by fuel-flow sensors. Thrust
corrections obtained from standard engine performance
decks were applied to the lift data to account for the thrust
contribution to lift.

Flow visualization was obtained by applying nylon yarn
-. tufts to the upper surfaces of the outboard flap and the main-

wing elements (see Fig. 7) to indicate local regions of flow
separation. The tuft patterns were recorded with still and

(a) 8f 4 00  video photography to allow for post-flight analysis and
Figure 7. Pressure belt and Preston-tube installation, correlation. In addition, audio recording of pilots and

flight test engineers on the video cassettes were used to
discern quality of flight data samples.

Preston tubes were installed on the upper and lower surfaces
of the main-wing element, and one Preston tube was
installed on the slat upper surface (see Figs. 6 and 7)
These probes contain a static orifice in addition to the pitot
pressure orifice to measure total and static pressures within

the boundary layer. 3 0 The Preston-tube probes were
installed just outboard of the pressure belt and staggered
spanwise to minimize interference effects of the probes on
each other. Preston-tube measurements near the trailing
edge of the flap elements were obtained during the Phase I

7 -1 ~flights at the same spanwise location and were reported in
detail in reference 3. The local skin friction coefficient,
Cf. was determined based on the measured pressure

differential at the tube using the Law-of-the-Wall

(b) close-up view, 8 = 150 calibration for equilibrium turbulent flow. For the modified
Figure 7. Conciuded. Preston tube used here, the wall shear stress was determined

as follows:30

A total of 160 pressure tubes (144 for pressure
distributions, 12 for static and total measurements of the = AP(3)
electronically scanning pressure (ESP) modules which were A1 lOgl - A2

located in the wing cove region (see Fig. 6). The ESP
modules were maintained at a constant temperature to
minimize zero shift of the measurement, and two where Ap represents the differential pressure measured by
differential-pressure transducer ranges (2.5 and 5.0 psi) the Preston tube. d represents the outside diameter of the
allowed high resolution of the pressure data. A plenum Preston tube, and Al and A2 are calibration constants
chamber was housed in the wing cove region to provide the where A1 = 38.85, and A2 = 107.3. The outside diameters
reference pressure for the ESP transducers; the reference of the Preston tube were d = 0.083 in. for the wing
pressure was monitored with an absolute pressure gauge and locations and d = 0.042 in. for the slat location. The above
was related to the static pressure measured by the aircraft calibration expression is based on the assumption that the
pitot-static probe. A small data-acquisition unit using static and total ports of the probe are located within the
single-board computer technology was located in the region of the turbulent boundary layer that is governed by
outboard flap track fairing of the wing (see Fig. 5) to access the Law-of-the-Wall. Since the boundary-layer state as well
and address the ESP transducers. The digital output data as its thickness are dependent on the flap setting and the
were transmitted to a small. portable on-board computer for various flight parameters, it was uncertain that all Preston
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tubes would operate within the appropriate calibration 4. FLIGHT-TEST RESULTS
range at all test conditions. Because of this uncertainty, Cf

computations from the Preston-tube measurements using In the analysis of flight data, it should be noted that test

eq. (1) are listed in this paper as Cf to indicate that these points were obtained at 1-g. level flight conditions whereincreasing angle of attack corresponds to slower airspeeds,
measurements do not necessarily reflect actual skin-friction and therefore, both the Reynolds number and the Mach
values if the Preston-tube readings were obtained outside number change with each test point (see Fig. 8).
the valid calibration range, e.g., if the flow was laminar.

4.1 Trimmed-Lift Data
3.3 Flight-Test Conditions Trimmed-lift coefficients from rcpre.'entative flight data at
The flight experiments covered a range of Reynolds and h = 10,000 ft are shown in figure 9 for the TSRV
Mach numbers as the aircraft was flown to pressure altitudes configuration with flap defections of 150. 25°, 30', and
up to 20,000 feet. The chord Reynolds number, Rz. ranged 40'. For the angle-of-attack range tested, the lift curves
from 10 to 21 million, and the freestream Mach number remained nearly linear with no significant slope changes
varied from 0.16 to 0.40. Flap deflections of la', 253, 30', except for a slight decrease in the lift-curve slope for the
and 40' were investigated at pressure altitudes of 5,000 ft. l'-flap case at high angles of attack.
10,000 ft. 15,000 ft. and 20.000 ft. Test conditions and
test points obtained in flight are shown in figure 8 as well
as lines of constant Reynolds and Mach numbers for
standard atmospheric conditions. As indicated by figure 8, 3.0 --- 0- 15°flaps
flight at increasing altitudes provides conditions of -- -25flaps
increasing Mach number and decreasing Reynolds number -C--- 3Y'flaps
for a given indicated airspeed, Vi, which corresponds 2.5 - 40°ofaps
approximately to a constant lift coefficient for a given
aircraft weight.

2.0

Altitude, ft Re 210 12 14 16 18 20ox10'
25.ooo F-o.--o.0.20 C2 -\

o4 0CL 1.5

0 40.0

-,o a ' • •!c, deg

0 p Figure9. Trimmedlift data from fight. h- 10,00t.

50 100 200 250

Vl, KIAS 3.0 -0- Flight. 340 
flpsl

Figure 8. Flight test conditions.-0 -- lih flp

The flight-test points were obtained for each of the flap 2.5

settings at approximately 1l-g, steady-state conditions in
level flight with the aircraft initially flown at a high
nominal airspeed and then slowed to the stick-shaker 2.0
speed. Data were sampled for approximately 30 seconds at
each constant-airspeed test point. In addition, data were CL
recorded during the deceleration of the aircraft between L1.5-

selected test points. The aircraft was decelerated at a
nominal rate of I knot per 3 seconds while constant

altitude was maintained. Pertinent test points were repeated 1.0
to ensure data repeatability. All data were obtained with the
landing gear retracted. The research flight deck4 on the

TSRV allowed auto-throtte and auto-pilot operations of the 0.5
aircraft for airspeed- and altitude-hold modes of testing.
Use of the auto-pilot operations increased the productivity
ofthe flight test and enhancedthe quality oftheflight data 0.0 hgI
sampled. -4 0 4 8 12 16
eh c, dog

Figure 10. Comparison of flight and wind-tunnel lift data.



In figure 10, the flight lift data are compared with available 4.2 Pressure Distributions and Skin-Friction
wind-tunnel lift data2 7 for the 30'- and 40°-flap settings. Measurements
The wind-tunnel investigation used a 1/8-scale model of the Pressure distributions measured for all elements on the
TSRV with flow-through nacelles. The wind-tunnel data TSRV, high-lift wing section are presented in figure II for
were obtained at test conditions of M = 0.14 and RZ = 1.4 the 150-, 25*-, 30°-, and 40*-flap settings from flight data
million, significantly less than the flight Reynolds for a range of angles of attack at a test altitude of h =

10,000 ft. In general, pressure distributions at othernumbers which ranged from about RZ = I11 million at the altitudes showed similar results. Several pimnts are notedhigh-angle-of-attack (low-speed) conditions to about 18 here based on the overall flight-measured pressure
million -t low-angle-of-attack (high-speed) conditions, distributions: (1) Changing angle of e',ack affected
Wind-tunnel force and moment data were re-computed for primarily slat and main-wing pressure loading, and had
18-percent c, the nominal center-of-gravity location in little effv-t on the flap pressures. The small variance of
flight, and trimmed-lift coefficients were estimated based flap loading with angle of attack is explained by the fix-i
on stabilizer requirements for trimmed flight. The deflection geometry of the upstream element which largely
comparison shows significant differences between flight determines the in-flow angle for the flap element. (2)
and wind-tunnel data due to viscous (Reynolds-number) Because of sweep effects, maximum Cp values were less
effects. Flight data produced a steeper and more linear lift- than the 2-D value for the stagnation point. Also, flow
curve siope than the wind-tunnel data. At high angles of reattachment in the main-wing cove is indicated by Cp
attack, the wind-tunnel lift-curve slope decreases with v p
increasing angles of attack, indicating stronger viscous values close to the leading-edge attachment-line pressure.

effects. The underprediction in the wind-tunnel data is (3) Pressures at the trailing-edge of each element, ex,.ept
likely due i.o premature flow separation at the much lower for the aft flap, do not recover completely due to the
wind-tunnel Reynolds-number conditions. In the mid- influence of the downstream element. The accelerating
angle-of-attack range, there was agreement in the lift and flow region between the elements also causes the trailing-

edge pressure distributions to reflect the higher flowincremental lift values between flight and wind-tunnel data. velocities. For example, note the decreasing main-wingHowever, at low angles of attack, the flight data were element upper-surface pressures near the trailing edge with
overpredicted by the wind-tunnel data. This overprediction imay be a result of an inverse Reynolds-number effect on increasing flap deflection. The higher velo.ities near the
multi-earesule t ofanirfoi erse Reynolftdecreases wit t i nr trailing edge also relieve the pressure rise on the leadingmulti-element airfoils where lift decreases with increasing edge of the downstream element, thus alleviating potential
Reynolds number (discussed by Morgan et al.31 and separation problems that could cause loss in lift. These
Woodward et al. 2 0 ). multi-element flow phenomena are attributed to the

"circulation effect" and "dumping effect" as described by
Smith 3 2 .

-14 RZ M
o 2.72' 20.2 x106 0.33"T-1

-12 3 6.68 16.4x 10 0.27

-11 0 9.39 14.7x106 0.24

-10 A 13.46-' 12.7 x10 6  0.21
16.420 11.7 x 10 6  0.20

-8Cp -7
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Figure 11. Wing-section pressure distributions.
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Figure 11. Concluded.
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Figure 12. Wing-section normal-force coefficients. Figure 12. Concluded.

Pressure distributions for each of the elements were Flow characteristics of the individual high-lift, wing-
integrated along the wing cho-,' in the flap-retracted cruise section elements are examined in more detail in the
position (8f = 00) to provide section normal-force following sections.
coefficients as shown in figure 12. The results clearly
indicate that the wing and slat loadings increased with 4.2.1 Slat-element flow characteristics
angle of attack while the flap loadings remained relatively The slat pressure distributions are pre.ented in more detail
constant, in figure 13 for the 15*- and 40*-flap settings and at several

angles of attack. A comparison of the slat pressure
distributions for the 15*- and 400 -flap setting shows

L__



similar results for a given angle of attack (e.g.. note the For both flap settih, the app,)Ximiate poIsit0on ot the

pressure dismibutions at a - 2.5", 9.5", and 13 50). Both attachment line, 4s ii Jicated by the maxinumrn Cp .a'ue. I-S

flap settings show fa"orable upper-surface pressure located or 'he ur er surface or the slat for angles o1 att4.k

gradients at low angles of attack, nearly flat pressure less than about 4'. Consequently, for the 40' flap setting

distributions at mid angles of attack, and an upper-surface and a = -1.510, the slat is shown to produce negatse lilt

suction peak near the leading edge with a subsequent (see Fig. 12H. At this negative angle-of-attack condiuon.
adverse gradient downstream at high ingles of attack. For the lowe; surface flow appears to be separated as evidentixi
the 15*-flap setting, the upper-surface suction peak reh.ed by the nearly constant Cp value in the range of 0.05 < x0c
a minimum value of Cp = -13.18 at the highest available 0.15. (i1 the lower surface, slat pressur,; ports alt of sA -

angle of attak, a = 16.42". This Cp value corresponds to a 0.30 were actually located in the slat cove tkee Fig 3). The

local Mach number of 0.83. Even though the freestream nearly constant pressure level in the slat cove region for

Mach number %as only 0.20, these high local velocities both flap settings at high angles of attack is indicative of

produce Mach effects which can adversely affect the separated flow region in the cove. Near the lower

performance of high-lift systems. surface trailing edge, the pressure distributions indicate
increasing flow velocities as a result of the slot flow

0----- a 2 720 between the slat and the ma i-wing elements. In this

-14 -c--- ,a=6 68° region, the narrow gap for the 15*-fliap setting caused a

13 a= 939 larger acce'-ration compared to the 40*-flap setting

-12 a= 13.46' In figure 14, the Preston-tubi measurements on the slat arc

-11 plotted as a function of aircr-ft angle of attack for too

-10 Solid symbol de-otes altitudes, h = 10,000 ft and 20,000( ft. and two flzn-10 lower surface
-9 seltings, 8f - 15* and 40'. The data show a significa-t

-8 increase in the measured values of Cf* for the mid-angle of-

Cp -7 attack range (2.50 < a < 9.0") for both flap settings except

-6. in the lower altituie, higher Reyicolds number data of the

-5 15°-flap setting. This increase in Cf* can be traed to a

sudden increase in the Prest.,n-tube total-pressure reading
-4 .as opposed to the static-pressure reading which varied
-3, smoothly throoghout this angle-of-attack range. The flow

-2 behavior may be related to the attaclnent-line boundary-
layer state and the phenime,-', of relaminari,.ati-n as

-1 discussed next.O'L

0 0.2 0.4 0.6 0.8

X/CSlat, -0- h = 10.000 ft

(a) 8f - 150 0.014

Figure 13. Slat pressure distributions.
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Figure 13. Concluded.



21-10

-------- h 0,0 sludden increase in Cf* was measured (see Fig. 14). Thus,-- -- h 20,000 it ,te increase ui Cf in the intermediate angle-of-attack
0014 -r__2 lange appears to indicate a laminar boundary-h.yer state at

the Preston tube. #he drop in Cf* at a = 9' ;ndicates that
the boundary-layer state has become turbulent again. At0.012 this angle of attack, the change in boundary-layer state is
explained by the development of a suction peak on the slat
upper surface near its leading edge (see pressures in Fig.

0.010 14).

Cf 0.008 40 - h =10,000 t 10 x 10-6

0.006 -

300,

0 004 

R

0.002 - I [ _ 200 -j K
-4 0 4 8 12 16 K max

aE, deg h 4

(b) S - 40' 0
Figure 14. Concluded. Sca 2

• __ Km Open

Using the measured pressure distributions (Fig. 13), R is
calculated and plotted in figure 15. The results show that 0 0
the slat attachment line is expected to be laminar for most
test condition, at a 40*-flap retting based on the criterion -2 048
of R < 245 for laminar attachment lines. However, it , deg
should be noted that the "reston tube was located just (a) - 15'
outboard of the pressure belts (see Fig. 5), and these belts
will cause the attachment line to become turbulent. Figure 15. Attachment-line Reynolds number andAlthough the turbulence introduced into the attachment- relaminarization charalerstics for the slat- upper surface.
line botmdary layer by the belts will decay for R < 245. a
comparison with Gaster's experimental results 14 depicting
the decay of turbulence behind trip wires on the attachment 40 - lox - h 10 00 -6line appears to indict.Le that the slat Preston tube was 400 - - = 20,0t .o •" lOx 10located in the turbulent-flow region outboard of the belt. --Since the Preston-tube calibration assumes that the probe //
is located within a turbulent boundary layer, this
introduction of turbulence from the belt wake explains the Ilk 8
approximately normal ieadings by the probe at low and 300 P F
high angles of attack in spite of the low values of R (< -

245). But attachment-line analysis using R calculaiions R 6' / -
does not explain the increase in Cf* at intermediate angles i /
of attack. Tv help explain this result, the possibility of 200 K
relaminarization is analyzed for the slat upper-surface max

4region. Relaminarization produces a significant reduction
in boundary-layer thickness, and this causes 'he Preston
probe to be only partially submersed in the boundary layer 100 Socid
as compared to being fully submersed in the turbulent case. Kma, Open 2
The end result is an increase in the total-pressure reading of
the Preston tube, ad therefore, an accompanying increase
in the value of Cf. 0 o 0

In figure 15, the maximum value for K along the upper- -2 0 2 4 6 8 10
surface inviscid streamline, as calculated from the measured a, deg
pressure distributions (assuming locally infinite swept
wing conditions), is also plotted. The results, examined (b) 6f = 400
first for the 40°-flap setting, indicate that relaminarization, Figure 15. Concluded.
based on K = 3 x 10-6. would occur for angles of attack
greater than approximately 2.50; a value that is in markedly Based on these results for the 40*-flap case, the use of thegood agreement with the onset angle of attack at ,which the relaminarization parameter. Kmax, appears to be sufficient
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to predict the occurrence of relaminarization in highly 4.2.2 Main-wing element flow characteristics
accelerated flows. However for the 15°-flap setting, the The main-wing pressure distributions are presented in more
results in figures 14 and 15 show that Kmax, a parameter detail in figure 16 for the 15*- and 40°-flap settings at
based on a local Reynolds number, is not adequate to fully several angles of attack. In both cases, there is a large
capture the flow physics of the relaminarization process for suction peak at the x/c = 0.12 location of the upper surface.

3-D flows. For the 15*-flap setting, the increase in Cf* A local flow acceleration was registered by the pressure belt

first occurred at approximately a - 70 and h = 20,000 ft and measurement at this location which corresponds to a
pressure port located just behind a notch (i.e., a forward

did not occur at all at h = 10,000 ft. The results of figure 15 facing step) in the ieading-edge surface. The notch in the
show that in this case Kmax values must be larger than airfoil contour is a result of the slat element retracting into

aproximately 6 x 10-6 for relaminarization to occur, the main-wing leading edge for cruise flight conditions.
Also, in this case, the demise of laminar flow at the Preston Large flow accelerations along the leading-edge upper
tube can be correlated with the development of the leading- surface make this region conducive to relaminarization as
edge suction peak. More detailed measurements using studied in the paper by Vijgen et al. 3  However, no
flush-mounted static pressure orifices and hot-film sensors instrumentation was available during these initial Phase-Il
are planned to further study the transition phenomena on experiments to measure the boundary-layer state ahead of
the slat (see section 6). the pressure r,,-.'rnum point. For the 40*-flap case, the

suction peak occurreo at about x/c = 0.036 which is ahead
- x=2 72' of the notch in the surface and creates a double-peaked

-7 - a=6.68o pressure distribution for most of the angles of attack
--- 0- _ = 939o shown.

-6 ---- = 13.46'

X-- a= 16.420 On the lower surface, the 6 most-aft pressure ports are
located on the spoiler lower surface in the wing cove

-5 Solid symboldenotes region. Note that the lower-surface flow apparently re-
lower surface attaches onto the spoiler lower surface as indicated by the

-4 high Cp value which is similar to the attachment-line value
near the leading edge. The influence of the slat lower-

C p -3 surface, separated-flow region on the main-wing element is
evidenced by the reduction in pressures in the lower-surface
nose region (x/cmain !5 0.20). For the 15°-flap setting, the
slat and main-wing elements form, in effect, a single
element at lower angles of attack. The slot between the slat

-1 and the main-wing element is very narrow (see Fig. 5),
causing the slat leading edge to function as the stagnation

0q region for both the slat and the main-wing elements in low-
and mid-range angles of attack.

1 Preston-tube skin-friction measurements for the main-wing
0element are presented in figure 17 for the 15*- and 40*-flap

X/CMain.wing cases as a function of angle of attack. Three upper-surface
and two lower-surface Preston tubes were attached to the(a) 16 = 15p main-wing element (see Figs. 6 and 7). The data indicated

Figure 16. Main-wing pressure distributions. high values of Cf* for probe no. IU in the 15°-flap case and

for probes IU, 2U. and 3U in the 40*-flap case. These high
------- .1.51° readings are indicative of the high flow velocities and thin

-7 0 t cE=2.47° boundary layers at those locations. Probe no. lU is located
= =7.70' just behind the notch in the leading-edge upper surface (see

-6 - cx=9 570 Fig. 7b). Also, in both cases, the lower-surface probe near

X a= 13380 the leading edge, probe no. IL, experienced low Cf* values

-5 Solid symbol denotes at low angles of attack. This result is indicative of the

lower surface lower-surface slat separation bubble at low angles of attack
-4 engulfing the main-wing leading-edge region on the lower

surface. At 40*-flap setting, the slat is deflected an
additional amount (see Figs. 5 and 7). For the 40*-flap

Cp -3, case, the Cf* values for the mid-chord location, probe no.
2U, and for the aft-chord location, probe no. 3U, exhibited

-2 higher values than those for the 15'-flap case. This result
correlateq with the widening of the slat gap, which allows

-1 higher velocity flows over this region.

0 4.2.3 Flap-element flow characteristics
A detailed study of the flap pressure distributions was

1 0-0.2_ _1- presented in the paper by Vijgen et al.3 ; therefore, only a
limited discussion will be presented herein. The fore-flap,

0 2 0.4 0 6 0.8 1 mid-flap, and aft-flap pressure distributions are shown in
X/ detail in figures 18, 19, and 20, respectively, for the 150-

S/1 -4Main-wing and 40*-flap settings and several angles of attack.
(b) 16 C 40e
Figure 16. Concluded.



•]1 21-12
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Figure 17. Main-wing Preston-tube measurements. Figure 18. Fore-flap pressure distributions.
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Figure 19. Mid-flap pressure distributions. Figure 20. Aft-flap pressure distributions.
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For the 15°-flap setting, increasing the angle of attack For the 40°-flap setting, the upper surface loading also
increased the upper-surface loading slightly while the increased slightly with increasing angle of attack except at
lower-surface pressures remained nearly unchanged. These the highest angle of attack shown (a = 13.38°). Flow
increases in loading for the fore-flap element are small separation near the trailing edge of the fore flap is indicated
compared to the increases for the slat and main-wing for all angles of attack shown except the lowest angle of
elements because the in-flow angle is predominantly fixed attack (ai = -1.51"). The flow separation is indicated by the
by the geometry of the flap system. No separation isindicated in the pressure distributions for the 15*-flap nearly constant pressure level near the trailing edge uppel

indiate inthepresur ditriutins or he 5*-lap surface of the fore flap starting at x/c - 0.80. At the
setting even at the highest angle of attack shown (a = surace of theafore flap1star0in a pnc ef.0 ct th
16.42"), although the decreasing trailing-edge pressures of highest angle of attck (av = 13.38t), a pronounced effect of
the aft flap are indicative of a thickening boundary layer a the separation is also observed on the mid-flap element.
higher angles of attack. Measurements of modified Preston-tubes located at the

trailing-edge of each flap element are presented in figure 21
0 FoefOp to further examine the occurrence of flow separation (see
a Md-nfap ref. 3 for Preston-tube locations on the flap). Preston-tube

0.005 0 Aft-flap measurements are presented as a function of angle of attack

for the 1IS- and 4 0 '-flap settings. Negative values of Cf*

0.004 indicate flow separation at the Preston-tube location. For
the 15-flap setting, no separation is indicated for the
angle of attack conditions measured. The higher readings
for the fore flap correspond to the higher velocities

0.003 •associated with the fore-flap flow. For the 4 0*-flap setting,
the Cf* values indicate separated flow on the fore flap for

Cf 0.002 angles of attack greater than approximately 00.

0.001 ~-

C.000

-001-4 0 4 8 12 16
a, dog

(a) bf =15*

Figure 21. Flap trailing-edge Preston-tube
measurements (from ref. 3). h =10,000 ft.-

o Fore-flap
o Mki-flap

0.005- 0 Aft-flap (a) 81 15*,a 9*
- Figure 22. In-flight tuft flow visualization.
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Figure 21. Concluded. Figure 22. Concluded.



Typical flow-visualization results are shown in figure 22 equation through a distribution of constant-strength source
for the 15*- and 40°-flap settings. For the 15°-flap setting, and vortex singularities distributed over the surface of each
the tuft photo (Fig. 22a) is shown with the aircraft at a - element. Compressibility effects are accounted for through
9*. Even at this relatively high-angle-of-attack condition, the Karman-Tsien compressibility correction. An
the flow on the flap surfaces appeared streamwise with no improved version of the Goradia integral, confluent
1,aiication ,f separation along the span between the flap- boundary-layer model is employed, allowing MCARF to
track fairings. For the 40°-flap setting, the tuft photo is predict the presence of separation bubbles as well as the
shown with the aircraft near the stick shaker speed (Vi onset of confluent boundary-layer separation. The basic

assumpdons of the confluent boundary-layer model are that
105 KIAS, ct - 7°) For this condition, the flow piatterns the static pressure normal to the element surface remains
showed generally attached flow on the flap system, constant, and that near the trailing edge of each element the
although, in the wake of the flap track fairings, localized confluent boundary layer has degenerated to an ordinary
unsteady and separated flow regions are evident. In the turbulent boundary layer. The potential- and viscous-flow
region of the pressure belt locations, the flow remained solutions are coupled through the boundary-layer
attached on the main wing and the flaps except for flow displacement thickness and solved iteratively. This
separation near the trailing edge of the fore-flap element, inviscid/viscous coupling precludes the analysis of flow
The tuft patterns of figure 22b indicate that flow separation regions with separation.
occurred over approximately the last 20 percent of the fore-
flap chord. The tuft patterns correlate well with the
previously discussed observations based on the pressure The MSES multi-element airfoil code3 7 ' 3 8 is a recently
distributions and Preston-tube results. Figure 22b also developed extension of the single-element ISES
indicates that the flow near the trailing edge of the aft flap compressible flow airfoil code3 9 .4 0 . The streamline-based
is on the verge of separation at this condition although the Euler equations and a two-equation integral boundary-layer
pressure distributions does not show incipient separation. formulation are solved simultaneously using a full Newton
Finally. the tuft patterns near the flap/aileron edge show iteration method. The initial streamline grid is generated
three-dimensional tip effects in the trailing-edge region of through the solution of a panel method at the specified
each flap element due to the flap-edge vortical flow field, angle of attack and is modified after each Newton iteration

as part of the solution. Displacement bodies based on the
S. COMPUTATIONAL ANALYSIS OF PRESSURE boundary-layer and wake displacement thicknesses are used
MEASUREMENTS to displace the element surface geometries and are
A limited computational analysis of the experimental incorporated into the solution after each iteration. This

pressure distributions at the span station of 7 = 0.53 is strong inviscid/viscous coupling procedure enables MSES
to predict the effects of laminar separation bubbles and

presented using two currently available 2-D computational other regions of limited flow separation on the pressure
methods. The current lack of fully 3-D viscous multi- distribution. MSES is formulated to account for the effects
element analysis methods makes the use of 2-D methods in of both asymmetric wake shapes and confluent boundary
conjunction with simple-sweep theory necessary for the layers, although a confluent boundary-layer model is not
analysis of 3-D high-lift systems. 3 3  The sectional included in the MSES version used here. 3 8

geometries used in the computational analyses, shown in
figure 5. have been smoothly faired in the cove areas of the
main-wing and mid-flap elements to facilitate the flow 5.2 Comparison with Flight Datacalulaion. I th prsen anlyss, impe-seep Results of the MCARF and MSES codes, modified as
calculations. In the present analysis, simple-sweep described previously, are compared to the flight-measured
theory34 is used to account for the (inviscid) sweep effects pressure distributions in figure 23. The comparison shows
on the pressure distributions, that the predicted pressure distributions are in reasonable

agreement with flight-measured pressures for flap settings
One of the major challenges in applying 2-D sectional of 150 and 400 at the angles of attack shown. For the 15*-
analysis methods to 3-D wing geometries is the flap setting, where no separation was predicted or
determination of the correct local angle of attack for input measured, the magnitudes of the flap element upper-surface
to the 2-4 ;aethods. For single-element wings at low pressures are slightly overpredicted. However, separated
angles of attack, where viscous effects are not dominant, flows in the lower slat-cove and along the main-wing
this may be accomplished in a relatively straightforward lower-surface leading edge are not well predicted, and the
manner by matching the predicted and experimental section suction peak near the forward-facing step on the main-wing
normal-force coefficients. In the case of multi-element upper surface is not predicted in the MCARF computations.
high-lift systems, however, the use of the sectional For the 40*-flap setting, where flow separation was
normal-force coefficient is not feasible due to the strong measured on the fore flap, the pressures over the fore flap
viscous interactions and the presence of confluent are substantially overpredicted. Although the flow
boundary layers and flow separation. In the results separation near the trailing edge is not modeled in MCARF
presented here, the local angle of attack was determined by calculations, the location of separation onset is predicted
matching the predicted and experimental upper-surface slat and is in agreement with the experimental separation
pressure distributions, location on the fore flap.3  In addition, pressures are

overpredicted for the leading-edge upper surfaces for all the
5.1 Description of Multi-Element Analysis elements aft of the slat. This overprediction of the
Codes pressures suggests that modeling of the confluent boundary
The MCARF (Multi-Component Airfoil) computer layers in MCARF as well as the present approximation of
code3 5 '3 6 is a widely-used aerodynamic analysis code for three-dimensional sweep effects is not adequate for the
2-D multi-element airfoils. It is a potential-flow panel complex high-lift geometry studied.
method and employs integral boundary-layer methods to
predict the viscous flow over multi-element airfoils. The
potential flow solution is obtained by solving Laplace's
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Figure 23. Comparison of predicted pressure distributions with flight measurements.
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The computational grin of the MSES code are presented in these flights, allowing instrumentation to be embedded in

figure 24 for the 4 0 *-flap setting. Figure 24a is the final the surfaces. A number of multi-chatnel ESP transducers
solution grid used by MSES to solve the Euler-flow will be used to obtain almost instantaneous pressure
equations and shows Lhe complex streamline patterns as readings at approximately 1200 pressure ports distributed
well as several dominant features of the solution. Most over several spanwise wing stations. The pressures will be
notable are the separated flow regions formed on the slat measured using flush-mounted orifices installed on the slat,
lower surface and near the trailing edge of the fore-flap. wing spoiler, and flap surfaces. Since the main-wing
Figure 24b is a magnified view of the solution grid in the element is used as a "wet wing" for fuel storage, pressure
region of the flap system and reveals small regions of belts are still needed to provide main-wing pressure
separation near the trailing edges of the mid and aft-flaps as distributions. Hot-film sensors will be installed along the
well as in the cove of the mid-flap. The flow over the fore- slat, main-wing, and fore-flap leading-edge surfaces to
flap appears to be separated over approximately the last detect transition, attachment-line, and separation
twenty percent of the surface at this condition. The characteristics. Boundary-layer rakes will be installed to
agreement of the measured and predicted separation near the determine the effect of slat wake on the main-wing flow in
fore-flap trailing edge indicates that the direct this phase of the research program.
inviscid/viscous coupling procedure used in MSES allows
reasonable modeling of the flow separation observed in
flight. The near-t onstant pressure near the trailing edge is Itsrpeur ot

predicted by the MSES code (see Fig. 23b). pressure belts
Preston tubes
boundary layer rakeasurface not-11is, belt

*ESP rnodule

L ->

(a) 5-element high-litt system Figure 25. Phase lib instrumentation plans.

Figure 24. MSES computational grid solution. 8• 400, Because of the large number of sensors, a comprehensive

a 9.570, RE- 11.2 million, M= 0.19. data-acquisition system for flight is being developed to
handle in real-time the large volume of pressure and hot-
film anemometer data for analysis purposes. A multi-
channel anemometer data acquisition system with digital

A / aays o te hgfeec b ndrly
/ /,"i, storage capability is planned in order to expedite the/i ', analysis of the high-frequency boundary-layer

//'/11/ measurements. In addition to instrumentation for flow
/ / '-V measurements, flow visualization is planned to provide
/ '/"' further understanding of the flow physics on the high-lift

system. Also, structural-deformation measurements will be
7/ ,.//, required to complete the correlation of flight data with

/ ground-based wind-tunnel and CFD results. Future in-flight
S , ' flow measurements from this research program should
,•,- provide currently unavailable flow details at full-scale
",<.- flight Reynolds numbers for correlation of ground-based
-- wind-tunnel results and a challenging validation test case

for CFD analysis, particularly in the modeling of 3-D
transitional and confluent boundary-layer and separation
phenomena.

7. CONCLUDING REMARKS
Flight experiments are being conducted as part of a multi-
phased subsonic transport high-lift research program for
correlation with ground-based wind-tunnel and

(b) flap flow characteristics computational results. The NASA Langley Transport
Figure 24. Concluded. Systems Research Vehicle (B737-100 aircraft) is used to

obtain in-flight flow characteristics at full-scale Reynolds
6. FLIGHT EXPERIMENT PLANS numbers to contribute to the understanding of 2-D and 3-D
Future flight experiments on the TSRV high-lift high-lift flows including attachment-line transition and
configuration are planned to provide measurements that relaminarization. confluent boundary-layer development,
address in detail several of the critical multi-element flow and flow separation characteristics. This paper summarizes
issues. Figure 25 illustrates the instrumentation for Phase- the test results to date of the high-lift flight research
IIB flight experiments planned in 1993. Slat, wing program on the TSRV as well as planned further flight
spoiler, and flap spare parts have been obtained for use in experiments.
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HIGH LIFT AND THE FORWARD SWEPT WING
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United States
ABSTRACT followed the envelope expansion and

was completed in December 1987. Drag
A broad overview of the X-29 Forward reduction during maneuvering exceeded
Swept Wing (FSW) Technology design goals by about 15 percent
Demonstrator Program traces the subsonically. Finally, Ship #1
aircraft's history from design testing provided evaluations of
through flight test. Brief handling qualities, military utility
descriptions of the aircraft and its and agility metrics below 20 degrees
flight control system provide insight angle of attack (AOA).
for evaluating this unique vehicle.
Wind tunnel design data substantiate Ship #2, which was modified to allow
theory and highlight potential high AOA testing, began flying in May
solutions to a more "missionized" 1989. Its spin chute was designed to
aircraft. Flight test results assist the pilot in regaining control
validate the X-29's wind tunnel data in the event of a departure from
base and provide for piloted controlled flight. Control surface
simulation of possible improvements tutorial lights mounted in the
for the specific X-29 technologies, cockpit assist in this task. The

flight control system software was
INTRODUCTION significantly modified in order to

best utilize the various surfaces in
The X-29 integrates several different controlling the aircraft in a post-
technologies into one airframe as stall environment. One g envelope
depicted in Figure 1. The expansion was completed to 66 degrees
aeroelastically tailored composite AOA and ten degrees sideslip.
wing covers cause the forward swept Accelerated entry high AOA expansion
wing to twist as it deflects, allowed all-axis maneuvering to 45
successfully delaying wing degrees. The inherent high-lift
divergence. The thin supercritical capability of the forward swept wing
airfoil, coupled with the discrete allowed the X-29 to roll at 70
variable camber produced by the degrees per second under
double-hinged full span flaperons, approximately 2g conditions at 30
provide optimum wing performance at degrees AOA. The military utility of
aLl flight conditions. The aircraft this vehicle is in a class by itself.
was designed for 35 percent static
instability (time to double amplitude AIRCRAFT AND FLIGHT CONTROL SYSTEM
of about 0.15 seconds) by use of a DESCRIPTION
close-coupled, variable incidence
canard. Without it the wing-body Two essentially identical X-29s were
combination is near-neutrally stable. designed and built by Grumman
The canard, which has an area about Aerospace Corporation, Bethpage, New
20 percent of the wing area, produces York. To reduce overall program
lift and its downwash delays flow costs, the Air Force supplied several
separation at the wing root. The major components of the aircraft to
three-surface pitch control--the Grumman. These included the F-5A
canard, flaperon, and strake flap--is forebody and nosegear; F-16 main
used by the digital fly-by-wire gear, actuators, airframe-mounted
flight control system to control an accessory drive and emergency power
otherwise unflyable unstable vehicle, unit; F-18 F404 engine; SR-71 HDP5301
The success of the X-29 really'rests flight control computers; and F-14
with the integration of these accelerometers and rate gyros. Use
technologies into a single of these time-proven components also
synergistic configuration built for increased the reliability of the
drag reduction in turning flight, flight vehicle.

Two X-29 aircraft were designed and The X-29 flight control system (FCS)
built. The first entered flight is a triplex digital fly-by-wire
testing in December 1984 and system with triplex analog backup (as
concluded in December 1988, shown in Figure 2). The fail-
completing 242 flights and over 200 op/fail-safe system used MIL-F-8785C
flight hours. The primary objective and MIL-F-9490D specifications as
of Ship #1 testing was to validate, design guides. Flying quality design
evaluate, and quantify the benefits goals were Level I for the primary
of the technologies on board, both digital mode and Level II for the
individually and collectively, analog back-up mode.
The first two years of Ship #1 Normal aircraft operation is
testing were primarily dedicated to accomplished through the normal

altitude and Mach number lg envelope digital (ND) mode with its associated
expansion. Performance testing functional options such as automatic



camber control (ACC), manual camber provides fcr better :oll coordinatlon
control (MCC), speed stability, at high AOA. Also assistinq in roll
precision approach control (PAC), and coordination is a rate-of-sideslip
direct electrical link (DEL). ND feedback to the rudder. Since
also contains options in its gain substantial wing rock was predicted
tables for power approach (PA), up- for the X-29 above 30 degrees angle
and-away (UA), and degraded of attack, a high gain roll rate-to-
operation, aileron feedback loop has been added

to compensate for the unstable
The normal digital mode has a pitch rolling moment coefficient due to
rate control law with gravity vector roll rate. For a more detailed
compensation, driving a discrete ACC description of the control system,
system. This mode is gain-scheduled see Reference 1.
as a function of Mach number and
altitude and incorporates a EVOLUTION OF THE X-29 CONFIGURATION
sophisticated redundancy management
system allowing fail-op/fail-safe The X-29 Forward Swept Wing
flight. MCC is a pilot-selected, Technology Demonstrator Program was
fixed flaperon sub-mode of ND used established to flight test an
for landing. The PAC function is a advanced air vehicle which
pilot-selected auto throttle system. incorporated forward sweep on the
The DEL function is a ground contact wing. Forward sweep was a well-known
control law set which is active when concept with fairly well-defined
any landing gear weight-on-wheel benefits, but because of the absence
relay is open. This function fades of certain enabling technologies, the
out the longitudinal forward loop concept had never been proven on a
integrator, allowing direct pilot high performance fighter. The
control of the canards during taxi, emergence of composites, and
take-off, or landing roll-out. Gain specifically their compatibility with
tables for degraded operation are aeroelastic tailoring, allowed a
activated by a failure of the lightweight, efficient solution for
Attitude Heading Reference System or delaying wing structural divergence.
any two of the three angle-of-attack
sensors. This function cannot be An aircraft wing is swept, either
pilot-selected, nor can it be exited forward or aft, to postpone the drag
in flight. Degraded normal digital rise associated with transonic
operation is the last option flight. It can easily be shown
available during sensor failures (Reference 2) that for an equal shock
prior to automatic down-moding to wave location, shock wave sweep, wing
analog reversion. taper ratio, aspect ratio, and area,

a forward swept wing has a lower
The analog reversion (AR) mode is the leading edge sweep than an equivalent
back-up flight control system, aft swept wing. The result is a
designed to bring the aircraft safely lower profile drag and a lower root
back to base. The AR mode provides a bending moment. Conversely, if the
highly reliable, dissimilar control two wings are designed to have the
mode to protect against generic same bending moments, the forward
digital control failures. It swept wing's aspect ratio increases,
incorporates UA and PA functions producing a further reduction of tne
similar to those of the ND mode. AR induced drag. These points are
contains no longitudinal trim illustrated in Reference 2 and
capability or pitch loop gain reproduced here for convenience as
compensation with dynamic pressure Figures 3 and 4.
while the aircraft is on the ground.
In all other aspects, it performs In addition to the transonic
like the ND control system. efficiency provided by an FSW, it

proves to be a good performer in the
The Ship #2 flight control laws were near- and post-stall region of
modified to permit all-axis flight. Unlike an aft swept wing
maneuvering to 40 degrees AOA, and where flow separation starts at the
pitch-only maneuvering to as high as wing tips and may cause control
70 degrees AOA. Below 10 degrees, degradation, 'low separation on an
the control laws are identical to FSW originates near the wing root and
those last flown on Ship #1. Between proceeds outboard with the wing tips
10 and 20 degrees, the high AOA and ailerons maintaining flow
modifications are faded in until attachment longest. The addition of
above 20 degrees they are fully canards on the X-29 enhances the
functional, lifting performance of the FSW by

providing a downwash on the largest
The high AOA changes are fairly surface area region of the wing,
simple. A spin prevention logic is delaying separation in that zone.
active above 40 degrees or below Upper surface pressures showed that
minus 25 degrees AOA with increasing separation actually originated just
yaw rate. The logic increases the outboard of the canard tip butt line
authority of both the rudder pedals and proceeded both inboard and
and lateral stick and disconnects all outboard from there. Wing separation
other lateral/directional feedbacks. is delayed in the shadow of the
Besides the spin prevention logic, an canard until the lightly-loaded
aileron-to-rudder interconnect canard itself begins to separate.



The close-coupled, variable-incidence polar. The appropriate flaperon
canard on the X-29 provides positions were then scheduled with
additional benefits. Its large area angle of attack to dchieve this
(20 percent of the wing) contributes polar.
significant pitching moment and
direct lift with small deflections. HIGH LIFT DEVICE INVESTIGATION
This contributes trim lift without
significant trim drag and enhances Early in the design process for the
the maneuverability of the X-29. The X-29, an effcrt w"s undertaken to
canards and FSW were specifically investigate various high lift schemes
optimized to produce minimum induced which might be beneficial to a
and profile drag over the X-29 low supercritical forward swept wing and
AOA flight envelope, canard configuration. Reference 4

provides the details cf this wind
The addition of close-coupled canards tunnel study. A moderately cambered
on the near-neutrally stable wing- canard was tested. Two wing leading
body combination of the X-29 makes edge devices were examined as well as
the aircraft up to 35 percent two trailing edge devices. These
statically unstable. Figure 5 from particular devices were generall,
Reference 3 shows significant relaxed accepted a. producing the best hah
static stability (RSS) at all lift performance on aft swept wings.
subsonic Mach numbers, with stability
returning at about Mach 1.3. By The remotely driven canards were
using the RSS to keep the canard from fitted with detachable leading ano
overloading and helping to produce trailing edge flap pieces in order to
positive lift to trim, high levels of increase the camber of the baseline
trimmed lift are maintained through low camber airfoil. The carard was
the maximum lift coefficient for the movable 20 degrees trailing edge down
configuration. By employing RSS, the and 40 degrees trailing edge up.
variable incidence canard can unload Leading edge flap extensions were
at very high angles of attack, provided for 0, 5, and 10 degrees
providing the pitching moment down; trailing edge extensions were
necessary to recover to level flight. 0, 10, and 20 degrees down. The test

data indicated that canard lift
The final consideration in the effectiveness was independent of wing
evolution of the X-29 configuration leading and trailing edge devices
was the concept of optimizing the over the -4 to 22 degree angle-of-
wing profile for maximizing attack range and -4 to 16 degree
efficiency over all regions of the sideslip angles tested. Canard
flight envelope. This, of course, camber always provided a positive
requires variable camber. The lift increment, but in conjunction
simplest, most cost-effective method with a Krueger flap on the wing it
of producing variable camber on a reduced pitching moment effectiveness
thin supercritical airfoil is with at low angles of attack. The results
leading and/or trailing edge devices. clcarly showed benefits from canard
Various wind tunnel tests were variable camber, but when the added
conducted to ascertain the most complexity of incorporating movable
appropriate configuration. The next leading and trailing edge surfaces
section of this paper will provide was considered, the final X-29
details of this overall effort. Here configuration used a single low
I will discuss only the concept that camber, all-movable canard.
was actually adopted for the
X-29. The wing extensions examined in the

wind tunnel study were a Krueger
The discrete variable camber system flap, a leading edge slat, a single
on the X-29 consists of double-hinged slotted extensible flap, and a double
full span flaperons. The flight slotted extensible flap. These
control system has a manual camber devices are shown ir Figures 7 and 8.
control (MCC) mode wherein the The Krueger flap had a 50 degree
flaperons can be set at a discrete angle of incidence, while the slat
setting by the pilot. The MCC mode was designed for 15 and 29 deirees.
was utilized to obtain aircraft The single slotted flap was
performance at a fixed flight adjustable in increments of 20, 30,
condition over a range of wing and 40 degrees down. The double
camber. The automatic camber control slotted flap had a fixed 20 degree
(ACC) mode was used to optimize the deflection on the first flap and
wing's performance over all flight incremental settings of 20, 30, and
conditions. In the ACC mode, the 40 degrees relative to the first
flight control computers used real flap.
time air data to adjust the flaperon
settings according to a prescribed Figure 9 provides the lift
schedule. Figure 6 shows coefficient results for a plain flap,
schematically how the ACC scheduling a configuration quite similar to the
was derived from MCC results. Wind actual aircraft hardware. Integral
tunnel-derived drag polars were to both curves are the effects of
plotted for specific flaperon canard and wing stall. The 25 degree
settings. The dashed line, faired flap deflection significantly
tangentially across the polars, then increases lift. It also accentuates
defined an optimum variable camber the separated flow effects on the
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canard-wing combination. degre:es, the ACC schedule was nDt
4orrectly optimized for lift and

Figures 10 and 11 give the lift drag.
performance for the single and double
slotted flap in combination with the The manual camber control mode ot the
two leading edge devices. In all flight control system was also
cases, the improvements were utilized during performance testing.
significant. The best combination in Figure 13 shows both MCC and ACC
this test was the Krueger flap plus flight data at 0.90 Fich number and
the double slotted trailing edge flap 30,000 feet. As is evident, the ACC
resulting in an improved lift scheduling did an excellent job of
coefficient of about 70 percent. optimizing the discrete camber
However, it is clearly evident from polars. The MCC uses fixed flaperon
the data that thw leading edge settings tj achieve discrete values
devices lead to total separation and of wing zamber.
loss of lift in the 15 to 20 degree
angle-of-attack range. Only the To complete this low angle of attack
trailing edge flaps acting alone are performar.ce analysis, let's look at
suitable for the hig?% angle-of-attack -he opposition. Figures 14 through
regime in up-and-away flight. The 16 provide aeroperformance
leading edge devices excel in the comparisons between the X-29 and a
power approach mode of flight, current high performance fighter. No

attempt has been made to normalize
AIRCRAFT PERFORMANCE the data or optimize either aircraft.

It is simply an aircraft-to-airc-aft
The lift and drag characteristics of snapshot. The induced drag pol : s
the X-29 were determined by presented show a consistent trend.
performing push-over, pull-up (POPU) The polar shape of the X-29 has been
and wind-up turn (WUT) maneuvers at greatly improved. Although the X-29
constant power settings. POPU was specifically optimized for a 0.95
maneuvers were used to obtai- data lift coefficient at 0.9 Mach number
for load factors under 2 g's and the and 30,00u feet, the imrrovement
WUT maneuvers for 2 g's and above, exists through its entire performance
Data was obtained for angles of range.
attack up to 20 degrees and for
symmetric load factors up to 6.4 g's while these comparisons show a
as corrected to 15,000 pounds gross significant advantage to the X-Zi,
aircraft weight. Both the automatic the X-29's lift-to-induced drag
camber control ant manual camber performance is far superior to its
control options of the normal digital lift-to-tocal drag performance. This
mode of the flight control system is explainable by the fact that the
were investigated. X-29 was put together from many

pieces and parts. This resulted in a
Drag polars were acquired for 0.4 to rather large profile drag for the
1.3 Mach numbers. The polars were aircraft. However, at 0.95 lift
compared to wind tunnel predictions coefficient, 0.9 Mach nimber and
which also used the ACC control 30,000 feet altitude, the X-29 excels
surface schedules. In general, in spite of its high profile drag.
subsonic and transonic flight test In the fighter-class arena,
results showed lower drag performance of the X-29 is
coefficients than predicted. impressive.
Supersonically the test data either
matched predictions closely or showed MANNED SIMULATOR PREDICTIONS
higher drag coefficients. The
highest lift coefficient reached in One of the fundamental
flight on Ship #i was 1.63 at 0.4 characteristics of a forward swept
Mach number. This was a result of wing is its ability to achieve
the conservative angle of attack (15 relatively high angles of incidence
degrees) and load factor (6.4 g) before the wing totally separates.
limitations imposed on the a'rcraft. Once the aircraft has entered post-
These restrictions were later stall fligh, its lifting performance
relaxed, but a repeat of the is highly dependent on the
performance measurements was not interactions of the wing's wake
accomplished, region and disturbances from other

portions of the aircraft. In the
Shown in Figure 12 is the comparison case of an aft-swept wing with high
between a wind-tunnel-predicted drag lift devices such as those on the
polar and the actual flight-derived F-18, fuselage, LEX and leading edge
polar at 0.9 Mach and 30,000 feet flap influences are swept generally
pressure altitude. The wind tunnel outboard, adding additional
data clearly over-predicted drag. turbulence to the wing's wake (Figure
Note the break in the curve which 17, reproduced from Reference 5).
corresponds to an angle of attack of The forward swept wing of the X-29,
about seven degrees. It happened without additional high lift devices,
that the scheduled canard position is able to avoid additional
reversed direction and the flaperon interactive turbulence since its wing
position schedule reached a limit tips are always in clear air.
simultaneously. This would suggest Without these additional influences,
that at angles of attack below seven the turbulent detached flow is able



to reattach itself, in a reverse magnitude improve when moving the
direction, over a rather large foui c.g. aft. Although an improv-d
foot section of the wing at 30 control surfe e ichedule and a oý:e
degrees AOA. This is shown in Figure aft center of gravity produce lift
18, reproduced from Reference 6. benefits, care must be taken to avoid
This suggests additional lift, making canard saturation ano subsequent loss
the X-29 a natural hijh lift, high of pitch authority neeued to recover
angle-of-attack aircraft, the aircraft to low angle of attack.

Continuing this theme of increased CONCLUDING REMARKS
capability of a forward swept wing
configuration, what c:an be done to The X-29 with its lorward swept wing
further improve the (-29's has been shown to be an inherently
performance? Although the X-29 Ship high lift aircraft. h winl tunnel
#2 was not specifically instrumented study of c,.nard and %.ing high lift
to directly determirLe the lift-drag devices was reported. Flight tests
performance at high AOA (the of the unique X-29 design have been
propulsive thrust measurement system performed at high and low angles of
had been removed fron. the engine), attack using both test aircraft. The
the aircraf* flight-velidated math drag reduction design goals of the X-
model was sufficiently mature to 29 weie demonstrated below 20 degrees
provide accurate manned simulation using Ship #1, while the high angle
nredictions. of attack cap bility of the forward

swept wing design was explored using
Figures 19-22 show the results of a -. ip #2. A flight validated math
canard optimization study for the mcdel was used in the X-29 manned
very high AOA regime. With flaperon simulator to show that improvements
ind strake deflections defined and in overall aircraft performance were
fixed, a unique trimmed canard possible t!rough a simple
schedule exists at the prescribed rescheduling of the flight control
flight conditions. These schedules surfaces. This forward swept wing
are shown in Figure 19. Also shown canarded configuration has proven
are two ACC canard schedules which aerodynamically superior to all
bracket the usable center of gravity current high performance fighters.
range for the aircraft. The ACC
schedules were established early on REFERENCES
in the program and were intendee to
be the most efficient at producing 1. Pellicano, et 'il, "X-29 High
lift and pitching moment while at the Angle-of-Attaci Flight Test
same time provi.ding a margin of Procedures, Results, and Lessons
safety suitable for a highly unstable Learned, "Society of Flight Test
aircraft. Only for the plus 30 Engineers 21st Symposium, August
degree strake deflection did the 1990.
canard achieve positive deflection
(trailing edge down). This was its 2. Frei, D., and Moore, M., "The X-29
most highly loaded schedule. - A Unique and Innovative

Aerodynamic Concept," SAE
With all three control surfaces Aerospace Technology Conference
lifting, the lift curve should show a and Exposition, October 1985.
large improvement over all other
combinations presented. However, 3. Walchli, L., "X-29: Longitudinal
Figure 20 shows that this only holds Instablilty At High Angle of
true above 23 degrees AOA. Based on Attack," AGARD Guidance and
the lift curves of the various Control Panel Workshop On
combinations, a more efficient Stability In Aerospace Systems,
scheduling of the control surfaces 23-26 June 1992.
would result from using the original
ACC below about 21 degrees AOA and 4. 7rei, D., "Forward Sweep Wing
then transitioning to a higher canard Technology Integration and
loading. Evaluation Study - Task 18 and 19

- i.igh Lift Systems
Such a solution would, of course, Investigation," AFWAL TR-81-3024,
increase overall drag on the January 1981.
aircraft. Figure 21 confirms that
canard loading has increased since 5. Fisher, et al, "In-Flight Flow
additional drag begins to occur above Visualization Characteristics of
20 degrees AOA. But Figure 22 shows the NASA F-18 High Alpha Research
clearly that this solution results in Vehicle at H.gh Angles of AttL;K,"
a net improvement in the drag polar NASA TM 4193, May 1990.
above 23 degrees AOA, allowing for
improved turning performance. CL 6. Tate, B., "Surface Flow
improves almost ten percent over the Visualization - Interim Report,"
baseline ACC. unpublished, circa Fall 1990.

The ACC curve for an aircraft center
of gravity of 453.9 inches exhibits
the benefit of relaxed static
stability. For the case presented,
both the lift curve shape and
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FIGURE 1. X-29 TECHNOLOGIES

FIGURE 2. X-29 FLIGHT CONTROL SYSTEM
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A FAST COMPUTING METHOD FOR THE FLOW OVER HIGH-LIFT WINGS

K.Jacob
German Aerospace Research Establishment (DLR)

Institute of Theoretical Fluid Mechanics
Bunsenstr. 10, 3400 Goettingen, Germany

SUMMERY S starting point of rear separation re-
gion at upper surface

A quasi-3-dimensional method for analysing the T starting point of rear separation at
viscous steady subsonri flow over wings with flaps lower surface, close to trailing edge
for high lift is briefly presented. The total iterative U point on upper boundary of rear sep-
procedure combines a 3-dimensional inviscid lifting aration region, see fig. 4
surface theory with a 2-dimensional surface-singu- al flow vegio n d free 4
larity method for analysing multi-element airfoils in V** local flow velocity and free stream
a curved basic flow field. This method also includes velocity
boundary layer calculations and a model for rear Vt(sj) vortex distribution on airfoil surface
separation. Also, small compressibility effects are - tangential component of flow ve-
accounted for by simple corrections, and ground ef- locity
fects are included by means of the reflected image Vn(sj) source distribution on airfoil surface
technique. -- normal component of flow veloci-

ty
First attempts to validate the method by a few theo- w velocity, induced by a vortex system
ry-experiment comparisons are reported. The results X, Y, Z Cartesian coordinate system of theare encouraging but more experimental data are wing, fig. 2
needed for a thorough validation. The computing a angle of attack of an airfoil section
time requirements of the method are modest. a*, a** effective basic flow angles at trailing

LIST OF SYMBOLS edge and quarter chord point
ag wing incidence

Bvr. Cv, influence coefficients in eq. 2 dimensionless quantities related to
c chord of airfoil local lift and pitching moment ac-
CL,CD,CM lift-, drag-, and pitching moment coeffi- cording to eqs. 2a

cients of the total wing 8f flap deflection angle
cl,cd,cm lift-, drag-, and pitching moment coeffi- OB potential function of basic flow field

cients of an airfoil section T1 non-dimensional spanwise distance Y/s
cp pressure coefficient (p-p..)/(V2**p/2) A aspect ratio
f damping factor in eq. u
hD ground distance in fig. I2 Subscripts and superscripts:
L reference length for a wing; usually

chord of center section with flaps re- B basic flow
tracted 2-d two-dimensional

M number of wing sections in the Trucken- ef effective
brodt method v, n at section No. v resp. n

M_* or Ma-.free-stream Mach number * trailing edge
p static pressure **quarter chord point
Re** Reynolds number, based on V_, and L
r straight distance between two points
s wing semi-span
sj co-ordinate along Si
Sj surface of airfoil element No. j
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1. INTRODUCTION crease when the wing approaches the ground.
Eventhough the most accurate solution for such

Safety and economy at take-off and landing of an complicated 3-d flow might be obtained with Navi-
aircraft are dependant on the quality of the high lift er-Stokes methods, for reasons of economy and fea-
system of the wing. This consists of various extend- sibility these methods are not considered here.
ed flaps, by which the lift coefficient CL can be in- Instead, we use a combination of available, ap-
crased considerably, thus enabling the wing to proved, economical 2-d and 3-d methods, try to in-
maintain sufficient lift L-cL V,2at low speed V.. elude the essential flow features, but also accept

some simplifications and restrictions.
For the design of good high lift systems engineers
need very extensive testing or a good and fairly fast At a wing of high aspect ratio and low sweep the
computing method for the flow around multi-corn- flow around a wing section is approximately 2-di-
ponent wings. The most important features of such mensional. But, contrary to the rectangular infinite
a flow are the complexity of the geometry and the wing, thN effect; ve bask. flow field at each sectiorn oif
importance of viscosity effects, including flow sep- a general finite wing is not identical with the on-
aration. coming parallel flow. It is somewhat changed, be-

cause the different vortex systems of the finite wing
A good review of existing methods has been given and the infinite wing induce different velocities.
recently in ref. 1. The development of "coupled sep- The difference of these velocities has to be added to
arated flow methods" for multi-element airfoils the oncoming flow to give the effective basic flow
started in the 70th (refs. 2,3,4). Some progress with for a 2-dimensional calculation at a section. (-ener-
those methods has been achieved since (e.g. refs. ally, this basic flow is curved and the average angle
5,6,7,8) and recently several authors dealt with ap- of attack is smaller than the wing incidence.
plying Navier-Stokes methods to multi-element air-
foils (e.g. refs. 9,10). But none of these methods is If the effective basic flow field is known, the span-
perfect and all are limited to 2-dimensional flow. wise lift, pitching moment and drag distributions

can be computed by applying a 2-d viscous flow
Can 2-dimensional methods, even if further im- method for multi-element airfoils to each section.
proved, be a real help for the design of a 3-dimen- On the other hand, with a known lift and moment
sional wing? With this important question in mind, distribution, the induced velocities and thus the ef-
a quasi-3-dimensional method has been designed, fective basic flow at each section can be computed
combining 2-d viscous flow calculations for the approximately by a reverse application of a 3-d lift-
wing sections with a 3-d lifting surface method for ing surface method. Therefore, both methods are
taking account of the essential effects of the trailing applied by turns, starting with a first approximation
vortices. First the method was worked out and test- for the spanwise lit and moment distribution and
ed for clean wings only (ref. 11) and recently it has computing the converged lift distribution by itera-
been extended to wings with flaps by H.N.V. Dutt tion. The total procedure is roughly sketched in
and the author (ref. 12). In the present paper this figure I and the main components are treated briefly
method will be explained briefly and some results in the next chapters.
will be shown and discussed.

2.2 3-dimensional lifting surface method
2. QUASI-3-DIMENSIONAL COMPUTING

METHOD The method used at present for the 3-d calculations
is the well known lifting surface method of Mul-

2.1 Over-all concept thopp and Truckenbrodt (ref. 13) with Hummel's
extension for including the ground effect by reflect-

In order to develop an economical computing meth- ed image technique (ref. 14).
od to support the aerodynamic design of high-lift
systems for civil aircrafts, one has to consider the This method uses horseshoe vortices in the wing
flow around multi-component wings of moderate to projection plane (figure 2) with a continuous 2-pa-
high aspect ratio, operating at low speed and high rameter vortex distribution in the chordwise direc-
lift coefficient. For such a flow it is crucial to take tion and a spanwise discretisation with M wing
account of viscosity effects, including partial sepa- sections at
ration. At take-off and landing also ground effects
may be important causing sometimes lift de- = Yv/s = cos(ivl(M+ l)),v = 1,2,...,M. (1)



23-3

The law of Biot-Savart leads to linear equations
for the induced velocities wiv at the trailing

input of wing geometry and flow data edge and w**v at the quarter chord points of
and preliminary calculations these sections:4 M

-v/V_= Y (B;. yc,. •.)

first approximation of spanwise =
lift and moment distribution

and (2)
M

W . X (B** y+C':. g.), v = 1,2,....M._•reverse application of A= 1

3-D LIFTING SURFACE THEORY

(Inviscid, inorepressible) Here the y and It are closely related to the local
lift and moment coefficients cI and cm, name!y

I y= c C LVef X (4s V_)
effective basic flow read next

at each section incidence and (2a)

i g. = c., LV , 1 4 I (4 s V_)

2-0 MULTI-ELEMENT AIRFOIL THEORY and the coefficients B*vn thru C**vn are determined
(inc . boundary layero separation. by the geometry of the wing projection and the num-

comresibliy),aplidtechecio ber of sections M. In case of ground effect they also4 depend on ground distance and incidence.

spanwise lift and moment distribution The normal application of the method consists ofI determining the velocities to be induced, from the
final calculations "equivalent thin airfoil" geometry at each section,

no converged ?_ yes • output for present and then computing the values of y and g± by solving
wing incidence the system of linear equations (2). For more details

see ref. 11.
In our total procedure (fig. 1) the lifting surface

Fig. I Sketch of total procedure method is used in the normal way only once in the
beginning, to get a first approximation to y and g.
Within the iteration loop it is used only in a reverse
way, i.e. finding the induced velocities w*v and

tV." w**v from known approximations to y and g. by

i-- Ssimple matrix-vector multiplication.

-Y, y Then, the effective basic flow velocities at quarter
' *P." I chord and trailing edge of wing section No. v are ob-

I I tained by vector addition:

hor~~hoeV, = _ + W:_2-dv

and (3)
rool w"fl projeCtion plonm X-Y

V: = v. + -W _-dyv

Fig. 2 A multi-component wing geometry, with w2 _, , meaning the veloctiy vector induced by
vortices and some notations the vortex lines of the infinite rectangular wing (2-d)

with the section No. v and constant y = yv and g =
Jiv. The formulas for evaluating the basic flow ve-
locities are given in detail in ref. 11.LI
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Genrally, the resulting basic flow velocities will V."

have somewhat different directions at quarter chord , x

and trailing edge. So the basic flow field for the sub-
sequent 2-d calculation is no longer parallel but

curved. At present this flow is approximated by a
circular flow, produced by a remote vortex of proper P "

strength and position (see f .ure 3 .

2.3 2-dimensional multi-element airfoil -
method

For analysing the approximately 2-dimensional, vis-
cous flow around the multi-element airfoils at the
wing sections, the author's method (ref. 2) is used,
with the extensions for multiple separation (ref. 6), r 2flrwV"
ground effect (ref. 15) and curved basic flow (ref. Fig. 3 Airfoil section in a curved basic flow
16). Given below is a very brief presentation of the field, induced by a distant single vortex
essentials of the method only.

The flow field around a multi-element airfoil is di-
vided into different regions (see figure 4). The outer /
inviscid flow is treated by a surface-singularity tech- \U !04 A0. ,

nique, using a vortex distribution v,(s) on the sur-T
face S of each element. In addition, source distribu-
tions v,(s) are used to simulate displacement effects
of boundary layers, wakes and separated flow re- -$oSLAT W I N G FLAP

gions, via the "transpiration method". For the a - o
boundary layers Rotta's integral method (ref. 17) is -, R 1.8.106

applied, and small compressibility effects are ac- M .2

counted for by a simple correction applied to the 6

surface pressure distribution of the incompressible
flow ( see ref. 11, page 23).

For the inviscid incompressible flow with a basic b
flow potential ft the kinematic flow condition leads
to the following system of coupled linear integral -0i a o6z O's 08 o.0 1.2

equations 
/C

Vts) f In rss" 3-etement oirfoi systemS- I s , --- f, ! ý n r ( s, v • , s = R, ) , .( .

with (4) 4

( J f I (- n r (ss,) ds, ,'lS,)= (3k) + al". 1
j=1 Si

with k=l ,2,...,N for an airfoil system with N ele-
ments. Here, t and n indicate the directions tangen- 3le con

tial resp. normal to the airfoil surface. Fig. 4 2-dimensional 3-element landing con-
Accounting for ground effect via reflected image figuration with different flow regions.

technique leads to extending eqs. 4 by additional Pressure distribution and lift-, drag- and
terms (see ref. 12, page 9). moment coefficients from theory and

experiment.
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From eqs. (4), after some transformation and discre- ities in the wake see ref. 6 and 21.

tisation, v, can be computed numerically, if the basic
flow (4B) and the source distributions v, are given Apart from the relative simple wake model, our
and if one condition is added for each airfoil element present method contains some more simplifications:

to fix its circulation (Kutta condition or specified closed separation bubbles at the lower surfaces of
circulation F ). the slat and the main element are simply replaced by
Solving eqs. (4) for different right hand sides and estimated contour fairings. Small compressibility
different additional conditions, a set of "fundamen- effects are postulated, and possible confluence of
tal flow solutions" can be obtained. Then, by super- boundary layers and wakes is not yet accounted for.
position, a flow can be constructed, which contains Nevertheless, as can be seen from fig. 4, the method
a simulated separated flow region. This is demon- gives good results with respect to lift and pitching
strated in 5 for the simplest case of parallel moment, as long as rear separation is limited to the
basic flow and sources on the rearmost element only. flap, i.e. below maximum lift. However, drag pre-
(For curved basic flow a solution with the 4 'B of that dictior is not yet satisfactory.
flow has to replace solutions (a1 , a2)). 2.4 Some details of the total procedure

(a•)Porallel basic flow in (biCirculatory flow around one

_ x -direction + of the airfoils Input and preliminary calculations (see fig. 1).

The wing geometry shall be given by stareawise
v,=0 wing sections at a sufficient number of spanwise

stations, e.g. 8 "input stations" on the half wing in
÷V.°g figure 6. Their number and distribution shall be such

(o2)Parallel basic flow in (dlOutflow from one of the that the data of intermediate sections can be found

S z-direction t by simple interpolations. For the M "Truckenbrodt
Sstations", defined by eq. (1), the geometric data are

then to be prepared, including the influence matrices
I B* thru C**. Also the aerodynamic characteristics

el(cc) etc. of all sections are now computed for givenI I I."v48.0 Rzynolds and Mach number, assuming parallel ba-
sic flow. Finally, normal application of the lifting
surface method gives a first approximation to y and

X

-- •T I.
"•" ~ ~PS =$U=PT l>

flwwt oe o ra eaain() I i I II
Fig. 5 Four fundamental flow solutions and . L I I Iflow with model for rear separation.

For the separated flow region an isobaric model is I I I
I II

adopted, obtained approximately by demanding I I

equal pressure at the points S, T, and U. This can be x
achieved by finding proper weight factors for the Semi span = 4L. Aspect ratio = 7.878

fundamental solutions (b) and (d). Airfoil: inboard GAW)-I + 30% Fowler flap
outboard -GA W)-1 clean

So far a potential flow with a rear separation model
can be found for any position of the starting point S. Fig. 6 Geometry of part span Fowler flap con-
But to be physically realistic S must just be the figuration (for flap deflection 8f = 100).
boundary layer separation point of this flow. To find
the right position of S the potential flow calculations Iterations:
and subsequent boundary layer calculations are ex- For reasons of economy the inner iteration loop in
ecuted for various positions of S. starting near the fig. I is used in two different versions. First the 2-d
trailing edge and moving S upstream until the result- calculations are replaced by simply interpolating the
ing separation point coincides with S. lift coefficients etc. from the pre-calculated aerody-
For extending the method to multiple separation namic characteristics, neglecting the curved basic
and for refining the wake model by adding singular-
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part $pen FoIe fi"Op CWnt,9actar t
flow effect. Here the effective parallel basic flow is 00 ...- 02 .Re22,1' 06 a.

taken to be defined by

V. = V** and a, = (a +2a*)/3 (5) Syr.roi Damping No it• factotr fte~aro r~s

003 -4- 0.10 7

An improved approximation for the lift distribution Q20 6
I - - Q0.25

can thus be obtained quickly with about 20 fast iter- - 030 ,
ations. Then, starting from this approximation and Q35 deged

applying now the full 2-d calculations with curved \. o.0 deigeo

basic flow, the final lift distribution etc. can be oh- oD\\
tained with only a few of these comparatively ex-/
pensive iterations./

In both phases of the iteration process it turned out -

to be important to apply smoothing and damping to o.0, .- /
the intermediate results and to take care for a smooth
transition to zero at the wing tip. Especially the --- 7
damping factor for the "curved basic flow iteration" oW5
can have a considerable effect on the convergence
history, as demonstrated in.fig2 7. Here the damp- 00 I 7

ing factor f is defined by 3 ' 6 a
NOof terotions

"i • ' -+/.(f i 7i (6)

with y ibeing the result of the i-th iteration. Figure 7 Fig. 7 Effect of damping factor on con-

shows best convergence with f = 0.30, but diver- vergence history

gence with too high f. Part span Fowler flop configurotion. 6f = 40oNo of input stations 8. damping fctor 025

Final calculations and output: M. =0 2 .Re 2 2x0' 1' 8.
Oag =4. o-

Finally the coefficients CL, CD, CM for the total lift, -o66- -- __

drag and moment of the wing are found by integra- CM
tion of the spanwise distributions, taking account of 0 _2_ _

the different local directions of lift and drag, for ex- I
ample

+1 -058--

CL A .f'[ y (T)-s(a -a )-

-1 018
(7) c

-5(1i)sin (a a-a,)] (VI/ V -.)drI ( 0.1- '"_ ____4- -,

with 8 = cd L Vef/ (4s V,.) being related to the drag.
010_ _

Now, all results of the last iteration are available for
output, including the chordwise pressure distribu-
tions at the wing sections.

CL
At the end it may be mentioned, that the inviscid lift- f . -a
ing surface method gives good first approximations I

to y and gI only for low wing incidence ctg. The com- ¶2

puting time per case can be reduced considerably if
the computation is done for a whole series of oa-val- 1.0.
ues, starting with a moderate N8 , increasing cag step- 0'
wise and using always the converged y and g of the 2

previous ag as first approximation for the next one.
Thus all the preliminary calculations have to be car- Fig. 8 Effect of number of "Truckenbrodt-
ried out only once and there are always reasonable stations"M on converged values of
first approximations. CL, CD, CM-



3. SOME RESULTS Next, figure 9 shows that the final results can be
somewhat affected by the choice of the input sta-

Before trying to validate the method by comparing tions. With stations No. 4 and 5 being positioned

computed and experimental results, some computa- nearer to the geometric discontinuity (flap tip at rl =

tional studies were carried out to see how conver- 0.50). the y-distribution drops more sharply and the

gence and final results are affected by the choice of total lift coefficient CL is slightly reduced. Recom-

various parameters. mendations for favourable positions of the input sta-
tions can be given only after comparing with

For the wing configuration of fig. 6 the effect of experimental distributions, carefully measured es-

damping factor f on convergence history has been pecially in the vicinity of geometric discontinuities.-

shown in fig. 7. The effect of the chosen number of The preliminary tests with the wing of fig. 6 are

"Truckenbrodt-stations" M on the final force coeffi- concluded by comparing our results for a low flap

cients of the wing is demonstrated in•fipgre8. From deflection and a low incidence with the results of an

these and other examples we found that f= 0.25 and inviscid vortex lattice method (ref. 18). Figure 10

M > 40 can be recommended. contains the y-curves and the values of the total lift

015- coefficient CL. As expected, our viscous method
gives somewhat reduced lift.

Port span Fowler flop configuration. 6 20*
M. .02 Re= 22.10 %z 8-*,M = 47

01C input resulting

005

- No. and position of input stoti

000~~ 021417Lbo

000 • b
0,00 0'25 0,50 9 - 0"75 i.00

Fig. 9 Variation of spanwise 7-distribution with altered positions of the input stations.

015
Part span Fowler flap configuration, = 10*

M.= 0.2, ag = 40

9 vortex lattice method, inviscid; CL = 1.025

--- 0--- present method with Re =2.2 x 107; cL = 0.950

005"

00
0.25 050 075 10

Fig. 10 Comparison of spanwise y-distributions, computed by inviscid vortex lattice method
and present viscous method.
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The first comparisons of theoretical results with ex- is most important at wing regions with a strong
periments were carried out for the simplest case, a spanwise lift gradient.
clean rectangular wing of aspect ratio 3.1, shown in In figure 12 the lift characteristics are shown for the
figure 11. For this wing detailed measurements are airfoil section (A = o0) and for the wing (A = 3. 1)
available in ref. 19, including high angles of attack with and without ground effect (hD/L = 0.33 resp.
with partial flow separation. The measured pressure -o). In all cases theory and experiment compare
distributions compare fairly well with the results of well, including maximum lift. Finally, in figure 13
the "advanced method", which contains the calcula- the ground effect was investigated in more detail.
tions with curved basic flow. The curved flow effect Besides fair prediction of all aerodynamic charac-

Rectonqut,:ir Y. 9-y's teristics, it may be noteworthy that the maximum lift
wing •is lowest at the medium ground distance 1,D / L =

A - L310.99. This "hight instability of lift" is indicated by
theory and experiment as well.nq=050

x• Rectongutor wing, section NACA 4415

Re 2.1x10 6  
MC.I 0.17

section NACA 445 ___2_ I

~x L CL! I

ixi"-1'I :/ J <

,o N. ' , __ -• -o - - or19maot
S-- ' ,method

"- odvanced
method gon., I• t o experiment

os _ .o 0 Chordwise pressure distributions a2

of 3 sections present theory

Re.21 - 16 Mo.O17 a NACA Rep. 82?.extropol)
R 1 Ma experimentS tromOFVLR-,6 222-82AI0

SDOFVLA - FS 81-12

Fig. 11 Pressure distributions at different Fig. 12 Lift characteristic from theory and
stations of a rectangular wing with experiment for airfoil section (1) and
aspect ratio A = 3.1. for the rectangular wing without and

with ground effect (2), (3).

Rectongtlor wing. A-31. section NACA(.,IS Present theory

Re=ZI ,tO . Me_. OI o . eo perwpentsi. ,,rt i vt m -i 21-62., 01

1 1--- -- , 15

- h~~,ii.0.335 '

10 to . .

10 - / l.I I ,tA.2511 1
d' l l os

0 5 0
o' tf 2'0 01 0.2 -010 -0.05 0

Fig, 13 Total lift, drag and pitching moment coefficients of the rectangular wing for three
different ground distances hD / L.



Next, a rectangular wing of aspect ratio 6 equipped and the main element nose at (X, = 6'. There is prob
with full span leading and trailing edge flaps is ably a large separation bubble which was not mod-

shown in figure 14. For this configuration measured elled properly. At the high otg = 18 ° there is very

pressure distributions at section A-A are available in good agreement in this region, probably due to dis-

ref. 20 and compared with our theoretical results for appearance of the bubble. Also the separation on the

a low and a high wing incidence cc.. At oc = 6' flap (level and extension of constant pressure) is

the results for 2-d flow are also shown, and the effect well predicted. The pressure differences on the rear

of the finiteness of the wing can well be seen. part of the main element upper side might partly be

The results of experiment and present method com- due to geometrical differences.

pare fairly well, except for the region below the slat

L I l 3-component rectangular wingLM 
= 0 M 1G , R e = 2 3 6 . 10 . d c 6 ' ;St 6.0 

- -

F - it0 uPp eo side0X nA*,:, 
E.zPe- *.en(NASA IM 404., t 9881

L lower id et

- - - Th o r0 y ( i2-dt nns on ol }

-4.0

L E. slot Moin element T E. flop

-_3.0C 3.0 -3.0-
cp p Cp

-420 -2.0 -2.0

-I.O 
-2.0 

-I.0(\ 0/0- ___Q0

0 0.0
0.0 0.0O. ~ 4~j

/ / 0

0 x/L 0. 0 0.5 X/L 1.0 0 &/l l 025

M, z 0,1, Re i 2.36 tO6 , 16

-6.0 0 upper side Esperiment(NASA TM 4040. 1988)

*10w*, side

- Theory (preent *ethod..rvpro~vdl

-5.0 -5.0

L.E- slot

-4.0 -4D

0 0 0
0 0

-3.00 -3.0 Moin element -3
T

0  
. Etop

Cp Cp Cp

-2.0 -2.0 -2.0

00
--1.0 .00 (> 0000 10

a00
0 .0 0 .0 0 .0 t 0

00

1.001 1.0 1.0 L
0 %A. 0.1 0 0.5 X/L t.0 0 X/L 0.25

Fig. 14 Geometry of a 3-component rectangular wing and pressure distributions at section A-A for
a low and a high wing incidence Ct.
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Next, a swept wing with 280 sweep and a constant For more general and more realistic wings with

3-element section, is shown in fure 15, an, I the taper and part .pan flaps no proper measuren,,nLs

computed wing lift coefficients CL are compared were available to the author. So only computed re-

with measurements. Here we found that the agree- suits are shown in figure 16 for an almost reaiistic

ment can be improved, if the trailing vortices in the wing landing configuration with full span slat and

lifting surface theory are turned upward by og/2. 75% span Fowler flap. The converged results were

(This has been done approximately by just rotating obtained with 7 iteratiLns and they look n-asonable.

the induced velocity vectors w* and w** counter- The spanwise lift distribution drops near the flap tip

clockwise by cagi2.) and the pres&Are distributions show seme separation

The computations do not yet include an infinite on the flap and on the outer wing ncar the flap tip

swept wing correction for the pressure distributions. (station No. 3). Given on the figure are also the total

Nevertheless, for wing incidences up to about 25' wing force coefficients and the computing time re-

the lift of this 3-component swept wing is fairly well quirement.

predicted. For comparison the computed lift for the On an IBM 3090 computer about 4 minutes CP' 1-

unswept wing is also shown. time were needed fur this case, and in the previous

example (fig. 15) an average of about 2.5 minutes
was needed per wing incidence.

V- s=253L 3-component
-_ ____+ - swept wing

slt 6, 16.
'- moan element

constant wing section:

3-elem. airfoil SCCH Fowl6- flap,6f=12-50

Re = 1.8. 10 6

2.- M_= 0 18 
0

CL

1.0

ýZo 0 Experiments from MBB

- - Present method

-Pres me-nod, improved
(trailing vortices turned

0.0- ___up by ag/ 2 )
100 ag 200 300

Fig. 15 Geometry of a 3-component swept wing and total lift coefficients from theory and experiment.



3-component general wing
Landing configuration of a wing with
full-span slat and 75% -span Fowler flap Chordw se
Span: 2s/L z 9. pressure

distributions
Onset flow data: agu12 station

Re= 107

M~z02 - JNo2~
Cp

-2
Wing geometry Sponwise

station 1.0I -distribution.

Nal0 .1w

No..

-2

3 -2-
025

0
Y's

0.50/.,

-6p

0.25
-6 0.25 1

No6
-4.

D 7

N.2 ýOi0.0 P
_ -2

Total lift-drag-and moment-coefficient: 01

CL =2.25 . Co=Q247, CID= -0.626 05

CPU-time on CRAY(X-MP216) 180 sec X/L'

Fig.16 Geometry of a 3-component general wing and some results obtained with the present method.

4. CONCLUSIONS
were available to the author for theory-experiment

A relatively fast and simple method for approxi- comparison. The few presented results are encour-

mately predicting the subsonic steady viscous flow aging but not sufficient for thorough validation of

around wings of moderate to high aspect ratio has the method. Further validation is required.

been presented. The total iterative procedure com-
bines a 3-d inviscid lifting surface method with 2-d Certainly the method is restricted to wings of mode-viscus lowcalulaion forthewin setios (ir- rate to high aspect ratio and low to moderate sweep.

viscous flow calculations for the wing sections (air- For such wings the proposed way of coupling fast

foils in curved basic flow fields). Essential high-lift 2-d and 3-d methods seems to by very useful.

flow features, e.g. complex geometry and viscosity Present limitations with respect to wing incidence

effects including separation and also ground effects and Mach number originate mainly in the 2-d meth-
are taken into account. od, presently applied. To extend the scope of the to-

tal method and increase the accuracy, it may be
After successful tests for clean wings at high angles helpful to use a more advanced 2-d multi-element

of attack, the method has been extended and applied airfoil method, containing e.g.
to various multi-component wings. The computa- - refined models for the open wakes (e.g. ref. 21) and
tions converged, the computing time requirements for the closed bubbles,
are modest and the results look reasonable. Very few - allowance for possible wake-boundary layer con-
proper experiments for multi-component wings fluence,
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- more accurate treatment of compressibility near nat. Concil of Aeronautical Sciences, Paper 88-
suction peaks. 4, 6.4, 1988
Moreover, the total method might be improved, for 11. Jacob, K.: Advanced Method for Computing
example, by using, the Flow around Wings with Rear Separation
- infinite swept wing corrections for the local pres- and Ground Effect. DFVLR-FB 86-17, 1986
sure distributions, 12. Dutt, H.N.V., Jacob, K.: Viscous Subsonic
- a more sophisticated model for the curved basic Flow Computation for Wings with Flaps for
flow, High-Lift. DFVLR-IB 221-89 A 16, 1989
- more careful treatment of the wing regions in the 13. Truckenbrodt, E.: TragflAchentheorie bei in-
vicinity of geometric discontinuities. kompressibler Str6mung. Jahrbuch 1953 der

Wissenschaftl. Gesellschaft fir Luftfahrt.
Despite of the mentioned restrictions the author is 14. Hummel, D.: Nichtlineare Tragflugeltheorie in
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CALCULATION OF MULTIELEMENT AIRFOILS AND WINGS AT HIGH LIFT

Tuncer Cebeci*
Aerospace Engineering Department

California State University. Long Beach
Long Beach, California 90840, USA

SUNKARY limitation is a function of computers and
A calculation method based on an inter- programming methods and these are likely
active boundary-layer approach to multi- to improve with time so that solutions of
element airfoils and wings is described, the Navier-Stokes equations, with proper
For two-dimensional flows, the method is consideration of momentum conservation in
applied to three types of airfoil configu- two Z!4otions together with longitudinal
rations with and without flap wells in diffusion, are likely to be a major compo-
order to demonstrate its applicability and nent of design methods of the future. The
accuracy to general high-lift configura- combination of the largest main-frame com-
tions. This method, extensively tested for puters and structured and unstructured and
single airfoils as a function of shape. multigrid techniques has already been shown
angle of attack, and Reynolds number, is to be very powerful as. for example, by
shown here to apply equally well to multi- Mavriplis12, Rogers et al. 1 3. Barth. 14 and
element airfoils. The calculation method as we shall see. in the papers to be pre-
is also applied to a wing and wing/flap sented in this meeting.
configuration in order to demonstrate its
promise for addressing three-dimensional Regardless of which approach is used to
flows. Preliminary results indicate that solve the conservation equations, one must
with further development, the method, as for calculate the onset of transition in the
multielement airfoils, will also become a development of the design algorithm so
practical, accurate and efficient tool for that the effects of wind tunnel and flight
multielement wings. Reynolds numbers can be properly identi-

fied. As we shall see later, the compo-
nents of the multielement airfoils at wind

1. INTRODUCTION tunnel Reynolds numbers can have relatively
In recent years. there has been a renewed lower Reynolds numbers than that of the
interest to design more efficient and eas- main airfoil. At chord Reynolds numbers
ier to build high-lift systems. Primary less than 500.000. the components can have
objectives are lower cost and lower drag. large separation bubbles, with the onset
which lead to lower noise. Extensive of transition occurring inside the separa-
measurements have been reported for this tion bubble. As a result, their behavior
goal by NakayamaI. Alemdaroglu. summarized can be significantly different than the
by Nakayama

2
, and Valarezo et al.

3
-

4 
The main airfoil at higher Reynolds numbers.

data of Nakayama are for a three-element For this reason, an accurate calculation
airfoil with a leading-edge slat and for a procedure not only requires the solution
single-segment flap; these data were of the conservation equations by either
obtained at NASA Langley's Low Turbulence approach, but also requires the prediction
Pressure Tunnel (LTPT). Those of of transition, modelling the transitional
Alemdaroglu are essentially for the same turbulent flow, which is different than the
but smaller model and were obtained at the flow at high Reynolds numbers.
low-speed wind tunnel of California State
University. Long Beach. The data of The approach to be described in this paper
Valarezo et al. were also obtained at NASA is based on the solutions of inviscid and
Langley's LTPT and correspond to measure- boundary-layer equations with the onset of
ments at high Reynolds numbers. These transition computed with the en-method
data add to the previously obtained data based on linear stability theory; this
on multielement airfoils by van den Berg 5 , method has been tested extensively for
van den Berg and Oskam6 . Oskam et al. 7. single-element airfoils, as described for
Omar et al.8"9 and Olson and Orloff 1 0 and example by Cebeci et al.15, 1 6 . and by
allow the development and validation of Cebeci. 17 These studies have shown that
computer programs to analyze high-lift the flows around a number of airfoil geom-
systems. etries, with angles of attack up to and

beyond that of stall, and including regions
Several airfoil-analysis and design algo- of extensive separated flow. can be repre-
rithms have been developed in the past sented accurately and with low cost for
decade and have been based on one of two both high and low Reynolds numbers.
approaches, either as numerical solutions
of the Reynolds-averaged Navier-Stokes The present paper is concerned with the
equations or as interaction between invis- extension of this method to multielement
cid and boundary-layer equations.

1 1  
The airfoils and wings with and without flap

former approach involves the numerical wells. The following section. Section 2.
solution of elliptic equations so that describes the calculation method for two-
information travels in all directions dimensional flows to obtain the results of
through pressure, velocity and viscous and Section 4. The calculation method for
turbulent stress gradients. As a result, three-dimensional flows is described in
the solution method requires simultaneous Section 3 with results presented in Section
calculation of the pressure, velocity 5. The paper ends with a summary of the
components, and stress tensor throughout main conclusions and a statement of the
the flowfield and this, in turn, implies a further steps to be taken toward the pro-
trade-off between accuracy and cost. This vision of a general method for calculating

*Professor and Chairman
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multielement airfoils and wtnqu at high
lift. (6*) l (6*) [1 + . --- - 1)] (6)

ul ei
2. CALCULATION METHOD: TWO-DIMENSIONAL is used in the inverse method to replace

FLOWS the iet interal metion o re
The calculation method for two-dimensional the Hibert integral formulation of the
flows uses the panel method of Hess and external boundary condition. The new edge

Smith" and a solution of the boundary- boundary conditions are given by Eq. (3b)
layer equations in which the turbulence and Eq. (6). where uev and uei correspond
model is given by the algebraic eddy vis- to the external velocities computed by the

cosity (cm) formulation of Cebeci and boundary layer and inviscid methods,

Smith.
1

4 With b denoting 1 + Cm/u. the respectively, and w is a relaxation

continuity and momentum equations can be parameter. At the end of the flap-well
written as region, the solution procedure reverts to

the Hilbert-integral approach.
au av
-X + 0 (T) 2.2 Turbulence Model

The turbulence model used to represent the
au au dUe a au flow on the airfoil is expressed in terms

u + v ý- = ue u + A (b -) (2) of the Cebeci and Smith eddy-viscosityax ay y y formulation,

In the absence of mass transfer, the
boundary conditions on the airfoil are: (C {0.4y[l - exp (z)]"2au[

u =V = 0. y 0 (3a) 0 Y :SYc (7a)

u ue(x). y W. (3b) Cm

and in the wake. where a dividing line atCI0 (e - u)dy t

y . 0 is required to separate the upper and (Cm)o = 0 (Ue -tuY

lower parts of the inviscid flow, and in
the absence of the normal pressure gradi- y :y 6 (7b)
ent. they are:

y - +_, u - ue(x); y - 0. v - 0 (4) where a is a constant assumed to be 0.0168
and

2.1 Interaction Law
To perform the calculations for flows With = I 1
separation, an inverse procedure is used A = 26uuI T = )max'
and the external velocity is computed as (8a)
part of the solution. According to the 1
formulation discussed in Ref. 15. the edge =6

boundary condition is written as 1 + S.S(y/6)
6

U (x) = u
0 (x) + bu (x) (5a) The condition used to define yc is the

e e e continuity of the eddy viscosity so that

where 6ue(x) is computed from the Hilbert Eq. (7a) is applied from the wall outward

integral (inner region) until its value is equal to
that given for the outer region by Eq.

xb d do (7b). The expression Ytr represents the
6u e(x) =ff To (U ea - o (5b) transition region and is given by

Ka X dx

This inverse boundary-layer formulation is Ytr = 1 - exp[G(x - Xtr) $ •-] (8b)
appropriate to airfoils and to those parts Xtr e
of airfoils without surface discontinu-
ities such as flap wells. Where flap Here xtr is the location of the beginning
wells occur, a different formulation of of transition and G is defined by
the inverse procedure is required, and
that used here is described below. u 3

G = 3 -- R -1.34 (8c)

The calculation of the flow in the flap- C2 tr
well region is similar to that over a
backward-facing step. A large portion of where C is 60 for attached flows and the
the flow separates immediately after the transition Reynolds number Rxtr. (Uex/')tr-
sudden change of the geometry, and the size
of the reversed-flow region depends mainly In the flap-well region, the above formulas
on the step height, on the gap. and the are modified so that
overhang. The flow reattaches and gradu-
ally recovers downstream in the flap-well ( () (F) (_I) (xx 0 )AL

region or in the wake. The calculation of Cm m C
flows of this kind is difficult, and poten- (9)
tial theory is not adequate because of the
singularity that occurs at the geometry Here C I) denotes the eddy viscosity cor-
discontinuity and the strong viscous responding to the velocity profile above
effects in the separated flowfield. Thus, the separated region, and C F) includes
an initial distribution of displacement the total region from the wall. The expres-
thickness is assumed, and the relaxation sions for Cs') and C•F) are given by:
formula
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are obtained for given velocity profiles u

(0.4(y Y H[l e- 0 and u" and for a set of specified dimen-
"{0.0( -eytr sional frequencies w*. Amplification rates

Y. > Yo =i are then computed as a function of x.
and for each frequency the value of n is
obtained from the integral

O~ <c x

(I -a (l - )d Y ytr (lOa) n : x - J ; dx (is)
0 Yo Y > YO x

Yc ýs y • Transition is obtained from the resulting

curves corresponding to the maximum ampli-
0y < yo fication factor by assuming a value of n.

commonly taken to be between 8 and 10.

Sy/A 2 2.4 Solution Procedure
10.4y [1 e _ A brief description of the solution pro-

tr cedure used in this method is as follows.

(F) fThe panel method provides an external vel-
(m for y > 0 ocity distribution based on a body shape

uin which the flap-well region is assumed

!!- d( to be absent and identifies the stagnationGU e " (i e )y tr (lOb) point. The interactive boundary-layer
approach leads to solutions on the upper

where y9 is the location of u = 0. X is a surface from the stagnation point through
relaxation parameter (usually around 10). L the regions of laminar, transitional and

is a characteristic length, and xo is the turbulent flow to the trailing edge.
Similarly, it provides results for the

beginning of the flap-well. lower surface up to the beginning of the

The corresponding expressions in the wake flap-well. A displacement thickness dis-

are: tribution. 6*(x), is assumed in the flap
well and. with the continuation method

Em = (Em)w + (cm)t.e. described in Ref. 24 and with the initial
velocity profile similar to that of a

(x - xo) backward-facing step. calculations proceed
C (m)wi] exp 206 (11) to the trailing edge. With the upper and

lower surface velocity profiles computed at

where (Cm)t e is the eddy viscosity at the trailing edge. the calculations are

the trailing edge computed from Eqs. (4.7) extended into the wake. As a consequence

and (4.10) and (cq)w is the eddy viscosity of the above, a blowing velocity is avail-
in the far wake given by the larger of able on the airfoil and in the wake. Inthe flap-well region, the blowing velocity

(c ) I 0.0- u)dy (12a) vn is defined by
(C 0.6wf ( e dv n = (u (U6) (16)

and

u Owhere 6; = 6* - 6 t. Here bt corresponds to
(cM)w = 0.064 1 (ue - u)dy (12b) the body shape assumed to exist over the

Ymin flap-well. Elsewhere, the blowing velocity
is given by

with Ymin denoting the location where the v = -(17)
velocity is a minimum. ndx e6

2.3 Transition Method With the blowing velocity distribution
For two-dimensional high Reynolds number known, a new distribution of external vel-
flows, the onset of transition can con- Ocity uei(x) is obtained from the panel
veniently be calculated from the formula method. As before, the boundary-layer
given by Michel

2 0  solutions on the upper and lower surfaces
of the airfoil are obtained with the

R217 1 (13) Hilbert integral. In the flap-well, withR u(+ known from the previous flap-well calc-
ulation, a new 6*-distribution is available

where R0 = uee/u and RX = UeX/v. For low from Eq. (6), which is used to obtain solu-
Reynolds number flows. Eq. (13) is not tions up to the trailing edge. This
a propriate and it is necessary to use the sequence of calculations is repeated for
e -method. This method first suggested the whole flowfield until convergence is
by Smith and Gamberoni21 and Van Ingen 2 2 . achieved. Additional details are provided
is based on the linear stability theory and in Ref. 23.
can also be used for high Reynolds number
flows as well as three-dimensional flows. 3. CALCULATION METHOD: THREE-DIMENSIONAL
as we shall discuss later in the paper. WINGS
According to this method, for two- The extension of the method of the previous
dimensional flows the solutions of the section to three-dimensional flows has the
Orr-Sommerfeld equation, ingredients shown in Fig. 1. The purpose
iv 2 4 - of the interface program placed between the

a 2 2,, + Q40 - iR(au - (40 a 20) inviscid and three-dimensional inverse
boundary-layer methods is to process the

+ iRaf"4 - 0 (14) geometry and inviscid velocity data for
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for a prescribed flow condition is. there-
fore. obtained by simultaneously satisfying

i , [ d P--- L -- control point on each panel of the body

_ together with a Kutta condition at each
trailing-edge panel.

veloc ity
The nature of the Kutta condition adopted
by the many panel methods that are cur-
rently available varies greatly. While the

Fig. 1. The interactive boundary-layer condition adopted by Hess assumed equal

metht-1. upper and lower surface pressures at the
trailing edge. other methods make use of

input to the boundary-layer program. The other derived conditions which do not

basic input to this program is the defini- guarantee a pressure match at the trailing

tion of the wing configuration which is edge. Since we are also interested in the

used by a geometry subroutine to construct computation of inviscid flows with viscous

a nonorthogonal coordinate system and com- effects, and since the behavior of the

pute the associated geometrical parameters, boundary-layer at the trailing edge can
which consist of geodesic curvatures and have a significant effect on the overall
metric coefficients needed in the boundary- solution, the approach adopted here is
layer calculations. Some of the generated more realistic and blends in well with the
data are used later in a velocity sub- previous studies on two-dimensional flows
routine to determine the inviscid velocity employing interaction procedures.

components at the boundary-layer grid
points and to transform the inviscid vel- 3.2 Inverse Boundary-Layer Method
ocity components on the surface, calculated Viscous flow calculations are performed by
in a Cartesian coordinate system, into the solving the three-dimensional boundary-
boundary-layer coordinate system. This layer equations in the inverse form. These
operation consists of dot products of vel- equations for a nonorthogonal coordinate

ocity vectors as well as chordwise and system with the eddy-viscosity concept
spanwise interpolation. Further velocity are 2 5

and geometry data processing is done in a a (uh si +
subroutine which separates the generated j- 2 sine) + (whI sine)
information into upper and lower surfaces 8
of the wing for boundary-layer calculations. + a (vhIh 2 sine) = 0 (18)

3.1 Inviscid Method
The inviscid flow is computed by the Hess U au + W au +v
surface-source panel method. which is h1 1x +h2 2-z ay

applicable to a complete airplane configu-
ration. In this method a general body is - K u2 cote + K w2 cosecO2+ K2UW
represented by means of a set of quadri-
lateral panels as shown in Fig. 2. A 2
three-dimensional configuration in general cosec 6 + cote cosecO 2

consists of lifting sections. such as a phI ax ph 2  az
wing or pylon, for which there is a well- a(
defined trailing edge and nonlifting sec- + - (b 4-) (19)
tions such as fuselage. Under the Hess
formulation, all panels are assigned an
independent source distribution, while u aw w awv+ _.w
those on a lifting section are assumed to hI ax h 228z ay
carry a bound vorticity distribution. The
variation of this bound vorticity in the K w2 cote + K u 2cosece + K uw
streamwise direction is assumed, while its +2 1 21
variation in the spanwise direction is
adjusted to satisfy the Kutta condition at cote cosece ap cosec 2e e a
the trailing edge. The complete solution = ph1  ax ph 2  1z

+ V A- (b A'•) (20)8 Y ay

\ . where x denotes the axial direction. z the
CONROL ospanwise direction, and y is normal to the

, u"N• " IM'Psurface. Here h denotes the metric coef-
o, ,-•- N• ficients. K the curvature parameters, and

N. N\ 9 the angle between the coordinate lines
x*comet. and z .conet.

WNW The above equations, together with those

JC • for the plane of symmetry and along the
chordwise direction, are solved by Keller's
two-point finite-difference method (box
scheme) subject to the following boundaryS....•moconditions

"y - 0. U - 0. v - 0. w - 0 (21a)

y . 6, U = U e(x.z). w W e (x.z) (21b)
Fig. 2. Wing/body configuration.e e
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-aZ (26)
To account for flow separation, as in two- 80)x.R tany .
dimensional flows, a form of the interac-
tion law of Veldman

2 6 
is used by modifying where y is the angle the wave makes with

the two-dimensional interaction formula the x-axis. With a and 8 connected through
given by Eq. (5) to account for the inter- Eq. (26). and with the disturbance propa-
action in the x- and z-directions in three gating along the way given by the two terms
steps. In step one, an initial displace- on the right-hand side of Eq. (26). the
ment surface is generated by solving a disturbances are damped if the amplifica-
quasi-three-dimensional form of Eqs. (18) tion rate defined by
to (20) with all derivatives with respect 3 8 (27)
to z neglected, that is, 1 = a. - . (2)7,R

a_ (uh 2 sinO) + A- (vh h2 sinO) = 0 (22) is > 0. neutral if r = 0 and amplified whenTx a 1 < 0. Once a and 8 are computed with the
u au au K u2 cot+ K w2 cosece constraints of Eq. (26). the amplification
h Ix + V •y + 2 rate [ is obtained from Eq. (27); addi-

c 2  tional calculations are then made for dif-
K uw cosec-+_(b) ju ferent values of aa/80 so that new values

ph 8ax ay (y of a and 8 are calculated to determine the(23) maximum value of r.

u 8w 8w K2wot l2Oechu a + v - K w cotO + K u cosecO This method has been evaluated in terms ofh Ia ay 2 1 measurements reported for the flow around

+ K21wu cotecosece ap + v A- (b Aw) a swept wing equipped with a cambered
- ph1  ax ay 3y leading edge and attached to a half fuse-

(24) lage and for the flow around a prolate

with the external velocity distribution spheroid at 10 degree incidence. 30  It

uS(x) obtained from the panel method. The has been shown that it is convenient to
second step involves interaction between use, particularly because of the neutral
the inviscid flow equations and the quasi- stability curves (zarfs) which facilitate
three-dimensional flow equations. As in the calculation and avoid uncertainties
the-dimensional flows, theq luations s in t associated with the choice of magnitudetwo-dimensional flows, the solutions of the and location of the critical frequencies.
boundary-layer equations are used to com- In geeal, the cauteval uesoteputedisribtios o bloingvelcit on In general. the calculated values of the
pute distributions of blowing velocity on onset of transition are in very good agree-
the surface and these allow the inviscid ment with measured values. 30

flow solutions to be updated. In step
three, after the calculation of the initial 3.4 Solution Procedure
conditions in the (yz) and (xy) planes, While the calculation of the onset of tran-
the fully three-dimensional boundary-layer sition is important for airfoils, it is of
equations are solved with the external utmost importance for three-dimensional
velocity components resulting from step flows. Unlike the two-dimensional flows
two. As before, the spanwise velocity where transition occurs in the region of
component is assumed to correspond to its flow deceleration, in three-dimensional
inviscid value. The viscous flow solutions flows it often occurs in the region where
are obtained by marching in the spanwise the flow accelerates. The sweep angle and
direction at each advancing chordwise loca- Reynolds number strongly influence the
tion. This represents the first phase in location of transition and requires that
an interactive loop which involves the its calculation becomes a part of the comp-
fully three-dimensional boundary-layer utationa! strategy.
equations. In the subsequent phases, as
before, the blowing velocity distribution In the present method, the stability/
is used to obtain improved inviscid flow transition calculations are first performed
solutions so that the fully three- for three-dimensional laminar boundary
dimensional boundary-layer equations canbe oled n ccodacewith the iteration layers obtained for a prescribed pressure
be solved in accordance wdistribution, so that the inviscid andscheme shown in Fig. I. viscous flow equations can then be solved

3.3 Transition Method according to the interaction scheme shownin Fig. 1. The quasi-three-dimensionalWe again use the en-method and solve the i i.1 h us-he-iesoaWe aain se he e~mehod nd olvethe forms of the equations are solved chordwise
Orr-Sommerfeld equation, which for three- in the er mdto ain the int e

dimesioal lowsis ive byin the inverse mode to obtain the inter-
dimensional flows is given by action coefficients needed in the solution

0iv _ 2(a2 + 2 )0 + (a2 + 0 22 ) of the full three-dimensional boundary-
2 2 layer equations. Several sweeps on the

-iR( + 07 - w)[4" - (a2 + 82)*] wing and in the wake are performed and new
+ iR(a6" + OQ")o - 0 (25) inviscid flow solutions with viscous

effects are obtained. This procedure is
Here a and 0 denote the dimensionless wave repeated until the convergence of the solu-
numbers in the x- and z-directions and t tions; the transition calculations are then

the radian frequency. Our eigenvalue pro- repeated to obtain new transition locations
cedure djifers from those used by Malik 2 7  on the wing for the next phase of the
and Mack'k. It is based on the saddle- interactive boundary-layer calculations.
point method of Cebeci and Stewartson

29 . The whole process is repeated until thepoin metod f Ceeciand tewrtso29. flowfield and transition locations
which, unlike the approaches of Malik and converge.
Mack, does not assume a relationship converge.
between the two wave numbers a and 0 but 4. RESULTS AND DISCUSSION:

computes it from the requirement that 8a/a8 TWO-DIMENSIONAL FLOWS
is real. According to this requirement.
the wave orientation and growth direction We now use the interactive boundary-layer

of the disturbance are given by procedure of Section 2 to calculate the
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performance characteristics of single represented by

airfoils without (Section 4.1) and with 6
(Section 4.2) flap wells. two-element 0 . 1 + 2 RT( 2 - RT) (27d)
airfoils (Section 4.3), and three-element
airfoils corresponding to slat, airfoil.
and flap combinations (Section 4.4). For for RT < 1.0. For RT _ 1.0. B is ta',en as

single airfoils, we also consider flows at 2 RT
low Reynolds numbers since these flows * T (27e)
become important on the components of I + RT
high-lift systems at wind tunnel Reynolds
numbers. Introducing the above relationships into

the definition of F and using Eq. (27a).
4.1 Single Airfoil Without Flap Well the following expression for a is
In calculating airfoil flows at high obtained
Reynolds numbers with the interactive
method of Section 2, the onset of tran- C 0.0168 (28)
sition is obtained from Eq. (13) with the [I - 8(au/ax)/(3u/ay)) 2 "5

transition region represented by the
ytr-term in Eq. (8b). except where the where 0 is given by Eqs. (27d) and (27e).
boundary layer separates upstream of this
location, in which case transition is Figure 3 shows a comparison between calcu-
assumed at the separation location. Stud- lated and measured lift coefficients for
ies indicate that. while the turbulence the NACA 0012 airfoil at two chord Reynolds
model of Section 2.2 is adequate for almost numbers. As can be seen. in accord with
all airfoil flows at low and moderate the measurements 3 5 . the calculation
angles of attack, it is necessary to make method is able to compute ct for all angles
improvements to this model at high angles of attack and satisfactorily account for
of attack corresponding to near stall and the effects of Reynolds number. Figure 4
post-stall conditions. One anproach dis- shows similar comparisons for the NACA
cussed and developed by Johnson and King 31  23012 airfoil at two chord Reynolds num-
and Johnson and Coakley 3 2 is to adopt a bers, indicating again good agreement with
nonequilibrium eddy-viscosity formulation measurements. Additional comparisons and
€m in which the CS model serves as an equi- discussion are provided in Ref. 33.
librium eddy viscosity (cm)eq distribution.
An ordinary differential equation (ODE). The calculation of airfoils at low Reynolds
derived from the turbulence kinetic energy numbers requires changes to the turbulence
equation, is used to describe the stream- model of Section 2.2 and to the procedure
wise development of the maximum Reynolds used to obtain the onset of transition
shear stress -(pu ,-). or -u vm for short, location. According to the ytr model used
in conjunction with an assumed eddy:-_
viscosity distribution which has -u va as
its velocity scale. In the outer part of
the boundary layer, the eddy viscosity is . ......
treated as a free parameter that is
adjusted to satisfy the ODE for the maxi- *

mum Reynolds shear stress. In essence. .,

this model treats the parameter a in Eq.
(7b) as a variable and determines it as 0.2

described above.

Another approach to improve the predictions 0. .
of the CS model in flows with adverse pres-
sure gradient and separation3 3 , is to 0,
relate the parameter a to a parameter F by 0.

0.0168 (27a)0.2F2 .5

l w e s r s
Here F denotes the ratio of the product of (a) 0 00 ,20 25 )0 Is

the turbulence energy by normal stresses ,
to that by shear stress evaluated at thelocation where shear stress is maximum. *

that is x 0

F [(u' - v)u/8x (27b) 2

-u'v' 8U/y (-u'V')max

Before Eq. (27a) can be used in Eq. j7jb). 0.,
j_,additional relationship between (u''-
v ) and (-u'v') at (-u'v )max is needed.
This is done by assuming that the ratio in 0.4

Eq. (27b)
0.2

1 0 is 00 25 00 is

= - - ] ~ ~(27c) (b) .P,-U'v. (-u'V')ma
Fig. 3. Effect of Reynolds number on the

is a function of RT - Tw/(-u'V)m4j which, lift coefficient of the NACA 0012 airfoil;

according to the data of Nakayama" is (a) Re = 6 x 106. and (b) Rc - 8.8 x 106.
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Care should be taken in the use of this
I.... .... .... equation outside the range of experiments.

0.4 . ,particularly at high Reynolds numbers where
the separation bubble is likely to be small

.6 and a limiting value of C =60 applies.

The application of Eq. (30) requires the
0.2 . -location of the onset of transition and

Z this is obtained with the en~method
discussed in Section 2.3. The manner in

0.4 --which it is obtained is described in Ref.
0.6 17.

0.4 -.In the studies reported in Ref. 17. the
0.3 --accuracy of the interactive method was

evaluated for a number of airfoils and
as )a 30 overall good agreement with experiment was

(b) observed. We now consider the EpplerI airfoil and present a sample of results
Fig. 4. Effect of Reynolds number on the for a chord Reynolds number of 300.000 for
lift coefficient of the NACA 23012 airfoil"
(a) Rc - 3 X 106. and (b) Rc. 8.8 x 106. a wide range of angles of attack and

compare the predictions with the experi-
in te C moel ad gvenby Es. Sb)and mental data of McGhee et al. 35 obtainedin te C moel ad gvenby Es. 8b)and in the Langley Low-Turbulence Pressure

(8c). the extent of the transition region Tunnel (LTPT). The tests were conducted
RAX is related to the transition Reynolds over a Mach number range from 0.03 to 0.13
number R Xtr by and a chord Reynolds number range from 60

x 103 to 460 x 103. Lift and pitching-

R CR2/ (29) moment data were obtained from airfoil
Ax x surface pressure measurements and drag data

tr from wake surveys. Oil flow visualization
whic shws hatR inreaes ithwas used to determine laminar-separation

whih how t AtRx inrae ihand turbulent-reattachment locations.
decreasing Rxt.* This expression was
obtained from hata based on attached flows Figure 6a shows a comparison between the
and is not applicable to flows with sepa- calculated and measured distributions of
ration. Experiments show that the extent pressure coefficients for angles of attack
of a separation bubble and the location of of 0 and 8 deg. The calculated lift and
transition depend upon the Reynolds number. drag coefficients shown in Fig. 6b indi-
At high Reynolds numbers, transition cate remarkably good agreement with experi-
usually corresponds to the location of ment for all angles of attack up to stall.
separation and the length of the bubble is There the computed lift coefficients begin
relatively short. At low Reynolds numbers, to deviate from data, indicating higher
transition can occur inside the bubble and values than those measured; the discrepancy
can strongly influence the nature of flow, increases with an increase in Reynolds
To take account of the corresponding nmber. and the solutions do not follow
effects a correlation formula was devised tepssalbhvo.W eiv h
by CbiltorpeetCiEq(8)reason for this discrepancy lies in the
in terms of R 6r . and based on experimental turbulence model. Whereas the results
data which sho separation-induced transi- presented in Figures 3 and 4 made use of
tion at low Reynolds numbers. This corre- the CS model with the parameter a com-
lation formula is shown in Fig. 5 together puted from Eq. (28). those in Fig. 6 were
with the experimental data obtained for made with a - 0.0168.
several airfoils. The data, which encom-
passes a typical low Reynolds number range The calculated values of the chordwise
from R -2.4 x 105 to Rc - 2 x 106. falls location of laminar separation (LS). turbu-
conveniently on a straight line on a semi- lent reattachment (TR), and the onset of
log scale and can be represented by the transition are given in Table 1 for several
equation angles of attack. The experimental results

C 2 =213 (log R x r- 4.7323] (30) of this table are subject to some uncer-
'tr tainty because of difficulties associated
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0.0Fig. 7. LB 572 single airfoil with flap-
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Fig. 6. Comparison of calculated (solid -

lines) and measured (symbols) pressure-
coefficient distributions at: (a) a = 0
deg, (b) a = 8 deg. and (c) lift and drag
coefficients for Rc = 3 x 105.

Table 1. Experimental and calculated 0

laminar separation (LS). and turbulent
reattachment (TR). and transition locations
on the upper surface of the Eppler airfoil.

M Experiment (X) Calculated (b)

deg LS TR c tr LS TR

0 0.48 0.69 0.63 0.51 0.72
2 0.45 0.62 0.58 0.46 0.67
4 0.40 0.58 0.52 0.43 0.60 -A:rE T"
5 0.39 0.55 0.49 0.415 0.57
6 0.38 0.50 0.43 0.42 0.50
6.5 0.38 0.44 0.40 0.41 0.46 -°

with the surface visualization technique. 0
With this proviso, comparison between
measured and calculated values must be
considered outstanding. It should be
noted that when there is a separation .,_

bubble, the transition location obtained ..
from the en method occurs within the
bubble in all cases and in accord with
experimental observation, leads to reat- (c)
tachment some distance downstream. Fig. 8. LB 572 airfoil pressure distribu-

4.3 Single Airfoil with Flap Well tion for Rc -. 0.5 x 106 at (a) a = 5.0.
Figure 7 shows the geometry of the LB 572 (b) a = 8.0. (c) a - 12.0.
single airfoil with flap well tested in the
low-speed wind tunnel of the California comparison between calculation and the
State University. Long Beach (CSULB). The experimental data for the Reynolds number
pressure distributions of Fig. 8 allow of 0.5 x 106 and transition locations at



25% of the chord on both surfaces. In downstream, close to the trailing edge, the
general, the results are in good agreement computed profiles have larger negative
for angles of attack up to 12*. The upper velocities near the wall than measured
surface peak. registered by the calcula- profiles, which may mean that a too weak
tions close to the leading edge, is in part mixing model was applied to the reattach-
due to the better spatial resolution of the ing flow. Figure 10 shows that the skin-
calculation method. Close to the trailing friction distribution vanishes in the
edge. there is some disagreement between plane of the step and becomes negative,
the upper surface pressure distributions corresponding to the reverse flow up to
that may stem from approximations made x/c of around 0.87. The location of
about the flap well region and the way the reattachment in the flap well region was
Kutta condition was specified in the panel observed to move upstream from the
method. However, the pressure coefficient trailing edge with increasing angle of
curves well represent the flow behavior in attack.
the flap-well region: the constant pressure
values indicate a recirculation area fol-
lowed by a rapid increase of pressure close
to the trailing edge which signifies reat-
tachment of the separated flow.

Velocity profiles corresponding to angle
of attack of 5° and the location of the
displacement thickness are presented in
Fig. 9 together with the recirculation "'f
streamlines in the flap well region. Fig- "- . -,- ........ , o.
ure 9a compares the velocity profiles of '-
the present calculation with experimental
data of Alemdaroglu 2 at six locations in
the flap-well cut. The initial profiles
at the step are in good agreement, but
comparison of the downstream profiles shows
that computation predicts a less retarded Fig. 10. Calculated local skin-friction
flow than is indicated by measurement. The coefficient in the flap-well region for
possible explanation is that the eddy- a -5,.

viscosity formulation used models for a
stronger mixing than is appropriate for 4.3 Two-Element Airfoils
the separated flow after a step. Further In a previous study, a similar interactive

approach was used to compute the perform-
.• ance characteristics of three two-element

¶ .-.. . .i .o .,.o2 •.* ,• airfoils.
3 6  

The inviscid flow solutions
" 4 were obtained by the conformal-mapping

I .method of Halsey
3 7

. rather than the panel

method used here, and the viscous-flow
calculations were performed without'•--'-'€.:.• • • iaccounting for the wake effects, either
behind the main airfoil or the flap. The

... . calculation method provided results which
. .°agreed with experimental information within

S / -°/ 7 •the accuracy of the measurements up to an
" •/ angle of attack that was sufficiently small

7 / .so that there was either no separation or
. •very small separation on the airfoil, and

the gaps between the elements were compara-
... tively large. In this way, the difficul-

ties in computing the wake of each airfoil
(a) and accounting for the merging of the

shear layers between the airfoil and the
flap, and extending the range of the
computational method to higher angles of
attack, were postponed to a later time.

In the studies reported here. we first
S. -. performed calculations with the present

, -_ method, which did not include the wake
effect and compared the results with those
obtained with the earlier code 3 6 

with its
different inviscid flow method. After
ensuring that the results of both codes
were essentially the same. the wake effects
were introduced into the present method and
calculations were repeated for the three

"-, *0two-element airfoils to investigate the
(b) role of the wake effect on the solutions.

Fig. 9. LB 572 airfoil for Rc - 0.5 x 106 The first two-element airfoil corresonded
at a - 5.0. (a) Velocity profiles in the to that investigated by Van den Berg and
flap-well region, (b) Recirculation stream- discussed in subsequent papers by Van den
lines and the location of the displacement Berg and Oskam6 and Oskam. et al. 7  It
thickness. comprised a supercritical main airfoil

(NLR 730) with a flap of 32% of the main
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chord at a deflection angle of 20 degrees. i
close to the highest value that could be - - -- -
used without onset of flow separation. I r .

This configuration was studied at a - --

Reynolds number of 2.51 x 106 for a -

range of angles of attack up to 13.1° with i
consideration of the wake of the main
element only. - - - _ i

Figure 11 allows a comparison between the
calculated and experimental results of the
NLR 7301 airfoil. Figures lla and b show (a) .

the surface pressure distributions at a
- 6* and 13.10. respectively, and Fig. lic
shows the effect of wake on the computed
lift coefficients. The calculated and
experimental values of local skin-friction
coefficient cf and dimensionless momentum
thickness 0/c for the two angles of
attack, Figures Ild and lle. show that the
boundary layer on the upper surface is
approaching separation but has not reached -.

it. Consistent with the studies on single
airfoils, the wake effect is relatively
small due to the absence of flow separa- (b)
tion but has improved the agreement with
experiment.

The second case involves a NASA super- __I

critical airfoil. 24 in. in length, with a '" I
7 in. flap at a deflection angle of 20

degrees. The experiments were carried out
in the 36 x 96 in. wind tunnel of the
Boeing Research Laboratories at a Mach
number of 0.2 and have been documented by
Omar et al. 8 - 9 Figures 12a and 12b show

I the surface-pressure distributions for
angles of attack of 0° and 8.930. respect- . "
ively. As can be seen. the inclusion of
the wake in the calculations makes a slight _"

improvpment on the main airfoil but not on (c)
the flap where the results obtained without
the wake effect are better. The results -.
in Fig. 12c show that the calculated lift
coefficients with the wake are in better "'
agreement with data than those without the
wake effect.

4.4 Three-Element Airfoils
With the positive results of Figs. 8 to 12
for an airfoil with a flap-well and for
two two-element airfoils, it is appropriate
to consider the application of the inter- .,

active boundary-layer method to a three-
element airfoil with a flap well. The (d) ......... .....

chosen configuration is shown on Fig. 13 .

and corresponds to the high-lift model "
tested in the NASA Langley wind tunnel at
a Reynolds number of 5 x 106. The slat -.

deflection angle was -30 degrees and the
flap deflection angles 15 and 30 degrees
with angles of attack of 4 to 20 degrees.
The measurements were made by a combination
of hot-wire and laser-velocimetry tech- ,.
niques, the latter was primarily used in
regions of separated flow.

Calculations were initially made on smooth
bodies without explicitly considering the (e)
flow in the flap-well region. Also,
because the potential flow theory predicts Fig. 11. NLR 7301 wing with flap. Calcu-
flow singularities at the discontinuity of lated and measured: (a) Pressure distribu-
the airfoil geometry, the sharp corner of tion at a = 6*. (b) Pressure distribution
the slat and the flap-well cut out of the at a = 13.10. (c) Lift coefficients, (d)
main airfoil were smoothed to prevent solu- Local skin-friction coefficients, cf. and
tions from breaking. Figure 13 shows the momentum thicknesses. 8/c. on the upper
modified geometry of this airfoil with the wing surfaces at a - 6o, (e) Local skin-
flap-well fairing and the rounded slat friction coefficients. cf. and momentum
used in calculations. The so-called thicknesses. 0/c, on the upper wing sur-
"experimental fairing" refers to the faces at a = 13.10.



"" .. Finally. the method of Section 4.2 was
applied to include the calculation inside

- ___! __•_____ __ . the flap-well. The results, shown in Fig.
14, agree well with measurements for all
the cases indicated above and including

-~ -angles of attack up to 200. This cunfirms
that it is unnecessary to make a prioriK il -assumptions about the fairing shape, and

- \allows for further detailed investigations
. .. of the recirculation flow in the flap-well.

such as the gap and overhang effects. Fig-
Sure 15 shows the variation of lift coef-S" .7 -•. ,•-•--ficient with angle of attack, confirming

(a) that the present calculation method leads
to values which are in close agreement with
experiment.

RE~~'~27
- -" Comparison of pressure coefficients for a

flap deflection angle of 30*. Fig. 16.
allowb sinilar conclusions to be drawn to

- - 't those of the previous paragraph. Also.
the calculated lift coefficients shown in
Fig. 17 are very close to measurements.

5. RESULTS AND DISCUSSION: THREE-
- -DIMENSIONAL FLOWS

The calculation method described in Section
"- - _ 3 for three-dimensional high-lift configu-

- rations is in the evaluation stage. So far

" "bT ,*,,,,,1-, the studies are limited to wing and wing-
flap geometries. The experimental data

(b) •being used to evaluate the method is due
to Lovell 3 8 who has reported lift. drag

ýFE EWE 3. and pitching moment ceefficients over an
extensive range of configurations of thehigh-lift system on a wing of basic aspect
ratio 8.35 and with a trailing-edge plan-

,, • form extension and a body added. In
Section 5.1 we first present the results
for the wing alone and in the subsequent

/ section we present results for a wing/flap
7 configuration.

5.1 Wing Alone
The wing tested in Ref. 38 has an airfoil
section having a considerable rear loading(c) i .. •••• . .. with the maximum thickness of 10.7% occur-
ring at 37.5% chord and the maximum camber

Fig. 12. NASA supercritical two-element occurring at 75% chord. It has no twist
airfoil. Calculated and measures. (a) nor dihedral, has a quarter-chord sweep
pressure distributions at a - 0", (b) at angle of 28- and taper ratio of 1/4. The
a = 8.93", (c) lift coefficients, experiments were conducted at a test

Reynolds number of 1.35 x 106.

Figure 18 shows a comparison between the
calculated and measured lift coefficients.

As can be seen, there is some viscous
effect even at very small angles of attack
which becomes much more pronounced at4 higher angles of attack. The interactive
boundary-layer method solutions, obtained
either by using the strip theory approxi-
mation or by the full three-dimensional

Fig. 13. The three-element airfoil with approach, improve the solutions consider-
analytical and experimental fairing. 69 = ably. In the former case, the calculated
-30". bf - 15i. results agree reasonably well with data at

low and moderate angles of attack, but with

dividing streamline, which was determined increasing incidence angle they begin to
from measurements, while the "analytical deviate from the measured values of lift
fairing" was drawn arbitrarily. Reference coefficient. In the latter case, the
23 presents a comparison between the mea- three-dimensional flow solutions with the
sured and calculated surface pressure dis- blowing velocity vn obtained from
tributions on the slat, main airfoil, and 1

flap at three angles of attack (4, 2 and h Ih 2sine [ (h 2 sinOh*)
160) for the configuration with the experi-
Imental fairing. and the corresponding dis-
tributions at the same angles of attack for + (h8subeb•)] (31)
the configuration with analytical fairing. + s
Overall, the calculated results agree well
with experimental data. and the displacement surface A
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Fig. 14. Calculated and measured pressure distributions on the three-element airfoil for
6f 15* and Pc =5 x 106 at (a) ( - 4*, (b) at = 12*, (c) a ý 60, (d) a -200,

d -

Fig. 16. Calculated and measured pressure
Fig. 15. Variation of the lift coefficient distributions on the three-el.ment airfoil

with angle of attack for the three-element with bf -300 and Rc "5 x 106, (a) atairfoil with Sf - 150 and Rc . 5 x 106. 5a4 (b) i- 1S, (c) - 180. (d) a - 20*.
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X /C

.u • Fig. 18. Comparison of calculated and
T measured lift coefficients for the

-,-Jexperimental wing data reported in Ref. 38.

-a8 [Ueh2 sin7(, - 6-)]

+ .- [w h sin-(A - 6;)] = 0

wl •used to satisfy the Kutta condition in the
S•4-.m •inviscid method of section 3.1, provide

• •i•very good agreement with experimental data
S• • up to the stall angle. As in airfoil

" • • , __._•, _..•flows without improvements to the turbu-
(c) 1 "lence model. the calculated results begin

oo oa o6 i im I twto deviate from the measured values and
XM continue to increase past the stall angle."'the improved turbulence model for three-

dimensional flows.

Figure 19 shows the results for a wing/flap
•I I 'configuration corresponding to a flap

.deflection angle of 25. The viscous flow

0convergence of the solutions, the stability

properties of the velocity profiles were"b J - - analyzed by using the 3D version of the
en-method f gr the wing and the 2D

version of the en1method for the flap.
S - - . - - usThe reason for the use of the 2D version

(d) of the stability/transition method is due
X/f to the low Reynolds number flow on the

Fig. 16. continued.

S250

.2 in (CgFanC (niOais

d igur.43 1.31

, 4' 1.77 1.63
5" 1 .85 1.71

0 6° 1.93 1.78
7. 2.01 1 .85

,,8. 2.09 1 .93

to .01I

"t 0 5 10

Fig. 17. variation of the lift coefficient Fig. 19. Comparison of calculated and
with angle of attack for the three-element measured lift coefficients for the wing/

airfoil with bf . 30i and Rc - 5 x 106. flap configuration.
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71" flap. While the Reynolds nulber varied 5. Van den Berg. B.. "Boundary-Layer Men
from 0.66 x 106 to 1.75 x 10" on the wing, surements on a Two-Dimensional Wing
it varied from 0.26 x 106 to 0.68 x 106 on with Flap". NLR TR 79009U. 1979.
the flap. A previous study 3 9 had shown
that crossflow effects at relatively low 6. Van den Berg. B. and Oskam. B..
Reynolds numbers (Rc < 0.5 x 106) are small "Boundary-Layer Measurements on a Two-
and transition calculations performed with Dimensional Wing with Flap and a Com-
either the 3D or 2D versions of the parison with Calculations". AGARD
en-method essentially yield the same CP-271. 1979. Paper 18.
results.

7. Oskam, B.. Hahn. D.J. and Volkers.
The stability/transition calculations for D.F.. "Recent Advances in Computational
the flap indicated the strong low Reynolds Methods to Solve the High-Lift Multi-
number effect with separation bubbles component Airfoil Problem". NLR Rpt
around 10 to 15 percent in extent and with MP84042U. 1984.
transition occurring inside the separation
bubble. These studies are still in prog- 8. Omar. E.. Zierten. T. and Mahal. A..
ress, and the results shown in Fig. 19 "Two-Dimensional Wind-Tunnel Tests of
correspond to results with transition a NASA Supercritical Airfoil with Var-
specified at 5% chord from the leading edge ious High-Lift Systems. 1 - Data
and thus do not include those obtained from Analysis". NASA CR-2214, 1973.
the stability/transition analysis. The
calculated results in Fig. 19 show discrep- 9. Omar. E., Zierten, T.. Hahn, M.,
ancies even at lower angles of attack, and Szpiro, E. and Mahal. A., "Two-
it is believed that with improved stabil- Dimensional Wind-Tunnel Tests of a
ity/transition calculations, the results NASA Supercritical Airfoil with Vari-
will agree much better with data. ous High-Lift Systems. 2 - Test Data".

NASA CR-2215. 1977.
6. CONCLUDING REMARKS
The results and discussion of the previous 10. Olson. L.E. and Orloff. K.L.. "On the
sections show that the present interactive Structure of Turbulent Wakes and Merg-
method, with its consideration of the flap- ing Shear Layers of Multielement Air-
well region and the wakes, leads to pres- foils". AIAA paper 81-1238, June 1981.
sure coefficient distributions and values
of lift that are in good agreement with 11. Garner. P.L.. Meredith, P.T. and
experiment for single and multielement con- Stoner. R.C., "Areas for Future CFD
figurations with angles of attack up to Development as Illustrated by Trarnsport
and beyond stall. Aircraft Applications", AIAA Paper No.

91-1527. 1991.
For multielement wing flows, the prelim-
inary results are encouraging. Calcula- 12. Mavriplis, D.J.. "Research on Unstruc-
tions show the importance of low Reynolds tured Grid Techniques for CFD at
number effect on the components of the ICASE", Paper presented at the CFD
high-lift configuration at wind tunnel Conference, NASA Ames. 12-14 March
Reynolds numbers, and indicate that a 1991.
calculation method, either based on the
solutions of the Navier-Stokes equations 13. Rogers. E.S.. Wiltberger, N.L. and
or on a combination of inviscid and Kwak. D., "Efficient Simulation of
viscous flow solutions, must include the Incompressible Viscous Flow Over
prediction of the onset of transition as Single- and Multielement Airfoils",
part of the calculation procedure. AIAA Paper No. 92-0405, 1992.
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WAKE STRUCTURE AND AERODYNAMIC BEHAVIOR OF
HIGH LIFT AIRCRAFT CONFIGURATIONS

DURING UNSTEADY MANEUVERS
IN GROUND EFFECT

A.Baron, M.Boffadossi
Dipartimento dl Ingegnerla Aerospaziale del Politecnlco dl Milano

Via C. GolgI, 40 - 201133 Milano - Italy

SUMMARY

A non linear unsteady vortex lattice scheme is used and flight dynamics equdtions are
solved in order to predict the structure of the wakes and the instantaneous distribution
of the aerodynamic loads on high-lift aircraft configurations, during general unsteady
take-off maneuvers in ground effect.
The numerical scheme here presented can treat an arbitrary number of mutually interfering
lifting and moving control surfaces having arbitrary plan form and camber. Wakes can be
released in the flowfield from any of the sharp edges of the lifting surfaces, depending
on their plan form, aspect ratio and angle of attack, while the effects of the fuselage
are ignored in the present formulation.
Turbulent diffusion of the cores of the Rankine vortex filaments is regarded -.s a
pre-eminent factor in a correct simulation of the development of unsteady interfering
wakes. A vortex core diffusion model is used capable to deal even with the severe
roll-up of the mutually interfering wakes developing close and impinging on the ground.
Typical applications of the unsteady vortex lattice scheme are presented, aimed at
illustrating the capabilities of the code.

LIST OF SYMBOLS

C wing root chord v relative velocity (aircraft fixed
CL lift coefficient frame of reference)
Fa total aerodynamic force V absolute velocity
I aircraft moment of inertia x,y,z coordinates in the aircraft
K constant in the turbulent diffusion fixed barycentric frame of ref.

model Xk,yk,Zk coordinates in the surface
f spanwise dimension of the elementary fixed frame of reference

portion of shear layer X,Y,Z coordinates in the absolute
L load on undercarriage leg frame of reference
m mass 0 angle of attack
Ma moment of the aerodynamic forces 7 linear vortex density vector

about barycentric axes r circulation
rc vortex core radius Wy angular velocity component along y
r relative position vector
R absolute position vector
9 rotation tensor G center of gravity
S surface of the cross section of the h hinge axis

vortex core k generic K-th lifting surface
t time m main undercarriage
T dir'ensionless time T=tU/C n nose undercarriage
T engine Zhrust o initial value; undeflected position
Q aircraft weight p generic point P
U characteristic velocity y y component
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1. INTRODUCTION

The antithetical requirements for high speed cruise and short take-off and landing
capabilities of modern aircrafts has promoted the development of more and more efficient
high-lift systems (Dilliner et al., 1984).

While the ability in numerically predicting the performances of multi-component airfoils
at high angle of attack, even in viscous and compressible flows, has been enormously
improved in recent years, limited advances have been obtained in the numerical simulation
of the complex vortical flows developing past and interfering with the lifting surfaces
of complete aircraft configurations

However, a detailed knowledge of the geometry of the three-dimensional wakes is essential
for both an effective optimization procedure of the high-lift devices and the preliminary
choice of the aircraft configuration.

As a matter of fact, high-lift devices are not merely required to produce maximum lift:
other constraints have to be accounted for, such as their drag. Whilst there are
substantial opportunities in reducing the profile drag of leading and trailing edge
devices, by improving their sectional design and optimization major performance
improvements, particularly at high angles of attack, will only come from an improved
capability of predicting the complex vortical flow past three-dimensional wing
geometries.
High-lift devices indeed necessarily influence the induced drag which strongly depends on
wing and flap planforms, camber and twist, and their trim drag penalty is a function of
the relative position of wing, flaps, and control surfaces. Both induced and trim drag
can only be evaluated provided the complex interaction between three-dimensional wakes
and lifting surfaces is correctly predicted (Butter, 1984).

Furthermore, high-lift devices are used on most aircrafts during take-off and landing
maneuvers, namely during flight phases which are critical because of unsteadiness and
ground proximity. Both unsteadiness and ground effect can produce strongly non linear
aerodynamic effects and interferences, which can significantly affect the controllability
and the operative safety of the aircraft.

Finally, knowledge of the time evolution of the wakes produced by high-lift
configurations is also essential for attempting to reduce the hazardous persistence of
the vortices in the proximity of high air traffic density airports.

2. GROUND EFFECT

When an airplane flies close to the ground, at a height comparable with its wing chord,
it experiences an increase in lift and remarkable changes in drag and pitching moment.
This phenomenon is called ground effect.
Ground effect is particularly significant for V/STOL and military low aspect-ratio
aircrafts, mainly because of the strength and the complex shape of the unsteady wakes
they produce.

Starting from the first basic theory developed by Wieselsberger in 1922, extensive
research, both theoretical and experimental, has been devoted to understanding and
predicting ground effect.

Wieselsberger's steady formulation ignored the effect of the bound vortex in the image
however, introducing an image of the real wing below the ground plane and using the basic
concepts of the lifting-line theory of Prandtl, he was able to calculate a correction to
the induced drag and angle of attack of wings out of ground effect.
Since then, almost all investigators adopted the virtual image concept to obtain a
theoretical or numerical simulation of the ground effect.

Unsteadiness was first introduced in a two-dimensional ground effect model by Chen and
Schweikhard in 1985, who considered a straight imposed wake and found that unsteady
effects can be such to completely modify the steady state predictions.

The findings of Chen and Schweikhard started extensive experimental work on finite wings
of various plan forms in both steady and unsteady ground effects (Chang and Muirhead,
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1985 and 1987).

Finally, in 1985, Katz proposed a comprehensive numerical model for the prediction of the
unsteady ground effect, which also included a freely deforming wake. He adopted a
vortex-lattice scheme and investigated the behavior of finite span lifting surfaces close
to ground, so evidencing again that the increases in aerodynamic loads due to

i unsteadiness can be approximately twice those produced in steady state conditions.

The same free-wake approach has been adopted in the present work and, using the virtual
image technique, a design tool has been derived capable to to predict the instantaneous
load distribution and geometry of the wakes on multiple lifting surfaces, during general
unsteady maneuvers in ground effect.

3. THE COMPUTATIONAL METHOD

The numerical simulation of unsteady airplane maneuvers obviously requires time dependent
schemes, which allow to reproduce the actual time dependent boundary conditions
representing the instantaneous velocity, flight attitude and location of the aircraft
with respect to the ground. The motion of the aircraft can be either assigned or

computed through flight dynamics models and appropriate control laws (see next
paragraph).

The Navier-Stokes equations constitute a complete mathematical model for general
three-dimensional unsteady flows of viscous fluids and can therefore model all of the
complex phenomena mentioned above.
However, their solution requires, even for an incompressible fluid, storage capabilities
and computing times which are still unacceptable. Although computer performances are
dramatically increasing, recourse to simpler mathematical models, such as those based on
the irrotational flow hypotheses, is still justified, if not unavoidable.

In the present work, results concerning the take-off maneuver of high-lift aircraft
configurations are presented, obtained using an unsteady vortex lattice scheme. Details
of the mathematical and numerical approach are given in Baron et al. 1989, 1990, 1991 and

1992, where various applications of the vortex-lattice scheme to fixed and rotary wings
are also reported. Only the main features and limitations of the method are here
summarized.

Wakes and flowfield are computed simultaneously, starting from an initial state of rest.
Wings are impulsively started and wakes are generated with a Lagrangian process during
which, at ea:h time step, the vorticity present on their edges is convected in the field
(Belotzerkowskii, 1977; Kandil et al., 1977; Hoeijmakers, 1983; Konstandinopoulos et al.,
1985; Mook, 1988; Katz and Maskew, 1988; Baron et al., 1990).
At each time step, a new row of vortex panels is added to the wakes, which are convected
in the field in such a way that the free vortex sheets are force-free.
A Lagrangian generation of the wakes does not require a first guess of their
configuration, which can be critical when complex high-lift configurations have to be
considered.

Wings, flaps and tail planes of arbitrary plan form and camber are simulated as surfaces
of negligible thickness and separation can be imposed on any of their sharp edges.
Lifting , faces and wakes are discretized into a finite number of surface panels. Each
panel is made up of straight vortex segments lying on the edges of the panel, forming a
closed loop with constant circulation (Mook, 1988).
The unknown values of the circulations on the lifting surface panels are determined, at
each time step, by imposing the zero normal velocity condition on the solid surfaces,
including the surfaces of the virtual image of the aircraft below the ground plane.

Pressure distributions are computed by means of the unsteady Bernoulli equation. Lift
and moment coefficients are obtained by integration of pressure.

In order to compute the velocity induced by vortex segments, the Biot-Savart law is used,
together with a viscous core diffusion model, physically consistent with the turbulent
diffusion mechanism of continuous shear layers (Baron et al., 1990).
Rankine vortices are assumed to be "equivalent" to the elementary portions of the

Li
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physically continuous shear layers they replace in the numerical scheme. Therefore,
their core radii spread in such a way that their cross sectional area S and circulation
r=nt are equal, at each time, to spreading and circulation of an elementary portion of
continuous shear layer containing the same vorticity. This model also implies that the
enstrophy of the vortex lattice is equal to the enstrophy of the continuous turbulent
shear layer and introduces a correct amount of energy dissipation in the wakes.

This implies a rate of change of the radius rc of the Rankine vortex cores given by:

drc K rdr-_K (3.1)

dt 2arc

where r is the circulation of the vortex filament considered and the experimental
diffusion constant K, for both forced and unforced turbulent shear layers, assumes a
universal value equal to 0.095 (Liepmann and Laufer 1947; Brown and Roshko, 1974; Oster
and Wygnanski, 1982; Lesieur, 1987).
Forms analogous to (3.1) are also proposed by Squire (1965), Govindaraju and Saffman
(1971) and Leonard (1980) for the turbulent diffusion of single line vortices, however
they involve empirical constants the value of which cannot be defined in a general form.
The present approach brings to a diffusion model consistent with the behavior of
continuous turbulent shear layers and, in addition, information of experimental nature is
introduced in a fully general way.

Moreover, most commonly used vortex core diffusion models turn out to be strongly
dependent on the number of vortex filaments used to discretize the continuous
distribution of vorticity in the flowfield (Rusak et al., 1985). The present approach,
on the contrary, is virtually independent on discretization, the turbulent diffusion
being explicitly related to the circulation of each vortex filament and, therefore, to
the number of vortices.

SThis brings to a kind of "self adaptation" of the model and explains why, in a variety of
applications, the vortex core turbulent diffusion model proved to be capable to cope,
without any form of tuning, with the crucial aspects related to the roll-up process of
unsteady interfering wakes as well as to the interaction of vortex filaments with both
the solid lifting surfaces and ground.

A final comment can be done on the computing efficiency of unsteady vortex lattice
schemes.
The simulation of unsteady vortical flows is intrinsically expensive from a numerical
point of view, as the circulations of the transversal vortical filaments, which are
virtually absent at steady state, must also be accounted for. In addition, a Lagrangian
generation of the wakes requires longer computing times before a sufficiently
representative portion of the shed wakes is produced.
However, a significant computing time saving can be obtained if only the mutual
induction of the wake elements and the lifting surfaces is considered, while
self-induction of the vortex filaments is neglected, for the farther portion of the shed
wakes.
Self-induction effect simulation is a peculiar property of vortex lattice schemes and
proves to be essential for a correct determination of the configuration of the wakes.
However, as a matter of fact, in the "far wake" it only acts in increasing the local
roll-up and stretching processes of the vortical sheets, without affecting at all their
induction (and the aerodynamic load distribution) on the lifting surfaces far upstream.
It turns out that, for practical purposes, in most cases, vorticity in the wake can be
simply convected, starting from a downstream distance of the order of some wing spans.
Being most of the computing time devoted to the evaluation of the self-inducing effects,
this procedure enormously speeds up the computations, without affecting the accuracy of
the numerical predictions.

4. FRAMES OF REFERENCE AND FLIGHT DYNAMICS MODEL

In order to determine the instantaneous unknown values of the circulations on the lifting
surface panels, the zero normal velocity condition on the solid surfaces is imposed, at



each time step.
This implies that the coefficients of the aerodynamic influence matrix, which rely on the
instantaneous location and attitude of each surface element in the absolute frame of

reference, must be computed.

Moreover the instantaneous velocity of the control point of each surface panel must be
prescribed. This is the result of both the linear and angular velocities of the aircraft
and obviously depends on the instantaneous linear and angular accelerations. These, in
turn, rely on the mass and moment of inertia of the airplane and on the distribution of
the aerodynamic loads on its surfaces.
Therefore appropriate frames of reference and flight dynamics equations must be
considered.

An absolute ground fixed frame of reference O(X,Y,Z) and an aircraft fixed frame of
reference G(x,y,z), having its origin in the center of gravity G of the airplane, are
defined.
An additional k-th local frame of reference is introduced Hk(xk,yk,Zk), fixed with each
k-th lifting surface. The origin of the k-th frame of reference is coincident either
with the leading edge of the fixed k-th surface, or with the hinge axis of the k-th
control surface.

At time t, the relative position vector rp(t) of a generic point P laying on the k-th
lifting surface, in the aircraft fixed frame of reference, can be expressed as a function
of its position rpo in the local frame Hk(xk,yk,zk), as:

rp(t) = RO(t) rpo + rhk (4.1)

where Rk(t) is the tensor associated with the rotation of the k-th surface, with respect
to its undeflected angular position. Rk(t) therefore expresses the instantaneous
contribution to the displacement of point P associated to the deflection imposed to the
k-th control surface. rhk is the location of the hinge axis of the k-th control surface
in the aircraft fixed frame of reference.

The absolute position vector Rp(t) of point P, can be is given by:

Rp(t) = R(t) rp(t) + RG(t) (4.2)

where :R(t) is the tensor associated with the rotation of the aircraft, with respect to
its initial angular position at time t=O, and RG(t) is the absolute position vector of
the center of gravity of the airplane.

Consequently, the absolute velocity Vp(t) of a generic point P laying on the k-th surface
can be determined according to:

Vp(t) = vp(t)+ W(t) A (Rp(t)-RG(t)) + VG(t) (4.3)

where W(t) is the instantaneous angular velocity of the aircraft, VG(t) is the linear
velocity of its center of gravity, and vp(t) is the velocity of point P in the airplane
fixed frame of reference:

vp(t) = Vhk(t) + Wk(t) A rp(t) (4.4)

where Vhk(t) is the relative instantaneous velocity of the k-th hinge axis, around which
the angular velocity of the k-th control surface is wk(t). vhk(t) is obviously equal to
zero for fixed hinge flaps and control surfaces.

If the motion of both the aircraft and the control surfaces is assigned "a priori", the
instantaneous values of W(t), VG(t), Vhk(t) and Wk(t) are known.
Otherwise, only the deflection laws for the control surfaces are imposed, while W(t) and
VG(t) are determined through the dynamic balance of the forces and moments produced by
the integration of the instantaneous pressure coefficients. In the present formulation a
simple flight dynamics model based on the following rigid body equations is adopted.
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The linear momentum conservation is imposed:

m VG = Fa + T + Q + Ln + Lm (4.5)

where m is the mass of the aircraft, VG is the linear acceleratior of its center of
gravity, Fa is the sum of the aerodynamic lift and drag, T is the engine thrust (assumed
to be constant), Q is the airplane weight, Lm and Ln are the forces exerted by the nose
and main undercarriage legs, during the take-off run.

The conservation law for the angular momentum about the center of gravity of the
airplane, in its plane of symmetry, brings to:

lyy Y= May + Xn Ln + xm Lm (4.6)

where Iyy is the moment of inertia of the aircraft about the y axis, wy is the component
of the angular acceleration around the y axis, Ma is the moment of the aerodynamic forces
with respect to the center of gravity and the last two terms represent the moments of the
forces exerted by the undercarriage legs during the take-off run.

Equations (4.5) and (4.6) are used to determine the dynamic behavior of the aircraft
during its flight. Obviously, during the take-off run Ln, Lm and their moments are
unknown, and both the vertical component of the linear acceleration and the angular
acceleration wy are equal to zero, while, when Ln goes to zero, the rotation phase takes
place, and the airplane angular acceleration wy must be computed.

5. THE SELECTED AIRCRAFT CONFIGURATIONS

The unsteady take-off maneuver in ground effect is numerically simulated and analyzed in
the next paragraphs for various hign-lift configurations, which reasonably approximate
STOL military or civil transport aircrafts (see Fig.l).

The basic aircraft configuration has the following geometrical characteristics.
The wing has a taper ratio of 0.5, a root chord C equal to 5.4 meters, a span equal to 40
meters and a surface of 176 m. It is located 0.8 root wing chords above ground.
The tail plane has the same taper ratio, a span equal to 3 C and is located in the plane
of the wing with its apex 2 root wing chords downstream the trailing edge of the wing.
The hinge axis of the elevator is located at 2/3 of the local tail plane chord.

In its basic configuration (A), the airplane is fitted with double slotted trailing edge
flaps having a span and a central cutout equal to 5.36 and 0.87 root wing chords
respectively. Each flap element has a constant chord equal to 0.2 C. The flap elements
are set to an angle of attack of 11.25 and 22.5 degrees respectively.

Additional double slotted flap configurations (B and C), are obtained by only modifying
the flap planforms, while maintaining their surface unchanged.
Configuration B has flaps with constant chord increased 50% with respect to the basic
configuration, and a proportionally reduced span, the central cutout being unchanged.
Configuration C is obtained from the basic one by introducing cutouts simulating the
presence of wing-mounted engines, and consequently increasing the flap span to 6.1 C.
A further configuration D is defined, having a single slotted flap with constant chord
spanning the whole wing, set at 22.5 degrees.

For all of these configurations, the airplane is assumed to have a mass of 34.000 Kg, a
2moment of inertia around the y axis equal to 400.000 Kg m , a center of gravity located

in the plane of symmetry at 50% of the wing root chord and at 0.4 root wing chords above
ground.

6. COMMENTS ON THE NUMERICAL SIMULATION OF UNSTEADY TAKE-OFF MANEUVERS IGE

The attention is focused in this paragraph on some general aspects related to the use of
vortex lattice schemes in the numerical simulation of unsteady aircraft maneuvers in
ground effect.



25-7

1-B: :f •I I I I I I II Bil I II IlI tI l r11'1

Fig.l - The selected A, B, C and D high-lift aircraft configurations

The time dependent evolution of the wakes past the basic aircraft configuration, reported
in Fig.2, impressively evidences the capability of unsteady vortex lattice schemes in
treating evolutive vortical flows.
However, as mentioned in paragraph 3, this is only possible provided the turbulent
diffusion process of the cores of the discrete vortices is adequately modeled in a
general and physically consistent way.

Also the accuracy of the geometrical discretization, particularly in the spanwise
direction, brings to an increasingly better definition of the configuration of the wakes
and to a more accurate prediction of the load distribution on the lifting surfaces, but
obviously requires rapidly growing computing times.
A preliminary analysis of the sensitivity of the scheme to panel density has shown that,
f or relatively low taper and high aspect-ratio plan forms, an acceptable prediction of
the aerodynamic load distributions can be obtained even with the limited number of vortex
panels used in these simulations. Solutions are only negligibly improved by further
increasing the number of panels.

Flowfield and aerodynamic loads rely upon the instantaneous location of the shed wakes.
Therefore, an appropriate integration time step must be used to accurately evaluate the
displacement of the nodes of the vortex lattice. Moreover, the time discretization also
affects the longitudinal dimension of the vortex panels in the wake, so influencing the
uniformity of the vortex elements. Though not strictly compulsory, time discretization
should be such to produce nearly uniform vortex elements on wakes and lifting surfaces.
These are known to increase accuracy of the solutions and stability of the numerical
scheme. The numerical results here presented have been obtained using a dimensionless
integration time step T=0.25, which meets rather well the antithetical requirements of
accuracy and computing time.

In order to describe how the take-off maneuver is accomplished, reference is made in the
following to Fig.3, where the time history of the lift coefficients of wing, flap and
tail plane is reported for the airplane configuration A, in ground effect (IGE).
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A numerical analysis of the whole take-off maneuver (including the take-off run, the
rotation phase and the final climb) can be performed by using the vortex lattice scheme,
imposing appropriate deflections to the control surfaces, and integrating the flight
dynamics equations 4.5 and 4.6. However, attention is focused in the present work to the
simulation of the rotation phase of the aircraft, during which unsteadiness of the flight
condition and time varying ground effects are believed to play a significant role.

Therefore, in order to speed-up the numerical simulation, the initial part of the actual
take-off run has been replaced by an impulsive start.
Then, once the effects of the impulsive start are sufficiently damped and an
approximately steady state configuration of the near wakes is attained (T=7 approx., in
Fig.3), the elevator is progressively deflected from 0 to -20 degrees, at a rate of 30

degrees per second.

At the instant deflection begins,
the tail surface lift decreases and
starting vortices are shed in the
field at the edges of both the
stabilizer and the elevator.

Note that the relative location and
attitude of the elevator panels

Cý vary progressively with respect to
both the panels of the fixed
"portion of the tail plan- and wing,
"This implies that the coefficients
of the aerodynamic influence matrix
must be computed at each time step,
during the deflection phase of the
elevator.

Fig.2 - Time evolution of the
wakes past the basic high-lift

\I configuration (T=4, 8 and 20•. •-• •/from the impulsive start).
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Fig.3 - Time history of the lift coefficients of wing, flap and tail plane for
configuration A, during the impulsively started take-off maneuver IGE.

As a consequence of the elevator deflection (time units from 7 to 12 approx., in Fig.3),
the aircraft is subject to a pitching moment which progressively grows until the nose
wheel lifts up and it starts rotating in its plane of symmetry, according to the dynamic
equilibrium laws. Initial rotation takes place around the axis of the main undercarriage
wheels, which also provide the vertical force still necessary to balance the aircraft
weight.
This rotation produces a progressively increasing angle of attack and causes the lift of
the wing and flaps to increase while the negative lift of the tail plane reduces.
During this phase, the distance from the ground of both the lifting and the control
surfaces of the aircraft varies significantly with time and the unsteady ground effect
begins to play an important role.
Also the mutual induction of the lifting surfaces and their time varying interference
with the shed wakes cause non linear aerodynamic effects.

During the rotation phase, which has a relatively short duration, the horizontal
component of the velocity of the aircraft can be reasonably assumed to vary negligibly
with time. This justifies the adoption of a simplified flight dynamics model in which
the equation for the horizontal component of the momentum is eliminated and a constant
horizontal acceleration is imposed to the aircraft. Although the practical consequences
of this simplification are completely negligible, both in terms of computing time and
complexity of the numerical scheme, it allows to perform numerical simulations which can
more easily be analyzed in a comparative way. In fact, provided the same law is imposed
to the deflection of the elevator, all of the rotation phases will start at the same
dimensionless time, with the same value of the horizontal component of the velocity,
independently on the particular examined configuration.
When the angle of attack of the airplane reaches a value of approximately 10 degrees,
lift becomes larger than weight, the airplane starts climbing, and ground effect
progressively reduces.

Also during the rotation, the take-off and the climbing phases the coefficients of the
aerodynamic influence matrix must be computed at each time step, not only because of the
control law imposed to the elevator, but also due to the fact that the lifting surfaces
vary their distances and attitudes relative to their virtual images below the ground.



the configuration with analytical rairing.
Overall, the calculated results agree well
with experimental data. and the displacement surface A
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7. THE INFLUENCE OF GROUND ON THE TAKE-OFF MANEUVER

Ground proximity affects the evolutive structure of the wakes rtleased by the lifting
surfaces. Ground confines the vertical development of the wakes and promotes a
consequent spanwise spreading.

This is clearly evident in Fig.4, where the plan and lateral views of the wakes of
configuration A are shown, at T=1B, for both the OGE and the IGE maneuvers.
Although the outboard displacement of the tip vortices of wing and flaps does not
completely alter the global structure of the wakes, it significantly enhances their
interaction with the tail plane.

PeeA

Fig.4 -Plan and lateral views of the wakes of configuration A. OGE (top) and IGE.
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Fig.S - Cross section of the wakes released by the wing and flaps of configuration A, IGE
and OGE.

This is also confirmed by Fig.5, where the cross sections of the IGE and OGE wakes of
configuration A, are shown for comparison, in a plane normal to the ground, I root wing
chord downstream the wing trailing edge. Solid circles are used to represent the cross
section of the longitudinal vortical filaments, which have radii proportional to their
circulation.
Not only stronger vortices are produced in ground effect (IGE), but *Iso their location
relative to the tail plane is modified in both spanwise and vertical directions (also see
Fig.4).

As a consequence, unsteady ground effects can be responsible for significant
modifications in the efficiency of the tail plane and can remarkably aff'ect the take-off
maneuver.
In Fig.6 the time evolution of the DCL developed by the tail plan,, with respect to the
IGE maneuver of Fig.3, is report3d (DCL is defined as CLOGE-CLUGE)).

In addition to a stronger sensitivity to the starting wake released by the wing upstream
(T=2), the tail plane in ground effect is always shown to produce a reduced negative
lift.

0 -00

- 0. 40 T r -- T----T T T

0.00 500 10.00 7.5 00
dimern .sionl•ess toic

Fig.6 - Time history of the lift coefficient produced by the tail plane OGE, with respect
to the IGE condition.
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Fig.7 -Plan view of the wakes of the aircraft configurations B (top), C and D (bottom),
in the final stage (T=20) of the take-off maneuver IGE.

Un troii~nce on giralait6 de la nm5thorle, i ntrodu In plus Massive- separation" pour le couplage, la mc thodc hidimen slon

rt~erflnent. est de g~ndraliser 'ernploi de cc mailleur nelle stationnaire (codes VIS05 et V1507, Viscous-Inviscid-
algehriquc z des gz~om~trics plus comnplexes (quelconques) par Solver-(l7) a donuic acc6Ž au calcul du d~crohage etcdu posýt-
adioutmion d'une lechnique de superposition de transformiations d&rochage. Les Fig. 6-12-13 reprCIluiscnt ici Ins ri'sultats IlIl



8. THE INFLUENCE OF VARIOUS HIGH-LIFT CONFIGURATIONS

The influence of various flap configurations on the take-off maneuver in ground effect

are examined.

In Fig.7 plan views are shown of the wakes produced, during the take-off maneuver, by the

aircraft configurations B, C and D defined in paragraph 5.

Although all of the considered configurations approximately produce the same amount of

lift, streamwise vorticity in their wakes is distributed in completely different

patterns, as evidenced in Fig.8, where the solid circles used to represent the cross

section of the longitudinal vortices, have radii proportional to the strength of each

vortex filament.

Various are the consequences of the different vorticity distribution in the wakes.

Structural loads, for instance, and induced drag depend on the spanwise distribution of

lift which, in turn, relies on vorticity distribution. Highly concentrated unsteady

vortices can induce vibratory loads on the tail surfaces, can be ingested by tail-mounted

engines or induce fatigue loads on the propellers of canard configurations.

Fig.8 - Cross section of the wakes past various high-lift aircraft configurations

IGE, in a plane I root wing chord downstream the wing trailing edge (T=18).

As an example, the effect of the structure of the wakes is shown in Fig.9 on the spanwise

lift distribution on the tail plane of the examined configurations.

9. CONCLUSIONS

High-lift devices are mainly used during unsteady maneuvers in ground effect. Their

design and optimization, together with the controllability and operative safety of

aircrafts, relies on the capability of predicting the complex structure of the

three-dimensional unsteady vortical flows which develop close and interfere with the

control surfaces and ground.
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A numerical approach to the simulation of unsteady maneuvers in ground effect, based on a

non linear vortex lattice scheme and a simple flight dynamics model, has been presented
and applied to various reasonably realistic high-lift aircraft configuration. Further
developments of the scheme will allow to account also for the fuselage effects, which
have been neglected in the present formulation.

For design purposes, the developed vortex lattice scheme seems to constitute a reasonable
compromise between the antitheticýal reeds of complete mathemnptical models of complex
flows and required computing times.
All of the main physical features of the examined flows seem, in fact to be retained in
the numerical simulations, despite of the quite crude vortex lattice model used to
discretize the continuous distribution of vorticity in the flowfield. this is partly
ascribable to the use of a fully general model for the diffusion of the Rankine vortex
filaments.

In addition to the significant role played by ground proximity, the numerical simulations
also evidence how the choice of appropriate high-lift configurations can completely
modify the structure and the inducing effect of the vortical wakes shed in the flowfield.
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Fig.9 - Spanwise lift distribution on the tail plane of various high-lift aircraft
configurations (A, B, C and D), during a take-off maneuver IGE (T= 18).
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CALCUL PAR INTERACTION VISQUEUX NON-VISQUEUX DES
ECOULEMENTS COMPRESSIBLES FORTEMENT DECOLLES

AUX (;RANDES PORTANCES

SUR PROFILS W'AILES ET VOILURES

(VISCOUS-INVISCID CALCULATION
OF HIGH-LIFT

SEPARATED COMPRESSIBLE FLOWS
OVER AIRFOILS AND WINGS)

J.C. Le Balleur

ONERA, BP 72, 92322 Chaullon Cedex (France)

Abstract. pleinemeng tridimensionnelle en mode inverse. Une extension
nouv'elle "Massive-separation 2.75D" de l'algorithme de

The viscous -inv iscid interaction transonic numerical method couplage 'Semi-inverse" de Le Balleur est donn&~ et detailh~e,
previously defined by the author for computing attached or en m~me temps que so theorie de stabilite.
separated flows over airfoils, including the deeply stalled flows, Des resultats sont montres pour le dkcrochage 2D, et pour
is extended into a new three-dimensional method for strongly des eýcoulements 3D-6ecollts sur aile rectangulaire ou aile en
separated flows over wings at high-lift and compressible ifeche, avec un accord calcul-expb'ience satisfaisant. Une tech-
speeds. nique d'auto-adaptation du maillage aisi effets visqu:aix cst

The numerical non-linearly implicit boundary layer technique pr~sentee. Les r4sultats demontrent que les muethodesI(direct/in verse), the turbulent models, the grid generation and d'interaction visqueux-non visqueux donnent un plein acc~s au
grid-adaption, the coupling and wake -equilibration algorithms, calcul du decollement tridimensionnel.
the inviscid full-potential schemes, are extended in three-
dimension, with approximation on the viscous equations
t2.7SD-local). New theoretical results are given on the singu-
larities and characteristic cones of the fully three-dimensional
boundary layer in inverse mode. A new "Massive-separation 1. INTRODUCTION.
2 750" extension of the "Semi-inverse" algorithm of Le Balleur
for coupling is given and detailed, together with its stability- La simulation num~fique par "interaction visqueux-non
theory. visqueux" offre la possibilit6 de developper des m~thodes A

Results are shown for 2D-stall, and for 3D separated flows plus faible dissipation numdrique, et A plus faible coat. que les

over rectangular or swept wings, with satisfactory agreement techniques de "r~solution directe" d'6quations de Navier-

be,'ween theory and experiment. A self-adaptation technique of Stokes. L'investissement dans cette m~thodologie, malgr6 ce

the grid to the viscous effects is displayed. The results demon- double avantage, semble toutefois avoir 6t desservi par I'idee

strate that the viscous-inviscid interaction methods give a full ancienne et maintenant inexacte que son domaine de

access to the calculation ef three-dimensional separation. developpement serait toujours plus limitý, notamnment vis A vis
du decollement 6tendu, et surtout du ddcollement tridimension-
nel.

116surn. Par les progr6s des algorithmes de couplage, 1'acc~s au

calcul des d~collements avait pu Etre ouvert, en 2D ou 2.513.
L~a m~thode numerique d'interaction visqueux-non visqueux Ces progr~s Sur le couplage avaient W d'abord obtenus par in-

transsonique definie pr~c~demnment par l'auteur pour le calcul troduction de l'algorithme "Semi-inverse" de Le Balleur [6111]
des ecoulements attaches ou decollis sur les profils d'ailes, in- en 1978, algorithme g~ndral subsonique/supersonique dot6 d'un
cluant le calcul du decrochage profond, est ici ýtendue en une controle de stabilitd autonome, puts par I'algorithme "Semi-
nouvelle mithode tridimensionnelle pour les icoulements forte- inverse" simplifid de Carter [101 de 1979, &luivalent A une
ment dicollis sue des ailes, aux grandes portances et en fluide intdgrale premiere de Ia partie subsonique du precedent, puis
compressible. par I'algorithme "Quasi-simultaneous" de Veldman fill de

La technique num,4rique non-linairement implicite de couche 1981, algorithme subsonique de type Gauss-Seidel, puis enfin

limite (directelinverse), les mod~les turbulents, le #anrateur par l'algorithme instationnaire-consistant "Semi-implicite". Le
de maillage et son auto-adaptation, les algorithmes de Balleur, Girodroux ( 12]r13 1, de 198d.

couplage et die mise en iquilibre du sillage, le schima non- Plus r~cemnment, I'algorithme "Semi-inverse" originel de
visqueux potentiel-complet, sont itendus au tridimensionnel, 1978 a conduit ý 2 nouveaux algorithmes qui le g~ndralisent,
avec une approximation sue les iquations visqueuses (2.75D- Le Balleur [1]. Le premier est I'algorithme "Semi-inverse

local). Des r4sultats thoriques nouveaux sont donn,4s sue les Massive- separation", algorithme stationnaire ayant ouvert
singularitis et ct~nes caractiristiques de Ia couche limite I'aco~s aux calculs de dicollement massif et de d6crochage.
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Cci algorithme est ici reppns ct ttendu aux caiculs 3D3- 'pseudo-fiuide-parfait".
approchts ('23751D"). Le second est l'algorithrne "Semri-inverse
Pseudo-unsteady", obtenu en madifiant le pr~conditionnement
non-visqucux de l'algorithme originel par introduction du
caract~rc pseudo-instationnaire des solveurs Euler, cc qui a 2.1.1. Tb6orie compike : Navier-Stokes.
donn6 acc~s i des m~hds rouse La thdorie pourmltinDf~iur eL Blerpo
l'interaction choc - couche limite (I]. L hoi e"omlto 16iiar"d eBlerpo

pose une r~solution indirecte des 6quations de Navier en
L'accts au calcul du ddcollement tridimcnsionnel, plus traitant d'une part la difference entre 6quations d'Euler et de

complexe i obtenir, a souvent Mi ddcrit A tort Coinme hors de Navier-Stokes, et d'autrt part les equations d'Euler, par des
portde de la m~thodologie d'interaction visqucux-nofi visqueux. schdams nurnkziques diffirents. Le systbime numdriqtte obtenu,
Bien que, de par sa complexit6, la thdore 3D du couplage n'ait de rang double, vise 1'obtention d'une technique i trts faible
Pu etre directement ddgagde, les 6tudes exploratoires. par ex- dlissipation numdtrique. aussi bien pour des 6quations de Navier
emple de Wigton, Yoshihara, Wai 129113011311, Carter, Ed- complktes, que pour des 6quations de couche-mince. Notons
wards, Davis, Hafez 12611271. Cebeci et al. 1 28], Steger, van que la thdorie de "Formulation-Ddficitaire" ne d~compose pas
Dalsem 1321, on! d'abord mis en dvidence des possibilitds de le vecteur vizesse en introduisant des vitesss-ddficitaires
calcul de petits ddcollements 3D. (u' - W ), mais d~compose au conrmaire les 6quations de Navier

Prdsentement. la mdthode transsonique 2D (ou 2.5D) sous for-me additive par rapport aux flux. La thdorie introduit
suggtrde antdrieurement pour les dcoulements de profils d'ailes un double jeu de variables primitives, pour le champ-r&el et
dMcolids ou en dtcrochage, Le Balleur 171111, est ici 6tendue au pour le champ-fictif Euler. avec couplage fort (couplage exact)
calcul tridimensionnel sur des voilures ddcolldes, en intro- des champs Navier ct Euler
duisant des tquations visqucuses approchdes (" 2.75D" -local)
mais avec un calcul non-visqucux complet d'6quation du po- P. -P"

tentiel. Les mdthodes originales mises; au point dans la ax] pul al - pia, a +

mds~hode bidimensionnelle, Le Ballcur [I], notamment la tech-
nique numderique de couche limite directelinverse. ainsi que sa 0
moddlisation, I'algorithme de couplage ' Semi- inverse" et sa + rJ,,p'~+' + J g') - 0 (1)
thtorie de stabilitt, le gdndtratcur algdbrique de maillage ct son J, JP I' LI, - ~,f* ,][
auto-adaptation aux effets visqucux, I'algorithme d'Equilibrage FRuide Reel: jwff'. 15, E. i
du sillage, le solveur potentiel-complet, sont ici gdndralisds eni.jk ,23
3D. Las premiers ribultats presentds demontrent l'acces de Ia Pseudo -f luide -parfait : u'p, P. -~ Pi k 1
mdthode au calcul du ddcollement tridimensionnel, avec large
ddcollement. Notons qu'une extension instationnaire mence axk axi x r
paralltlement sur la meme mdthodologie visqucuse, Le Balleur, a= - Gm. Jde = dedet (go)
Girodroux [211, avec un choix opposE d'Equations visqueuscs xaxL
3D3-complktes et de caleul non-visqucux approchd (petites per- ag' ,,,F _ . ag,1 ga .,
turbations), dtmontre aussi l'accts au calcul du ddcollement + axi99. ,
tnidhmensionnel. LI

ax'~a k ax I1

ax ' a.x kx'
2. EQUATIONS. =~ GL G, Gk = G' = Kronecker.

ax A ax "

Las equations de Navier-Stokes sont dissocides en 2 La thiorie dcrit le couplage exact par raccordement continu des
systdmes coupl~s equivalents en utilisant la thdorie de 2 champs ("matching") lorsque I'on s'eloigne vers l'extdrieur
"Formnulation-Ddficitaire" de La Bafleur 1411711141111. proposde des couches visqueuses. ce qui Evite toute dipendance de la
vers 1980, et compl~td-e vers 1989 par l'introduction du solution h un choix arbitraire d'6paisseur visqueuse 6, et cc qui
"Refdrentiel de Ddplacement" (I] qui permet de gdndraliscr s'est avdrd aussi, La Balleur 151[81, dliminer toute anomalie de
I'emploi d'6quations de couche-mince au ddeollement massif. couche visqucuse 'supercritique" au sens de Crocco-L-ees
La thdorie est valable aussi bien pour les equations compl~tes
de Navier-Stokes que pour des equations de "couche-mince". a'- V

2.1. Th~orie de "Fonnulation-Difficitaire". hT- ETj

On nte vec n sgne"bare" 'icolemnt isquux ur- Ce couplage apporte Ics conditions aux limites qui assurent Ia
Oulnt note avsue n ign "arre dq'Eouleden Nviersqcxtur- d~termination du champ fictif "pseudo-fluide-parfait", avec uni-

moyenntes. On note sans cc signe un 6coulement fictif super- coniinssplmetie dans le cas non-visqucux Eultel taecl ~ert6d
posE "pseudo-fluide-parfait", assujetti aux Equations d'Euler, voniiroLa Bal pleur tare 131123111911201.uex El

ddfini partout dans 1'espace, meme A l'interieur des rigions vi eBler1]2]1121
visqucuses. On considdre des coordonndes cartdsiennes V' et
curvilignes x' (I'), les composantes cartdsiennes U' et contra-
variances ii' de la vilesse, Ie jacobien J = det (U'X ax'). les 2.1.2. Th~orie "NS-eouehe-minee'.
symboles de Christoffel r,;k. le tenseur mdtrique g' ou gij, les
composantes cartdsiennes T"l et contravariantes 0' du tenscur De merme que dans une r~solution "directe Navier-Stokes
des contraintes, la densit6 p, l'enthalpie totale XT,, Ia pression couche-mince" habituelle, la direction x 3 peut ici atre
totale -. ainsi que les variables correspondantes dans le Particularisde, et les termes de contraintes tronquds
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Les equations "Navier-Stokes couche-mince" sont d~pendantes 3'

du choix du maillage, cette incertitude (majeure) 6tant accept&e pq +

dans les m~thodes de resolution directes "Navier-Stokes". 1,; k 2 (3a1

2.1.3. "NS-couche-mince" en "Riftrentiel de Mplacemnwn. . y(,2, X3 )=p(X'. X2 X3±(p f) +

La th~orie de TFormulation- Deficitaire" 6limine cette hR(X'. r2. 3) = hTj(X, X. X3

di~pendance abusive en d~terminant aerodynamiquement la

direction x3 par la s~Iection d'un "R61f6rentiel de DNplacement", avec

Le Balleur t141111, voir Fig. 1. J q20G +.uJ I jP LPU) -ir

[E 2 pq J,
Z. Pu'(U -Pu,

Les equations int~grales 3D peuvent s'&rire. soit le long de

- ~ coordonn&s curvilignes (z' X2 ) tac~es sur la surface de
d~placement, soit !e long de coordonndes cunvilignes (s3 I2)

t-ac~es sur la paroi et dont la proj~ction orthogonale sur la sur-
face de &~placement coincide avec tx . . Les vitesses

Fig. 1. 'RWfrrenfiel de De~placement" (decollement massif). (visqueuse et non-visqueuse) nor-males A la surface de
d&placement, notes a3 et U3, doivent ýtre distingutdes des

vitesses (visqueuse et non-visqueuse) normales ýi [a paroi.

En th~orie de "Form ulation- D~icitaire", l'obtention des notees 1W, et w.,. Notant yI langle (OX3 nornuzie a La paroi)

6quations de couche-mince par developpement zsymptotiquer 6'(

n~cessite en effet que non seulement la vitesse normale aJ. q &0 0q'' +'1p~~ w6

visqueuse au soit petite. mais aussi que la vitesse nor-male jp 0" q F~k P5 ilq~j
non-visqueuse fictive superposde u3 soit elle-mn~me petite, ce u'S - L I

qui est rdalisd par choix du "R~ffrentiel de Ddplacement".
Dans ce r~fdrentiel, qui dtend la validit6 des 6quations de Pw. - PW

couche-mince au calcul des d~collements-massifs, la direction - 2~
xdevient sensiblement normale 1 la surface de ddplacement Cos, W alw (3b)

(inconnue avant calcul), x3 =0 6tant alors la surface de 1 pqcsii 7,

d~placement et non-plus A la paroi. De plus il est possible sans L PE- O

restriction majeure. dans ce rd'&rentiel, de tronquer encore les i, j, ks = 1, 2

dquations de couche-mince au niveau de l'6quation de mouve-
met nx . a dvlopeet n5 aued'pise ea o ad a o aW 2

couche visqueuse), il vient au premier ordre asia 2 ax as
En plus des 6quations de masse et de mouvement, le

a ,F p'-~I'systime (3) 6crit ici. choisi de rang-4, inclut 1'6quation
puu'~d'entrainement, qui est une collocation le long de la surface

a .x p 1 .U U X= 5(,I avec les 6quations locales de mouvement Ju

F 0 k o ,3 syst~me (2) selon x) ou X . Contrair-ement A de nombreuses

+ VA. J PIU k -P'a I a aX j3 J (2b) affirmations. les dquations int~grales sont moims restricri yes que
celles de Prandtl, parce que pT, Ah., p. p. ul, /ZT. PT sont i

i 1, 2 j 1 . 2, 3 k, 1 1, 2 supposes 8tre 6volutifs scion x3 au sein de la couche visqueuse,
Le Balleur [41[911221, cette extension ne risultant que du choix

a~~~ 0 .r *, L. 1  ......... 2c), optimal de definition des 6paisseurs int~grales ("Formulation-
ax3 ~~ -A g

3
,P uie N +Dficitaire" par rapport aux flux). Notons que seules les

P 9 3 rl'k[P&6uations int~grales de mouvement (et donc d'entrainement)

2.1.4. Forme intstgale 'RWirenliel 3* " (NS-couche-mince). sont ici approch~es en couche-mince. L'&luation de continuitd
de (3a)(3b) est une int~grale exacte, valable aussi pour les

Une simple integration en x 3 de (2b) entre la paroi 6quations de Navier-Stokes compl~tes. Le Balleur 14][9][221.

X3= Z. (x 1, x2) et l'infini fournit les &juations int~grales, Elle d~termirse l'exact effet de &eplacement giniralis, traduit

pleinement 6quivalentes. Notant q Ie module de la vitesse par Ia vitesse normale non-visqucuse A la paroi wi, *ou bien par

non-visqucuse, et ± les cotes suporieurfmf~rieur en cas de un saut de vitesse normale non-visqueuse <w.i> sur les nappes

nappe de sillage de sillage. Pour simplifier, on se liin-itera dans la suite au cas
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On choisir iLa de conserver les pkines equations 31) pocr
2 Co U,~ =-~wI2 I partie non-visqueuse, ei d'introduite une troncatureCo W Cos visqueuse 3D3-approch~e, qualifi~e de troncature vis'juruse
ce qi cn-eponrai en3D ux as o 1'caz enre urfce e "2.75D". En chaque nocud Lie calcul visqueux, on introL.¾ui une

&paemn e ari&pnratpe ex 2 ouS2 direction tangentielle 1 la couche visqueuse A. dans laquelle
d~paeeenrCt aro d~endait~~e de s2.les derivdes sont tronqu~es. Cette troncature n'a qu'un faibl,-

Enfin, I'intdgration en x3 de la relation (2c) fournit poids sur les 6quations discr6tisdes, 6tarnz donne laliasing qui
(p - 13)2 ý en (.x1. x',.Z.) ainsi que des sauts de pression serait de toute maniitre introduit par l'allongement des mailles
non-visqucux correctifs sur les nappes de sillages (effet de et par une discritisation en S 2 insuffisAnte A 1'&chelle visqueuse
courbure g~ntralist). Celui-ci, en cas d'approximation de
couche-m-ince, peut Etre, soit n~glig6 au premier ordre, soit Co X + sik a= (3((
rnoddlis6 comme un terme d'ordre suptrieur. Dans cette
seconde hypothtse, on peut en particulier adopter la
modilisation de "Courbure-induite" suggdrte vers 1980, Le Cette tronLaxure visqueuse "2.7513" dtant appliquce de maniere
Balleur [4117]141141j, moins restrictive que la thdorie de couche "locale", ce qui la rend similaire dans ses effets a une tronca-
limite, et en meilleur accord avec les thdories asymptotiques de ture numdrique par maillage grossier, tous les paramttres
bord de fuite donn~es par Melnik 12111171118). calculds, visqueux et non-visqueux, restent totalernent tvolucifs

dans la direction A* et donc parfaitemnent tridimensionnels.
Suivant le choix de X', la direction locale de troncature de
ddrivde peut aller de la simple direction s2 dtfinie par le mail-
lage (sin X* = 1), A toute autre direction lo.-cale

2.2. Choix d'une "mnktrique de surface locale'. aerodynamiquement remarquable, par exemple perpendiculaire
aux lignes de co' (rant nun-visqueuses.

Les equations curvilignes ci-dessus sont gdndrales et
s'appliquent dans tout systtme de coordonndes curviligne ou
orthogonal. L'exptrience a cependant montrd qu'il est avan- 3. MODELES TURBULENTS 3D.
tageux, contratrement aux usages habituels en couche limite, de
stlectionner une "mdcfrique de surface locale" simple sur la
paroi (s 1, s 2) (ou Ie long de [a surface de &~placement x 1, x 2), Le nombre d'6quations intdgrales ci-dessus donne Lin
pour les calculs de couche visqueuse. systtme fermd pour le calcul du champ local visqueux lorsque

les profils de vitesse moyenne ainsi que les protils de tur-
Utilisant Ia trace A Ia paroi du maillage non-visqueux bulence sont suppostes relever d'une modtlisation A 3

i. j, k ,les coordonndes de surface locales sont ici dtfinies en param~tzes (6. a', a 2). Avec LAi iodtle de turbulence a N-
choisissant pour coordonnde s' Fabseisse curviligne le long des 6qain de transport, qui augmente de N le rang du syst~rneligrnes Q = est. k = 1), et pour coordonnde s 2 l'abscisse curvi- (3) ainsi que Ie nombre de variables- independantes, cc rang-3
figne dans la direction orthogonaie A s' tracee sur la surface. concernie seulernent l eoulement moyen. Les paramerres
Ce choix de mro-ique, avantageux pour la simplification ma- (8. a', a 2) sont fonctions de (x'1, A 2).
jeure des dquations (r7A = 0 ), apporte de surcroit des avantages
de prtcision numtrique aprts discr~tisation des dquations. La
contre-partie de ces avantages est dvidemnment que les lignes 3.1. Profils de vitesse param~triques.

G c=est k = 1) ne sont plus des lignes sl = cst.

On utilise la description analytique paramttrique originale

2.3. Troncature visqueuse "3D)-approch~t" (2.75D). de rang-3 des profils de vitesse moyenne turbulents suggtrde
prdctdemment. Le Balleur 1711141191111, d'abord en 21) puis en
3D. La modtlisation a dtt construite pour inclure cant les

Dans de nombreux calculs visqueux tridimensionnels, il 6coulements attachds que massivement dtcolltS, voir 1141. Elie
reste strictement hors de port~e d'utiliser d-s maillages de est ici appliqute sous sa forme la plus compltte Ill, avec
discrdtisation offrant la mi~me densitd de nocuds dans les 2 sous-couche laminaire et terme D) d'amortissement, Fig. 2
directions zangentielles (S' 1,52) aux couches visqueuses. I -. )o

Pour le problme discrttisd. le grand allongement U, - ; F lid

inevitable des mailles (en envergure par exemple sur un calcul q- I q. a. 8' qllage
de voilure), mEme s'il est compatible avec la tridimensionnalit6 I y r~ LjX1 loi turbuiente
du fluide non-visqueux, conduit en gtntral, pour le problme + "I - D) - PL*oVa-I dep
numn~rique visqueux. 4 rendre illusoire l'accts Ai la tridimen- L k de parj
sionnalitd complete. Les dquations visqueuses 3D3-completes,
une fois discr~tis&s sur des mailles A fort allongement, ' U, Wf 0 ~ + 'D R i o lamniatire
rtintroduisent numdriquement en effet des troncatures non- 2~ 8 ' ~ R de paroi
controltes, voire des distorsions d'aliasing et de dissipation
numt~rique. 1-, 2 (4a)

Pour ces configurations de calcul 3D-visqueux A fort al-
longements de mailles, c'est 4 dire pour tous les cas oii la tridi-2 avc F(z) = F*Z- F*'z)= [1mensionnaliti du maillage et de la discritisation i'c peut suivreI '
la tridimensionnalite des 6juations analytiques, il parait plusr
avantageux de controler analytiquement les troncature-, de tridi- z*= Fonct~ionj de k =,.4
mensionnalit6 visqueuse indvitables. La mdthodologie I6J, -711,W*,ss

d'interaction visqucux-non visqucux offre A nouveau un avan- Les param~tres de forme inddpendants a' choisis peuvent par
tage. en pouvant d~coupler les troncatures num~riques exemple ftre ceux du reptre orthogonal tangent aux lignes de
visqueuses et non-visqueuses. courant non-visqueuses.



ati- a 00. 0,0 oddis6 a partir du nicdele deproiils de vies ublnsci-
"it. -10 ON171191[ 141111. L'expression finale dle ce imodee original

*d'entrainement d'equilibre E,,, est donn~c dlans I I I 11 a permis
d'etendre la mod~isation de l'entrainemient aux &oulements
2D ou 3D decollks, nsiie massisemietit, sans, faire appel Ai
l'empirisme.

On utilise ici l'ajusteement le plus recent suggere pour les
,/ /constantes ainsi que pour l'effet de nombre dc Reynolds I 11.

E,q = C4 1 1, + .V C, L i. (4,)
L 1 2

* *C 4 = 0.062. G, = 65. C .C,,'

La direction x' est ici celle des lignes de courant non-vsq visqueuses. a,,, Cf ,, correspondent aux valeurs de a'. Cf
calcul~es pour la plaque plane en incompressible. au ni~ne R6
et avec un parum~tre de Clauser (;,. Les deux seules donnees

/ ~du inod~le sont ]a constante C., qui est proportionnelle au
alq ~carTe6 du niveau de longueur dle melange dlans les couches lim-

* .ites d'equilibre, et la pseudo-constante G,), parani~tre de
Clauser de plaque plane (qui peat i~tre foniction de R&i.

Fig. 2. Profits de vitesse pararnitrriques 3D-turbu/enrs.
fi~s( rseise it c/iaque station (at = 0.15 90, a-' = -. 15, R 6= 1()4 3.3. Nloddle de turbulence 2-equations k-tau.

Ucs expressions de T', W', Cf', D, z' sont detaillkes dans L.es effets de turbulence hors-equilibre sont calcules en
111)114). Le mod~e reprend lidde de forme composite additive ajoutant le modde a 2 equations de transport de Le Balleur
(loi de paroii - loi dle sillage) propose~e par Coles 1161 pour les 17 1111. presentement w~ilise en theorie 2D (par tranches) Ie long
6coulements attachds, mais Ia fornne a 6td ici gcndralisdec aux de t9. Le moddle peut ýtre Utilisc aUssi bien dans les
dcoulements ddcollds. et les fonictions de sillage F', F sont methiodes-locales (calcul de i'lt, et dan,, les methocdcs-integrales
diffdrentes. La simple loi dle sillage de Coles serait totalement (entrainement et dissipation).
irrealiste en 6eoulement massivement ddcolld. La moddlisation Ce modde suggt~r en 1981 a pour premidre originalird de

z*4 'S est ddduite de ['analyse des singularilds de couche "forcer"l incidedle de Launder-Rodi par la moddlisation ci-
limite au ddcollemcnt, Le Ballcur [51, de ['analyse des c6nes dessus des protils de vitesse, cc qui notamnent Ie rend micux
caractdristiques des systdmes d'6quations et de la rdcupdration adaple aux deouleinents decollks. Sa secondle originalite est
de [ 'influence aniont. en 6coulement ddcolld 114l15118). ainsi d'effectuer an calcul en terrnes d'dart aux valeurs donndes par
qu enlin dle la capacit6 A ddcrre le cas-limite des coucL-,s de le moditle d'dqailibre (contraintes t," et entrainement E,,)- Cet
mydlanges 2D isobares, Le Ballcur 1 141. ecart a l'dquilibre est suppose dtre4 invariant en direction x 3,

Le vecteur unitaire TP est sensiblement paralldle au frotte- variable en directions X . X2,. et &tre calculd ý partir de 2
ment Cf., et Cf est diddait d'une moddlisation de loi de paroi equations (intdgrales) de transport. Celles-ci calcalent des effets
universelle" projetde sur T' (le protil nWest pas une courbe dbhistoire pour idnergie cindmique turbulente rnoyetnnde enX3

plane dans Ia rdgion de paroi), voir [I . notide kx,'. t et pour la contrainte de cisaillement de Rey-

- a a r& I I nolds moyernnde en x' notee 'lx 1, x'

- ~T Fz zContrainte locale : "13t~B Itxx . t 13 . 1. X

[fLJ i loýR,~ j +5.25k - j=k . I I~ I I (4h) ii ,

La compressibilitd ne modifle pas les profils de vitesse. Les l
1
.q CP -3,XX p

profils de densit6 sont ici d~duits de la vitesse dans
['approximation adiabatique isenthalpique iiT- = hrp. Entrainemtent global E = E,q
L'entrainement nest pas modifid. L'effet de compressibilit6 re- T~q
tenu pour Ie frottement et la dissipation globalc s'drit Dissipation glohale 0 -L -~

C.p-b = Cf 1l +0.5 'IrIIM] 21 tq

Pour Ics rdgions laminaires enfin, les relations de fermeture qat ax I tq2~sont d~luites des solutions auto-semblables, Le Ballcur 171. 1
3.2. Mod~le de turbulence d'6quilibre. 1.5~/Jts hL j ~ (4d)

Lorsque l'hypothi~se de turbulence d'diuilibre est F1'suffisante,~ ~ ~ ~ ~ ~ ~~_ ='nrieeteatEd~iipr(a ue
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aveL E.4 =0.5 q 3 0 t.13 ai'X J',i 6 ,+

kq = 
2 [0 .045 X,x2xA3 {'-a2] 4> ,] 1, I 6, j =1, 8. (5aj

,,,.3, q2r 1  rfl

U -aIi 3 q pq0

A q 8 pq
2

Co

8 [-z] 5,Z' max I0 . 2.4064a' 0.58441 PI 4

__ K b, E. cor * dz pq-
I, = - A*(I -fl~j. A jF'(z) =z0.45 a'

aS

Dans ce modele, S, ii. repr~sentent les 6chelles de longueur ct L
de vitesse effectives de la couche turbulence, telles
qu'analys~es par la moddlisation ci-dessus des profils de vi- sinl V~ vi. q k 1 , 2
tesse moyenne, en 6vitant l'empinisme d'un nmod~le de type aplnqulavtseoml Aaprivsuueetnte
Baldwin-Lomax. I(x318) et v, sont une longueur de melange et iapplon Lu a vitesse normale ai [a paroi n-visqueuse est ci nocee
une viscosit6 turbulente, donnees par des mod~Ies d'dluilibre. viý, Les itemsse , nornades t prmei evnonvueusde restrici non-c
X1. X1, X3 sont des coefficients caract~risant les divers effets de onognLes Lame b resontdes temes~etueode nu c~trique non-id

t purbules co6uchslimrvit es habullesr17. Is estpoche dces 2dou int~grale/locale prend pour inconnues ind~pendantes les gran-
I purle cuchs iA 2e haractue risan lýestpoh de c our- deurs non-visqueuses de paroi. vitesse q ou nombre de Mach

les sillages habituels, X2et X3 Lrcriatlseffets d o r- rduit th 5 (y-lI) AF, vitessie normale A la paroi tý.lq
bure et de turbulence ext&eriure du mod~le, precis6s dans 171. (ddplacement), angle d entre vitesse et axe-s 1 sur la surface

(s 1, S2 , pression totale fiT et enthalpie totale hi, plus les in-

connues ind~pendantes purement visqueuses. 6paisseur de
4. METHODE NUNIERIQUE VISQUEUSE. couche visqueuse 8, param~tres de forme a' =

a 2 
= (8 et les param~tres de turbulence ,.jLa mdthode num~rique de couche visqueusc proposde est Compte-tenu de la troncature 3D-approchd. les d~rivdes en

de nature hybride entre m~thodes-int~grales et method Ies- s2 ntlc axdrveensIprarltin3).1vet
locales. Les grandeurs (vitesse. den~it6_.), mn~mc mod~lisees. , sn ic u eite ns~prI eain(c.I in
sont en effet discr~tisdes ý chaque station selon la normale
avec un maillage auto-adaptatif. La mithode nume'rique A)" - cos b -'I +bW2 +h W
discr~tise donc des profils paranietriques selon x ~, et un sin X' 1 las' aP 2. m,6,a

syst~me d'6quations intdgrdes en x3 dans l'espace (X I, X2), Les
sch~rnas de discr~tisation, variables avec la densit6 locale du i = 1, 6. j = 1, 8, O5b)
maillage en xi. ont la capacit6 d'Itre non-Iin~airement impli- La discretisation en (s I. S2) de la prdsente m~thode 3D est
cites en (X' 1.X 3. Ces schdmas sont x'-marching, Iabsence de la d~duite de la discr~tisation robuste en (S'. X3) ddvelopp&e
capacite multi-marching "MZM" 12411251 dtant ici compensde depuis de nombreuses ann~es, Le Balleur [7][91111,
par la possibilit6 de calcul en modes "direci " et 'inverse ". s 1ccrhng e non-lindairement implicite. Les schdmas

numdriques en direction s I sont de second-ordre et A 2-nocuds

4.1. Md6thode hybride integralellocale. de type "trapw~zes-amont". Les schdmas de second-ordre de
mdthode des trap~zes en direction s I sont commutes vers un

A chaque station (x'1. x'), numeriquement, les profils de schema plus robuste de premier-ordre ddcentr6-amont Ien s 1, 1A

vitesse paramdtriques 3D3-turbulents des relations (4) sont ob, le maillage devient grossier (grandes valeurs de As /8). Pour

discretises selon x 3. entre X3= 4ý et X3= 5, avec un maillage des valeurs plus dlevdes de As'/5. un sous-maillage en s'est
en x 3/S qui est auto-adaptatif ai 5 et a la forme du profil de vi- ajout6 (zones non-decolldes). Une technique de Newton est
tesse, caractdrisde par le param,*tre a'. La discretisation auto- enfin introduite pour rdsoudre iterativement les pleines non-
adaptative utilise prdsentement 37 nocuds, optimisds en direc- lindaritds induites par A ,' , A J2,,b' , en utilisant une estimation
tion x3 et ddpendancs de at, avec des schdmas implicites de approchde numirique des Jacobiens aA,"13f, aA52l/df, abp'af,
trap~zes pour lier les grandeurs locales et intdgrales. La densicd avec - (5. a a2), cc qui rend la discrdtisation non-
est ddduice de la vitesse par l'approximation adiabatique lindairement implicite en (s' 0,3
isenthalpique FTr = Ar. Les equations et schdmas ci-dessus foumnissent dgalement

De station en station dans l'espace (x'I, xZ), le syst~me une resolution numdirique des sillages visqueux. avec leur
d'dquations intdgrdes en xs3, valable aussi dans le cas d'une pleine dissymdtrie, moyennanc doublement du rang du syst~mc
pure mdchode-locale, est discrdtisi sur Ic maillage curviligne (reunion des demi-sillages superieur et infrietiur, notes ± de
(x'1. X2) de surface de ddplacemenc, projection scion x3 du mail- part et d'autre de [a surface des minima de vitesse). Le Balleur
lage curviligne de paroi (s]. S2). Notons que les 2 maillages 171. Ce calcul dissymetrique complet est ici effectud en 2D. Le
lids. de paroi (s'1, s 2) et de surface de ddplacement (x'1. x2), se traitement simplifid de la seule pantic symdtrique des equations

diffdrencient en cas de ddcollement massif, et que I'intdgration de sillage [71, qui ram~ne le calcul de sillage A un syst~me de
en x3 (normale ý la couche visqucuse) W'est alors plus normale meme rang que Ia couche limite, et qui est obtenu dans les re-

l a paroi. Le Balleur [111141. Les dquations en (x'. x2) lations (5a)(5b) avec Cf = 0, iW., = 0, aý'= a'-,
projetdes sur !a paroi (s t, 5 2) s'&~rivent I'=.5 (h+ii est ici utilisd en 3D.
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Enfin, comme des iterations additionnelles sur le soiveur 4.3. Singularit~s 3D. C~nes caract~ristiques (Direct/In verse).
numerique visqueux sont n~cessaires pour le couplage. le
problkme non-lineaire visqueux complet (5a)(5b) nWest pas Les systemes 3D3-complet (5a)(540 sont hyperboliques en

r~ol caqeitrtin ecoplg, tde sltin espace, en mode direct et en mode inverse, et des domaines de
lindariskes, avec les matrices A,~ , A,' gel6es i leurs valeurs; A d~pendance. definis par des c6nes caracteristiques dans l'espace
I'it~ration de couplage prdcddente, sont r"ais~es i la plunart (SI. S2 ), doiventi tre respecies par les me~thodes de marche en
des iterations de couplage, A titre de technique d'accdldration espace. aussi bien en mode direct qu'en mode inverse.

de covergnce.Les systemes 3D-approches direct/inverse issus de

(5b)(50), qui peuveni s'&nre toujours sous la forme (5b), et
4.2. Modes Direct / Inverse. qui n'iniroduisent que la ddrivee en s 1, sont singuliers lorsquc

Les cinq inconnues non-visqueuses du problme det~ A' Co A- 42 (5d)
numn~rique visqueux (5a)(5b), notdes avec un signe chapcau, sin k'

(t ,,Iiq . h1 , Or,- C0, doivent Etre coupides au quantitds En mode direct aussi bien qu'en mode inverse, l'examen de ]a
correspondantes du problme non-visqucux, qui sont notdes relation (5d) montre que la condition de singularit6 du svsteme
(m, w,/q,hi, pi-, a). 3D-approchd (5b)(5c) est sirictemeni identique a celle de re-

Avat d r-alier e cuplge ompet ur es ino-nes cherche d'une direction caractc~istioue k' du systeme 3D-
Anvant deureaser cc couplage complet ur les 5 inco.,nue complet (5a)(5c). Ceite identite entre equations aux valeurs

n'lon-isqueusde cpae duiesi obtenul vitqerat~uiveme nt propres pour les singularit~s du systeme 3[)-approch6, et pour

l'algoithme da e couplage de icalculs n-visqueux e d souples snt le cbine caracieristique du systeme 3D-complet. rev~le que le

relses. da~s. Onesmpues 4lr inonuesynnvs qumeu seulem) 1 enthpt syst~me 3D3-approche nintroduit aucune perle d'information au

sontacule es. h) On impsose oalors T au ) s met l5a)b direnthonpde niveau des domaines de dependance par rapport au sysctnme

loae (h h) I ressio oae (d~ = P)r)u.necndto adiinet IA dfiirecind 3D-complet. ces domaines de d&pendance etant identiques. 11
la irese ~ =a),plu un coditon ddiionell ~ ~fiir. revele d'autre part que le franchissement des singularites du

Une commutation entre diffdrentes conditions addition- syst~me 3D-approche (5b)(5c) en mode direct s'identifie 5 la
nelles doit itre introduite (modes direct-inverses) afin de sur- naissance d'une influence-arnont selon xt(pour la direction de
monter le problkme de singularite de d~collement, comme c est troncature X* consid~rde). ct par consequent Zi la necessite dIe
dej5 le cas en 213, Le Balleur 151. En tridimensionnel, Ie commuter le calcul x'-marching vers le mode inverse.
problme de singularit6 s'identiihe avec le calcul par marche en La mod~lisation issue des profils de vitesse (4a) peut kn'e
espace. et avec le respect des domaines de d~pendance utilis&e pour analyser les singularit~s ct directions
imposes par les canes car-acteristiques des syst~mes hyper- caract~ristiques, comme effectu6 ai l'origine en 2D et 2D3-
boliques (5a)(5c) ou (5b)(5c) (voir ci-dessous). En ecoulemeni instationnaire, Le Ballcur 151. Le calcul analyitique des direc-
attache, le syst~mc visqucu x en mode "direct' peut Etre ri~solu lions caract~ristiques a &6 effectue avec le mod~Ie (4a)
par marche en espace, mais sclon les lignes de courant non- simplifi6 par Cf = 0. D =0,.z = 0, comme deja utilise en 2D
visqueuses. La condition additionnelle est alors Ie nombre de dans [5]. La comparaison du c6ne caracteristique en mode
Mach (rh =m). Le maintien d'une resolution x'-marching, direct. qui s'i6crit en repore orthogonal tangent aux lignes de
d~collement inclus, demande qu'un mode "inverse" soit com- courant non-visqueuses comme l'enveloppe des directions
mute avant que le cane de d~pendance du mode direct 22
n'interdise cc mode (et done bien avant le cas limite de da - a '- a- _ (2 (direc)
decollement-2D). La condition additionnelle imposee est alors 0.' i4014 - a~ 0.6417 - a~ 1.599 - a'
la vitesse de transpiration non-visqucuse (vi,/q =wIq). Malgrd
Ia resolution x1-marching. l'influence amont d'onigine et du c6ne en mode inverse, qui s'&rit dans Ie meime cepore

visqucuse (d~collement) est pleinement recouvr~e ý l'6tape de dx 2  
a -

2  
- a a2

dx 1 .64iaa7nere
couplage, oit l'on rdalise simultan~ment (h., hr. fiTr PT. 6417 - a 1.283 - a' 0 a'

Au total, A chaque noeud (i. j, 1) et iteration de couplage avec 0 < a' < A, A = 0.6417, 2A =1.283, 1-I-IA)"' = 0.4014,

N, le svst~me discretisd (5a)(5b) est ferm6 par 4 relations (Sc). +]A'' ý9 a montrd que Ic miode inverse r~duisait
disceti~es ar es sh~ms cetre pou (~~ louverture du c~ne caracteristique par rapport au c6ne obtenu

6veniuellemeni d~centrrs-aval pour (amI.as') en mode direct dans les m~mes conditions (aux grands
Di~ci param~tres de forme a]), ct que Ic demi-angle maximal du~

I r e= 0 irect c~necaract6,istique dans Ic plan W~. s 2) en mode inverse etait
6E a. h = h-r , f PT c =~. I Inverse borne A 90". au lieu de 180"' en mode direct. Le Balleur, Giro-

droux 1211. La borne 90" en mode inverse n'est atteinte de plus

v que pour une valeur m~icfn du param~te de forme longitudinal
Wh am jp0 H, (soil a' = A). Ccci autorise. en mode inverse, la marche en

C q<- + (I - _ - 7-j 0 (5c ) espace en bautes circonstances, mais en direction des lignes de

La commutation d'un mode direct (E= 0) vers un mode De cc fait. Ia methode 3D-approchee (5b) peal kre
inverse (e = I) est prdsentement connect~e aux paramintres de amenag&e pour dviter de franchir une singularit6 en mode in-
forme du profil de vitesse. Elle esi H&~ tant6t comme en bidi- verse, cc qui 6quivaudrait ý violer le domaine de d4,endance
mensionnel au seal param~lre en direction des lignes de impose par le c6ne caratiristique. Pour cc faire. la direction~ de
courant non-visqucuses (a I > 0.28 par exeniple). L~e Balleur troneature X' est ici progressivement rapprochde de la perpen-
171111, tant~t aux 2 param-ktres longitudinaux ci transversaux. diculaire aux lignes de courant non-visqucuses, au fur et A me-
de faqon A cc que Ie c~ne caratdristique du mode "direct" es- sure de l'accroissemcnt d'ouverture du c6ne carat~ristique en
time d'aprts a 1. a 2 (voir ci-des~sous) resle, A chaque station x1 mode inverse, calculd en chaquc nocud A partir de at, a 2 et des

oit r = 0, positioinnd en amont de Ia direction de troncature X*. relations ci-dessus.
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5. METHODE NUMERIQUE NON.VISQUEUSE. 6. 1. Thiorie numirique du couplage. Stabilite.

La rnethode num,4rique, nouvelle, est une extension en La th6one numrnique proposee pour le couplAge de sous-
tridimensionnel de la m~thode de traitement de l'dquation du domaines fournit une estimation dc pr~conditionnement oni-
potentiel-complet. misc au point et introduite pour le ginale pour les opdrateurs nurnerixques de surface, 'visqueux' ct
d&crochage 2D, Le Balleur [1). 11non-visqueux', qui se trouvent introduits sur la surface-

dvop&en frontire (J, j, 1) des champs tridimensionnels (z, jA
Elle discr~tise I'6luation du potentiel d4eop coupler. Dants le proý:Žme discret, ces operateurs numerique,

coordonn&s curvilignes, sur un maillage structur6 i. j, k quel- de surface (j, jr, 1) sont ceux qui pourrateni eare obtenus par
conqe, n tanssniqe :unec elimination des noeuds interreurs or. j, A)Sur Ics equations

- j, U, -)Z ax )Ix as 1) discr~tes des champs visqueux et non-visqueux.
a [ Les opdrateurs, de pr~conditionnement propose', donneni

acc~s a une themte de stabilitý applicable a tout ale onthmc Lie
as D couplage explicite. par exemple aux algorithmes "direct" et 'in-

2_ + 1 ax" C)x' verse" de point fixe. 11 donneni acc~s en outre au calcul des

mn, .la 1,~ 2. 3 champs de coefficients de relaxation n~cessaires pour stabiliser
ces algonithmes.

La discr~tisation i, j, k est effectu&e avec la mitrique x I.
I , k leuiiepu esdi~sd oetc e La thorie a entin permis la naissance d'algorihnhmS dc
.s=h , X3=a k Hif~ ene utilise ponur es en su soi que , 7u not teudes couplage originaux plus elabores, comme l'algorithmc "Se ni-sch~as iff~encs-fniescenrdsen sbsoiqu, a nouds inverse". Le Balleur 1611111151. L'algorithme "Semi-ineset- e"tplus schemas de derivees secondes crois~es, compk4tds par un

d~cetreentde ype urmn-Cle ux oeud suersniqes. ses generalisations resultent en effet d'un couplage exact (donc
d~cntrmen detyp MumanCol au noudssuprsoiqus. imiplicite), sur le nomnbre d'onde maximal, des operateurN

L'~aluation des termes mn~triques est effectu&e sur la m~me
molecule de discrm~tisation que celle du potentiel, et avec les nmeiques de pri~onditionnement-
n-kmes schemas pour les derivees de X'" et de (b. ce qui per- 6.1.1. Precondillionnement "Opkrateur non-s.issqueux (2.751)).
met de se rapprocher des formulations volumes finis. Uprlu u~iu esrae"o-iqex d

La r~solution du systeme discret est faite par relaxation- L'oirageur d nt1eaumtique deasrac 'lmnaon-desqu cux du
ligne SLOR, avec traitement implicite des conditons limites Sur inteneurs esi en gr~n~ral impraticable. Cs! estime icr par uric
Ia paroi. ainsi que des coupures de sillage. Le traitement du strategie de petites perturbations linearis&s analytique. as-cc
champ lointain (Dirichlet) est tin comportement de type tourbil- d~composition de Fourier sur Ia surface o'. j. 1) et tiltrage
Ion plus source. 6volutif en envergure, couple ii la circulation, numeique par la discr~tisation.
La non-lindaritý du potentiel est trait~e par une m~thode de
point tixe, les composantes contravariantes u'" et Ia vitesse q .La th~orie, pmoposde pridc~demment en hidimiensionnel
ýtant dreduites du potentiel au moyen de sch~mas centres. puis en quasi-3D (2.5D), Le Balleur 161131, est ici ýtendue en

"2.75D". Elle considere des perturbations stationnaires s~entro-
Les conditions aux lim-ites sur Ia paroi et sur Ia nappe de piques du champ de vitesse, en module. vitesse normale. direc-

sillage son! control~es par les effets visqueux de d~placement tion. autour de ]a solution converg~e firnale %y 2),
et de courbure. Le calcul Sur maillage en C est effectu6 en pro- KCH' ,S )Sr[ ufaeii .1
longeant l'aile par une coupure (non-portante). numr~riquement ~ 3.as )srIa su Ic o .1
traitee comme Ia nappe de sillage. Les conditions aux limites. q' q - q.
discretis~es en demi-maille dans Ia dirextion A x k. s'ecrivent W'=,
sur Ia paroi a-aX

,(X j .1

Al g
3
' 0 d ýplacement Ellk suppose des equations de perturbation potentielles de type

aA Prandtl-Glauert autour de Ia solution localement firg~c
Sur la nappe de sillage. les conditions de 'saui' (notr~es < >) q,,. w_,, a,,. Les coordonn~es cur,.ilignes son! ici cnoisies avecc

- I xia en direction de Ia vitesse non-perturbee. Ia surface al .x2
< , > ~33  2 x3  s->. d~cmn tant une surface de courant (surface de deplacement). et Ia

ax"direction A' elan! normale a (x A.2

as I "" _ U' U"

< q > = x orbure a0 x3x x~i

utilisent l'approximation habituelle des techniques num~riques mn. n 1.2
"potentiel-complet" sur I'estimation du terme <q>. La th~orie analyse les perturbations ýmanant de la surface

(A 1, A 2) avec decomposition de Fourier sur Ia surface et filti-age
par la discr~tisation (i, j. 1). Les perturbations. de nombres
d'onde notds (a,, at2. CEO, ont alors un comportement tant6t ex-

6. ALGORITHMES DE COUPLAGE. ponentiel tant6t harmonique dans la direction x 3

Les algorithmes font appel ý une thdorie numdrique oni- (0' = 4P . e a2 = (I (en 2.75D)
ginale du couplage qui a pu etre sugger~e pr~eedemment, Le
Balleur f6l17]jlj(I5j. et qui Cs! ici g~lntralis&e. Celle-ci traite le u', I a, (0'. U'2 1 aL2 * 0. u'3 al.0'. (12 -1)

probltme ob des resolutions par domaines doivent 8tre
coupl~es par leurs conditions aux limites sur une surface comn- a3 -- r2

un('.s 2) discrttisde en (i. j. 1). La th~orie est aussi appli- __ __ ,g j1
1

cable pour coupler 2 sous-domaines non-visqueux dans un pur U t , L LJ,
calcul en fluide-parfait I11115. Sur la surface (Al. X 2 ), en ddsignant respectivement par u, s' les



projections dle la vitesse sur I'axe x' et sur sa normale

Finalement. pour tout nombre d'onde (Ul. (a2, %3), l'oprateur = &h *r
non-visqueux "2.75D" dle pr~conditionnement de ]a tht'orie La relation peut &re ecrite a volonte sous la sous formei
nurnkrique du couplage s'6crit diffulrenrielle ci-dessus. ou sous sa forme discrefisce. Les non-

= I q' . ~ complexe. 12 =-_) lin~arit~s visqueuses "raides" (ou singulant6s) sont incluse'.
dans les 3 coefticients 53:. qui dependent forte' ~nt de i

[112 ' 2 Compte tenu des relations (5c) qui imposent un couplage direct

=sin I _ M 2 -!ý siA - -vcos X 1 1 sur les 2 grandeurs hIJ, le seul coefficient local imprtaiit
Uq q Jpour la thieorie numcrique de couplage est 0,g.

COS 91 19it 92f 16.2. Algorithmne "Semni-ins ersue NMassi~ e-separalion' (2.75D I.

Dans Ie cas o4i la surface de d~placement ne s'&arte pas
trop dec la paroi, ce qui peut inclure des d~collements d'etendue A chaque ite~ration de couplage. la vite'.se normiale s la
quelconque mais leis que wv./q reste moder* (en pratique paroi non-visqueuse ii,' (ou hien )a disconlinuite de %itess'e
non-sup~rieur A 0.4 environ). la theorie dec priconditionnement normale non-visqueblse sur les sillages <i>.qui uaddUIl l'efti-i

peut negliger la difference entre u'3 et w'. tie d~cplacenment generalisc. est moditice en %chaqkUe no0CUd LI

U 3 , couplage u.j. h de nianicre explicit gracLe a I 'dlgorithinc
" Semni-inerse' de Lie BalleUr 01JI t) il 1. eCICdu cI C11

Pour tout nombre d'onde (al. c2. ct3), on a alors, sur la paroi tridimensionvv~lapprochý ('2.751)'i
w. -W,1Iw~a.a),~.

Lq-q) I ~ _ - =(0W .
q'I '

,r) W. -- ._ q

(1P c'tmplexe. 12 -1) q q 01 "A

6.1.2. Prtconditionnemrent non-visqueux "Nlassive-separation". 0I w< 2 (S),

Dans le cas d'un dicollement massif. la direction ..3 (nor- rtn qu iI'lothc ie[pa ti ,esine,

male is la vitesse non-visqucuse et done As la surface de l'approximiation -2.75D) detinie ici e'.t plus conilpkte qUe

&~placement) n'est plus normale 5 la paroi. La vitesse normale F~approche Lquasi-31) (2.5D)1 1111 CIait &tja pr~cis&~ 131111.
de perturbation W. depend alors de q', et l'opdrateur non Les coeflicients w '.. w., ,i w,'. da ns l'algorithmne
visqucux correspondant. donn6 dans Lie Bailcur IlI], devient :"Senii-inverse" die Lc Balleur. soft valculcs en chaque nocud

w' q' sin l~I + UcosyI sin V, =w,,Iq w,,') de COLuplage. Ce calcul est tel que %." I corresponde i la

U . 13 .solution (lincarisee) die couplage exact sur le nonibre d'onde
nsUi-1snj f .q' maximial (6(171111 a,, du maillage. line surrelaxation de 2 est

W'. cosw I snwJ q' alors la limite de stabilite 161171. Pour l'algorithme "Semi-

Pour tout nombre d'onde ((XI, "2. a3), on a alors. sur la paroi inverse Massive-separation". les coefficients s'ccrivent. Lie Bal-
- Ileur (1 151, en variables complexes

W. I. Nq- (6c )

(13'complexe. 12= -I -L"

De plus, le nombre ti'onde maximal en direction x 1 ou +'~ ~ I -- -J

compte tenu du filtrage cp~rd par le maillage tic discru~isation (o .. ' 0i C16, O,-

est modifi6, Le Balleur I i: at : 0 3"

ASCOS WJ Ax;T  03' = coss V-I sinu y

6.1.. Ytcoditonnenen : Opfater viquex" 2.7D). Dans ces expressions. I'extension en "2.7513" de I'algorithme
6.13. r~cndiionemet "p~rteu ~i~uex" 2.7D).Semi-inverse Massive-separation" sugg~re en 1999 111115) est

Compte tcnu dec la formulation numdrique s'-marching du contenue dans le terme 13 donne par Ia relation (6a). Lie terme

probltme visqueux, il a dt6 mnontrý qu'il est possible d'y p correspond a l'amplifleation complexe de l'algorithme de

effectuer, A ehaque station (i. j l1), une 6liminaticni des vari- point fixe "direct" (p" 6tant de cc fait ]'amplification comiplexe

ables internes "purement visqueuses". Le Balleur 15)161171I11. de l'algorithme de point tixe 'inverse"). On notera que la re-

ce qui riduit le probltme visqueux i une scule relation connec- laxation (02 W3 ci-dessus correspond A la forme originelle de

tant les variables non-visqueuses de paroi. Cette relation (par- l',ilgorithme "Semi-inverse". Lie Balleur 161, eest A dire as une

fois dite foniction d'influence visqueuse) constitue pr~cisdment relaxation optimale (ol = 1-g- t, mais que l'6criture ici en vari-

l'op-6rateur de surface visqueux recherch6 de Ia thdoric able complexe de (o inclut 6galement l'analyse tie Wigton. Holt

num~rique du couplage. Cette elimination des variables pure- 1191. voir 1221. On remarquera, enfin que l'algorithme "Semi-

ment visqueuses, qui peut inclure si fl~cessaire les schdmas de inverse Massive-separation" conduit, ni~mc en subsonique, A cc

discrdtisation As ]a station (i, j) (mdthodes-loc ales), dlimine ici que les 2 termes 0et w' soient actifs et non-nuls. Lie Balleur

6. atI, a'. k. i dans le systtme (5a)(5b) et donne (1111151.



6.3. Algorithme "Equillibrage de nappe de sillage'. transforme une repartition de noeuds Xo Ci)xsdtaflLC en unc
repartition nouvelle X', qui introdluit un nomibre qluelconque

On utilise l'algorithme d'6quilibrage dle sillage suggere en de resserrements lbeaux. reglables ind~pendaminien ein linten-

1981. Le Balleur 171J1 I pour les profits d'ailes. Cet algor- site~, largeur. et iorme, par superposition (addirise ou multipli-
ithme, issu des techniques num~riques du couplage visqueux- cative) de fonitions de resserrement elementaircs de classe c-
non visqueux, peut itre utilis6 cout aussi bien en calcul non- (fonictions exponentielles, Gaussiennes par ecxil.ple). La mono-
visqueux. La mnithode num~rique peut traiter 1'&quilibrage 3D, tonie de la funiction A c( st assurce en traitant la tr-ansformia-
en appliquant l'algorithnse 2D sur chaque surface j I ct tion sur les d~fivees dx*,1i IX 'tvh, positives, le maillage final

Dans le cas visqueux. l'algorithme d'ýquilibrage de sillage X*( ) etant restitue par integration nunsenque. Ceci intruodult en,
s'L.,oute A l'algorithme d'effet de d~placement, lequel assure outre une source de lissage favorable. Ce mnodule de rnaillage
seulemnent les conditions correctes de "saut" de vitesse normale peut de plus, dans la transformation X'ol placer 4 noeuds a
non-visqueuse <w~Iq> sur la nappe t"saut" qui devient nut en des abscisses fixes ou dcterninees.
tiuide-parfait)(wq ,+wqI.= ,+(wII. di)"r

L'algorithme dl'ýquilibrage effectue d'abord, avec les condi-
tions correctes dle saut de vitesse normale, on calcul sur une
g~om~trie dle nappe approch& Zv,. A l'it~ration N. Apr~s
convergence de l'algorithme de couplage dlans le cas visqucux,
ce calcul donne les vitesses nonnales non-visqoieuses relatives

~icette geomi~trie dle nappe. de part et d'autrt Je celle-ci

I.'eqUilihrage est obtenu lorsquc non seulement ]a relation
(9a) est satistaite. mais lorsque aussi et ,(~ ~,c par
consequent viZ, q (K = vq Ž(avec viq 0 dans le cas non-
VisquLCUK). L~a quantile d

j ~~fournit l'erreu angulaire dle penie de la nappe a chaque nocud ~\ i " /
de couplage- L'algorithme d'equilibrage relaxe alors cetle pente ''

en chaque noeud, la nouvelle g~orn~trie de nappe etant &dudite i

dle la pente par integration scion idepuis le bo-rd de fuite .

rOs

Cet algorithme d'&quilibrage a des propri~t~s similaires a uite
mn~thode de Newton, avec convergence quadratique.

7. MAILLAGE AUTO-ADAPUFATIF.

On utilise pour Ie champ non-visqueux une methode de
generation alg~brique de maillage originale misc au point en
1981 pour les profits d'ailes. Le Balleur 171. La m~thode est ici
6tendue au tridimensionnel en appliquant Ia technique 2D plan+
par plan (j = cs , avec one fronti~rc externe identique dans
chaque plan, Fig. 3.

Lai m~thode construit, Fig. 3-4-5, par integration
numer-ique scion k, on maillage alg~brique en C oii les lignes i

i= cxir sont des paraboles, en dliminant toutefois la technique 4

des paraboles de transformation conforme, de facon A pouvoir u ~
repartir les noeuds A volonti6 et uniformndment sur la fronti~re
externe. Les lignes k = cst sont obtenues par contr~le de la dis-
tribution des noeuds sur chaque ligne i = cm entre Ia parol et

Ia fronti~re externe. Fig. 3-4-5.

La seconde originalitd de la m~thode est d'introduire one
technique de contr6le monodimensionnelle de resserrements

multiples do maillage. Ce module de g~n~ration de maillage Fig. 3. Wthode de ge~nerru in tie mailluge adaptatif 3D.
(NA(A4412, A =6, M IS. ci 17'. Re =4.2 106)



I tic trtoisietfe uriginalite de la mlethode, introduite plus %Ia'sive-',eparatiori pou[ lc tiupIlige, LL nieithodc hidmimen.ion
rece~rnimen1. est de genicraliser lemploi de ce mailleur "Ole stationnaire (codes VIS0tS et VlSOT.\cut-n ~i
algebrique ai des geomnetries plus complexes (quelconques) par Solver-07) a donne dtccXN .a cL'JCUl du d&riK~hage er du~ post-
adjonction dune technique de superposition de transformations clrochagge. Le Fig, 6- 12-11 reproduisent ciý les resla~tsi [1I
anaistiques. ('es transformations, par distorsion du tiaillage de obcenu.s ýur le profil NACA4412 expenliente par iasNiwig
base e( avec mninimisation d'aplatissemient des mailles aux 0 31, a~ec la ).ersion [a pluns :omnplete de la mlethtkle Din..
points singuliers, permettent ici par exemple le mnaillage en C
avec bord de fuite 6moussd (ellipse p. ex.), Fig, .5. L'originalite
de la technique est de superposer des transfoninattons de distor
sion O3D) monotones i supports b~ornt~s IDes superpositions de
2 distorsions ýktnentaires, translation et rotation. suffisentd
obtenir un large champ d'anplicatton.

L.auto-adaptation dii nsaillage non-visqueux prend en
coropte la g~imerie exacte de la nappe de sillage, U - 1 (
iteratisement dcterttiine par l'algonthmle d'equilibrage. De
iattinememnt mobiles dii iaillage (seion e t ies entuellemnent-
selon k ), sont introduits pour adapter la maille locale A% a d
K'eChelle 6 d'interactiont %iqes dans les zones d'interaction I I!
forte [ClICS q~e decollements et pied.. d'ondes die choc. Fig. .3
4-5, et ..ont denlaces de miani~re iterative. A chaque iteration
d'iuto-adaptation du maillage, une inter-polation bilincaire par 7 - .. :
CcellUl de la soIltion0 est effeCtu~e. - -

. .........

"I . 1 1 .... ... .......... ii ( .

XX~4

* r,.

VA 441. A fISL.tA 2-1). Re 421` 7 - 14 0

AIM [77"

-4 O 0 O t

ra~~~~~~~.e:-A andul-Ag~ uRfrnild elcnet kg~ liitd t o ,g A'i' eiuui ~
porIc.eqaiossiqcue.etd IagotmeSmiivrs tt.~ttl~ an a/ \A 44 4 X e 40 0
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celle-ci. le sillage est calcule avec sa pleine dissymetrie et Ii't ."j"

nape d silag no-visqueuse est mise en equilibre exacte K\

ment (code VlS07), sur le lieu des mnim evtse eci
cul du sillage avec positionnement exact donne acc~s A la
pleine restitution des champs locaux moyens et fluctuants. ,

lignes dc courant, iso-vitesses, iso-turbulence, Fig. 6- 10-11. Le
calcul restitue bien, Fig. 6, le passage d'une topologie A I tour-
billon de bord de fuite au CLmax vers une topologie
d'ecoulement moyen A 2 larges tourbillons contra-rotatifs en
decrochage. Avec le niod~Ie k -' A 2 equations propose pour
les 6&oulemci.ý d&ollds, &es quc la transition est correctement
moddlis~e J 1), un bon accord calcul-experience est observe sur T
la courbe de portance jusqu'A son maximum, Fig. 13, ainsi que z
sur la distribution de pression A portance maximale, Fig. 12.
Dans l'etat actuel, les codes VISOS. VIS07, permettent des cal- / ' I"

culs a rnaillage auto-adaptatif robustes et routiniers jusqu'A des - /'

incidences 28' ou 30". Fig. 10- 11. Fig' 9. Afallages uuru-adaptwnh umrplers
d'inireraction VLsuei./LeLA-nwi sis/eiut.

8.2. Maillage auto-adaptatif. ?fisA 8 x=W e=421'

l'au to- adaptation aux effets visqueux, Fig. 4-7-8, Fig. 5-9. 11

Duns I'6valuation de la simulation numerique par interac- offre donc un nombre de degres de liberte accru pour l'auto-
tion visqueux-non visqueux. I'attention doit Eire port&e non adaptation du mailiage. par rapport aux techniques de
seulement sur la modelisation et les algorithmes visqueux. mais resolution directe. La Fig. 7 montre A convergence Ic maillage
encore sur les avantages d'auto- adaptation automatique du ..visqueux" auto-adaptatif A I'epaisseur de couche visqueuse et
maillage qu'elle apponte par rapport aux techniques de au profil de vitesse dans la couche. qui es; introduit ici en
resolution directe d'dquations de Navier-Stokes. La technique theorie de "Formnulation-Ddflcitaire". et par constcquent en
d'interaction visqucux-non visqueux inclut en effet en elle- recouvrement du mnaillage "non-visqueux" auto-adaptatif de la
mi~me le probkme d'auto-adaptation du maillage qui est Fig. 4, avec coincidence des noeuds sur la paroi et sur la nappe
n~cessaire A grand nombre de Reynolds, et dont 1'impact sur la de sillage. Les maillages compiets du calcu.. Fig. 8 et Fig. 9,
simulation nurndrique A nombre de Reynolds dieve est sans montrent la totale auto-adaptation de maillage obtenue dans Ia
doute bien supcrieur au dilemne du choix entre equations pridsente simulation numdrique par interaction visqueux-non

compictes ntoujours tronqudes par le filtre des maillages) et visqueux, tant pour ]a capture des sillages, bords de fuite.
equations de couche-mince. points de ckcollement, que pour celle des couches limitts ct

Le d&doublement num~rique "visqueux - non visqueux" couches de melange. Ce maillage explique la facultd ofterte par

avec recouvrement des domaines de calcul de Ia presente tech- cette methodologie numerique de pouvoir augmenter

nique apporte l'avantage d'un traitement d~double lui-aussi de ln~iniment, et sans viscositý num~rique majeure. le nombre
de Reynolds accessible. Les calculs ont ici t effectu~s sur des; i maillages 257032 (champ non-visqueux) plus 257037 (champ

v isqucux). Un doublement du miatllage visqueux dan', la direc-
- i~{-ti ~ ti on normale. en fin de convergence, n aurait pas augment6

Fig 7. Maillage auto-adapitauf champ viqueut.t_
).VACA4412, Al .18, (x 24' Re 4.2 10)6)

~-Fig. It, Ecouuhrnentrpimaven - f.ipls die viresse movenne et
tgni's i.5u-vtlesse (NAL'A4412. MAl 91, ot 28'. Re 4-24.

/i S. MaillaUae. auto-adaptaojlfi icmph'r.'
ti ntert fU(ill Lis queuA 'In tiq:ieut Jig 11 Iurhidnlt' propil% a i-,wrg'w ci'k iqut' et /lgni's isi'

(NA( A4412.' A4 = M ct = 24". Re = 4. ia', (NACA44/2. kf = 18. x 2-S". Re =-42 106,
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9. RESULTATS 3D.
notablement le coait du calcul. Notens entin lu'un sous-
maiillage unilat~ral (selon i ) du calcul vi' queux se trouve intro- L'extension en tridirnensionnel de li rneihode nunlerique
duit automatiquement, de plus, dans les zones de faible interac- (code VIS] 1) conserve exactemem. plan par plan, les me~mes
tion visqueuse le n~cessitant. caracterisiiques d'auto-adaptation du mnaillage aux effets

visqueux q.e celle de la Fig. 8. Le maillage moins riche utilisý

8.3.Cvlndr cirulare.ici en tridimensionnel est l3lx2lx20 (champ non-visqueux)
8.3.Cvlndr cirulare.plus 13lxl5s(37 (champ visqueux). avec sous-maillage addi-

lIonnel visqueux scion i dans les zones de couche limite mince
L'acces des m~thodes d'interaction visqueux-non visqueux attachee.

au calcul du dleollement massif est enfin illustr6 par la possi-
bilite de calcul du cas-limite du cyclindre circulaire. Fig. 14, au
moyen du code VIS05 - protil d'aile. Ua prdsente th~orie de 9.1. Voilure rectangulaire NACA4412.
"Formulation-Ddfijitaire' et son "Refrentiel de ddplacement"
6liminent ici les difficultds de couche-minee ou de r~fdrentiel Des calculs de validation num4ýrique de la mdthode ont
de couche-limite discontinu au (pseudo-) bord de fuite. d'abord 6t6 obtenus Sur une dule NACA4412 rectangulaire
L'algorithme "Semi-inverse Massive separation" et la theorie d'allongement 6 en atmosphere illimit6e, en conservant les
numn~rique du couplage propos&e ddmontrern sur ce cas-test rn~mes conditions de vitesse et de nombre de Reynolds que
leur application jusque dans le cas-limite severe oii le vecteur celles de Hastings. La Fig. 15 montre les lignes de frottement
vitesse "non-visqucux" A Ia paroi devient orthogonal A cette calculees en turbulent aux grandes incidences sur l'extrados de
pauoi (et non plus tangent comme en couche limite). Un la voilure, et les lignes de force du champ de vitesse sur Ia
d~collement turbulent A azimuth rdaliste de 110W est ici pr~dit nappe de proche sillage. Les lignes d'accumulation de
par le code VISO5, en calcul stationnaire. d~collement et de recollement montrent l'apparition du

d~collement. On peut remarquer en particulier P'importante
zone de ddcollement calcul~e A lFincidence 17", Ie d~.collementI de l'aile prenant ici naissance par l'emplanture (plan de
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svmrnere). La Fig. 3 11,11ltre ýIue la nappe de sillitge est imie enl
ýquilibre. La Fig. 16 tournit les dsrutn de pression
calculi~s en envergure ai [incidence 17', et iontre l'apparinon
d'uni plateau de pression dans ia zone dl&ollkc. LUs resuluis
des Fig. 15-16 correspondent a des calculs sur des inaillages obi
1'auto-aciaptatiin est r~alistee pour ce qui est du calcul % isqueux
et de 1'dquilibrage de [a nappe. mais qui sont depcwt-'us
d'au to- adaptation du otaillage de surface au dclollernent (cas-b
de la Fig. 17). Dans ces calculs sur maillag e de surface orthog-

N ~onal, I'approxirnation de troncarure VISqucuse Csi alOrs
sin ),* =1.

-cP

cc 16"K

emplntur

empanur 
Fi l).Disriutonde remw ýjlapaoi

9.2 Calc' IA m)arih d urf ade ariuton aIa ptari

N La technique de maillage auto-adaptative mise au point

dans la pr~sente m~thode (code VISII) pemniet aussi ['auto-
adaptation du maillage de surface, par rapport aux effets
visqueux de d~collement. cas-a de la Fig. 17. L'auto-adaptation
du maillage de surface est ici asservie au passage en mode in-
verse du calcul visqueux, c'est A dire asservie au cane
carat~ristique et au domaine de d~pendance local du calcul de
couche limite coupl~e.

Darts ces calculs. 1'hypoth~se d'une direction X* de tron-
cature visqueuse parall~le aux lignes i = cst, qui est acceptable
lorsqu'elle est possible, et qui ne conduit pas alors ii des
modifications majeures des solutions par rapport au calcul avec
sin ?L = , ne peut cependant &r~e mairnenue sur un maillage de

Fig. I5, Ligne~s defrowiment. Extradas. Muillagejise. surface distordu par adaptation I un grand d~collement, Le cal-
Aile rectangu faire NACA44 12. alk'ngernent =6. cul avec X* paral]l~e aux lignes i Ist sur un maillage con-

(Af = .18. Re =4 1()6. turbulent) vergd tel quc celui de ]a Fig. 17 cas-a ne peut en effet Etre
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eniplnt~rCeinplanture

big i 9. IY .i)4nU' dt' A(HOag aw5 aI i/ 0c~' cdap)tifi 8111

Ait u/c ( tangulai t, VU 'A44 12, alli 'cn 'mc'nt -0

(h) Of ~= 18. (1 17'. Re 4 1 Ot'. murhulcnt

incidence 17', Fig. 18-19. On peut noter que le calcul avec
maillage de surface auto-adaptatif et sin k* = 1 Fig. 18, repio-

Fig /7 failladuit sensiblemnent le resuultat sin )'= I obtenu sanis maillage de
Eu' 7 la yeut tie .uuri ,ait' , W~- aclaptd(It ,it~ Ct/I t Lj~~ t qUjjt(i. surface ada1Aatif de la Fig. 15, ei que )a solution sur mailhuge

*Aile ru'uranguliare VAC,44412. allb'ngeme ti = ode surface adaptatif avec sin k* calcule. Fig. 19, ne conduit
Of.1 = .18. u 17". Re =4 106, nit~hiIt'ti) tqu' un 16ger .jccroisserent de la zone d~colI~e.

effectu6 sans violer les dornaines de d&pendance et canes
caractenistiques de cotiche limite en mode inverse. Une direc- 9.3. Voiture en tflhe AS27-V41.

*tion k* calcule en chaque noeud, en fonction de l'obliqtiitý du Uepeievldto uniaied an~hd ecl
maillage de surface et du c~ne caract~rstique inverse local. estepeir aiato uniaied L u~hd ecl

done irntroduite. Elle &volue entre la direction i =csu et la direc- cuL tridiniensionnelle VIS I11 par comparaison calcul-exp~rueiice

tion orthogonale aux lignes de courant non-visqueuses. Le cal- a et obtenue sur la voilure en tkche AEROSPATIALE V41,

cul confirme que ['impact du choix de X* sur les solutions qui a 6e exp~rirent&e A grande 6chelle sur Line maquette

reste faible, Ie test 6tant ici effectuý sur le resultat sensible -avion" 1341 dans les souffleries de l'ONERA. et dont les

qu'est le frortement, et dans le cas dWavorable dIe Ia plus forte carac~i~stiques sont d&jA plus proches de celles des voilures
industnielles.

La Fig. 20 montre le maillage de surface du calcul et in-
SaUnion dique la g~om~trie de la voilure. Le calcul est rdalisd en tur-

bulent. La transition exp~rimentale est &uclench&e La Fig. 21

big 18 Lignies de Jrottement. Mail/age awao-adaptauif Sin X* 1,I
Aile reclangulaire NACA44 12. alIon gemnent = 65. i

(14 =18, OE = I7", Re =4 106', turhulent) 'i 0. Aile AS27-V'41 (allongi'nwnI=9'i) Mail/age de suwlace
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Fig. 22. Caonparais(,n calcui- experence.

Fig 21 Lignes defrotte',em'. Extrados. Aile AS27-V4I Distribution de pression. Aile AS27-V41.
(M 4,(M 24, Rj~ 7.8 106. turbulent, mnodi'le 2 eq.)t~f 24 ReR~e= 7.8 10(", turbulent, modde 2 i'q.)
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FORTY YEARS OF HIGH-LIFT R&D - AN AIRCRAFT
MANUFACTURER'S EXPERIENCE

E. Obert
Fokker Aircraft B.V.

P.O. Box 7600
1117 ZJ Schiphol
The Netherlands

SUMMARY

In the course of four decades a large amount of high- Po Static pressure of the undisturbed
lift applied research and development has taken place airflow
at the Fokker Company. In the 'fifties and 'sixties the q Dynamic pressure
F-27 and the F-28 were developed. In the 'eighties Re
these aircraft were developed further into the Fokker Reynolds number related to the airfoil
50 and Fokker 100. In the seventies an extensive R&D section chord
programme was performed in preparation of a possible
successor to the F-28 leading to the F-29 project ReF Reynolds number related to the wing mean
study. In each case two- and three- dimensional
windtunnel models were investigated in numerous aerodynamic chord
configurations. In the last decade these investigations S Wing area
have increasingly been preceded by theoretical a Airfoil section angle-of-attack
investigations. Where data are available comparisons % Aircraft angle-of-attack with reference
have been made with flight test data. Of each to the fuselage centre line
development programme a detailed account is presented. be Elevator angle
Particular attention is paid to Reynolds-number effects 61 Flap angle

and the interconnection between the high-speed cruise 8s Slat angle

and low-speed high-lift design requirements.

S I. INTRODUCTIONLIST OF SYMBOLS

A Wing aspect ratio When the Koninklijke Nederlandse Vliegtuigenfabriek
b Wing span Fokker N.V. (Royal Dutch Aircraft Factory Fokker)
c Airfoil section chord restarted design and production of its own aircraft

after the Second World War good high-lift
Wing mean aerodynamic chord characteristics were not among the prime goals pursued

cd Airfoil section drag coefficient in the design activities. Fokker's first designs, the
CD Aircraft drag coefficient F-25 Promotor, the S-11 Instructor, S-12, S-13 and S-14
cl Airfoil section lift-coefficient Mach-trainer were touring aircraft and military
c1ftX Airfoil section maximum lift coefficient trainers where airframe-propulsion integration and
CL Aircraft lift coefficient flight handling required much more attention than
Cum Aircraft maximum lift coefficient maximum performance. For these designs split flaps were

(CL)Vm Aircrift maximum lift coefficient good enough.

based on minimum speed reached in the In 1950 however, a design study was started on a two-
stall manoeuvre (FAA definition) engined transport aircraft which was envisaged as aCAraft maximumre liFt cefficient bsuccessor to the then ubiquitous Douglas DC-3 or C-47.

CLmx. I Aircraft maximum lift coefficient based This was seen as a tremendous challenge. The C-47 was
on the speed at which the "g-break" at that time easy to obtain at very reasonable prices
occurs and had for its days quite reasonable field

(CL). 1 s (CL.x)VV n/1.44 performance. The new aircraft, the Fokker F-27Friendship would be equipped with the not yet generally
(cT)a.o Increase in section lift coefficient due accepted turboprop engine (thr Rolls-Royce Dart RDa6)

to flap deflection at a==. in order to obtain lower operating costs and a
CL1,0  Aircraft lift coefficient for the significant increase in productivity through a higher

Airfoilsection pitchcruising speed. Take-off power rose from 1200 hp for
co Airfoil section pitching moment the C-47 to 1600 shp for the F-27 MklOO. The higher

coefficient cruising speed demanded a higher wing loading for

(AC*)• Increase in airfoil section pitching optimum cruise performance. Wing loading increased from
moment coefficient due to lap 139 kg/m 2 (28.4 lb/sq.ft) for the C-47 to 253 kg/mi
deflection at a-O (51.7 lb/sq.ft). As the span of both aircraft was

ih Tailplane setting practically identical (29 m or 95 ft) the span loading
(L/D)1.2s Lift-drag ratio at a speed 20 percent MTOW /b2 increased from 15.11 kg/m 2 (3.10 lb/sq.ft) for

the C-47 to 21.06 kg/m2 (4.32 lb/sq.ft).

above the stalling speed Finally the aircraft would be certified according to
Cp Static pressure coefficient, the U.S. certification regulations CAR 4b which wereP-Po considerably more stringent, both with respect to

q performance and to flight handling, than was the

M Mach number certification basis for the original DC-3.
P Local static pressure Nevertheless, the DC-3 field performance was to be

duplicated.
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Thus a set of very demanding aerodynamic design NACA 644 - 421 (mod (root)
requirements was formulated for low-speed flight (high NACA 644 - 418 (mod) (70 half-span)
maximum lift in take-off and landing, high lift-drag NACA 644 - 415 (mod) (tip)
ratio's at take-off and landing conditions and
excellent low-speed flight characteristics both in all- The selection of these particular sections oas entirtly
engine and one-engine-out flight conditions). This based on a analysis of available windtunnel test data

* special attention for low-speed flight, both with from open literature. The modifications consisted of
regard to aircraft performance and to flight handling straitening-out the cusps on the rear upper surface.
has ever since the original design of the F-27 been a
trade mark of Fokker designs as these have always
primarily been aimed at the short- and medium haul
market.

II. THE BEGINNING - DEVELOPING THE HIGH-LIFT
CHARACTERISTICS OF THE FOUER F-27 FRIENDSHIP

When one looks into the open literature for data on
airfoil section high-lift characteristics available in I -

1950 one finds that most of the data is compiled in *.
four publications: - - -

a. Theory of Wing Sections (Abbott and von Doenhoff,
ref. 1).

b. Summary of airfoil data, NACA TR 824 (Abbott, von j
Doenhoff, Stivers, ref. 2). °

c. Summary of section data on trailing-edge high lift I° •"
devices, NACA TR 938 (J.F. Cahill, ref. 3). I

d. The Aerodynamic Characteristics of Flaps, ARC R&M
2622 (A.D. Young, ref. 4).

The data in these publications concern either tests
with efficient high-lift devices on airfoil sections
which were then considered obsolete such as the NACA 4- :
and 5-digit series and the British RAF-sections or the,
at that time, modern NACA 6-series laminar flow
sections but at moderate relative thickness (10 to
12%). Data from systematic tests on a large series of
NACA 6-series airfoil sections equipped with a 0.20c V.i~tofm., ...... e,,,ite ,,,,i,•,r,,,
split flap were available however. Also a very limited thirknr- ratioandcambrfor vieNACA rNI woon.

set of data on thick NACA 6-series sections with
double-slotted flaps can be found. Fig. I Effect of airfoil section thickness on C m,

(from ref. 1).
All test data indicated however that within the airfoil
classification system used at that time both older and
later section families showed the highest maximum lift Windtunnel tests for the analysis and optimization of
coefficients at a relative thickness of about 12% for the high-lift characteristics were performed on two
the clean section and of about 20% with a deflected models:
trailing-edge flap. This is illustrated in figure 1
taken from ref. 1. a. A complete model at scale 1 : 15 measured on a

six-component external mechanical balance at
Because of the desire to minimise induced drag both in Rec = 0.8 x 10 and M = 0.12
take-off and in cruise a wing of very high aspect ratio
was required for the F-27. An aspect ratio A=12 was b. A two-dimensional airfoil section model with
felt to be achievable provided the flutter requirements section chord C = 600 mm spanning the complete
could be met without significant weight penalties. This tunnel test section between the side walls (tunnel
could be safeguarded by providing maximum cross- width = 3.00 m). The airfoil section was NACA
sectional area in the wing torsion box. Therefore 644-421 (mod). The model consisted of three parts
maximum airfoil thickness was required over the greater of equal span. The outerparts were fixed to turning
part of the wing span. tables on 'e tunnel side walls. The centre part

was fitted to the outer parts through strain-gauge
Thus a happy coincidence occurred between the balances with which normal and tangential forces
requirements concerning wing weight and stiffness and and pitching moments could be measured. This
low-speed high-lift characteristics, albeit at the arrangement was supposed to minimise the effect of
expense of a somewhat higher profile drag. lift loss near the tunnel walls due to flow

separation in the corners between model surface and
The F-27 wing is defined by a 21% thick root section tunnel wall. Additionally drag was measured with a
and a 15% thick tip section. As a consequence at the wake rake at one rake position for the majority of
outer end of the flap at 70% half-span the wing section tests. Only a limited number of pressures were
relative thickness is still 18% . Thus on average over measured with a wandering static tube to obtain
the wing part covered by the trailing-edge flap the data for loads analysis. Most tests were performed
relative wing thickness is 20% . at a Reynolds Number Rec = 2.3 x 10

The governing airfoil sections on the F-27 wing are: For the analysis of the flight handling characteristics
separate outer wing and tail surface models were used
to obtain detailed control surface hinge moment data.
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Inially both the complete model and the two-dimensional which made it superior to the Fowler flap. Figure 3
model were equipped with a double-slotted flap with a shows lift curves for the double slottea flaps with
total chord equal to 31% of the section chord, with fixed vanes and for the compound flap as measured on
fixed vane and a fixed point of rotation. In subsequent the two-dimensional model.
test series different types of flap, all with the same
total flap chord were investigated on the two- The compound flap was then tested on the complete F-27
dimensional model (see figure 2) together with minor model at scale 1:15 and showed indeed a marked
variations in the shape and relative position of flap improvement in the maximum lift coefficient for
and vane on the double-slotted flaps and in the landing. This is illustrated in figure 4.
location of the fixed rotation axis. Also the effect on
lift and drag was investigated of variations in the
shape of the lower shroud of the flap cavity on the 3o,

wing. Furthermore the effect of flap brackets was c, c,

investigated. Fl Vap

0-i

Flap I ,

.. j. et'Z"•CLS.2.Flap 11p

FFl FI Flap I

Flap Mfp d . 80.620 -• -• o 0 K 1)

I-F-2 oL e 45 d-4 -2o27 a ID,

2 md ea 
a(deg)

Flakap

b b o 0 .LS angle
Flap9B

Fig. 2 Flap configurations tested oro the F-27 2-D
model. o iI

Representative C[5 - values recorded for the various I
flap types are presented in the table below. 1at to

Flap no Flap type Flap setting Re Cu l

D Double-slotted. 40 deg 2.2 .10n 2.80b t icn0.
fixed vane Flap MI Flap 3ys

11 Double-slotted 50 deg 2.2 .e106 3.13 Reoal 22 1
fixed vane 4 -.4 -

IIl Coan ound flap 40/35 dea g .2 n. t 10 de3.76 Kih K fdig)

IV Fowler 45 deg 1.7 . I10' 3.68

va Double-slotted. 55 deg 2.2 t s 337 Fig. 3 Lift curves for four flaps tested on the F-27
fixed vane 2-D model.

Vb Double-slotio d. 50 deg 2.2 x 10e 3.27

f~id vneWhen the first F-27 prototype started test flying in
November 1955 it quickly showed to have less than

The data obtained on the two-dimensional model led to satisfactor-iflight characteristics. In particular with
the conclusion that the use of the compound flap would large flap ieflections and a fair degree of engine
be advantageous. This flap was a double-slotted flap on power longitudinal stability including the flare
which the front and rear flap were of roughly equal characteristics in the landing were considered
chord and on wh ich the rear flIap coulId move relIat ive to unsatisfactory. This was aggrevated by shortcomings in
the front flap, lateral and directional control.

This flap offered not only a very high maximum lift in After only a limited number of flights it was therefore
the landing, but, when the rear flap was not deflected decided to fix the rear flap to the front flap in the
thus closing the second slot, low drag for take-off neutral position and continue flight testing with the
conditions could be realised. Furthermore this flap single-slotted flap configuration. The maximum flap
allowed the use of a fixed hinge and offered a angle became thus 40 degrees.
reasonable section pitching moment, two advantages
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Vokk., F-27 stabilizer setting ih = -1 deg (stabilizer ntse

Awcaft-Is-~d WWII down) and ih = + 3.5 deg with the flaps fully down.
a$. c. An enlarged elevator with modified balance nose and

c..C.. a spring taD.

Front spar

-4 -4 0 4 8adt
61*0Fig. 5 F-27 horizontal tailplane.

Modified leading-edge for production
aircraft.

Fig. 4 The F-27, windtunnel model. scale 1:15,

Lift curves.
Although the improvement in CL , compared to the

At one stage in the flight test programme in 1957 standard aircraft, as predicted by the windtunnel
stabilizer effectiveness with leading-edge roughness testdata could be realized, (figure 6) the flight
was to be investigated at extreme negative stabilizer handling characteristics were still considered
angles-of-attack. As the leading-edge de-icing system unsatisfactory and no further development work was
contained pneumatic boots, which function only when performed on this configuration.
some ice accretion has occurred, a limited amount of
leading-edge roughness must be tolerable. So, what did the development history of the F-27 teach
Leading-edge roughness was simulated for this test by us ? It tought us that for a medium-speed propeller
the application of bird-seed. At one condition with the aircraft design for high-lift is not so much a matter
flaps fully deflected the aircraft pitched forward at of coming up with an efficient flap system on a
the application of power reaching zero g and plunging suitable airfoil section but much more a matter of
into a vertical dive. keeping the high lift literally "under control". The
Retracting the flaps and closing the engine throttles combination of high-lift and high engine power leads at
saved the situation. take-off and landing speeds to very high propeller

thrust coefficients with associated strong adverse
As a result of this experience the inner wing flap slipstream effects on the flight characteristics in
extension mechanism was altered such that at each flap pitch, roll and yaw both in all-engine and single-
setting the deflection of the inner flaps is only two- engine flight. Concerning the longitudinal
third of the outer flap extension. Thus, the maximum characteristics a detailed analysis of these phenomenae
deflection of the inner flaps on the F-27 is 26 deg. is presented in ref. 5
Also, the stabilizer leading edge was cambered upward
as shown in figure 5. These two measures completely
elimininated the possibility of negative tailplane 3.4 Fokker F-27 with c-ompou&nd Flap
stall over the complete range of flap settings, mt,
operating speeds and power settings even at push-overs 3.2. CL•a°
up to 0.5 g. r

3.0.
So a design which was originally intended to be I -0
equipped with very effective double-slotted flaps (the 2.8
"compound flap") was finally certified with single-
slotted flaps with reduced settings on the inboard 2.6
panels. This resulted in a decrease in maximum lift Flap i
coefficient of 15 percent but was necessitated by the 2.4 o. .agd lbohrA
flight handling certification requirements, both for 26 lit
all-engine and single-engine flight. 2. 36/4 25

As a part of design studies into possible further

development of the F-27 flight tests were performed in 2.0 36/24 30

1960 on a highly modified F-27 prototype. The 36/n 32

modifications consisted of: 0i,

a. The reactivated double-slotted compound flap as b 10
used during the very first flight. On the inboard 0 2 fro~t
flaps the aft flap was fixed in the neutral
position.

b. A variabel-incidence tailplane mechanically coupled Fig. 6 Maximum lift from flight tests on the F-?7
to the flaps such that with flaps retracted the prototype equipped with the compound flap.



The basic wing sections were taken from open wing spanwise lift distribution occurred at a spanwise
literature, the various flap sections were drawn with position just outboard of the tailplanie tips. In order
available French curves keeping practical experience by te obtain the flow separation pattern as desCrlbed
others in mind and the range of flap gaps and overlaps above the airfoil section at 40 percent naitspan was
to be investigated in the winditunnel were again taken made thicker than the root and tip section.
from open literature with an eye on acceptable flap
bracket size and the associated flap extension The airfoil sections on the S-14 which had a straight
mechanism. No theoretical design tool was used neither wing were of the British RAE EC-XX40 series and had the
was one available and pressure distributions were not following thicknesses:
considered for high-lift design .
Still, apart from the measures taken because of root 12.1s
aircraft control considerations, no modifications were 404 half-span 14.5%
required on the flap system on the actual aircraft. tip 12.0%
Also no tailoring of the stall characteristics was
required. The F-27 has perfect wing stalling As the S-14 had a negligible tuck-under tendenc)
characteristics without any protrusions such as between M = 0.78 and M = 0.82 requiring less than 10 lb
leading-edge stall strips or fences. change in stick-force over that small speed range (see

And a 1-g CL0 a = 2.6 for an aircraft with single- ref. 6) the principle was assumed to work.
slotted flaps and CLMX = 3.05 for an aircraft with
double-slotted flaps are still respectable numbers even The same approach was followed in the initial design of
today. the F-28.

The original wing design of the F-28 had zero sweep at
Obtaining satisfactory characteristics on the basic the 40% chord line. Again, the section at 40 percent
F-27 over the complete flight envelope for the manually half-span was thicker than the root section. ihe
controlled elevator, ailerons and rudder took however initial windtunnel model demonstrated however a larger
the greater part of a two-year development and flight than expected pitch-down tendency at Transonic Mach-
test programme. (1955 - 1957) numbers, possibly due to the high horizontdl tai]plane.

In subsequent design steps the wing sweep was therefore
increased to 16 degrees at the quarter-chord line
maintaining the concept of the spanwise thickness

III HIGH LIFT COMINED WITH JET SPEEDS - THE distribution as described above. In its final
DEVELOPMENT OF THE HIGH-LIFT CHARACTERISTICS configuration the high-speed pitching characteristics
OF THE F-28 0l00 were so much improved up to M. that no Mach-trim

compensator or other pitch-augmentation system was
required on the certified aircraft.

In 1961 design studies were initiated on a jet
transport aircraft with a capacity of 44 passengers, The governing sections on the F-28 wing have the
soon to be increased to 65 passengers, and cruise following relative thickness:

speeds up to M = 0.75. This aircraft was meant to
complement or succeed the F-27. As the aircraft was root 13.6%
intended for the lower end of the market and as in many 40% halfspan 14.0%
cases it would be the first time a possibly less 70% halfspan 10.5%
experienced airline would operate jet aircraft it was tip 10.0%
felt that optimum flight handling characteristics
coupled with maximum simplicity in the aircraft systems Since the development of the S-14 insight in airfoil
were mandatory. This feeling was strengthened by early section characteristics had increased in two
experience with the Boeing 707, Douglas DC-8 and significant area's:
Caravelle where the absence of slipstream effects as a
safety factor coupled with (on the first two mentioned a. Systematic analysis of a large number of windtunnel
aircraft) less-than-optimum control characteristics test data had indicated that basically three types
lead to a number of serious incidents, of airfoil section stall could be distinguished:

(ref. 7).
Finally, the new aircraft was to have a field
performance comparable to that of the F-27. trailing-edge stall

leading-edge stall
The new aircraft, the Fokker F-28 Fellowship would not thin-airfoil stall
be bothered by adverse slipstream effects. Instead, a
new potential problem area was introduced: transonic Furthermore it was established that the type of stall
aerodynamics. was to a large extend determined by the leading-edge
At Fokker's early experience had been gained with shape. The governing parameter was the ordinate of a
transonic aerodynamics in the design and flight testing point on the upper surface at 1.25% from the leading-
of the S-14 Mach Trainer. edge (ref. 8). This is in effect the combined effect of

nose camber and leadina-edqe radius.
In the design of this aircraft transonic tuck-under, a This coordinate could even be correlated with the
nose-down pitching tendency caused by flow separation maximum lift coefficient at a given Reynolds number
due to shockwave -boundary -layer interacLion and particularly for thinner sections with little camber.
exhibited also by many present day jet aircraft when
flying at transonic Mach-numbers, had been prevented by b. Following research at NACA in the '30s and in
a novel design approach. Germany during World War Two the NACA modified
In this approach it was reasoned that the nose-down 4-digit airfoil sections were shown to have
pitching tendency stemming from the changing pressure superior highspeed characteristics when compared to
distribution on the wing once this flow separation standard NACA 4- and 5-digit series and the later
occurred could be compensated by a changing downwash laminar flow sections such as the NACA 6-series.
condition at the horizontal tailplane. The increased NACA modified 4-digit sections differ from the
downwash which was required for this compensating standard 4-digit sections in their location of
aircraft nose-up pitching moment would have to be maximum thickness (40% to 50% chord instead of 30%)
caused by properly positioned additional trailing and their leading-edge parameter (= leading-edge
vortices from the wing. This required that the initial radius /chord).
flow separation with its associated local dip in the It turned out that at a given lift-coefficient and
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relative thickness higher drag divergence Mach sufficiently extra drag, if required, would be
numbers could be achieved when the leading-edge available from rear-fuselage speed brakes.
radius was larger than on the more conventional
airfoils. In order to determine the most suitable flap

configuration for the F-28 a two-dimensional model was
This was found to be caused by the way the initial area made based on an airfoil section which came very close
of supersonic flow on the section upper surface to the actual wing section at 60 percent haifspan. The
developed with increasing Mach number. Whereas on model spanned the height of the NLR low-Speed Tunnel
convential airfoil sections at cruise lift coefficients (2m) and was provided with a large number of pressure
and subsonic Mach-numbers the upper surface pressure tappings. The model could be provided with any of seven
distribution either shows a slight rearward slope from different flaps with a chord of 32% of the wing chord.
the leading-edge onwards or shows maximum super (See figure 8). The model chord with flap retracted was
velocities near their mid-chord point the sections with 010 m and most tests were performed at Re, = 2.8 x
larger leading-edge radii show a sharp leading-edge 10 . As the lift and the pitching moment would be
suction peak. This difference causes an almost determined via p:essure integrations and the drag was
explosive development of the area with supersonic flow obtained via wake rake measurements the model was
on the conventional airfoil once the critical Mach- directly fixed to the upper and lower turning tables on
number is surpassed resulting in strong shockwaves and the windtunnel floor and ceiling. As there were at that
flow separation. On the NACA modified 4-digit series time no provisions to remove or re-energize the
the area with supersonic flow extends gradually from boundary layer on the tunnel floor and ceiling near the
the leading edge, often with a degree of isentropic model considerable flow separation oc.currzd dt high
recompression and ending in a weak shock leading to lift in the corners formed by the tunnel walls and the
higher drag divergence Machnumbers. model surface. This prevented the realisation of true

two-dimensional flow to a considerable extend at high-
So, here was a situation were, contrary to earlier lift conditions resulting in considerable distortion of
days, low- and high-speed characteristics were not the upper part of the C, - versus -a curv s for the
correlated to airfoil sections or section families as various configurations tested. A procedure had
a whole but specific characteristics of the geometry therefore to be defined to estimate the maximum lift
and the pressure distribution could be correlated with coefficient for each test for the equivalent two-
specific dimensional flow condition. This was based on assuming
aerodynamic characteristics. These discoveries were the a near-linear curve up to the angle-of-attack for total
first step in the development of a process in which the flow break down. (See figure 9). Tuft investigations
designer obtained the possibilities to tailor airfoil which showed that in most cases leading-edge stall
sections to his own specific needs instead of picking occurred justified this approach.
an airfoil section from a catalogue.

A detailed comparison was made for the various flaps
In 1962 18 airfoil sections were thus defined by concerning maximum lift, lift-to-drag ratio's, pitching
Fokker and tested in a small transonic tunnel at NLR at moment and sensitivity to flap gap flow disturbances
Reynolds numbers up to 2.2 x 10. . In figure 7 an due to flap bracketry and flap suspension mechanisms.
overview of these sections is presented. Most sections This led to the choice of the double-slotted flap with
have large leading-edge radii. Sections no 17, 18, 5 movable vane (flap no 6) as the most suitable
and 6 were used in defining the final F-28 wing. configuration for further development. Figures 10 and

11 show some testdata obtained in this analysis.

q NACA "ak,oa MUt.

�.�.-�_-Flap I

S -- FLap 3

la p 4

Fig. 7 Transonic airfoil sections tested in the NLR FLap 6
High-Speed Pilot Tunnel.

No leading-edge devices were envisaged for the F-28.
For t!.e trailing-edge flaps again requirements were
formulated for very high maximum lift for take-off and
landing configurations combined with high lift-drag
ratio's at take-off and landing conditions at 1.2V, and Fig. 8 Flap configurations investigated during the
1.3 V. respectively. In particular for the landing it F-28 development.
was considered importafit to achieve low drag as



as upper wing shroud trailing edge angles and
thicknesses and clearances with the flaps retracted,

clean . irfo, sealing provisions and practical roller pat-.s and flap
L ,track shapes were considered of more importance.

L5, .Much attention was also paid again to minimizing drag,
A.,. Z6. 10' in particular for the take-off flap positions. This

resulted in the adoption of movable flop •hroud doors
,,a,- (see figure 12).

./.W Having defined the flap geometry with its associated
flnp•. -extension path two complete models, equipped with the

. ,/ - ,Fa double-slotted flap, which spanned 70 percent of the
*.- W.. ~wing span, were tested. The larger one, at scale 1:12,

S •, -- in the NLR low-speed tunnel (LST) and t e smaller one
Eiv as4 at

es.' , / .0 _ O scale 1:20 in the NLR High-Speed Tunnel at M ý 0.19 at
c 5., o 5 .)as a tunnel pressure of 4 atm. These tests were performed

at Reynolds numbers of Re, = 1.4 x 10 in the LST and
Re = 1.0, 1.4 and 2.8 x 10.6 in the HST.
Also a half model at scale 1:12 was investigated in the

Flc. 9 Correction procedure appliec to the 2-D HST at Reynolds numbers up to Rec = 5 x 106. On this
testdata ouring the F-28 development, model only the flow separation pattern at the stall

could be studied as a function of Reynolds number as no
force balance was fitted.

25.2
Fla----a Fip 6 s ok .4)

6/k-/ . ".s- I ; In the performance calculations for the F-28 it was
-._0 •..-•-•, " assumed that CLmax = 1.5 for the clean aircraft anJ CL m

20 .... 20 = 2.5 for the aircraft in the landing configuration
would be realisedb according to the definition of CLeax-- oa l . . f and this value being obtained with the procedure as

ecIL), - gdescribed in the certification requirements,of CAR 4b.
,5 Using the two-dimensional data with the classical

Weissinger extended lifting-line theory and using
'd limited available data on Reynolds-number effects on

/' maximum lift and on the difference between 1-g Ct and
/ . "CAR 4b (minimum speed) CL... the conclusion was that

Modal r' Model 1 this was achievable. At that time (1961/'62) t, is was
Mo4l s-5, Mol •-• seen as a considerable achievement as the jet aircraft

O 'S , then flying (Boeing 707, DC-8, Caravelle, Convair
_ _ _A .__ _ , Coronado) reached C --values of the order of 2, even

0 so '40 when equipped with eading-edge devices.
Flap anl& (d.g) 4'Fap angl. (4.`aede)eics

DOORS HINGE TO FORM A
Fic. 10 ;-28 - 2-D maximum lift. SHROUD WHEN THE FLAP IS EXTENDED

,le ,." . ---- ,0 •', ,. ,,..., ".... ,,":'1. 4 " . .. " ': "

C nap A, 61e "4

ow4• -0".

.3 Fig. 12 F-28 Hinged lower surface flap shroud doors
Fl---, t ap 6,:. •, 14 Flap -- J,.1lae for minimum drag.

-o 00( " When the LST- and HST-models were tested it was found
w 20 s (A C 0  that the expected CLma-values were realised, but the

stalling characteristics were unacceptable both in
pitch (offering too little resistance to achieving

Fig. 11 F-28 - 2-0 pitching moment coefficients. extreme angles-of-attack in post-stall conditions) and
in roll.

As the F-28 flap was assumed to be fitted on roller Concerning the latter the models showed tip stall at
tracks far more freedom was available to define optimum low Re-numbers and a sudden flow separation over t~e
intermediate flap positions. This lead to a much larger complete wing on the half-model at Re = 5 x 10,
test programie on the two-dimensional model for the F- Clearly, some stall control device(sf was (were)
28 than on the corresponding F-27 model. Automated required to initiate stall on the inboard wing.
electronic data reduction helped much however to keep
the test period within acceptable limits. On both the complete models and on the half-model a

number of wing fences were tested at different/
Just as during the design of the F-27 no theoretical spanwise positions alone or in combination with inboard
tools were used in the design of the various flaps stall strips. Longitudinal stability at the stall was
studied for the F-28. Again French curves were used for clearly improved and in particular on the half-model at
defining their geometry. Practical considerations such RE, = 5 x 106 wing stall started clearly on the inboard
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wing. All stall control devices lowered CLmax by We learned the following:
Cw =-0.1 to -0.15, however. (Figure 13).

a. Wing geometry requirements have to be considered
So came the time that the stall was to be investigated integrally, for both high-speed and for low-speed
on the prototype aircraft in 1967. After an extensive flight, in particular when no leading-edge devices
flight test programme aimed at obtaining satisfactory are used.
handling characteristics combined with a minimum loss
in maximum lift a configuration was frozen with a b. Tayloring stalling characteristics both in roll and
single short leading-edge stall fence at Wing Station in pitch has to be considered as early as possible
3784 (mm from the fuselage centre line) combined with in the design as it is most likely to affect
a stall strip just inboard of the fence the size of a maximum lift and thus aircraft performance.
match stick. The latter is there to ascertain a
consistent flow separation behaviour. The stalling c. Good handling characteristics in combination with
characteristics are such that no stick-pusher is minimum lift loss can only be determined reliably
required. Figure 14 shows the various CL -values in windtunnel tests at high Reynolds numbers.
measured in the windtunnel and on the flUM scale
aircraft. d. For reliable windtunnel testdata details of the
Refs. 9, 10 and 11 present more details on the flap mechanism have to be reproduced faithfully on
aerodynamic development of the Fokker F-28 MkO000. the model.

L2 F.
o 

kk.r-• 1 02

CL r.Ato(P cL r..n. C R aM IV LEADING-EDGE DEVICES
a *L~44 - a.*32,a et-I.-~o -Wt

U~~ a~ n.8 3P
aaq 00.t As part of continuing efforts to increase the

S,,versatility of the F-27 a study was started in 1968 to
t / . analyse the potential of equipping the F-27 wing with

° slats.
A windtunnel test was performed on the original two-

naps ,dimensional model used in the F-27 development
ci ,,0t3a, ..oAtM programme. Apart from the original airfoil section twoR,.14.10' R.,.28. modifications were tested:

- .1 04 a. A modified leading-edge section with a larger
--- o 3M, a ! - ' 984 leading-edge radius than on the basic section

• -- ,combined with some leading-edge camber.
a02 42 `4 0~ Z~ 4 02 6 a$ tO. 14.16

0.9)(4. b. A leading-edge bection equipped with a slat.

- ' rThe tests showed that a modified fixed leading-edge

showed only limited increase in CL1 x notwithstanding
the increase in leading edge radius whereas the slat

--.. _ - could improve C,. by as much as a C,.,, =1.0 over the
________ _ .___ _complete flap range (Figure 15).

Effect of fence on progres- 40 -

s;on of flow separation

Fig. 13 Effect of stall control devices on maximum 50o
lift and flow separation pattern.

2.0
F0k. -2_1st~ 

0  o Basic a~rfoI
an~ tCI~A Drooped nose.

16 Fl Ops .tASt.d 20. F1ap 42 -d., 10 Q Slat de an ct ed

the F-t 2- model.C I

14 lý,. 2. F*"c,o At W1., STA 31784 Seto NACA 64A-421(mo___

1Fi . 10 F- 0 l 20 5i0n40
IF. At ,slA..tr. Flap angte (do%)

Fig. 15 Leading-edge modification and slat tested on
the F-27 2-D model.

Fig. 14 F-28 MKIO000 maximum lift as a function of

Reynods nuber.in the late '60's windtunnel tests were performed in
the NLR-LST on a two-dimensional model equipped with a
slat and a single- or a double-slotted flap. Two slat

So, what did we learn, concerning high-lift shapes and three main component leading edge shapes
characteristics, in the development of the Fokker F-28 were investigated. The second single-slotted flap had,
Fellowship ? compared to the !ýaic single slotted-flap a smaller

leading-edge radius and consequently a stronger upper
surface curvature.



The double-slotted flaps differed in their design This considerably improved the credibility of the test
method. The first flap was defined entirely on an data and, incidentally had also proved the correctness
empirical basis, keeping in mind some inhouse of the correction procedure adopted for the F-28 test
formulated design rules and with an eye on seemingly data mentioned in chapter IlI (Figure 18).
succesful vane shapes from open literature (figure
16). The total flap chord was 30 percent of the section 40.
chord. The other double-slotted flap was designed on a Flap eoking
theoretical basis. The total flap chord of this latter % - 42
flap was 35 percent of the section chord. (deg) 4
The airfoil section chord was 0.75 m leading to a 36. / ,
maximum test Reynolds number Re = 3 x 10C. 4
The various components investigated on this model, 25
indicated here as model A, are shown in figure 17. 30. ' - 25

From: LG02 40

RACA Ak L5A 10
.RK A58HlU 25 a6TN ---S g

NASA TM X-542 2O1

NAARM L52J25 1

Falrchld- 4111er FH-228 -

•, O t~nneL waLL

Fokker F-27 Flap RA - 1• 0 15 20
OK(deg)

Model A.Flap 3 bModei 5-2-Ftap G

Fig. 16 Vanes shapes found from literature. Fig. 18 Effect of tunnel wall blowing on lift curves-
F-28 2-0 model, Model 5-2.

The tests on the new 0.75 P- chord model which consistedzof the now standard integrated-pressures tests for lift
and pitching moment and wake-rake measurements for drag
were performed on a number of diffe-ent slat-main

____ component-vane-flap configurations at many combinations
of gaps, overlaps and deflection angles.

The tests produced the following results:

3.----- P 2a. The two single-slotted flaps produced for all
practical purposes ident'ical maximum lift notwith-standing the differences in geometry.
(Figure 19a).

low II 2 b. Removing the "hook" on the slat lower surface did
not improve the slat's high lift characteristics.
(Figure 19b).

c. Decreasing the radius on the main component's
leading edge had no effect on maximum lift unless
the leading edge radius became extremely small.(Figure 19c).

Sd. The three double-slotted flaps (as a third flap the
vane of the first flap was combined with the other
main flap) produced practically identical maximum
lift if the difference in extended chord was taken
into account.
(Figure 19d).

Fig. 17 High-lift devices tested on the 2-D model,
Model A. e. The routine availability of detailed pressure

distributions allowed an extensive study of various
flow phenomenae such as the development of areas of

Prior to the design of the model under consideration controlled separated flow in slat and flap shroud
NLR had installed a boundary layer blowing system in cavities, the movement of stagnation points as a
their low-speed tunnel which produced near-two- function of configuration parameters. An analysis
dimensional flow conditions in the tunnel test section, of boundary layer conditions on a routine basis was
also at very high lift conditions. (Ref. 12).
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Fig. 19a Effect of single-slotted flap shape. Fig. 19d Effect of double-slotted flaps.
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3,6 2--- V DEVELOPNENT OF THE SLATTED VERSION OF THE
Ft .. p Angle F-28 FELLOWSHIP, THE F-28 Wl 6000

32. As the Maximum Take-off Weight of the F-28 Mk 1000/2000
had increased from its initial design value of 54000 lb
to 55000 lb and engine thrust had not changed, a need

2.8 SL- sa~t Iwas seen to improve the aircraft's take-off and landing
performance.

i. *X I.6 Slats seemed to offer one possibility.
Therefore, in 1970 a study was initiated to analyse the
various possible ways to improve the F-28 field

o 5 1 i Is 20 performance.
K (dag) This resulted in the definition of 5 slat shapes, slats

A to E, to be investigated on the two-dimensional F-28
F4g. 19b Effect of slat shape. model, Model 5-2. (Figure 20).

These slat shapes were again defined without any use of
theory but under consideration of some design rules

0 - based on previous experience such as minimum slat
40 , trailing-edge angle for stiffness, sufficiently long

S l 2 flap 2 lower surface to allow for stagnation point travel with
3. FLap2•31Fa

Nos& a NOsa3 increasing angle-of-attack, etc.).
56 ~ 2la I Sla 2 -

ý34,3. fk 11 sa2 Slt slak i-
141- Slat Seaktn 14~ 20 a -IA

it 2040l ga I-SO,• 3, z° d -I: F-?8 - - M ode l 5-2

". "C "P"
448 2V IIOI

12 gpa C gap as c.. 12 Fapsag

o s is "' o a+ o J)+ IS • a , i m+
,,: (d.•) •~~ (dug) .•_ _j_

Fig. 19c Effect of fixed leading-edge shape.
Slt atI

Fig. 20 Slat shapes investigated on the F-28 2-0
model .

Some significant test results from this investigation
are presented in figures 21 and 22.

oThe most important conclusions from this investigation

were:
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Fig. 21 F-28 2-D model - Lift curves for various slat - , (As -)
settings. ---U 1.52 -tio
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a. Increasing the slat chord from 16% c to 19.5% c did Re¢,0

not increase the maximum lift coefficient. (Both
for slats D and E when compared with slat A). b. Effect of Reynolds number on Cma,.

b. For aaximum lift the most attyactive slat
deflection seems to be 25 deg. with a fairly wide Fig. 22 F-28 2-D model.
gap and underlap.

c. Decreasing the slat angle and slat gap and underlap The testdata from these 2-D tests were considered of
lowered both the maximum lift and the drag. sufficient interest to continue investigations on a

three-dimensional model. The scale 1:12 F-28 LST-
d. At low lift coefficients their is no smooth flow model was modified in 1971 to incorporate slats and

through the slat gap. When this flap condition tested subsequently. Initially 7 slat positions were
occurs the lift coefficient drops rapidly and the investigated on this model, Model 8-5. Slat A from
drag increases very rapidly at decreasing the 2-0 tests was adopted as the slat shape to be
angle-of-attack. investigated resulting in an unmodified wing shape

with the slat retracted. These initial tests produced
two surprises:

4)Q. a. CLwx decreased when the slat angle was decreased1a from 25 to 15 degrees. Improvement of the wing

Ctmni I n"'eroot fairing shape improved Ciinx significantly,

however. (Figures 23 and 24)

40. b. The drag increase due to slats at take-off

SLa-l A ) conditions had a dramatically high level

Ree 2.6,A__ 6- Ftap with the slat angle at 25 deg and was
anitt significantly lower at slat angle = 15 deg.

3.5 A (Figure 25).

In the end 25 slat positions were investigated
before it was accepted that additional measures had

Stat Stat to be taken to arrive at acceptable aircraft lift-
.0, gap ovrtlap drag ratio's.

0o1. - .45 It was clear that the large number of slat brackets
0 -1 .52 (rails on the real aircraft), simulated bleed air

0 % i~ipipes for de-icing, etc. had a large extra drag
2.,A - .3- contribution but this could not explain the large

25 effects of slat angle.
Fla•p Clearly some three-dimensional effects affected the

acte flow picture to a considerable extend but a true
explanation could not be found.

to. St at Adopting finally the slat configuration given as
F io ig 21 3o a"Stl. position no. 5 on Model 8-5 the additional measure

(deo) taken to obtain the desired lift-drag ratio's
consisted of a wing span increase (0.75 m span
extension at each tip. This configuration was then

a. Effect of slat setting on CL~x. tested in the NLR •ow-Speed Tunnel as Model 8-7
asat Rec = 1.4 x 10., in the High-Speed Tunnel a

Model 6-4 at Reynolds numbers up to Re = 2.8 x 10
and on the F-28 halfmodel Model 7-8 (which since
the development of the F-28 Mk 1000 had been
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equipped with a 5-componepit balance) at Reynolds
numbers up to Rec = 5 x 10 . 2Z4 Z8 4 1.

Apart from Cýa and CIC0 at take-off and landing 22
conditions tthel windtunnel tests on these models
centered on two other design requirements:

CL F-28 - Moel.S-5 CL 14 nc 01 . 0O'C

&.0 10. 12 ~ *

elevator i. ,.*.kai, tovlaau~C 0 ~ ~
Posiion -*0 -ii- -

25 25 ,,~t* -2 i1 195 -SAC
.4 Z5 2.5 -,30

02 
R ~,

0

2.0 F& OV Flap 110405 406a00 oom 01M 01400 K oi,011

4'-p

13 42CL F2 A" -

20 ~
1 $401.9 I

Siak angle 5dag Slat andle 5dQg
Slat gap 2'.3%c Sa a S~

I slat oa~P-. 0.5 SLAt Overlap-0hO%cH

rl aps 

'kla 

s

O'egiaa ivoot Fairing O,,iual wing r-out P..log \

0 --; WO 150 ZOO 2W -6

Fig. 23 F-28 Model 8-5. -Effect of slat angle on Ac'.*10

C~x*Fig. 25 Effect of slat angle on drag -F-28

Model 8-5.

F-26 - modeL 8-5 CL.
350. aitlpan. and J

elevator in rt.bkl.-6 a. securing satisfactory stalling characteristics,
~ ~,~s~li1(Lh 4

.O)both in roll and in pitch. Concerning the latter in
particular post-stall behav'iour required attention.

25 b. Securing undisturbed engine operation at high
angles-of-attack.- Stalling characteristics received a great deal of

2.0 Flap attention. Many different devices such as fences,, aitl stalling strips~stall promotors and spring loaded
(dog) closing plates, the latter partially or completely

42 closing the inner wing slat gap, were investigated
Origina[ wing rook at different Reynolds-numbers on the various
Fairing. 15models. Also various wing-root fairing shapes were

analysed. The best compromise between a high CLXe
Stats and good stalling characteristics was thought to'e

20 defec~edobtained with the fence and stall strip as were
to 20dVeddpresent on the Mk 1000/2000 and a small stall

NSlat angle i5dag promotor when the slat was extended. Also the wing-7slat gap 1,95. root fairing which became exposed when the slat
MatO'6oe,,tap-O080%, extended had to be tailored carefully. The

00 5_ possibility of the need for a stick-pusher to
I _Def.-____ prevent a locked-in stalled condition was

lm ~ "wing root Fairing recognized however.
FLapS Ra.A1

DeFin~ivie wing / retracted Re 1.0 Proper engine operation at high angle-of-attack
rooL Fairig became questionable when it was noticed that at

0 0 3 20 25 that condition a strong vortex, springing from the
aft~d~g)inboard slat end, entered the engine intake. Intake

flow analysis with the aid of total pressure rakes
showed that this vortex could be suppressed

Fig. 24 Effect of wing root fairing shape on C,,,. significantly by installing a Kruger-flap between
the fuselage and the slat.



When the full-scale development of the slatted F- , Pk

version of the F-28 under the designation F-28 scale
Mk 6000 was undertaken (for a description see
ref. 13) the following aerodynamic configuration
was adopted: 2o • -

a. It was based on the F-28 Mk2000. -- V B-7 L4.0

b. The wing span was increased by 0.75 m span
extension at each tip. Rap rtactledl

c. Wing slats were adopted with a single extended to NW

position for both take-off and landing as close
as possible to slat position no. 5 on Model F/e\w
8-5/8-7, given minor restrictions from A &C, see

practical considerations. as F s

d. A spring-loaded stall promotor on the inboard
wing would be added. This decreased the slat
gap with the slat in the extended position. Ars.1-

(Figure 26)

e. A wing-root Kruger flap was added. (Figure 26) Fig. 27 Effect of Reynolds number on drag due to
slats

f. The wing-root fairing at the leading edge was
tailored for optimum inboard wing separatiun
control near the stall. This affected the of-attack excursions at the stall with very course
pitching moment in the stall in a positive way. control inputs a stick-pusher was installed.
(Figure 24). Figures 28 to 31 show comparisons of some

significant parameters as measured in the
g. A stick pusher would be developed. windtunnel, as estimated for the full-scale

aircraft and as derived from flight tests.

From the development of the high-lift
characteristics of the F-28 Mk 6000 the following

Bcaundary lessons were drawn:

Fenc, /LAT, a. Again it became clear that small details on theFROMO1-RT high-lift devices had to be reproducedTALLPROMOTO accurately.

b. Significant three-dimensional effects can occur

wing root in the flow about wing slats on swept wings,
i c•--'IOtL' in particular concerning drag.

I'~CL F-28- modet a-?

S0 Tailpia a4 I

Fjded jeadjAg ont-tor '. ftial
(ig, .6..)

Fig. 26 F-2F MK6000 - Stall control deviccs. 2.5.

Further windtunnel tests at higher Reynolds numbers Flap

on both a complete model (model 6-4) and on a half , .
model (Model 7-7/7-8) showed a marked effect of
Reynolds number on the drag due to high lift
devices, in particular at lift coefficients of 42
interest. (Figure 27) Win4 ro-k
When the prototype F-28 Mk 6000 was flight tested Sl / p otted krugr
we were in for a new surprise. The maximum lift Flap Fittd.

coefficient at full-scale conditions turned out to ___________

be much higher than estimated. In fact it was 2 S & ffidl
higher than considered to be useful. .0Statgap M, %.
Therefore in a very early stage of the flight test
prcgra~me the slats were slightly retracted on • No skl

their circular tracks from 15 deg to a slat angleI -aJ pronokor
of 13 degrees in an effort to decrease drag at
take-off. The maximum lift turned out to be hardly 05 Fitted
influenced by this modification. /s " ...
Furthermore both stall promotor and Kruger flap / Re -t4.0
turned out to be unnecessary. Lateral
characteristics including aileron characteristics D.h•-.it'. ",root &AW,

turned out to be excellent up to extremely high 0 s V is 2o u5
angles-of-attack. Pitch stability in the stall at *Lf
extreme aft centre-of-gravity position was small
but positive. To prevent inadvertent large angle-
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F-28- Model 6-4 C Lva F - 28aM k OO
30 rLILpLane~ and 54.
CL eleato ino

(L. h-6. 0) 3.2. Sat$
extended / .0 CL~MaX

25 15.1c. ý' / Stick p,.Lskar

flap aa2 0.8'.2-St

~la 2.6. /

42 Winig root A
iitated C,.O~- 2-.CLZNji

;i&P Fiika. ~ .

Slats detI.ckidl. 
22

slat Angle 154kg 2.0 Sa-
Slat gap Iit.9e X~~
SlW Overlap -08o%C1. retracted

Skttl pronicta, fitkd.

rerate 1.4... at 1 %

do 5 ib it 20 i5 tFlap
Xjt~deQ) 0 10 20 30 40 Jzngte (d-9)

0Fig. 29 F-28 MK6000 - Full scale lift curves and
1 00 ~ 0 maximum lift..4010
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Fig. 28 F-28 MK6000 - Lift curves of the LST model,3, _

Model 8-7 and the HIST model, Model 6-4. 3.1. all n Full

elevator in nauitraL Scat&
3.0. postktaon,( Lta.e.c)

CL F- 28MkOO 600 , 20 dei
r&apla A. nd ekit.~at t

-Irl.Dsbo.2..WndAtLnow" data. Fu LL
02.6 slat .4njit tl5&8 scale

Slat angte 13d.g Flight Last.- data:
2.5. sJaL a ngte - IA3deg

Fl ap 24.

20 23e% Flaps
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d~m 2.2

1 2 3 4 5 678SU 12

18 14C Slat A.A..
up .';d

gl.p 1-S%, Fig. 30 Effect of Reynolds number on maximum lift.

Flap- I 14c. Talrn tlig hrceitc of anstl
retrcte gap I %, ircaft quipedwith slats in combination

WC u wit a Ttailrequires great care. Againwindunnl tstsat high Reynolds numbers seem
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44

a. AIRFOIL ,SECTIONS 42,

In 168 Nieuwland and Spee at NLR published their 0

resu',ts that proved both mathematically and 33experimentally that transonic flow with complete If V

isentropic recompression existed as a stable flow
condition. F 32/ d e--
To define airfoil sections for the windtunnel e g2
investigation a design method was developed at NLR / . "
based On nodogrdpn tevei).es.h this ,t ries so
of so-called quasi-elliptical airfoil sections were
developed. Initially only symmetrical airfoil ,o"I...,sections were developed. In later years also camberedpecn 26 /// 1

airfoils were designed with this method although this "

was a cumb~ersome process. The first cambered airfoil P4 • •,
wa. NtR 7101 with 14.1 pretrelative thickness 22• •< .
followed in 1973 by NLR 73.... with 16.5 percent
relative thickness, As these sections had very thici, 2o. / /•t A,. .v- . t,..*
leading edges it was decided to analyse the high-lift ,2 -2, Me.. 6.10... ,"•'
characteristics of section NLR 7301 with a number of "•••
high-lift devices in what became in the end an ^. (, /@Fol( St,,tiO. NLR P301

extensive test programme lasting from 1974 to 1977. MI.,. cla at. (J.1)
The tests were performed in the NLR 3x2m Low Speed I .o, ; o A- ;0 is ý0 ;!i io ;!1'7
Tunnel on a model. spanning the tunnel from floor to
ceiling, having a chord = 0.570 m giving a maximum
Reynolds no. = 2.6 x 106. Wall blowing was applied.
The slat and flap configurations investigated are Fig. 33 Airfoil section NLR 7301. -some maximum lift
shown in figure 32. data.
Lift, pitching moment and drag were again obtained
through static pressure integration over the
component surfaces and through wake rake
measurements. In the latter 3 wake profiles were
measured for each data point. Some maximum lift data
are presented in figures 33 and 34.

S Note that with the double-slotted flap with movable
vane a CL~x = 5.00 was reached when a slat was
fitted.

• im II • m m l l lII I I50
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AirFott Section NLR ;3O1 0. -0 -
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Fig. 34 Effect cf Reynolds-number on maximurw !-t. - ...

section NLR 7301 with slat and flap. S. Modet F-29-1Z

The results obtained in these tests clearly indicated
that higher Ctinx-values could be obtained than on fl. 36 2-0 rmcde's -tl r- v L
earlier sections investigated. The thick leading , I9'8 nfl -
edges to which this was attributed presented a
problem for high-speed flight however. Although the
pressure distribution adopted had in theory zero wave This configuration was investigated !n 1-478 ind : 1980.
drag at the design condition low-Reynolds-number Because of the large spanwise var),it•ons ndra
tests showed a considerable drag creep at Mach found in earlier tests the drag measurements on
numbers below the design Mach Number. Some tests were section NLR 7703 Mod were based ,n dake profiles
performed at the Lockheed CFF facility up to Rec = 30 measured at 8 spanwise stations. in figure 37 some
x 10 which showed that at higher Re-numbers the maximum lift data are presented in ýnmpdrison with
drag creep did decrease. Today, this can also be data from section NLR 7301.
calculated with Drela's programme ISES (ref. 14).
(See figure 35). A second modification with an even sma]ler leadinu j

edge radius was also investigated with a slat i0
Airfoil sectioo 1980. This configuration, Model 1-29-16 is

X0-67 NLR 7301 CtI 04 illustrated in figure 36b.

so. Finally in 1901 a two-dimensional model, F-29-12 was0 . eo . 2r lO' 0 designed based on the same section as Model F-29-16
. , 10 but with a 30 percent double-slotted flap. This model

30 ..... - .28 10• 0 was intended for high Reynolds-number investigations
0) a.0at varying Mach-numbers in the NLR High-Speed Tynnel

Test . (2I0 3 (HST). Rrynolds numbers between Re, = 1.8 x 10' and
20 0 jRe..2,1 07.0 x 10 could be obtained.

- .28. Lift, pitching moment and drag were obtained in the
same way as in the LST.
The airfoil section with its high-lift devices are

0 - • shown in figure 36c. Some test data are presented in
0 050 060 '00 M 080 figure 38.

Fig. 35 NLR 7301 - Effect of Reynolds number on drag
creep at high Mach numbers. Apart from overall data this test produced insight in

the effect of specific details in the flow such as
the effect of Mach-number and Reynolds-number on the

In 1977 however it was felt that a high peak Mach- maximum local Mach-number at the leading-edge suction
number (M1.., - 1.30) in the supersonic flow region peak. As an example figure 39 is presented.
near the nose of the section would introduce the
unacceptable risk of a large transonic drag creep. Throughout the period described in this chapter slat
Therefore new sections were designed which produced and flap shapes were determined empirically based on
lower peak Mach-numbers near the leading-edge in the previous experience.
design condition. This led to lower leading-edge
radii. One such section was NLR 7703. In order to Finally, in the second half of the 1980's Fokker has
investigate the effect of this thinner leading edge participated in a GARTEUR high-lift research
a modification was performed on the LST-model programme.
changing the section to a quasi NLR 7703 section
indicated as NLR 7703 Mod.
Figure 36a shows the new section. The larger chord (c
= 0.677 m) leads to a maximum Rec ý 3.1xlO
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No l 2.t b. AIRCRAFT CONFIGURATIONS

FRap angriLe 35 &tg Between 1975 and 1982 an extensive ,-esearch o i•
3.2 development progranrine concerning a suc:cessor to th.

F-28 was executed in the Netherlands. The pr-opramireS~started with a windtunnel investigation both on twO-
3. Fapa~gl. 0 ogand on three-dimensional models to analyse tho'
3.• '• p ~•L. 0 •aerodynamic characteristics and the associati~o

P possible economic benefits of the newly developed

18 .M advanced transonic airfoils. Nieuwland and Spee,
18 Garabedian, Korn and Bauer and •,ater Jameson had,

Sgcb•f•l~o- together with a number of British researchers and
(6 O.01g helped by the advances in digital computer technologv

-0.ModeLF.-9-12in the mid-seventies made it possible to design

Re C " ---- ped t M-2 -,

O ... ..... ml oda|F-2-1•airfoils with a considerable area of supersonic flo•
oon the upper surface.

0.5 0.81.0 2.0 30O 405.0 iO' 10.0 Transonic pressure distributions were not entirely
ReelO new. Aircraft such as the Douglas DC-8, DC-9, Dc-I0,

Lockhead C-141 and L.-lOll, De Havilland Trident and
Vickers VC-lO Boeing 737 and 747 and Fokker F-28 and

Fig. 38 Mooed F-29-12 - ,.laximum lit even the later versions of the Boeing 707 at high
weight had local areas of supersonic flow terminatedM e'29.2 with a weak shock on their wing upper surface at
Scruise conditions (see ref. 15). The developments

--., • at Flap just mentioned allowed however to extend the area of

(Mx ~ a aga ate l55supersonic flow,- to Mat lu.eas pret ftewn

-o ret r ,ractt chord over most of the wing span in a controlled

s> 0L} n tr. 5l design process eliminating much of the earlier cut-"--• ~C~ • s and-try approach. This allowed either a thicker wing
CLE .'e -20• "° • -- "-'\ \ ; ¶ 3, edo with higher aspect ratio or a thicker and lighter

-iG Id 0 •in Koo wing or a higher wing loading.

S-1 As the Fokker company concentrated historically onLtSaA S~a the short-to-medium haul market and field
MreLraa 9 hperformance was felt , be as important as cruise

.2 -6a- in th- performance the possmibility to increase wing
13- -'athickness was considered to be of greater benefit

10•_.•• T Re . 1 f•o"MLt~at'I° than increasing wing loading and thus design lift
,________ '.. coefficient. Thus the initial wing designs were based

i, 2 lh'fo9L-1" on the experience obtained with airfoil sections such
• Re. R X I0 02 o 2 326 02. o as NLR 7301 of 16.5 percent relative thickness as

N described in the first part of

wegh hada local ara ofl suesoi flo terminated



this paragraph. in the course of the aircraft To investigate low-speed characteristics three
development process which went from a highly modified complete low-speed models were produced for the NLR
F-28, the Super F-28 via the F-29 to the McDonnell Low-Speed Tunnel (LST). These models, tested at
Douglas-Fokker MDF-100 a gradual shift in the balance Re, ý 1.0 x 10 were:
between cruise and field performance led to wing
designs which became tn*nner with less blunt leading a. SKV-LST-I, wit! the wing shape SKV-.
edges. As an illustration figure 40 presents a three- b. SKV-4Si-2, basically identi(al to
view drawing of the F-29 at a certain stage, project model SKV-LST-1 but with a
P-325 from January 1980. This trend in wing design modified inner wing resebntling thh't
history found its parallel in the development of the of wing SKV-5.
airfoil section models including their high-lift c. SKV-LST-3 based on wing shape SKV-E.

devices as mentioned before.
In figure 41 the three wing planforms are presenttd.
Figure 42 shows the overall shape of mode SKv-i S'-1.

F 29 GENERAL ARRANGEAENT
All three models, tested in 1977, 1978 and 1979 could

,,dk , 101W •/be equipped with slats and double-slotted (tabbed
1-.F. ,•woo a.= OftlIen , Fowler type) flaps, the latter spanning 75% of the

IM32 •t4) U•xm 2I h 4AW 1b)
!, F,,' n= 3,0U, Ml.ASSb& wing span. Slat and flap positions could De varied.

m.. / Furthermore aileron power, many difterent spoi ler-
-i W1, W7 panel configurations, engine positio,•.• totm on the

-. T ) , I" _ . . rear-fuselage and under the wing were ana~yse,1.
:.. ._11ýt Stalling characteristics, both in pi th ornd roll jI ere

"also investigated. (All three models-~~1-~ Vii had a T-tail)

II~ -.--- ___Model tSiV-L5T-i

- -- -. ccc

Modet. %I(V-tST-2

The following table illustrates the developmentMow v T2
history as characterised by a number of design
parameters for each high-speed model wing.

lear cunpete Aspect wing It/c) Ml
5  

C 1
W;nt1r& Qftio sweep Kin DES0
model 1,%) Model SKV-L5S-3 -

19,5 SKt-i 8.0 20 deg. 16.0' 0.?5 0.45

1976 SKts-? 8.0 20 deg. 16.0% 0.15 0.45 .-

1971 SKV-3 11.0 16 deg. 0.745 0.45

1917 SK -4 8.0 20 deg. 16.0% 0.75 0.45

1978 SKV-5 11.0 16 deg. 15.0 0.15 0.45

1979 SKV-5 Mod-T3 11.0 16 deg. 15.0. 0.75 0.45 Fig. 41 ýing Plan orms of models SKS-LST-!, -2, .

1979 SKV-6 11.0 21 deg. 13.4% 0.75 0.5?

1980 SKV-8 11.0 21 deg. 13.4% 0.75 0.52

198o F-29-1 10.0 21 deg. 13.5% 0.75 0.55 The effect of Reynolds-no variation on the low speed

1981 F-29-2 10.0 21 deg. 12.9 0.75 0.55 characteristics of model SKV-LST-3 was analysed by
testing the actual left-wing of this model at high

1981 F-29-3 9.8 23.5 deg. 12.9 0.77 0.55 Reynolds-number as a halfmodel in the HST tunnel of

1981 F-29-4 10.0 21 deg. Q2.5 0.77 0.S NLR. This model, designated SKV-7 could also be
tested in combination with a blown nacelle. This981 1-29-5 10.0 23g. 1.4 0.7, 0.55 allowed the analysis of engine-airframe integration

1982 F-29-19 10.8 23 de. 12.0 0.27 D.56 effects including the measurements of static and

Furthermore three half models were tested in the HST dynamic flap pressures.

to analyse Re - no effects. The test set-up of model SKV-7 with blown nacelle has
been described in ref. 16. In this test the nacelle

ModeI Basic Max test Max. test plus pylon and strut (through which high-pressure air
designation wing shape Re-l1o at N - 0.19 Re-no at N -0.75 wa- f•d) w.as physically isolated from the winq. The

V-Sh S5 4.9 xI 0' 0wing was fitted on the 5-component balance. Engine
--0 o' 100strut and halfmodel were coupled however outside the

S"i-7 (-I to -6) SKV-3 3.6 x 10' tunnel test section so the combined structure could
A -79-10(-l to -6) F-29-2 5.0o x 10 ox 10' be set at varying angle-of attack. (Figure 43)
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-- Fig. 44 Comparison of lift curves from nalfmodel and
complete model testing.

Finally in 1981 and 1982 the models F-29-1 (figure

45) and F-29-2 (the latter without slats) were also
tested in low-speed configurations, both with a
fuselage-mounted horizontal tail and with a T-tail.
The low-speed wing characteristics of model F-29-2
were checked at high Reynolds-numbers on the
halfmodel Model 10. In its later configuration this
model was also investigated with a slat and a wing
leading-edge shape closely resembling that of Model

MCE! SK- dWITH WASE .RE AND K:LZTES ON FLAP F-29-5.
In figure 46 C tail-off is presented as a
function of Reynolds number and flap and slat setting
for a number of models.

ModeL F-25-1 Project P-32SA3

MCZýEL S '.- i:T919, LOW TA-:.

Fig. 43 Half model testing with blown nacelle.

Fokker has in general good experience with the use of
halfmodels (figure 44 is given as an example). For
accurate data an extensive matching procedure is
required however (see ref. 17).

Fig. 45 F-29 Model 29-1.
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aMoa. Ik based on initial experienr with the 2-D NLR 7301
f, , ,-LS,- . . model. These initial 2-D tests suggested that the... K- 7-5 ..... 0 F21-10- Drop L-A-4.49•ia

A&.p -E i., optimum slat position would be:
30. 24 .. (a/ .3 slat angle 15 deg

C,-. I Ca slat gap 3.5% local wing chord
c slat overlap -1.5% local wing chord

...... } As figure 47 shows this produced an impresive CL.,
- -3.64 for landing at Rec = I x 10

0I After more extensive tests on the 2-D model the

- -----ý-• ,.ert- conclusion was reached that a better slat position
would be:

M.O1) 1.9, slat angle 10 deg.
,o ,,0 ,O'.O.O ...... 10slat gap 2.5% local wing chord.

' '''"o slat overlap 0

f .-. i0 This slat position was investigated on model SKV-

C!_ R-&P LST-2. Contrary to our expectations this litter
Ao. model, which had an identical geometry as model

S---- F'•-.• (• W 2. ]-SKV-LST-1 except for the inner wing, showed for all
s Iconfigurations a much lower CLm than the previous

model: for landing C a.= 1.3b was obtained
(Figure 48). Due to the s'harper leading-edge C,.. J.-is even lower (C,.,x = 3.26) on model SKV-LST-11.

5 (Figure 49).

r~t,.~Modat SKV-LST-t

A~ ~~~~ .o wo 'i~ 4

1.a 32 Mod.L F-29-IO-Z 3.o. Flap Sett~Ing

as -T 'a•--..-o S.<, ,2.0"

so4 1- ,5/0o 10
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Fig. 46 Effect of Re-no on maximum lift. - Various
halfmodels and complete models.

Fig. 47 Lift curves of model SKV-LST-1.

The investigations into the high-lift characteristics
of advanced transonic airfoils, both for 2-0 and in A careful analysis of the 2-D data showed that at
3-D configurations tought us the following: Re R >1 x 10 the smaller slat gap gave indeed

"higher increases in maximum lift than the large
1. Modern transonic airfoil sections can combine gap. At the lower Reynolds-numbers (and this is

good high-speed characteristics with high where the wing tip region, which stalled first,
maximum-lift for take-off and landing operated at in the windtunnel) the large gap
configurations. produced higher maximum lift values (figure 50).

2. In particular for high design cruise Mach-numbers This means that, had the configuration of model
and lift coefficients a very strong interrelati-, SKV-LST-1 been investigated at higher Reynolds-
exists between these design cruise parameters a: d numbers the increase in CLinx had been considerably
the achievable high-lift characteristics. Leading- iower.
edge and trailing-edge shapes depend heavily on
design cruise condition. Similar Reynolds-number effects were noted when a

"droop leading-edge " was investigated on model
3. Reynolds-number does not only affect overall F-29-10.5 (Figure 46).
characteristics such as lift, drag and pitching These results and data from tests with deflected
moment but also optimization procedures such as slats without a slat gap suggest that for sections
finding the optimum slot shape for slats and flaps, with relatively thick leading-edges and on wings
This is illustrated in the following example: with a moderate sweep angle these high-lift devices
Slat and flap configurations for take-off and are not very effective.
landing had been determined for Model SKV-LST-1
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23 4. Engines fitted under the wing can be effectively
used to control flow separation patterns at wing
stall. Provided that great attention is paid to

La details of the pylon-s lat- leading edge intersection

is/0 the loss in lift can be made negligible. (Figure
I 51). The latter used to be a strong argument for

a4.g rear-fuselage engine positions in the past.

---osias r~rateS5. A large number of, sometimes interrelated, design
parameters have to be considered when choosing and

--- o Slats ratrnactg optimizing highlift configurations (See, for
---a~ Slt exeded example figure 52 which shows the engine nacelle

(sla anac teed drag to be a function of both lift coefficient and
- ~z*1,O flap setting when the nacelle is mounted under the

I . s 10wing.

-5 0 5 10 20 25 30 6. As in the windtunnel development of the F-28
8C (do%) M~k 6000 a strong interrelation was found between

increases in maximum lift and in drag for various

Fig. 49 Lift curves of model SKV-LST-3.sa cofgrt ns(iue5)

Mode( F-29-10-6

C-0 , Flnap &nQ4~ 5" 4.1

Fig. 51 Efc of slat 'stlocut-out o tl pattern and

maximum lift.
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Model SKV-LST-3 VI THE HIGH-LIFT DEVELOPMENT OF THE FOKKER 50 AND
FOKKER 100

^81 'aal - pylon

Sdrag a. THE FOKKER 50

11 100) started in 1982. The Fokker 50 was to be
rio. ,, The design studies on the Fokker 50 (as on the Fokker

itiae Lips equipped w'th Pratt and Whitney PW 125 engines
2.0 , producing 2500 shp in take-off and go-around (10

percent more than the most powerful Rolls-Royce Dart
/ Iengine on the F-27) and with new propellers. In order

tS - 0 to obtain maximum insight in the stability and
a a control characteristics of the eircraft at the

to 4 f , ~highest propeller thrust coefficients a I : 5 scale
tO Slat angle windtunnel model with a wing span of 5.40 m was built

m1 d~jand tested in the Dutch-German Windtunnel DNW in the
O rtap angle 8 x m test section at Reynolds numbers up to Re,.3.2

qL ati x 101. The model was equipped with turbine-powered
1-ý-- 3 deg simulators driving variable-pitch propellers through

tst- s a 2.7 : 1 reduction gear box.
o 0- In an aerodynamic sense wing and flap systems

0 GO 0 20 0 60 SO10 6 remained identical to those on the F-27. These tests
A C~nacllesI 10provided detailed insight in the flow conditions at

the tail at high thrust coefficients. Also tests with
Fig. 52 Under-wing engine nacelle drag. modified elevator, rudder and ailerons, the latter

now equipped with hornbalances showed that the
improvements sought could be realised. Flight tests
were performed in two stages. On an old F-27 bought
by Fokker for experimental purposes, the modified

nMod. SKV-71- c. • control surfaces were investigated. On the two Fokker

"so c . / 50 prototypes the overall performance and flight
a C,_. 1ao F.Sittae. handling characteristics were analysed.

1, 0 Q,, a Overall the flight test results weie in accordance
,&ML,@s A ,-Z2 with predictions. Maximum lift coefficients and

1/ M st 3 stal -Lracteristics of the F-27 were repeated or

' I'D slightly _..roved upon, again without the use of any
2. 0'I b- stall control device. The only difference in this

0 osv-L5,-, respect (apart from different take-off flap settings)
DV ma1-Lss- A 0 0. is the decrease in maximum flap deflection from 40

s.eo ,o No3 IS6.1" deg on the F-27 to 35 deg on the Fokker 50.
a stat angE. t

--n-c 1 deg 9 Flaps The flight handling characteristics in roll and yaw
to 1 deg to 0-k~ataxl were improved compared to the F-27 but to obtain

a _ satisfactory longitudinal handling characteristics
over the desired c.g, range a "smart" bungee was

-- - developed which applies a constant force in the'R,••€, longitudinal control system the height of which is

0 0 dependent on engine power and flap setting.
0S 0 S CDO ,AC'.

As on the F-27 not performance but flight handling
70 provided the biggest challenge at high liftzA
C. Model P29 10 r conditions.

Re ae.- .,o b. THE FOKKER 100

SLt rea-ract.a The aerodynamic development of the Fokker 100 was
--a- stat an~te 1Odg described in ref. 18.

4.4 --I- Si g In order to obtain an early insight in the effect of4o.0 slat= an& 15g the proposed leading- and trailing edge modification
to the F-28 wing which would lead to the Fokker 100
wing, the old 2-D F-28 model, Model 5 was modified

0. •again and tested in the NLR Low Speed Tunnel in
Amsterdam as Model 5-3. Figure 54 shows the
improvement obtained compared to the F-28 both for

2.R. the clean section and for the high-lift
angle configurations. This figure also presents some

UPgt theoretical predictions. As in the mean time

to theoretical prediction methods (covered in the next
paragraph) had improved considerably these were for

the first time used in the actual design process not
a. only for the 2-D analysis but also on the complete

o go No ISO Mo MSo 3W AIN , 650 9o wing in the clean configuration. The analysis of the
'meo 10spanwise distribution of leading-edge suction peak

with increasing angle of attack helped to predict the
Fig. 53 Effect of slat setting on low speed drag. initial stalling characteristics (Figure 55). The

agreement between predicted and actually achieved



full-scale maximum lift is excellent. However, again VII THE PREDICTION OF HIGH-LIFT CHARACTERISTICS
a I.- 'hy flight test programme was required to - THE ROLE OF THEORY
obtain the best fence and stalling strip location for
an optimum balance between performance and flight
handling characteristics, the latter including tail Computational fluid dynamics, (and, in the days before
buffet in the stall. The certified CL -values for the digital computer, aerodynamic theory) can be
all flap settings is presented in figure"ý6. Note the divided into two working area's:
high CLM -values available for take-off
notwithstanding the absence of a slat. I. The mathematical description and analysis of a

given situation concerning a body moving in a
fluid.

II. The determination of the limits of validity of the
description and analysis of this particular

C, Fokkr O00 situation.
16

1., ,fmi Ct The first area concerns for example the attached flow
%ct•,o U Flap a, 29 deg about a wing section at a given angle-of-attack or the

t4 I• stable leading-edge vortex flow on a sharp-edged
U slender delta wing.

tO - //i The second area concerns the boundary-layer separation
06,+ •/ 12.. o ''' on a two-dimensional airfoil at reaching C~m or the

avortex bursting on the sharp-edged slender delta.

a /.--OTAL .j3 5 • '''- 4.o o -2 Pressure distributions and boundary-layer conditions in
S--T.k F-• • -2 attached flow have been analysed since t,,e uo a of

W ...- --- ora = o• = -0 aviation. Analysis of controlled vortex flow started in
00" .INa7 0 z 4 4 a 1940 by Jones at NACA.

The determination of boundary layer separation on two-
Fig. 54 Fokker 100 - Improvement in 2-D maximum lift. and certainly on three-dimensional bodies on a

theoretical basis led to meaningful results only in
fairly recent times. This is notwithstanding the fact
that for aircraft design this matter is of equal
importance as the detailed analysis of an aircraft's
characteristics in attached flow.

The explanation lies of course in the far greater
complexity of three-dimensional boundary-layers in
adverse pressure gradients than of potential flow. A
fundamental theoretical principle such as the

Zs -, Z" ,.description of potential flow through sinks, sources,
dipoles and vortices is still lacking in boundary layer

Mo . o,-13." theory notwithstanding the great effort being put in
S-.- •,, . ,. turbulence modelling.

For wings, or even airfoil sections, equipped with
flaps and/or slats even the calculation of detailed
pressure distributions and local boundary-layer

T T.+m~j+SCW atj" conditions with attached flow has not yet reached the
W• 13 •," :eme. "desired degree of accuracy let alone their integration

into lift, drag and pitching moment.

Fig. 55 Fokker 100 - Development of the spanwise
distribution of the leading edge suction
peak. For practical design purposes purely theoretical

methods for high-lift design contain therefore still
SFAA' too high a degree of uncertainty. However, mixed with

c.6 CERTIFIEO a proper degree of empiricism they become very useful
2. 0 tools, if not in producing the final answer than at

least in guiding the way to the optimum design
solution. But, perhaps even more important, in the case

24 PEWIN of high lift devices theory has provided insight in the
interrelation between the various components of amulti-component airfoil. The break - through, in my

opinion, came with the publication of A.M.O. Smith's
22 paper:

0/ "Aerodynamics of High-Lift Airfoil Systems".

10 O in AGARD C.P. 102 in 1972 (ref. 19).
Tn this paper it was clearly shown that an airfoil with
1 slat and a flap consisted actually of a combination
of separate close-coupled airfoils with a strong mutual

18 interaction. Suddenly the relations between suction
peaks, dumping velocities, upwash and downwash and the

0 10 20 30 d resulting pressure distributions and boundary layer
6 • conditions fitted into a pattern.

We understand - , for example, why slats with small
leading-edge radii have to be deflected further than

Fig. 56 Fokker 100 - Certified CLX.* slats with large leading-edge radii and why small-chord
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flap vanes are ineffective. It is now also clear why
each slat has an optimum deflection. Too large slat C f. A
angles produce too high supervelocities on the main C.... 4. 2 2 N
component (figure 57).

The understanding of the physics led to an
understanding of the critical areas in the pressure C,.. . -4

distribution. 4 V a",

As an example figure 58 illustrates that on the double- .3. 0 4 .- , Theoryslotted flap 3 a vane position A leads to a too low P p ll••.~ mi

vane loading and a too high flap loading. Consequently - 6t h e f low o n t h e f l a p s t a l l s . V a n e po s it io n B g i v essl t e f l a .3t aC 
£ . : 

v a e p si i n A l e d o o o wd¢
much better loading division and consequently produces "CfA.
a higher C (see figure 33). 1 : /C

But, as figure 58b illustrates, for practical purposes
an empirical design rule as presented in 1961 (the #1 1
tangent to vane and flap upper surface) leads to
similar conclusions.

On single airfoils trailing-edge separation has been -4.
studied on a theoretical basis (with some empiricism A--%.-O TEST
such as a constant static pressure in the area of " ,"Conf.n " L . .
separated flow) since the 1960's. At NLR C was -2 A
calculated as a function of Reynolds-number in ijY7 for -2 *Cd#
the airfoil section NLR 7301. Both a trailing-edge -1i C
separation criterion and a (very crude) leading-edge
criterion were considered. 0

a.

BOUNDARY LAYER
AND

cpFLOW CONTROL
( PERGAMON PRF.-;

S IV. LACHNIANN IXFORD LO N[O•N NEW "O)RK PORIS

-- s 4.52

P. 4.4,2 THE DOUGLAS DOUBLE-SLOTTED FLAP---- 3- 4.15d

S'S BoýW K K-sno

NLR 7703 MOD ",-

100

.10 " \\ .<
Fig. 57 Effect of slat deflection on peak - 0

supervelocities on slat and main body.

b. ),I

Since 1985 a computerprogramme, ULTRAN V is available.
This programme although based on transonic small Fig. 58 ,nteract'on between the circulation on the
perturbation theory coupled to a boundary layer theory vane and the flap on a double-slotted flap.
gives a very accurate description of the flow
conditions over the rear part of the airfoil .. -

including a separated boundary layer. This allows the determined. By comparing the data from computions with
determination of maximum lift due to trailing-edge both the programmes ULTRAN V and TRAFS the maximum lift
separation. A transonic full-potential flow solver, the of single airfoils can be estimated. Some data are
programme TRAFS allows, when corrections are applied presented in figure 59.
for boundary-layer effects through the concept of
displacement thickness, an accurate calculation of the In the early eighties all available 2-D test data on
leading-edge suction peak. By means of an empirical high-lift configurations available at Fokker's were
correlation between minimum static pressure as a analysed systematically. This led to the conclusion
function of Re- , an Mach-number and leading-edge that on high-lift configurations Cmox could be
curvature the occurrence of leading-edge stall can be determined by either of 4 types of flow separation.

These are illustrated in figure 60.
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Of particular significance in this programme is the
modelling of the wake of each component including the ,-
strong interaction with the pressure field around the
next airfoil component.

The large data base from windtunnel tests allowed the
determination of some empirical criteria for the CI

maximum height of the leading-edge suction peak before -9. 0C. 20 dig - Tkeory_?\ • 0 Experimeni

leading-edge stall occurs on slat or main component as -111. 0la E• -,4

a function of leading-edge curvature and dumping ,4 -| 000

velocities. Accurate determination of leading-edge peak " . - . lop

velocities at a given angle of attack is required of
course. o •

In figure 61 the character of the empirical criteria is
presented together with the development of the various
significant parameters on a particular configuration as Fig. 63 Measured and calculated pressure

a function of angle-of-attack. The parameter which distribution.

first exceeds a limit determines maximum lift.

LIFT
Although the programme VISWAKE is a programme based on OEFFICIENT
theory for incompressible flow it produces nevertheless
very reasonable answers concerning maximum lift (See - cITED
figure 62). In figures 63 and 64 some examples are MEASURED I Ace

presented of pressure distribution, lift, drag and I

pitching moment for a section with slat and double-
slotted flap. CL

C L CALCULATED

Airfoil S•ections withk /0/

5. slats and/or flaps INCIDENC* ,(DE)
d~lcc.d. /"LIFT AS FUNCTION OF INCIOENCE

,, 7'LIFTCOEFFICIENT MAIN WING

"CALCLA1IO

O TI3 C 7
FariLrn

0 r -- CONTRGmIulOwOF VARIOUS ELWERETS TO LIFT

compnentairfi I

Fig. 62 Calculated C~w, for airfoil sections Fig. 64 Lift on the various component of a multi-

equipped with high-lift devices. component airfoil.

In three-dimensional flow C JI-prediction is possible
at least for high-aspect-rat-0 wings by combining 2-D
analysis with lifting line theory or with 3-9 panel
methods.

Lift, drag and pitching moment below the stall for a
complete aircraft configuration are computed by
combining 2-D data (in particular for lift and section
drag at higher flap angles this is taken from an
empirical data base) with a non-planar lifting surface
programme (NPLS).



An example of the panel distribution and some basic Fokker 50
aerodynamic data are presented in figure 65 for the
F-29. Estimated lift-drag ratio's for a trimmed Fokker L/D Estivated lit-drag rato's
50 are presented in figure 66. 18

Some examples have been presented of the use of theory - tps retracte c G at 20 A
in the analysis and design of high lift configurations. 16 - O Estimated From
A great progress has been made in the last two decades NF-7 Flislk tt
in particular in determining CLwx for such 14 data
configurations. -- Esima•ted w,-&I
Nevertheless, the accuracy of flow calculations is 2& " • proLrame- L •'- NPL S
still insufficient to determine the choice of an F-_ .
optimum high-lift configuration for a given set of 10 setti-n-g 0des
design requirements. Here the windtunnel will for the 14 V5 15 i
foreseable future still have the last say. 1 V2

=-2

CL trimmed
Fig. 66 Estimated lift-drag ratio's of the

Fokker 50

CONCLUSIONS

Forty years of high-lift research and development at
Fokker have produced a wealth of testdata combined with
extensive experience in the fields of computation and
windtunnel and flight testing.

These forty years have shown the following developments

.1 FLAP and tought the following lessons:

to • _MM ""ECTWE 1. Due to commercial pressures, in combination with
FLAAIGLI technologies in the areas of computation and

-A • • I windtunnel testing techniques which were
Z .continuously being developed, a steady improvementC in the accuracy of the prediction of full-scaleaircraft performance and flight handling

s characteristics has been required and, in many
Cotat --31Mode cases, has been achieved over the years.

20 1-o. 2. In view of the above the need to perform windtunnel
W Theory tests at the highest possible, or affordable,

Reynolds-numbers can not be overemphasized, also in
the early stages of a design process when theto, 1 .s d" -.- 640g optimum configuration is still to be determined.

Fla 3. The role of computational fluid dynamics in the
oJ -v tt design process has greatly increased. However, in
0 as to the design of high-lift configurations the actual

component geometry is still to a large degree

~o} TESTdefined empirically.
CL - M O cL Theory has, however, helped very much to understand

TH -- TORY R flow phenomenae and has provided guidelines for the
design of high-lift devices.

d /4. For improved understanding of details in the flow
physics and for application in the design of

Ii moderately swept high-aspect ratio wings 2-D data,
., 0,both from theory and from windtunnel tests provideS•'at a__gl , Flap__gl still very useful data.

460 450 448 40m 020 X -00-d O 5. At present, a fair degree of empirical data has to
(des) cbe fed into the computational methods in order to

make optimum use of theory. For this access to a
large empirical data base is a prerequisite.

Fig. 65 Aerodynamic characteristics estimated
with a Non-Planar Lifting Surface 6. In many cases the discrepancy between theoretical

and test data for a particular high-lift
Programme (NPLS). configuration is of the same order as the difference

in aerodynamic characteristics between the different
configuration options one has to choose from for a
given set of design parameters. In other words: the
final choice of the most suitable high-lift
configuration is still made on the basis of
windtunnel tests.
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7. The above is true for 2-D flow. For a wing-body- 10. van Doom, J.T.M., Han, S.O.T.H., Obert, E.,
nacelle combination with slotted slats and part-span "Comparison of Fokker F-28 "Fellowship" Windtunnel
flaps the meaningful use of computational fluid and Flight Data. - A summary, "in" Yearbook 1973 of
dynamics for design purposes is still limited, the Netherlands Association of Aeronautical
However, this 'hould not deter, but be seen as a Engineers", 1973, paper 5.
challenge for, ue CFD-conmunity.
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High-Lift Research:
Application to the Design of the ATR72 Flap

P. Capbern
AEROSPATIALE Avions
316, route de Bayonne

31060 Toulouse Cedex 03
(France)

SUMMARY: I'atterrissage), et un gain de finesse au decollage. qui
Due to slightly reduced Clmax objectives in landing se r~percutent directement sur les performances
configuration for the ATR72, compared to the opdrationnelles, telles les longueurs de pistes
ATR42, the high-lift system of the ATR72 is made up minimales et la masse maximale au d~collage, Ces
of a single dropped hinge flap, whereas the ATR42 performances a6rodynamiques ont 6tý obtenues grace a
was equipped with a double slotted vane type flap. l'introduction syst~matique, i partir de 1985. des
Elimination of the vane has had a beneficial effect in m~thodes numfriques en phase de conception, en
greatly simplifying the high-lift system for the compl~ment des m~thodes empiriques et
ATR72. expi'rimentales presque exclusivement utilises

jusqu'alors. Le volet ATR72 est en effet le premier qui
This simplification has been achieved while ensuring sit &t6 essentiellement conqu par la voie numc5rique a
that Clmax levels are maintained or improved at same AEROSPATIL.E.
flap deflection (up to the value required for landing),
and take-off LID ratio is improved, which has a direct D'autre part, de nouvelles riglementations plus
repercussion on operational performance, such as s~v~res pour les avions b h~lice ayant conduit k une
minimum runway lengths and maximum take-off restriction importante dans l'utilisation des grands
weight. This aerodynamic performance has been braquages de volet pour lATR42, l'effet de la
achieved thanks to the systematic introduction, since suppression du d&flecteur de volet sur les Cirmax a 6tz
1985, of numerical methods in the design phase, in ktudi6 par calcul pour cet avion. Du fait des rcsultats
addition to the empirical and experimental methods prometteurs obtenus. des essais en soufflerie et en vol
used almost exclusively until then. The ATR72 flap ont 6t~s conduits, confirmant la fiabilitE des outils
is indeed the first to be essentially designed with num~riques.
numerical methods at AEROSPATIALE.

Le dAveloppement de nouvelles m~thodes de
Beside this, more severe new regulations for turbo- conception et d'analyse s'est aussi poursuivi; il a
prop A/C. leading to a restriction in the use of large portA d'une part sur l'extension de leur domaine
flap deflections for the ATR42, the effect of the d'utilisation et sur la qualitd des modflisafions, et
elimination of the vane on Clmax has been d'autre part sur Ia reduction du cycle de conception.
numerically investigated for this A/C. This study L'objectif ,tait double : meilleure optimisation des
having shown promising results, some wind-tunnel syst•mes hypersustentateurs, et surtout r~duction
and flight test verifications were conducted, which notable des cofits d'itude associ~s.
confirmed the reliability of the numerical tools.

The development of new design and analysis methods 1 - INTRODUCTION
has been pursued; it has involved, on one hand. an
extension of their field of use and the quality of the
modeling, and, on the other, a reduction in the design 1.1 General context
cycle time. The objective was twofold: better Generally, the choice and cesign of the ATR72 flap are
optimization of high-lift systems, and, above all, an largely based on the information obtained from the
appreciable reduction in the associated design costs. ATR42.

Let us recall that the double-slotted high-lift system of the
ATR42 consists of a main flap at the front of which a vane

RESUME is attached (see fig. 1), the fixed assembly of these 2 items

Du fait d'objectifs de Czmax d'atterrissage un peu being rotated around a materialized pivot.

moins forts que pour I'ATR42, le systirne
hypersustentateur de I'ATR72 est constitud d'un volet However, unlike the ATR42, the design critical phase for

simple I rotation, alors que I'ATR42 itait dquip6 d'un the ATR72 is the take-off phase, the target Clmax on

systime A double-fente, avec un volet et un d~flecteur. landing being slightly reduced.
La suppression de ce dernier a eu reffet b~ndfique de As maximum flap deflection must therefore be changed
simplifier nettement le systbme hypersustentateur from 45° to approximately 350. the upstream slot

pour I'ATR72. (between the main body and the vane) is masked
throughout almost the whole deflection range preventing

De plus, cette simplification a WtE r.alisec tout en full benefit from being drawn from the double-slotted

assurant des niveaux au moins Equivalents de Czmax i system.

iso-braquage (jusqu'l Is valeur requise pour
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This fact, plus the high manufacturing costs for the vane,
led to the idea of a single-slotted flap for the ATR72. the 2D viscous flows (1983/84)
single rotation kinematic system being conserved. A 2D viscous-inviscid strong-coupling method dek.eloped

at ONERA [11 in order to calculate incompressible flows
This choice was substantiated by the fact that the ATR72 around multi-component airfoils was industrialized and
flap would be the first one to benefit from the systematic validated at Akrospatiale [2].
use of the computational aerodynamic methods whereas
the ATR42 system was designed using methods which 3D flows (1985/86)
were manlry empirical and experimental. This should A panel method was developed, first in 2) then in 3D in
allow us to change from a double-slotted flap to a single- order to calculate the flow around high-lift configurations,
slotted flap without loosing the aerodynamic able to take into account very thin trailing edges 131.
performances (for a given flap deflection).

oQpimizntio (1985 to 1987)
Note that as the two aircraft have very similar The development of a numerical optimization method for
characteristic wing planforms, with airfoils of the same high-lift systems was undertaken. This study has allowcd a
family, the ATR42 is a very adequate reference for the first stage in this field to be completed, leading to a code
design of the ATR72 flap. which could be used to optimize the overlap. Results were

also obtained in defining some objective functions for
Also, as the sweep of the wing is moderate, a mainly two- Clmax from Inviscid Flow methods, whose low computing
dimensional approach is justified. time is particularly well adapted to optimization 141.

1.2 Objectives
These objectives were defined with respect to the ATR42: 3 - ATR72 FLAP DESIGN

ClImax 72 _ Clmax42 + 2% for Bf from 150 to 3.1 Computational tools and methodology
The CFD codes used during the theoretical design phase

35* (5f denoting the flap deflection) w,;we as follows:
(L/D)72 at 1.2Vs > (LID)42 at 1.2 Vs for 8 r - Inviscid Flow method FP2D for multi-element airfoils

15* and 250 (L/D denoting the Lift-to-Drag ratio and Vs (this being the panel method mentioned in paragraph

denoting the stall speed) 2.2).
- Mono-element inverse transsonic method.
- Incompressible Viscous method for multi-component

1.3 Design parameters airfoils (this being the viscous-inviscid coupling method

The various parameters taken into account for the design mentioned in paragraph 2.2),
were the following: - Optimization method, under development (usable only

- relative flap chord for overlap optimization).

- length of fixed trailing edge panel At that time, none of these methods gave a reliable
- position of pivot indication of the drag. However, the coupling method.

gave a Clmax estimation. We therefore defined by the
The latter defines the position of the flap (gap, overlap) computational channel both the shape of the flap and the
for each deflection angle (see definitions on fig. 2). family of pivots meeting the Clmax targets. This allowed

us to devote the wind tunnel tests to the choice of pivot
offering the best lift-to-drag ratio on take-off,

2 - STATE OF THE ART OF COMPUTATIONAL
METHODS IN 1985 3.2 Preliminary phase

The first parameter to be defined was the relative chord of

2.1 Difficulties to be solved the flap (which can be kept constant over the span as on

The flows around the high-lift configurations (fig. 3) have the ATR42). A value of 30%, same as that on the ATR42
varicas characteristics making them especially difficult to (including the vane), was a good trade-off between the

calculate: effect on the Clmax and the structural constraints.

- presence of areas with separation followed by
reattachment on lower surface of the slats and the fixed The choice of the fixed trailing edge panel end (84%) was
trailing edge panel also the result of a trade-off, a high value would lead to the

- turbulent separation on upper surface of highly deflected lowering of the pivot and an increase in the size of the

flaps fairings and a low value would lead to a reduction in the

- wake/boundary layer confluence phenomenon extended chord.

- frequent presence of laminar bubbles in the leading edge
areas 3.3 Computational phase

- possible presence of a supersonic area in the vicinity of
the slats leading edges. 3.3.1 Shape of flap

- lastly, numerical difficulties specific to the panel The shape was defined in landing configuration for a given

methods used for the analysis and caused by the thin deflection (6f = 350), a fixed gap and overlap.
trailing edges. The principle can be summarized as follows (fig. 4):
2.2 Research undertaken - for a given initial shape and for an imposed lift level
The high-lift related research was conducted along 3 main close to the Clmax level considered, an FP2D calculation
lines, with a strong support from the French National is made in complete configuration mode then a calculation
Agency DRET (groupe VI). on the flap alone conserving its own lift coefficient.L



- the pressure distribution for the complete configuration 4 - TECHNICAL AND FINANCIAL BENEFI rS
is then modified empirically on the flap in order to reduce
the risk of separation. 4.1 Reduction in production costs related to
- the previous modification is transferred to the pressure simplifying the flap
distribution of the isolated flap to make the reverse The main benefit is the reduction in the flap manufacturing
calculation which is only possible for the mono-element costs by the deletion of the vane.
configuration.
- the shape obtained is modified in order to comply with This metallic part (high curvatures incompatible with the
the clean profile in the imposed portions. use of carbon) is subjected to a chemical milling operation
- 2 control calculations are then made on the complete which first implies the installation then the cutting out of
configuration: an Inviscid Flow calculation allows the a rubber mask before the sheet metal is etched in an acid
pressure distribution effectively obtained to be compared bath. These operations are made tricky by the high
with the target distribution; then, a Viscous Flow curvature on the vane which in addition has a shape which
calculation allows us to directly estimate if the modified varies spanwise for the outer elements.
shape leads to a gain in Clmax.

A significant reduction in manufacturing costs is therefore
If one of the two calculations is not satisfactory, the obtained, associated with a 7% weight saving, a rare
operations are repeated with a new modification to the combination worth mentioning.
pressure distribution. If. on the contrary, the new shape
leads to an improvement, it can be used as the initial 4.2 Operational gains
shape for a new iteration of the process and so on until The flight tests confirmed the Clmax gains (for a given
being close enough to t!•e optimal shape- deflection angle) obtained in the wind tunnel for the

ATR72: the inorease in the Clmax with respect to the
3.3.2 Preliminary kinematic optimization "clean" configuration is greater by approximately 10
This consisted in an optimization of the overlap for points than that which was obtained for the ATR42 (these
several flap deflection values (bf = 32.5, 350, 37.5*) for a being aerodynamic values at I g not taking eventual stick

fixed value of the gap (ranging from 1.5% to 3%). pusher limitations into account).
Remember that the gap cannot be optimized without
taking into account the confluence of the viscous layers As concerns the lift-to-drag ratio at 1.13 Vslg (or 1.2
and therefore, to a greater extent, under Inviscid Flow Vsmin), for Bf = 15", the relative gain provided by the
assumptions. single-slotted flap can be estimated at 4 %.

3.3.3 Sum-up of the computational phase This gain in lift-to-drag ratio affects the operational
This phase therefore allowed us: performances on take-off:
- to obtain a complete deftiition of the shape of the flap - the maximum weight of the 2nd segment (ISA at sea
which would have been very expensive to obtain in the level) changes from 21.3 T to 22 T; note that the low
wind tunnel value, which corresponds to an ATR72 with a double-
- to define a pivot envelope (see fig.5) guaranteeing that slotted flap is lower than the MTOW (21.5T) and would
the CImax targets will be obtained in order to limit the therefore lead to a degraded nominal mission: - 100 NM or
wind tunnel tests to the choice of the pivot in order to -2 pax.
optimize the lift-to-drag ratio on take-off. - the length of the "balanced' runway is reduced at iso-

weight by approximately 60 meters (that is 4 to 5 %) for
the take-off phase.

3.4 2D test results

2-D tests were made in the C.E.A.T SIO wind tunnel, 5 - ELIMINATION OF THE ATR42 VANE
assuming that the differences between the A/C in flight
and the 2-D wind tunnel test are the same as those 5.1 Introduction
measured for the ATR42. This successful design of the ATR72 flap was recently

exploited for the ATR42. A more severe regulation for
These tests therefore allowed us first of all to optimize the turbo-prop A/C [51 having reduced the maximum flap
kinematics. From the various pivots defined during the deflection eventually used for the ATR42 (from 45' to
theoretical phase, most met the landing CImax target. In around 270). the good performance of the ATR72 single-
compliance with the planned strategy. it was possible to slotted flap gave the idea to simplify the ATR42 flap
effectively choose the pivot on the Bf = 15* system, by deleting the vane without any change of the
characteristics (Cd at 1.2 Vs and Clmax. see fig.6), taking kinematics, thus strongly reducing the weight of the
into account its vertical position which determines the high-lift system. This idea was justified by the fact that up
size of the flap fairings. to 5r =27*. the vane remains entirely covered by the fixed

trailing edge (see fig.9), with no addition of extended
For the selected pivot, the comparison with the ATR42 chord. Therefore, the effect of the elimination of the vane
flap (fig. 7 and 8) shows: was numerically investigated for this A/C.
- a gain in the Clmax in compliance with targets for 15'<
f l_350  5.2 Numerical Investigation

This study was achieved with the new version of the 2-Di - a reduction of 2.5 % in the drag at 1.2 Vs for Bf =15°.
viscous-inviscid strong coupling method developed at
ONERA (see §6.3), performing calculations at the flight
"Reynolds number, with and without the vane fot a set of
flap deflections, varying from 15 to 450, and for a fixed
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angle of a-ack (a=140 ). It is believed that such an 6 - CURRENT HIGH-Li'r RESEARCH
approach allows a correct evaluation of the effect on
Clmax, in the sense that the trailing edge high lift system 6.1 Objectives

mainly affects the lift level, without any noticeable As high-lift is not a highest priority sector at
AEROSPATIALE, research in this field remains limited andchange in oq= The comparison of the calculated pressure cne ujcs

distributions for bf =270 is given on fig.10 and 11. It can - reduction in design costs

be observed that the direct contribution of the vane is - improved flow prediction
very limited, in the sense that the suction on its upper - capacity to process different types of aircraft
surface is compensated by an equivalent one on the lower
surface of the fixed trailing edge (see fig.10). Moreover, 6.2 Reduction In design costs: shape
the lift of the flap is slightly increased by the elimination optimization
of the vane, even though the separation point moves only
slighty forward. Without vane,the optimum flap 6.2.1 Motivations
deflection is 27* (see fig.12), with a rapid growth of the Although constantly concerned with reducing the
separated area for higher deflections. However, it must be computational times, whatever the calculation code, the
mentionned that this optimum is probably under- research entering specifically into this category mainly
estimated, due to a general tendency of the method to concerns the optimization methodology.
over-predict the separations. For high deflections the
configuration with vane becomes naturally more efficient. We have seen (paragraph 3.3.1) that although the shape
the deflection of the flow due to the vane reducing the design methodology based on the inverse calculations
separation on the flap. leads to satisfactory shapes, its implementation is

Beside that. it was checked that without vane, the flap gap especially long and laborious. What is more, from the
keeps acceptable values up to bf around 33*. formulation point of view, it is based on an improvement

process, and not on shape optimization in the strict sense

5.3 Experimental validation of the term.
These promising results could allow a wind-tunnel test to
be performed, in order to confirm them, and also to Lastly, this method specific both to Clmax optimization
specify the optimum deflection more accurately. These and to Inviscid Flow approach does not offer good
tests were performed in the S 10 wind-tunnel at CEAT development perspectives.
(Toulouse), with a 2-D low-speed model representing a
mid-section of the ATR42 wing, and consisted in balance 6.2.2 Characteristics of the OPTttYP method

measurements of global forces. These tests indicated an All the above reasons have led to the development of a
increase in Clmax due to the elimination of the vane, up to new method based on optimization in line with the

5f =36*, the optimum flap deflection being 330 (see research already conducted in this field (see § 2.2). In

fig.12). this globally confirming the predictions from particular, we have kept the idea of a criterion based on the

CFD. The slight under-estimation of the optimum flap separation risk assessed under Inviscid Flow conditions.

deflection has already been adressed in the previous
paragraph; the failure of the code to predict the loss of lift The use of a viscous flow code would in fact today lead to
with the vane for moderate deflections is probably due to extremely prohibitive calculation times.
the lack of a modelling for viscous layers confluence, for The new OPTHYP method recently made operational for
such a configuration, with a very small gap between the
vane and the fixed trailing edge. The difference in level is shape optimization (Clmax) of high-lift devices has the

partly due to the lower Reynolds number in wind-tunnel following characteristics:

(2,3M to be compared with 4,7M in flight, at Vs Analysis methods: FP2D panel code

condition). - Criterion: minimization of the separation risk (for a
fixed Cl level), assessed by integrating Stratford

Some flight tests were finally performed in order to coefficients.
- Shape generation (through the MICA2 geonietry system.validate the previous 2D results on the aircraft. Cl(a) developed at AEROSPATIALE by the Aerodynamics

curves are shown on fig.13, for several flap deflections, Design Section)S
with a fair correlation with the wind-tunnel results. It can - Constraint: compliance with the areas imposed by the
however be noticed that the increase in Clmax predicted in clean airfoil.
wind-tunnel ,estimated +0,13 after 3D transposition, is
higher than in flight (+0,08). It can be explained by the The method was validated on various test cases (ATR72
difference in Reynolds number (2.3M in wind-tunnel and single-slotted flap, upstream flap of a double-slotted
4.7M in flight), in the sense that the small gap already system designed for a laminar airfoil, A310 slat), leading
mentionned between the vane and the fixed trailing edge, to shapes with Clmax's of same order of magnitude as
causes probably less problems in flight, where viscous those of the reference shapes.
layers are thinner.

Apart from the basic geometrical data, the implementation
This operation is a good example where a combined use of of this method only requires one preliminary Clmax
CFD and wind-tunnel can allow a reduced flight test estimation. This estimation can be obtained, if
campaign, with a very good level of confidence, and thus applicable, by viscous calculations on a preliminary
can lead to a reduction of A/C modification cost. shape but will already be kmown for all of the more

conventional cases.
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6.2.3 Benefits The wsL case selected (A310) has, among other things,
This new approach leads to a spectacular reduction in the allowed experience to be acquired on the calculation of
time required to obtain a shape when compared with the configurations with leading edge slats and on taking a
methodology based on inverse calculations: the time swept wing into account (simple sweep theory).
required is reduced from several weeks (or even several
months) to only several hours! Finally, note that the shape optimization code OPTHYP

allows all types of flaps (single- and multiple-slotted) to
The benefit thus obtained is es•pecially difficult to be processed and also leading-edge device (conventional
calculate as it depends to a great extent on the case slats, or kruger flaps).
considered but will be without doubt around 100 or 200
engineer hours per high-lift device. The capability of processing the high-lift systems of

various types of aircraft is therefore today largely
This gain in time can, if applicable, be used to take effective and this at moderate study costs.
additional parameters into account (flap chord, length of
fixed trailing edge panel or even spanwise shape
optimization. etc.) leading to a better optimization of the 7 - CONCLUSIONS
high-lift system. The development of the high-lift computational methods

and their introduction into the design framework has
6.3 Improving flow predictions allowed benefits to be obtained at 3 different levels:
It is within this context that an impro'ed version of the
2D high viscous-inviscid coupling method developed by - improvement in operational performances th..nks to a
ONERA '61 was introduced and validated at better optimization of the high-lift system,
AEROSPATIALE in 1987 [7]. A comparison with wind-
tunnel results (see fig. 14) for a single-slotted flap - improvement in the production process, mainly by
configuration shows a good correlation, including high simplifying the high-lift systems,
flap deflections. and it can be noticed that stall seems
correctly predicted for this case. This method is still - reduction in the design costs by developing new and
undergoing development at ONERA. more efficient methodologies and by reducing the wind

tunnel tests.
For the three-dimensional aspect, support has been
granted to ONERA in order to implement strong coupling The capability of processing diffeoent types of
between the FP3D panel code, developed by configurations has been validated and can be used for new
AEROSPATIALE (see § 2.2), with a 3D boundary layer projects.
method [8]. This method should allow the flows around the
engine installations to be calculated but could also be used
for the 3-D high-lift configurations. AKNOWLEDGEMENTS

The author wishes to aknowledge helpfil d'scussivns with
As concerns the drag, the current version of the strong- JL Chavanne, who also kindly provided the Flight Tests
coupling code could be submitted to a specific evaluation, data.
on the basis of available tests. If the results turn out to be It is also a pleasure to mention the importance of the
favorable, an optimization of the high-lift systems as contribution from C.Bonnet, J.Bousquet and C.Van de
regards drag could be considered. Kreeke in the work presented here.

6.4 Capacity of processing other typ ýs of
aircraft
The ATR72 high-lift system was relatively simple on the
one hand by its type (single-slotted flap), and on the other
hand by the low 3-dimensional character (low sweep, high
aspect ratio) of the wing. Nevertheless, various studies
have allowed the processing capacity to be extended to
other types of configurations:

Experience has been acquired both on the design of new
types of high-lift devices (double-slotted flaps , leading
edge Kruger flaps) and on specific problems posed by
laminar wings [9]. An example of pressure distributions
calculated by strong-coupling on a NLF airfoil equipped
with a double-slotted flap is shown on fig.15. Current
studies should allow an investigation to be made, in
particular, on the leading edge stall phenomenon; their
prediction by computational codes and by semi-empirical
criteria will be assessed.

- GARTEUR Hi gh-Lift group
A6rospatiale took part in this high-lift research
programme, centered on the Mach and Reynolds effects
and on the 2D/3D transpositions.
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THE AERO-MECHANICAL DESIGN OF A NOVEL FOWLER FLAP MECHANISM

J.R. Mathews
Aerodynamics Department

Aircraft Division
Short Brothers plc

Belfast BT3 9DZ, UK

SUMMARY produce a genuinely optimum desip,, the dependence of
the objective function upon all the design variables must be

The flow around a 2-dimensional wing and flap is re- known. Seldom, however, does the designer have time to
viewed using inviscid and viscous computational fluid determine all the functional relationships. As a conse-
dynamic techniques. In particular, the effect of flap gap is quence the design seldom achieves the global minimum
explored. The results indicate that for optimum aerody- because the objective function is not correctly specified or
namic performance at low flap angles, flap gaps in the its dependence upon all the design variables i• not fully
region of 2 to 3% are required. A novel 4-bar Fowler flap appreciated. The design of high lift systems cannot be
mechanism is described which is shown to give these based solely upon maximum aerodynamic performance
required gaps for flap angles greater than 3 degrees. Such but is constrained by weight, cost, ease of manufacture,
a mechanism can be readily optimised for minimum flap maintainability, reliability and the mechanics of the flap
overlap at specified take-off flap settings. A comparison of movement.
a track and roller arrangement with the 4-bar mechanism
indicates significant advantages for the latter. High lift system design involves the application of special-

ised knowledge from a wide variety of fields e.g.

LIST OF SYMBOLS Aerodynamics
Structures

B boundary layer parameter Systems
C, drag coefficient (2-D) Reliability
C' lift coefficient (2-D) Manufacturing
CL lift coefficient (3-D) Finance
C. pitching moment coefficient (2-D)
CP pressure coefficient For the aerodynamicist, high-lift system design arguably
LD lift to drag ratio involves one of the most complicated flows to predict
M• free stream Mach number accurately. Typically it may involve high speed modelling
Re Reynolds number difficulties (transonic flow around a leading edge slat)
S normalised transpiration velocity along with complicated viscous flows (separating bound-
s coordinate along the surface ary layers and interacting wakes with boundary layers).

U local flow velocity This paper reviews simple 2-dimensional flow considera-

UW free stream velocity tions (inviscid and viscous) and considers the application

U., maximum local flow velocity of a novel 4-bar mechanism (Patent pending) for flap
U. local velocity on the upper surface deployment.

at 97% wing chord
U, inviscid velocity
UV viscous velocity (from inverse INVISCID FLOW AROUND A FLAPPED

boundary layer equation) AEROFOIL
v, transpiration velocity
Ax panel length The incompressible, inviscid flow around a multi-element
a incidence aerofoil may be examined using a simple panel method.

" boundary layer displacement thickness The panel method used here follows that originally pro-
p local density posed by Newling (Ref. 1). This method uses a piecewise
0 boundary layer momentum thickness constant source and piecewise linear continuous vorticity

distributions on each panel. The Kutta condition is satis-
fled by setting the vorticity to zero at the trailing edge. In

INTRODUCTION order to close the set of equations it is assumed that
opposite panels on the upper and lower surfaces have the

The design and optimisation of a high lift system to same source density. Similarly, opposite panel nodes are
minimise the direct operating cost of an aircraft remains a assumed to have the same vorticity strength.

very complicated but essential task for the designer. To
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The stability and convergence of the method is indicated ally with decreasing gap, as indicated by the difference
on figure 1 where the effect of increasing the number of between the wing peak and dumping velocities in figure 4.
panels is shown. The lift and drag coefficients are corn- For a given incidence these inviscid trends suggest that for
puted using trapezoidal integration of the predicted pres- low flap angles there will be a range of gaps for which the
sure distribution. The contribution due to the trailing edge flow is attached on both sections, with the optimum being
thickness is ignored. (The NACA0012 section has a trail- the smaller gap to maximise the lift. As the flap angle
ing edge thickness of 0.25% of the chord.) Although the increases the range of gaps required to keep the flow
trailing edge contribution to both the lift and drag integrals attached will reduce until it is no longer possible for the
is ignored, the asymptotic drag value appears correct. flow to be attached on both sections.

The accuracy of the method is indicated in figure 2 where ii) Due to the higher adverse pressure gradient on the wing
the panel method predictions are compared with an ana- one can also forecast that the stalling incidence of a wing
lytic solution by Williams (Ref. 2) for a 2 element aerofoil. and flap combination will be less than that of the basic wing

aerofoil. As the flap is brought closer to the wing, the wing
Using this panel method the effect of reducing the flap gap peak velocity increases rapidly resulting in a very severe
upon the inviscid, incompressible flow around a 2 element adverse pressure gradient just downstream of the leading
aerofoil is shown in figure 4. (The definitions of flap edge. This will increase the likelihood of the wing aerofoil
overlap and gaps are shown in figure 3.) Both the wing and section exhibiting a leading edge stall.
flap sections are based on a NACA0012 section. The flap
(30% chord) is deflected to 30 degrees and set at zero iii) For a positive flap overlap, as the flap gap is reduced,
overlap. (It is assumed that for optimum aerodynamic the rapid increase in the peak velocity on the flap is likely
performance the flap overlap will be near zero.) Using this to lead to the premature separation of the boundary layer
geometry the following inviscid generalisations may be from the flap uppersurface. This in turn will lead to the loss
made: of flap lift and may cause a levelling off or a reduction in

the total lift. Likewise, the high velocities and subsequent
i) As the flap gap is reduced, i.e. the flap brought closer to adverse pressure gradient experienced by the lower bound-
the main aerofoil, the flapliftreduces and the wingelement ary layer on the wing in the cove region may also result in
lift increases at such a rate that the total lift increases, separation.

ii) Reducing the flap gap reduces the flap peak velocity, Asa cautionary note, it is important to recognise that these
and increases both the wing peak velocity and the wing inviscid trends can only be expected to apply in the real
'dumping', or trailing edge, velocity, viscous flow if the effects of viscosity are confined to

V relatively thin boundary layers in the immediate vicinity of
In general, for zero flap overlap, these trends are repeated the surfaces and their wakes. In this case, the outer inviscid
for lower flap angles with decreasing magnitude. flow will dominate and the interaction between the inner

viscous and outer inviscid parts will be comparatively
Figure 5 shows the effect of flap gap for the flap set at 15 weak. However, as the boundary layers approach separa-
degrees and 5% overlap. (For take-off flap angles, the tion the interaction between the outer and inner flows
constraints on the flap mechanism usually result in signifi- becomes increasingly strong till eventually the flow is
cant flap overlaps.) For large gaps these results follow the dominated by viscous effects.
previous trends for zero overlap. However, for gaps less
than 2% the velocities in the region between the flap and The inviscid panel method has been coupled with an
the wing get very large, as indicated by the maximum integral boundary layer and wake code, based on the RAE
velocity on the flap. This results in a rap0i increase in the lag-entrainment method. In regions of adverse pressure
flap lift and reduction of wing lift with the net effect being gradient the code uses an inverse form of the boundary
an over all increase in lift. layer equations. Following the work of Le Balleur (Ref. 3)

and Lock and Williams (Ref. 4) the inverse boundary layer
equations are integrated to calculate a velocity from a

VISCOUS FLOW AROUND A FLAPPED specified viscous source strength distribution, or normal-
AEROFOIL ised transpiration velocity (S):

The inviscid results indicated in figures 4 and 5 suggest S =_. (1)
that in viscous flows the following may be expected to U
occur:

where v, is the transpiration velocity used in the inviscid
i) The reduction of the flap peak velocity will reduce the flow to simulate the displacement effect of the boundary
effective adverse pressure gradient on the upper surface of layer:
the flap. Fot the upper surface on the wing aerofoil, the
effective adverse pressure gradient increases very gradu- v. = I d (pUS") (2)

p ds



From an initial guess of the S distribution an iterative was predicted ahead of the fixed position. In such cases
procedure follows, cycling between the inviscid and vis- Horton's method (Ref. 6) is used to predict the bubble
cous solutions. The choice of using S as the independent length and growth in the boundary layer momentum thick-
variable in the inverse boundary layer equations seems ness.
natural as it directly links the inviscid and viscous solu-
tions. In the direct part of the viscous calculation S is For gaps less than 1.3% the large velocity gradients, both
updated using equations (1) and (2). In the inverse region favourable and adverse, on the wing lower surface in the
the nornalised transpiration velocity is updated from the region of the flap give rise to considerable difficulties in
formula: the integration of the boundary layer equations. The results

shown in figure 8 are similar to the previous inviscid
AS= fBOAx [I diP' 1 dUi ] (3) resultsinfigure5exceptthatthetotalliftcoefficienthasa

AxUv + rB0 I.Uý ds 1 ds j maximum value for a gap of approximately 2%.

where B is a function of the boundary layer shape param- Figure 9a shows the predicted variation of I.D with gap for
eters and the local Mach number. Putting f= I recovers Le aL-O. Again the results show a maximum for a gap of 2%.
Balleur's formula. It has been found, however, that in (Further analysis of this test geometry indicated that the
many cases the rate of convergence may be accelerated by maximum lift coefficient is very insensitive to flap gap
increasing f. with the predicted value being approximately 2.9 for the

range of gaps considered.) Figure 9b shows the predicted
According to equation (3) convergence will be obtained variation of drag with gap at a C. = 2.0, which corresponds
(i.e. A S=0) when Uv/tY = constant. Although this is a to 0.7C,,,. The results clearly indicate that minimum drag
necessary condition for convergence it is not sufficient, occurs for a gap of approximately 2.5%. Although the
unless Uv/U` = 1. Fortunately the scheme does normally geometry is atypical, these results are in agreement with
converge' with Uv = IV, although there are occasions wind tunnel measurements for a GA(W)-2 aerofoil and

along the wake where 'convergence' is obtained with the flap (Ref. 7).
constant in the range 0.85 to 1.15. Decreasing Ax decreases
the rate of convergence and so the suitability of equation One important viscous effect not modelled by the above
(3) for updating the normalised transpiration velocity S on method is the viscous wake boundary layer interaction.
finely panelled geometries is questionable. When the wake from an upstream element grows into the

developing boundary layer on a downstream aerofoil, the
The Karman-Tsien compressibility correction is used to resulting interaction may lead to separation of the bound-
modify the incompressible Cp's predicted by the pane! ary !ayer. Due to this adverse interaction, the previously
method. discussed inviscid trends with flap gap may be reversed,

effectively limiting the minimum gap thatcan be used. One
Figure 6 compares the predicted force and pitching mo- may anticipate that this wake/boundary layer interaction is
ment coefficients with those obtained from experiment for dependent upon geometric parameters such as the flap gap
a simple wing and flap (Ref. 5). The lower surface of the and the extent of the flap chord aft of the wing shroud.
wing aerofoil was designed for no separation. (To compute Figure 10 is an example of this effect as predicted using
the flow around a realistic flapped aerofoil it is necessary Irwin's model (Ref. 8) for the wake boundary layer inter-
to replace the physical cove shape on the wing lower action on the NACA0012 wing and flap configuration as
surface with a smooth fairing.) Both the lift and drag used in figures 5,8 and 9. There is clearly a rapid loss in lift
coefficients have been predicted to an acceptable degree of as the flap gap is reduced below 2.5%. In addition to this
accuracy. (The predicted drag is obtained by applying the loss of lift a rapid increase in drag occurs.
Squire and Young drag formula at the end of the wake.)
The maximum lift and stalling incidence are also ad-
equately predicted. DEVELOPMENT OF A 4-BAR FLAP LINKAGE

SYSTEM.
In figure 7 the predicted wing and flap pressure distribu-
tionsarecompared with those measured in the wind tunnel. Conventional roller and track systems commonly used to
These results along with other investigations have demon- generate a Fowler-type flap deployment possess several
strated that for similar types of configurations, the method inherent disadvantages e.g.
predicts the pressure distributions and force coefficients to
an acceptable engineering accuracy. Large number of parts

High weight
Using this viscous code, the analysis of the NACAOO12 High cost
wing and 30% flap set at 15 degrees and 5% overlap for Vulnerability to contamination
various flap gaps was repeated at a Reynolds number of 6 Wear
million and Mach number 0.15. Transition was fixed on High maintenance cost
both the flap and wing except where laminar separation
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These aerodynamic results, along with wind-tunnel inves- and 90% shroud, the maximum flap fairing width was
tigations, consistently indicate that for aerodynamic effi- approximately 10% and the depth was 13% of the local
ciency it is desirable to deploy the flap in such a manner so wing chord. These values are comparable to the fairing
as to minimise the flap overlap and provide a reasonably dimensions for a track and roller mechanism.
generous flap gap, typically in the region of 2 to 3%. A
novel 4-bar linkage, as shown in figure 11, has been A constraineJ optimisation method has been applied to
devised for flap deployment as an alternative to the track determine the optimum positions of the joints to maximise
and roller mechanism. Two swinging links (A and B) are the aerodynamic performance of the deployed flap. As a
used to join the flap arm, which is rigidly attached to the constraint, the landing position of the flap is pre-set in
flap, to a wing mounted beam. The proportions of the links terms of the flap angle, overlap and gap. (Previous inves-
are chosen to 'programme' the flap translation and rotation tigations have indicated that the optimum overlap for
to give the slot gap and minimum overlap required for an landing isclose to zero, with several investigations indicat-
aerodynamically efficient arrangement. An example of ing that a slightly negative overlap may be desirable.) The
slot gap and overlap with flap angle is shown in figure 12. stored, or nested, position of the flap is also known.
The initial chordwise extension is relatively large for small
angular flap movement. The flap gap opens rapidly during Figure 14 shows a linkage- designed by the optimisation
the first few degrees of movement from the stowed posi- process for a 28% flap , lhord, 90% shroud with the con-
tion. (In effect the flap drops, translates backwards and straints that the landing flap setting was 30 degrees with
then rotates.) zero overlap and a gap of 3.2%. Since it is known that the

optimum overlap for maximum L/D for take-off is near
Figure 12 also shows the locus of the instantaneous centre zero the objective function for minimisation was taken as
of rotation with flap angle. For this particular geometric the flap overlap at a typical take-off flap setting of 10
arrangement, the centre of rotation initially moves up- degrees. The optimiser indicated that to achieve the de-
wards to infinity, at which point the flap movement is sired minimum overlap at 10degrees the kinematics of the
purely translational. The centre then approaches from the optimised linkageresultin small negative flap angles in the
bottom left and indicates that as the flap approaches its early stages of the flap deployment. This negative angle,
maximum angle it is rotating about a progressively de- constrained to be less than 4 degrees, is untmlely to cause
creasing radius. The4-bar linkage is effectively equivalent handling difficulties for the short time that it exists. The
to that of a hinged flap having a continuously variable achievement of such a low overlap and reasonable gap for
pivot. As the instantaneous centre of rotation is in general a flap angle of 10 degrees is particularly encouraging and
some distance from the flap the effective torsional stiffness indicates the aerodynamic advantages of adopting such a
of the systcm will be low. This therefore necessitates, in simple linkage system for flap deployment.
common with tracked flapped systems, the use of a coor-
dinated multi-point flap drive system. Ifa higher landing flapangle is stipulated in the optimisation

process with the other constraints unchanged, the resulting
Flap linkage systems have been successfully used in the optimised overlap for the take-off flap setting is larger
past, e.g. on the Boeing B747SP and the Douglas DC-8 resulting in a lower L/D. This highlights the importance of
aircraft. The main advantages of the current 4-bar mecha- balancing the landing flap requirements (essentially max-
nism over previous linkages is its simplicity and superior imising C,-) with the take-off requirements (maximising
aerodynamic efficiency at low flap angles due to the large L/D at an appropriate CL.
gap and low overlap characteristic.

To preserve constant % flapoverlapandgapalong thespan COMPARISON WITH A TRACK AND ROLLER
of a tapered wing, where both the flap leading edge and FLAP MECHANISM.
shroud are wing generators, it is necessary to scale the
linkage at each support in proportion to the local wing Figure 15 compares the flap overlaps and gaps for a track
chord. This produces a pseudo conical flap motion for and roller mechanism with a representative 4-bar linkage.
which it is necessary to provide freedom for spanwise The superioroverlap characteristics of the linkage mecha-
movement in some of the links. Figure 13 shows schematic nism is immediately apparent along with the much larger
cross sections through the A and B links at the inner and gaps at low flap angles. One disadvantage of the linkage
outer supports of a flap segment. At the inboard support the relative to the track and roller is that it would not be suitable
shaft that carries the A link has only rotational freedom as a variable camber device (Ref. 9).
within its bearing thus enabling it to react any spanwise
loads. The remaining links have self-aligning bearings and The following table summarises the results of a study
are therefore free to accommodate the relative spanwise comparing the overall performance of both flap mecha-
movement. nisms for the same flap chord and wing shroud. The track

data were taken as the datum.
Figure 13 also gives an indication of the maximum flap
fairing width and depth required by the mechanism. A
detailed design study indicated that for a 25% flap chord



6. H.P. Horton "A semi-empirical theory for the growth
Aspect Track 4-bar Linkage and bursting of laminar separation bubbles."

ARC CP 1073, 1967
Flap Weight Datum -19%

7. W.H. Wentz "Wind tunnel Lest ot me GAkW)-2 airfoil
Direct Maintenance Costs Datum -40% with 20% aileron, 2!% slotted flap, 30% Fowler flap and

10% slot-lip spoiler."
Take off Performance NASA CR-145139, 1977

ISA, S/L
BFL Datum -2% 8. H.P.A.H. Irwin "A calculation method for the two
WAT Limit Datum +6% dimensional turbulent flow over a slotted flap."

ARC CP 1267,1974
ISA+280C, 5000 ft

BFL Datum -5% 9. E. Greff "Aerodynamic design and integration of a
WAT Limit Datum +7% variable camber wing for a new generation long/medium

range aircraft."
where BFL is the Balanced Field Length and WAT is the 16th ICAS Congress Jerusalem
Weight Altitude Temperature LLmit. The results quoted Paper no. 88-2.2.4 1998
for the WAT limit cases refer to the change in the aircraft
payload + fuel weight.

CONCLUSIONS

The ability of a simple 2-dimensional panel method cou-
pled with an inverse formulation of the lag-entrainment
boundary layerequations for modelling high-lift flows hasI been demonstrated with adequate accuracy. Using such a
tool, analysis of the flow around a simple wing and flap test
geometry indicates that for optimum aerodynamic per-
formance flap gaps typically greater than 2% are required.

A simple 4-bar flap support mechanism has been designed
to position the flap with such a gap whilst also giving a low
flap overlap. Relative to a flap track system, the 4-bar
mechanism results in significant improvements in the
overall airframe efficiency.
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DESIGN, DEVELOPMENT AND FLIGHT EVALUATION OF
THE BOEING YC-14 USB POWERED LIFT AIRCRAFT

TED C. NARK

BOEING DEFENSE & SPACE GROUP
Post Office Box 3999

Seattle, Washington 98124-2499
M/S 11-PC USA

SUMMARYB gave the two companies, Boeing and Douglas, a
great deal of leeway in configuring the vehicle.

The Boeing YC-14 was designed to perform a There was one other objective which was
400nm mission carrying a 26000# payload and instrumental in configuring the airplane. That
land in 2000 feet on a semi-prp landin strip was, the cost to produce the airplane was an
The hih- system was one that had never been impormut issue.
flown before, a upper surface blowing (USB)
c tubzng the "Conda edfctL The l-off
aId laing estimates developed fim CONFIGURATION
wind unel dat we completly subsuaniates in

I the flight tst poram. The critca isut of The YC-14 configuration is shown in figure 2.
continuing either a inding or tako after the loss The fuselae was sized t handle almost all of the
of one of the two CF6 engines was also uroven in equipment in the Army inventory. It was
tde flight um pogran•. The design deails behind to allow aerial delivery of both trops
te p m of the YC-14 am discussed and and equipment out of the aft cargo door and troops
some of the performance features of the airplane from a asde door Just aft of the main gear. The
w explained most significant =eatn of the YC-14 was

probably the two CF6 engines placed on top of the
wing.

The twin engine design was due to the results of
The Boeing YC-14, and its competitor the Doug an analysis that indicated such a design was
YC-15, beamn life as elements of the Air Force possible using an existing modemn engine (CF6)
AMST (Aivanced Medium STOL) program which and would be both cheaper and simpler to build
was initiated with release of an RFP in 1971. The thnafourengine configuration. Inaddition
YC-14 flew far the first time on August 9, 1976. accident stdstics confirmed that twin engine
Tbe coupetition for the p c conuact was alane have fewer engine shutdowns and wen
won by the Douglas C-A5. The mission was safto fly. In additiontothe AirForce
.ubtan-iadly change, particulay respect mt uiremnti, Boeing stablished an in-house
itSTOL rperti and d airplane is being buil deign philospy, uhc elements of which ar
today by kcDo-nnelVDouglas as the C-17. worth nothing he. First the airplane must be

easy t fly on final approach. It should fly like a
The basic design goals for the AMST mission onventonal jet airplne to avoid adding an extra
wen basically very simple and are listed in Figure burde t the pilot taining P andgatm t
1. Fundamenally it was to be a flying truck same tim be safe to fly. Second t •plan must

of h I almost any of the fighting have engine out po man conventional
theArmy hal&in itainventoryandit had todejliver jet that is, be able to outnueaSTOL
a 27,000 pound payload to a battle field 400 take-off or landing with an averag military caew
nautcal miles away. It had to land on a 2000 ft. with an engine out. And thirdly, as mentioned
u p runway, off-lokd the payload and then earlier, it must be a configuration with a low cost
take-off with another load and return to base. Mw of ownership.
specifications were very broadly spelled out and it
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Low cost of ownership included both low unit fly. conventional jet such as me 727 (Figure 3.) With
away cost as well as low maintenance costs. A all engines operating (neglecting the effects of a
great deal of thought went into selecting the failed engine) the YC-14 can approach at 65 knots
materials and processes used in producing the YC- and land in about 1150 ft.
14. Parts and pieces were configured to lower the The design of the USB high lift system
manufacturing costs. For example the wing incorporating the USB flap was instrumental in
structure had a main spar that was straight and achieving a W/qS of almost 4, with an r ngine out.
continuous from tip-to-tip. The wing center
section was constant chord to allow this use of The high lift system was made up of a number of
constant airfoil sections. The same thing was done complimentary elements (Figure 4). It had full
for the vertical tail, which was designed with a span (8 segments) two-position variable camber
constraint chord fin. The body structure was Kruger leading edge flaps, full span leading edge
composed of simple structural elements, blowing, using 8th and 14 th stage engine bleed air,

and double slotted center and outbound flaps. The
At the time of the AMST competition there were two position double slotted flaps behind the engine
two serious powered lift concepts considered for were sealed with the engines operating and open
the design. The engine blown flap (EBF) and the behind a dead engine. Vortex generators, or
upper surface blown (USB) flap. As you can turning vanes on the wing behind the engine, were
imagine, there were many design issues to be used to assist in spreading the flow outboard. An
considered in selecting an approach, and as you USB/nozzle door on the outboard size of the
might also expect there was no clear cut winner, nozzle exit also assisted in spreading the flow
Douglas, after what must have been serious outboard.
considerations, selected the EBF concept with four
JTMD engines for the YC- 15. Boeing on the other The entire high lift system was designed to
hand placed its bet on the USB concept, with two continue a STOL takeoff or landing with a critical
CF6 engines, for the YC-14. The USB engine imperative. The leading edge Kruger flap
configuration allowed the engines to be placed was designed with a tapered plan form and a
close together over the wing minimizing both the spanwise change in camber from root to tip. It
rolling moment and yawing moment associated represented a very unique solution of a difficult
with an engine out. The coanda effect, the design design problem. The leading edge Boundary
feature behind the USB flap, was shown by both Layer Control (BLC) System (Figure 5) was
NASA Langley tests and tests at Boeing, to designed to supply engine bleed air to the entire
effectively turn the flow through as much as 700 wing from whichever engine was functioning and
with less than 10% thrust loss. Another design to accomplish this with a pnuematic design, no
feature following from an over-the-wing design electrical or mechanical switching.
was the lessening of the concern over foreign
object damage when operating on the un-improved The aerodynamics of the leading edge blowing
runways required by the design requirements. The system was a unique design challenge. The wind
thrust reverser was designed to deflect all the tunnel testing of BLC was accomplished with the
thrust-- not just the primary flow-- forward and blowing orifice as a slot, producing a continuous
upward. This allowed the reversers to operate jet across the span. In addition the mass flow
effectively down to zero forward speed without across the wing was distributed in proportion to
any concern of re-ingesting the hot gases in the the local wing chord to approximate an uniform
inlet, and at the same time improved the braking blowing coefficient along the wing span. The slot
force associated with the landing gear. blowing design was considered impractical for the

full scale airplane. A design using small holes was
From the laws of physics, a 2000 foot landing developed. The design of the leading edge
distance equates to an approach speed of blowing nozzle and plenum system is shown in
somewhere between 80 and 90 knots. For Figure 6. With a series of tests of both the slot
conventional aircraft (non-powered lift)W/qS is nozzle at model scale and drilled holes nozzles at
defined as CL, but for a powered or propulsive lift full scale it was possible to correlate the
airplane a more suitable name is landing lift aerodynamic efficiency at model scale with the full
efficiency. Because of the thrust dependent lift scale performance of the airplane.
vector, W/qS can be quite a bit larger than the
aerodynamic CL. In the case of the YC-14 with an The leading edge BLC system was itself a coanda
engine out, W/qS is just about twice as large as a surface device. The small drilled holes created



smail jets of air, which after impinging on the Philadelphia, PA to obtain the influence of the
coanda surface spread out and merged into an propulsive lift on the control system and develop
effective sheet of air, simulating the slot nozzle, as the engine out system for the take-off and landing
it was turned by the coanda surface. The spanwise configuration.
mass flow was varied by changing the size of the The test program was an invaluable asset in
drilled holes and the hole spacing in each plenum. establishing the design and performance of the
The hole spacing was selected so that if a hole critical engine inoperative configuration. A partial
were to plug up the two adjacent holes would list of the many design issues successfully resolved
spread together to create a thinner, but still a in the wind tunnel are listed in Figure 7. The last
continuous jet. The system in flight worked three items in the list were brought about by
flawlessly, if either engine failed the system problems uncovered in flight test and then wind
continued to function without interruption. tunnel tested to provide solutions that resulted in

substantial reduction in the high speed cruise drag.
The unpowered outboard flaps (Fig. 4) were of
conventional design and were supported by an
external hinge point to avoid the mechanical STOL PERFORMANCE
complexities and maintenance issues of alternative
approaches. The USB flap had to be sealed to The wind tunnel was the source of the W/qs/max
function in the propulsive lift mode. With an data used in predicting the STOL performance of
engine out both the lift and drag penalties of such a the YC-14. Figure 8 compares the wind tunnel
configuration were too severe to be acceptable. A W/qs/max data for flaps 60 USB 50U (nominal
mechanism, triggered by a single actuator, was landing flap configuration) with the corresponding
designed to convert the sealed USB flap with an flight test data. It is plotted against the jet thrust
engine operating to a double slotted flap behind the coefficient of the live engine. It is appropriate to
dead engine. This converted the high lift system point out at this time that the field length
on the dead engines wing to a double slotted flap, performance requirements established by the Air
with leading edge blowing, from the side of the Force were all t be met with a critical engine
nacelle to the ailen. To accomplish this inoperative. The performance with all engine
configuration change an engine out sensor was operations was especially outstanding. It could
designed to identify which engine had failed. land at 65 knots in about 1150 ft and take-off in a

ground roil of 1,100 feet.
With the decision to implement such a sensor came

a whole new approach to handling the continued The requirement to produce landing performance
approach or continued take-off with an engine out. with an engine out resulted in an interesting
Model scale tests demonstrated that the turning of situation for a twin engine, powered lift airplane.
the gas jet by the coanda effect was enhanced as With an engine out on one wing, that wing has
the jet flow was less concentrated or more evenly basically no powered lift except leading edge
distributed over the coanda surface. In practice, blowing. The approach speed was essentially
thinning of the flow was enhanced on the YC- 14 established by the lift obtainable on the wing with
with two design features. The first was a nozzle the dead engine. The key to the YC-14's success
door on the outboard side of each nacelle, and the was embodied in two unique design features.
second was the addition of turning vanes on the First the live engine could support the leading edge
wing just behind the engine exhaust plane. Both boundary layer control system on both sides of the
features were activated when the flap handle was airplane. Second with an engine out, the wing
placed in a landing flap detent. With an engine with a dead engine had a well designed double
failure the nozzle door on the dead engine was slotted flap from the side of body clear out to the
closed and the turning vanes stowed to reduce the aileron, a very effective high lift system. This
drag on the dead engine wing. presented the configuration with one more crucial

design challenge, there was just too much lift on
The high lift system was designed and developed as the live engine wing at the power required to
a result of a very comprehensive scale model test maintain the glide slope on one engine. In effect
program. A lot of the early developmental testing the powered lift had to be "killed" as the engine
of the high lift system elements and exhaust nozzle power came up or the airplane would roll over on
features were accomplished with a half model in a its side. Suffice to say this didn't happen. It is
9'x9' non-return tunnel located in Seattle. The interesting to note that it was possible to build a

plete model (at the same scale, as the half twin engine high lift system with a trimmed
model) was tested in the 209x209 Vertol tunnel in

I
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W/qs/max =4 (Figure 8) with one engine moment associated with a single engine operation
operating. Also notice how well the W/qs/max in an approach configuration. Figure 10 shows

* measured in the wind tunnel agrees with the flight that the increment in liftcaused y the loss of an
test data. Figure 9 displays the same data only engine, which is responsible for the engine out
now is terms of minimum speed, Vmin. For a rolling moment, has an apparent moment ann
STOL airplane the minimum speed can be based equal to the distance of the nacelle from the center
on a control limit or an aerodynamic lift limit (wing line of the airplane. This implies that the engine
stall). On the YC- 14 it was a wing stall that out rolling moment can be minimized by placing
determined the minimum speed. The minimum the nacelle as close to the fuselage as possible, a
speeds determined from flight test (data at the definite advantage for an over the wing engine
thrust required for approach on a 600 glide slope installation on a high wing configuration. On a
(T/W -021},) is at least as good at the wind tunnel take-off, after the loss of an engine, control of the
data would predict for the same condition. In moments about the directional axis is also critical
general the high lift performance of the YC- 14 Again moving the engine as close to the fuselage
during flight test was always as good as predicted as possible had a significant impact on reducing
by the wind tunnel data base. the yawing moment coefficient associated with an

inoperative engine. Figure 11 illustrates that the 4
The take-off of a STOL airplane in 2000 ft. is engine YC-15 with JT8D-17 engines had a
dependent on two features, thrust, lots of it, and somewhat smaller engine out yawing moment
W/qs/max for the take-off flap configuration. coefficient with a critical outboard engine
Parametric studies conducted during the early inoperative to contend with than did the YC- 14

1 design phase in the development of the YC-14 with an engine inoperative. Also note the
that a 025 T/W 030 was to significant difference between both the YC-14 and

indicated the ai0.25< a reasonab lift- o YC- 15 compared to a conventional twin engine
accelerate the airplane to a reasonable lift-off 737. The control of the YC-14 engine out rolling
speed. Built into this take-off process was a moment and yawing moment were a critical issue
W/qs/max-3.5. To put these numbers in in the developing the YC- 14.
perspective the engine-out T/W for the YC-14 is
greater than the all engine T/W for a conventional Not only were the YC- 14 rolling and yawing
jet transport and the YC-14 W/qu/MAX with an moments high, but the speeds at which they had to
engine out in the take off configuration is be controlled were much lower than conventional
substantially greater than the W/qs/max of a jet aircraft. The net result of having to produce a
conventional jet in the landing configuration. large moment coefficient at lonw "9" (low speed)

is the requirement for large or multiple control
The key to the success of the YC-14 twin engine surfaces (or both) that move very rapidly and
STOL configuration was heavily dependent on the through large angles to provide aircraft agility at
availability of the GE CF-6 engine. It represented STOL speeds. It was decided that double-hinged
almost a perfect match to the STOL performance in or anti-balance surfaces offer an attractive
both take-off and landing as well as the cruise compromise to overly large simply hinged surface.
performance in terms of thrust and fuel burned.
the flap configuration for take-off is rather A comparison of the differences in the vertical tail
unique. The USB flap behind the engine was of a 737 and YC-14 are shown in Figure 12. A
retracted to produce the most horizontal thrust for similar set of information comparing the YC- 14
acceleration, and the outboard double slotted flaps horizontal stabilizer with that of the 727-100 is
were at 30D to produce an acceptable W/qs/max of shown in Figure 13. It is quite evident from a
3.5 with an engine out. review of the material presented in Figure 12 and

13 that a STOL control system, as represented by
An important part of the YC-14 mission the YC-14, is very different from that for a
requirement was to continue either a STOL landing conventional jet transport represented by the 737.
or take-off after the loss of an engine. Placing the
engines over the wing to utilize the USB powered In order to achieve a 2000 foot landing distance by
lift concept and placing the wing on top of the military rules requires approach speeds on the
fuselage to minimize the influence of the ground order of 90 knots (Figure 14). But that alone is
on the lifting system had the benefit of allowing insufficient. A very effective retarding force is
the engines to placed very close to the fuselage also required, and the airplane once on the ground
thereby minimizing the thrust induced rolling must stay there and not bounce back into the air.

In addition the pilot must be able to control the



airplane on the glide slope to a precise and positive redundant, electrical flight control system (EFCS).
touchdown. This embodies designing a Once a computer was added to the flight control
configuration with effective thrust reversers on the system the opportunities to exploit it became
engines, a robust, rugged set of brakes, a landing unlimited. The back side polar problem was
gear which is tuned to a high rate of descent at solved by incorporating a speed hold module into
touchdown (-IOFPS), precise glide path control, the EFCS. The pilot had a very simple task to

even in adverse weather conditions, and a lift master on approach. Use the stick to point the

dump system that "kills" the lift and puts the nose of the airplane where he wanted to land.
weight of the aircraft on the gear at touchdown. Everything else was taken care of for him by the
The YC-14 design addressed each of these issues EFCS. Servos where coupled to the throttle and
with a very positive approach. the USB flap. On approach a "speed hold" signal

was developed and coupled to a conventional
The thrust reverser not only had an effective attitude hold mode. Once the target speed was set

with a dial indicator, the EFCS would modulate
reverse thrust component (-40%), it so the throttle and USB flap to maintain speed. The
contributed a sizeable downward thrust component attitude hold mode would keep the wings level and
to ircrease the normal force on the gear and the pilot would control the pitch plane with the
thereby increase the braking force. The braking control wheel, his only task. In the event of an
system had a coefficient of braking friction of engine failure during approach the pilot continued

p=0.42, and coupled with an anti-skid mechanism to control the pitch plane. The engine failure
was a very effective at bringing the airplane to a detection system coupled into the EFCS triggered a
stop on the ground. The landing gear was series of events which took pre-programmed
designed (Figure 15) to routinely land at a rate of measures to trim out the airplane about all three
sink at touchdown of 6 to 10 FPS. This coupled axis leaving the pilot to continue to control pitch
with a approach speed of approximately 86 knots plane dynamics to maintain flying the 60 glide
allows the YC-14 to fly down a 60 glide slope slope. His only task was to continue pointing the
(commercial transports routinely use 2-1/20o3o) nose of the plane at the touchdown point.

and make a no flare or partial flare landing at
STOL weights on a very soft field without The maximum deviation from the 60 glide slope on
exceeding the design rate-of sink at touchdown. an engine-out go-around was less than 15 feet and
In actual practice, the airplane hits the ground, the less than 5 feet on a continued approach. An
gear compresses smoothly and the airplane is on engine out landing could be successfully
the ground to stay. A switch on the landing gear accomplished from an engine failure at any
then triggers a signal to the spoilers on both sides altitude. In addition, the thrust reversers alone
of the wing, from just outboard of the nacelle to would support landing on icy runways. A similar
just inbound of the aileron, to come up, directly approach was developed to handle an engine out
"dumping" the aerodynamic lift on to the gear and on take-off. A summary of some of its more
maximizing the braking effectiveness immediately significant EICS modes is shown in Figure 17.
on touchdown. Having a computer in the control loop proved to be

an invaluable tool and in my opinion it proved
To make a precision landing the airplane must be itself on more than one occasion.
in control of the glide path in all weather
conditions. This is especially difficult for an As you can see developing a short field airplane
airplane with propulsive lift, which almost always around a high lift system is more involved than
fly on the "back side" of the polar (Figure 16). just designing the high lift system. Some of the
The YC-14 design was developed to give a elements involved in developing a successful short
military pilot the feeling on the front side the polar, field airplane are detailed in Figure 18. The
-- the way he was fundamentally trained .4 fly. It landing performance of the YC-14, which had
was felt that in an emergency situation the pilot designed into it the features described in Figure
couldnot beexpectedtorememberaunkpe setof 18, is shownin Figure 19,. It represents the
flying qualities associated with a STOL airplane. statistics on the STOL landing dispersion. It
The decision was made early in the program that includes landings with all engines operating and a
them should be no mason to retrain the pilots. The critical engine inoperative. It represents the data
STOL airplane would be made to fly like a from 108 landings. The piloting task was to hit an
conventional airplane. This was accomplished by aiming point on the runway. The measuement is
developing a computer controlled, triply the distance, in feet, between the pilofs aiming

I •l?.
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point and where the plane actually touched down. flow channel to configure for both acceptable high
The average of all the errors was under 16 feet on lift and high speed properties A moveable leading
the long side, and 6 3 0 /o- of all the landing were edge device was first designed, but it was a

mechanical nightmare. Ater extensive windmade within ± 74 feet of the aim point. tunnel testing a compromise fixed leading edge
neewas developed and worked successfully. There/,, In summary the YC- 14 met or exceeded all its

STOL design requirements. The low speed were two areas of concern with the YC-14 highproperies o eqairplane wee aoeq speed speed drag uncovered in flight test. The up-swept
predicted with data from low speedeqatel aft body and the large gear pods. Both had draglevels that wozre judged to be unacceptably hig,.
tests. The concept of operating a safe, twin- The gear pods were necessary because of the
engine, STOL airplane, was substantiated. requirements on the dimensions of the cargo

compartment and the high wing configuration, left

HIGH spED DESIN no volume in which to store the gear, hence an
external fairing or gear pod was created. The up-

There was more to the success of the YC-14 swept aft-body was a by-product of the

airplane than its STOL capabilities. It could also requrement of loading and unloading rolling stock

fly at a mach number of 0.68, almost in keeping through the aft cargo door.

with the commercial jet fleet of airplanes. This The flight est drag level of the oiginal

hanother challenge. The configuration was 12% higher than expected. Aspresented the design with ante hleg.Te later found out in the wind tunnel, the flow around
first and most important was to "camouflage" the ter rod was inte with the flow
high lift system for high speed cruise. the gear rod was interacting with the cross flow
Thigh upp systaem fontor highsped fl ap was over the aft fuselage and the flow over the upsweptThe upper surface contour of the USB flap was aft body was badly separated. The solution,
basically circular. The most cost effective design idenatfied and solved in the wind tunnel, was

was determined to be achieved with an external

hinge point. This design also was consistent with composed of two parts. First the gear pod was
usinge ot. Thflaps desa control element on redesigned to close the lines in two dimensions,using the USB flap as a oto lmn nlike a wing shape, rather than in three dimensions

approach. The six hinge points on each wing were like a wing of rerlthan in tree were

provided with fairings which are very evident in a like a body of revolution. Second, strakes were
froint or back view of the YC-14. The engine added to the aft fuselage to assist in keeping the aft

body cross flow attached. Before the flight test
nozzle was specifically contoured to achieve a program ended the strakes and gear pod
widely spread jet a high jet turning configuration, improvement were tested in flight and improved
but, not an acceptable high speed configuration. the cruise drag by 5%.

In cruise there was a scrubbing drag, it was

considered a part of the nozzle thrust coefficient of The control system as mentioned before had to be
0.97 and accounted for in all the pre-flight test very responsive and have a large authority to
performance estimates. A lot of effort was possess satisfactory handling qualities at STOL
expended in designing the nozzle that would both speeds. The YC-14 operated over a dynamic
enhance the exhaust jet turning at low speeds and pressure range of almost twice that of a
have minimum impact on cruise performance. The conventional jet transport (Figure 21). This leads
empirically defined parameters are shown in to a situation where the control system tuned for
Figure 20. The problem was that nozzles with STOL flight speeds was too powerful for cruise
good turning almost always had unacceptable high flight. The elevator for cruise flight was only 1/3
cruise drag and good cruise nozzles of the available span. The high speed rudder is
characteristically did not turn the flow well at low only two-thids of the available span and pressure
speed. The net result is that a nozzle designed for l to-rduce the throw.
cruise can have a 10% improvement in cruise drag
and AMct= 0.05 over a high turning nozzle
design, while a high turning nozzle can have a CONCLUSIONS
maximum lift improvement of ACL=1.3 over amaxi mmift ioveme vaCia l geover a The YC- 14 performed well, meeting or exceeding
good cruise nozzle. The variable geometry nozzle all the design goals. The pilots who flew it where
went along way toward a compromise design. all impressed by its flying qualities. The airplane
Another critical area with respect to cruise drag in general was an operational success, but die YC-
was the flow between the nacelle, wing leading 15 won the pi-
edge and fuselage. It was a particular difficult 15 won the prize.



BOEING YC-14 DESIGN REQUIREMENT AT LOW COST

* 27,0M LB (12,247 KG) PAYLOAD

* 40W NAUTICAL MILE (741 KM) RADIUS

- 2,00 FT (69.AM) FIELD LENGTH CAPABILITY

0 11.7 FT (3.57M) WIDE X 11.3 FT (3.44 M) HIGH
X 47 FT (14.33M) LONG BOX (REQUIRED)

* S3,N0 LB (24,000 KG) OVERLOAD PAYLOAD (2.2SG)

- 2600 NAUTICAL MILE FERRY RANGE

* TURBO-JET TRANSPORT CRUISE SPEEDS

FIGURE I

USAF/Boeing Advanced Medium STOL
Transport Prototype - YC-14

131 FT 8IN

140.13M)

WING AREA: ,1.762 SO FT 1163.7 SO M)
CARGO COMPARTMENT SIZE:

47 FT LENGTH (14.30M)
11.7 FT WIDTH 13.5M)
11.2 FT HEIGHT (MINI (3.4M)

ENGINES: CF 6-500
48,300 - LB SLS THRUST (INSTALLED) 0
4.3 BYPASS RATIO
1.65 FAN PRESSURE RATIO

129 FT
(39,32M)

5. 48 FT 4 IN
4 114.73M)

18 FT 7 IN

I6.6UR2

FIGURE 2
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YC-14 HIGH LIFT SYSTEM
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YC-14 BLC System

8TH-STAGE

14TH-STAGE SHUTO9FFCHKVAE
AND CHECK VALVE
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FIGURE 5

YC-14 L.E. BLC Nozzle Plenum
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FIGURE 6



ISSUES RESOLVED IN WIND TUNNEL

I iNCREMENTAL LIFT DUE TO JET EXHAUST

* INFLUENCE OF GROUND PROXIMITY ON ALL FORCE AND
MOMENT COMPONENTS

• SOLUTION TO A SIDE FORCE PROBLEM ASSOCIATED WITH AN
ENGINE OUT

* AIRCRAFT CONFIGURATION FOR OPTIMUM CLIMB GRADIENT
WITH A CRITICAL ENGINE INOPERATIVE

"* APPROACH SPEED AND APPROACH CONFIGURATION FOR LANDING
WITH A CRITICAL ENGINE INOPERATIVE

"* REDESIGN OF GEAR POD IN THE PRESENCE AN UPSWEPT AFT BODY

"* REDESIGN OF NOZZLE DOOR ACTUATOR FAIRING

"* DESIGN OF AFT BODY STRAKES

FIGURE 7

YC-14
SINGLE ENGINE OUT MAXIMUM LIFT
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YC-14
VERTICAL STABILIZER FEATURES

EFCS

EFCS
FLAPS UP & DOWN / o

TYPICAL SECTION
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___ CHORD V RUDDER (J- TOI)
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737-100 220 25 0.09 0.67 240

FIGURE 12



YC-14
HORIZONTAL STABILIZER FEATURES

S300

lonl
30
20

\ 20"

TYPICAL SECTION
HIGH SPEED CONTROL

A c % ELEVATOR - CL ELEVATOR THROW
4 AR CHORD VH MAX TRAILING TRAILING4 EDGE DOWN EDGE UP

YC-14 3.50 5.00 38/19 1.6 1.60 200/400 300/601

727-100 35.00 3.25 25 0.9 1.15 170 260

FIGURE 13
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Long Stroke Landing Gear
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YC-14

GLIDE PATH CONTROL
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FIGURE 16

ADVANCED ELECTRICAL FLIGHT CONTROL SYSTEM

. SPEED HOLD MODE FOR APPROACH AND LANDING

- LOAD LIMITER FOR USB FLAP

- PROGRAM THE CONTROL SYSTEM WITH SPEED

* FULL-TIME ENGINE FAILURE DETECTION SYSTEM

- AFTER AN ENGINE FAILURE

"* ADVANCES THROT'ILE ON LIVE ENGINE

"• MATCHES USB FLAP TO OUTBOARD FLAP ON DEAD ENGINE SIDE

"* RE-TRIMS LIFT SYSTEM ON LIVE ENGINE SIDE

- RE-TRIMS PITCH PLANE

FIGURE 17
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DESIGN FEATURES OF A SUCCESSFUL
STOL CONFIGURATION

- SIMPLE TO FLY NO SPECIAL PILOT TRAINING

• EFFECTIVE HIGH LIFr SYSTEM - VAPP 90 KNOTS

* WELL DESIGNED GEAR - ALLOW HIGH R/S AT TOUCHDOWN

- EFFECTIVE THRUST REVERSER

• EFFECTIVE GROUND SPOILERS

* ELECTRICAL FLIGHT CONTROL SYSTEM

FIGURE 18
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HIGH-LIFT DESIGN FOR LARGE CIVIL AIRCRAFT

A. Flaig, R. Hilbig

AERODYNAMICS DEPARTMENT

DEUTSCHE AIRBUS GMBH

HONEFELDSTR. 1-5, 2800 BREMEN, GERMANY

SUMMARY The primary consideration in the design of high-lift systems is
A general reflection of the high-lift system design process is the achievement of the required airfieid performance, which
given in the first part of the presentation. First the objectives generally implies high maximum lift capabilities for landing
and constraints are reflected which drive the high-lift design and even high lift to drag ratios for take-c if combined with the
for civil transport aircraft. Further information is given on the constraint ofminimum deterioratien of the cruise performance.
applied theoretical methods and the Deutsche Airbus wind- In general the required airfield performance for civil and
tunnel stteg, military transport aircraft is different due to their specific

An example of the high-lift system design process is given in operating conditions, Fig. 2. In comparison to civil operation,
the second part of the presentation. This deals with the military tactical operation has to consider take-off and landing
conversion ofa single-slotted Fowler flap to a part span double- on short and unpaved runways even in hostile surroundings.
slotted flap, ahigh-liftsystem whichwas developed by Deutsche This requires lower approch speeds, higher decent rates and
Airbus for the A321. better climb-out capabilities. Therefore, military transports

require significantly higher maximum lift capabilities (which

LIST OF SYMBOLS may be achievable only with powered high-lift systems) and
CL liFt cYMOeffice also higher thrust to weight ratios than typical for civil transport
CL lift coefficient aircraft.
CL=, maximum lift coefficient
CD drag coefficient IN COMPARISON To CML OPEW,,ION.

L.D lift to drag ratio MUuTAr, OPERATION REORES.
a angle of attack -•r • C ,mW , t ~ TO and LAd4o MILITARY OPERATION

Oaimit maximum ground rotation angle - ,,y, s / "i ,ato, steep c-mbotf-
Wd tompere.,so' of kw. L/D

VLOj lift-off speed
VSm minimum dynamic stall speed /
VstS steady flight (I g) stall speed
ASA all speed aileron KC0 ,,

TPS turbine power simulator 0K 2 -
FAR Federal Aviation Requirements 2A GLDE SLOPE

CUMS RATE

1. INTRODUCTION Figure 2. Airfield Performance
Within the European AIRBUS consortium, Deutsche Airbus
(DA) is jointly responsible for the low speed aerodynamics of

the IRBS tpes nd arintsFig 1.However, the high-lift design for civil transport aircraft is no
less complicated, because safety and economic considerations

Typical 2-class seats play an more important role and encourage the designer to
3-0 A330 A340-300 achieve the required maximum lift and climb-out capability

A340-200 with a high-lift system of minimum complexity ('design to
30D 1cost') and maximum reliability.

A general reflection on the high-lift system design process for
250 A,310 civil transport aircraft will be given within this paper. First, the

major design objectives and constraints will be reviewed.
0 A321 Next, the DA wind-tunnel and model strategy will be explained.

A320 Some comments will also be given on the applied theoretical

150 methods.

In the second part of the paper an example for the high-lift
lO0 design is given. This deals with the conversion of the A320

Ranoe (nrn) single-slotted fowler flap system to a double-slotted flap system,
i__ 40 am am which was necessary to satisfy the increased requirements for

airfield performance of the A321, the stretched version of the
•:igure 1. Airbus Product Line A320.

The DA aerodynamics worksharing part covers the whole
spectrum ofhigh-lift system development, beginning with aero 2. GENERAL DESIGN ASPECTS
performance predictions for new projects, design and The mission of a civil aircraft is to transport a given payload
optimization of high-lift devices and preparation and analysis over a specific range with maximum efficiency. The efficiency
of wind-tunnel tests. can be quantified as direct operating costs (DOC), which
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incorporate costs for fuel, airframe, crew, maintenance, taxes, Furthermore the design has to guarantee maximum flight safetyetc. Minimizing the DOC is the main aim in civil transport which means good handling qualities, moderate approach speeds

aircraft layout. Due to the complex relations between the and 'normal', controllable stall characteristics.
aircraft configuration and the DOC parameters, trade-off studieshaveto e dne o dterme he otimm cmbiatinofing Having selected the primary aircraft design parameters, e.g.
have to he done to determine the optimum combination of wing wn odnterqie eoyai efracso h

high-lift system can be derived from airfield performance

The choice of specific cruise capabilities, such as speed, range, investigations for the most critical conditions. The investigations
initial altitude, climb capabilities and buffet boundaries defines include take-off field length and landing distance calculation,
the targets for the aerodynamic design. With consideration of in accordance to the operating rules specified in FAR 25 for
the advanced available technology in aerodynamics and civil transport aircraft.
structures, the primary wing design parameters, suca as loading,
span, sweep, aspect ratio, twist and thickness have to be
optimized. 3.1 Airfield Performance Requirements

When discussing the airfield performance requirements, aSome of these primary wing design parameters strongly

influence the efficiency of the high-lift system and have to be separate view of the take-offand landing situation is appropriate,because the requirements on the aerodynamic qualities of the
taken into consideration in the trade-off optimization process. highlif te reqdifement.

high-lftR system are different.

A high wing loading, for example, increases the necessary
maximum lift capability to satisfy the required airfield
performance. This will increase the high-lift system complexity 3.1.1 Take-Off
and hence the weight and costs. Increasing the wing aspect In general the take-off performance is characterized by the
ratio is beneficial for the high-fift efficiency, while increasing field length, which is a function of the wing loading, the thrust
the wing-sweep is disadvantageous, loading and the aerodynamic efficiency of the high-lift system.

Mother important parameter in aircraft sizing is the thrust to 'he interrelations between these parameters can be highlighted
weight ratio. For civil transport aircraft the required thrust is when reflecting the general take-off procedure with

usually determined by take-off field length considerations. consideration of the specific FAR requirements for civil
transport aircraft.

Due to the interrelations between wing planform and high-lift As illustrated i Fig. 3, the take-9ff field length is defined as
system efficiency, the final design is generally a compromise

between optimum cruise efficiency and acceptable airfield the total of ground roll distance which is required to accelerate

performance. This optimum is usually found in an iterative from the resting position to the lift-off speed VLOF, plus an

design process. airborne distance to overfly an obstacle height of 35ft.

According to the FAR, VLWF has to be 1.1 times the minimum
'unstick' speed VMU, which is defined as the minimum speed

3. OBJECTIVES AND CONSTRAINTS OF at which the aircraft can safely take-o.T with one engine
HIGH-LIOT DESIGN inoperative. VMU is not only a function ofthe aircraft maximum

The general objective in high-lift system design is to match the lift capability, because tail interferences with the ground can
airfield performance requirements in terms of approach speed, limit the usable angle of rotation which reduces the usable lift
take-off field length and climb rate. coefficient. Therefore, if VMu is increased, the required ground

CL C~ IJD Climb Rate ý, 2.4%
1 Engine out I

sa CR Thrust .W-- Wight UUD

.... .- . ,.,-

______________________CL

V2 1.13 V~al

aoeIIme .ii~ttinUE~uinUE ._ Rotation - Lift-Off UlC In Climb Out

Ground Roll Distance Airborne

Take-Off Fleled Length

,1.Segment ..p -2.Segment

Figure 3. Take-Off Procedure
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roll distance inevitably will be increased, too. Especially for Another aspect of flight safety during approach is the pilot's

aircraft versions with stretched rear fuselage this VMu limitation ground visibility, which is dependent on the pitch attitude of
can be of particular significance for the high-lift design. In that the fuselage and consequently angle of attack. Especially when

case the maximum usable angle of attack (not the maxium designing a high-hof system with slat or Krueger flap, care
achievable lift coefficient) will be the dominant parameter must be taken that their effect of increasing the usable angle of
which limits the usable ift of the take-offconfiguration. attack is not compromising the ground visibility. In this case

efficiency of the traiing edge flap must be improved to achieve

speed V2, which must be achieved when the aircraft reacheslift coefficientatreducedangle of attack.

35 ft height above the ground. V2 must be greater than 1.2 times Furthermore, the adverse effects oof landing configuration L/D

the minimum dynamic stall speed Vsmia, and greater than 1.1 on the go-around climb capability and the approach engine

times the minimum control speed VMC. Vsm• is usually 0.94 rating has to be considered. A lower approach L/D, for example,
times the stall speed in a Ig steady flight, a flight condition has to be compensated by higher engine thrust rating, which
which is comparable to wind tunnel conditions and therefore typically causes better engine response characteristics for flight
related to CL,,.. Hence, V2 must be greater than 1. 13 times path corrections or transition from approach to go-around
Vslg, or in terms of lift coefficients: CLv 2 must be below condition. This item can be a partial problem for aircraft with
CLmax/1.13 2 , single-slotted flap high-lift devices, because their typical

After take-off, the second segment climb begins when the approach L/D may be 'too good'. On the other hand, a lower

undercarriage is retracted. According to the FAR, the minimum LID degrades the go-around climb rate, which must be greater

second segment climb-rate with one engine inoperative must than 3.2% with all engines operative. Therefore the limitation

be greater than 2.4% for aircraft with two engines (3.0% for of the landing weight is the usual way to provide the required

aircraft with four engines) and the minimum speed must be V2. climb capability.

Approximately the climb rate is a function of the thrst to In principle, the required maximum lift capability for the

weight and the lift to drag (UD) ratios as defined by the landing configuration determines the complexity of the high-

following equation: lift system, in particular the number of slots (or elements) of
the trailing edge devices. The degrading effect of wing sweep

tThrust on the maximum lift efficiency necessitates an increase in the
CR ( rs D ) complexity of the high-lift system.

Tenthr t t wThe general trend of maximum lift efficiency versus system

This means, for a given thrust to weight ratio, the climb rate is complexity is illustrated in Fig. 4.

directly related to the LUD.

A typical envelope of L/D versus CL is shown in the small
diagram within Fig. 3. The steps in the envelope separate the .---
different take-off configurations. The right end of each envelope i sA

segment indicates the maximum usable lift coefficient for
second segment climb of the specific configuration (usually - I B C .SS-7

SSF I DSF•

CLm,,,I. .132).I.5kwý
4 '4 - __

It is obvious, that a higher lift coefficient, as achievable with a P -

higher flap setting for example, decreases the L/D and . -,,--t,,, -

consequently climb rate, while the ground-roll distance is COM.PEXITY OF THE HI*,-UF SYSTEM

reduced.

Therefore the aerodynamic optimization ot the take-off Figure 4. Lift efficiency versus high-lift system complexity

configuration is aimed at finding the best compromise between
lift capability and LID efficiency to satisfy the requirements Firstly an example is given of some transport aircraft

for both the take-off field length and the climb rate. demonstrating the limits of conventional unpowered high-lift
devices, and secondly of some experimental aircraft
demonstrating the efficiency of powered high-lift devices. It is

3.1.2 Landing obvious, that the maximum lift limit for unpowered high-lift
The final approach of civil transport aircraft is performed on a systems (on a aircraft with typical 25deg wing sweep) is in the
glide slope of 3 deg. The typical approach speeds of major jet order of 3, while powered high-lift systems with additional
powered aircraft lie between 130kts and 150kts. Due to the active boundary layer control may achieve maximum lift
evident correlation between approach speed and accident rate, ccefficients up to 7.
the landing performance design is mainly concerned with
achieving moderate approach speeds within the aforementioned
range. In order to provide some future stretching potential, the 3.2 High-Lift Design Constraints
design approach speed for a new project is normally more The cruise wing design determines a lot of important design
orientated towards the lower value. parameters for the high-lift devices, such as chord and thickness

The FAR requires that the approach speed has to be 1.3 times distribution, aspect ratio, trailing-edge 'dink location, etc. Only

higher than the minimum dynamic stall speed Vsmin, which the type of the high-lift devices, the shape, the spanwise

has been previously defined as 0.94 Vs1 5 . This 1 g stall speed extension and the settings can be chosen by the high-lift

and the design wing loading forlanding determinethemaximum designer, but with consideration of some constraints, which

lift coefficient which has to be achieved by the high-lift system. will be discussed next.
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3.2.1 General Constraints Also influnced by the relative flap thickness is the aerodynams.
Usually the chordwise extension of the high-lift devices is efficiency. Usually the flap efficiency is limited by the onset of

limited by the location of the front-spar and rear-spar flow separation on the upper surface. Therefore the main

respectively, which can not be changed due to considerations objective in flap shape design is to increase the angle of flap

of wing stiffitess (twist, bending) and internal fuel volume, deflection at which flow separation occurs. This is usually
Fig. 5. done by controlling the rassure peak at the nose and the

SM TM Gap following pressure gradients by the adequate shape design. It is
apparent that a thin flap offers less possibilities to modify the
shape and thereby the pressure distribution in the intended
uManner. Unfortunately this can cause some loss in efficiency.

/s A321 Airfoil Section S
iSid Chod Fop Chord

"Thin Pw Sectin 3.2.2 Constraints in Kinematic Designy '- We at Airbus prefer slats as leading-edge devices instead of
Krueger flaps due to their modest support complexity. In a

rAeeMoA0 Airfoil Sec typical design, e.g. as represented on A320 and A340, the slats
are supported by circular tracks, which are directly actuated by
rotary drives, Fig. 6.

"Figure 5. General Constraints on High-Lift Design'Tr -

Especially the required fuel capacity for a long-range aircraft
can be of particular significance in the wing sizing. Moreover, CMAW Tuc I

the inner wing flap chord of a typical low set wing aircraft is
limited by the required storage space for the retracted main E -

undercarriage. i h >
After the chordwise extension of the leading edge and trailing
edge devices has been fixed, the next design item is the
optimization of their shapes. -f- LM*,"-

The typical leading edge devices of today's transport aircraft
are slats and Krueger flaps. In the case of a slat, the profile of Figure 6. Support of High-Lift Devices
upper and lower surface is defined by the cruise wing nose
shape. Therefore only the shape of the slat inner side and the
nose of the fixed-wing can be optimized. Usually the radius of each slat track is different in spanwise

direction due to wing taper. However, with small spanwise
A Krueger flap with a folded nose or flexible shape, as an changes of the slat setting and some variation of the track's
example, generally offers greater design freedom to achieve an vertical attachment to the front-spar, the radius of several

ideal upper surface shape, and thus gains a little in UD and tracks can be made identical, which simplifies manufacturing
CLmax. But, trade-off studies carried out in the past for A320 and saves cost.
and A340 have shown, that this advantage for the Krueger flap
is compromised by a more complex and heavier support It is apparent that both the aerodynamic efficiency of the

structure than required for a slat. trailing-edge devices as well as the complexity of the support
system depend on the number of flap elements employed and

For future projects the trend of preferring slats instead of on the type of the flap support itself.
Krueger flaps may change, because the envisaged wings with
laminar flow technology can not be realized with any small The structure ofatrack type flap support system, as an example,

step and gap on the upper surface, as are usually present behind is generally more complex than that of a dropped-hinge or a

the trailing edge of a retracted slat. For this reason, Krueger linkage support system.

flaps will offer some advantages, because they are typically But typically, the track type kinematics offer more design
retracted in a storage bay on the lower side, which is a less freedom to realize the optimum relation between flap Fowler

sensitive region of the w . movement and flap deflection for both take-off and landing

The crucial point in the chordwise layout of the trailing-edge configurations. This is the reason why track type flap support
devices is their relative thickness, which is dictated by the rar systems are inevitable for the utilization of trailing edge flaps
shape of the cruise wing. for 'variable camber technology', which may be envisaged for

cruise performance optimizatioi of future projects such as

The typical state-of-the-art cruise wing airfoils, such as FLA or Airbus Ultra-High-Capacity-Aircraft.
represented on the Airbus A340/A330, are characterized by a
relative thin rear-end shape. The resulting small flap thickness However, a good compromise between aerodynamic efficiency

causes some problems for the flap design. It is obvious, that the and total system complexity can be achieved - in or view- by

smaller stiffness of a relatively thin flap has to be compensated a flap system with minimum elements combined with a support

by heavier structure and possibly more spanwise support system of higher complexity. This was demonstrated by the

si which both increase weight and costs. advanced high-lift systems of the A320 and A340, where
stations, wtypical airfield performance requirements on today's short and
Moreover the realization ofa multi-element flap can fail if the even long-range aircraft are satisfied by a track supported

thickness of the single elements is insufficient for production. single-slotted fowler flap system.
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4. GIGH-LIFr SYSTEM DESIGN Our experience has shown, that the evaluated trends, in terms
The task of the high-lift system designer is to achieve the of lift efficiency, profile drag and boundary layer stability, due
aerodynamic targets by choosing the type of the high-lift to shape and setting are represented correctly. Problems occur

4 device, defining its shape and spanwise extension, and onlywith the close coupledarrangement oftwo single elements,
optimizing its settings. e.g. slat and fixed wing with small slat deflections, because the

n t a onapplied theory does not incorporate a satisfactory solution forn gthe direct confluence of two boundary layers. In general this issection depend on its effective camber and on the boundary
not significant, because the shape optimization is usually done

layer control. The camber is increased by deflection of a for the landing configuration with maximum deflection of all
trailing edge flap, and the attachment of the boundary layer on devices.
the flap is controlled by the setting and shape of the flap.

In addition the onset of boundary layer separation on the mare It has been found, that the optimizing of the two-dimensional

profile is delayed with a leading-edge flap, such as Krueger or
Sslat, which increases the usable angle of attack and subsequently wing is sufficient for the three-dimensional shape design of thethe maximum lift capability, high-lift devices, while the final optimization of the settingsmust take into account the three-dimensional flow.
When applying the two-dimensional design to a definite wing,
the lift efficiency is principally decreased by three-dimensional
flow effects due to finite span, sweep, nacelle interaction, 4.1.2 Three-dimensional Methods
spanwise limitation and cut-outs of the high-lift devices. The available methods for the theoretical consideration of the

The optimization of the three-dimensional high-lift design is three-dimensional flow is mainly based on panel methods,
mainly aimed at minimizing these effects. such as VSAERO, which is applied by Deutsche Airbus in the

high-lift design procedure.

The general problem when applying panel methods is the
4.1 Theoretical Methods expensive preparation of the panel grid, which is necessary to
Although the application ofadvanced theoretical methods tends represent the complex geometry of a wing with extended high-
to play an even more important role in the aerodynamic design lift devices. Therefore, the application is unpractical within the
of aircraft, their use in the high-lift field is virtually limited to iterative design process, e.g. for setting optimization, but is

* two-dimensional problems. Because of the complex flow around useful to study effects on the spanwise lift distribution and the
a three-dimensional wing in high-lift configurations, the lift curve slope in the linear regime.
necessity of wind-tunnel testing for configuration optimizationi, ad epecall forstal ivesigaion s uquetioed.Although the panel method incorporates approximate solutions
asnfor the three-dimensional boundary layer consideration (which

obviously improves the lift curve slope representation), they
" 4.1.1 Two-dimensional Methods are insufficient for prediction of the stall characteristics or theUsually Thotwo-dimensional d n o total drag, because significant interactions between boundaryUsually the optimization of the two-dimensional design of the lyrad wk/ otxfo r o osdrd
high-lift devices is iteratively done on the basis of calculated layer and wake/vortex flow are not considered.
pressure distribution. Due to the significant effect of the
boundary layer flow on the high-lift efficiency, the applied 4.2 Wind-Tunnel Strategy
theoretical methods must incorporate viscous effects. In Wpi d-ounne Stratea yIn spite of the fact that any wind-tunnel test results need some

The method used by Deutsche Airbus (1) is based on a potential interpretation to be transferred to the real flight condition,
flow theory, which is combined with an inverse boundary layer which is undoubtely one of the most difficult items in high-lift
and wake flow iteration. This method incorporates solutions design, the most reliable results can be generally obtained with
forthe following typical flow problems of multi-element high- large scale models in large and pressurized high Reynolds
lift airfoils, Fig. 7: number tunnels. Due to the expense of such tests, the normal

- transition from laminar to turbulent boundary layer; practice is to carry out most of the development tests in smaller
tunnels at lower Reynolds numbers, and then use large tunnels

-determination of flow separation regions, which can be for verification of the achieved optimization, or for the
either short separation bubbles or large region investigation of special items.
separations from one or more elements;

- confluence of wake and boundary layer flow, even formult-elmen coniguatins.4.2.1 Deutsche Airbus Low-Speed Wind Tunnel
mult-eleent onfiuratons.Deutsche Airbus is in a position to carry out most highi-lift

%m Leie coiamoc development work in its own low-speed wind tunnel at Bremen,
SI.• Fl " the test section of which measures 2. 1 m to 2. Im, Fig. 8. This is

Sa W Sat wak a situation which offers Deutsche Airbus the advantage of
Wing O-• .,L. • wake more test flexibility in the development process.

Flap 11.... . Si i We mostly use half-models with a span of approximately 1.3m.
sho¢k 1 8 L --- In general, this span is sufficient for a correct geometrical

= representation of the three-dimensional wing, including the
Cv. . . -,high-lift devices. Typically, our half-models are equipped with

MU/s op/era•on s a.u.. through-flow nacelles, but turbine powered simulators (IPS),
SLAT WINO FLAP blown nacelles or propfan simulators can also be employed to

simulate propulsion effects. The availability of state-of-the-art
Figure 7. Flow on High-Lift Airfoil equipment for surface flow-visualization, wake-flow
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achieving a Reynolds number of 2.6" 106. The span oftypically
employed complete models is in the order of Sm. This size
guarantees a highly detailed representation of the aircraft
"geometry including undercarrage, moveable surfaces, tracks
and fairings.

Generally the model is supported by a moveable sting, which is
connected directly to the fuiselage internal balance. The six
component strain gauge balance has demonstrated high
sensitivity and long time repeatability.

Therefore, with respect to the excellent flow quality in terms of
low turbulence, this tunnel is primarily used for low-speed
performance investigations, with special regard to second
segment climb L/D. These tests include intensive jet interference
investigations by means of turbine powered simulators (TPS).

Furthermore the DNW tunnel is especially suitable for ground
effect investigations, even with jet simulation by TPS, due to
its moveable model support and effective separation of the
tunnel floor boundary layer, which additionally is combined
with a moving belt ground plane.

The investigation of wing downwash, tail efficiency and lateral
stability completes the standard test program which Deutsche
Airbus carries out in the DNW.

Figure 8. Deutsche Airbus Low-Speed Tunnel 4.2.3 ONERA F1 Tunnel
visualization, wake-frequency analysis and pressure distribution The effects of Mach and Reynolds number variation on L/D,
measurements offers excellent conditions for high-lift maximum lift coefficient and stall characteristics are
development work. investigated on a second low-speed complete model in the
The disadvantge of the low Reynolds numt-r, which is in the French ONERA F1 tunnel, Fig. 10. This tunnel can bc
order of 1.3*106, is generally compensated by verification of pressurized up to 4 bars. Thereby Reynolds numbers of 6* 106

the evaluated modification trends at higher Reynolds numbers. are achievable at 0.2 Mach number with the typically employed
This is usually done by testing some configurations with the models of 3m span.
same half-model in the ONERA Fl tunnel, which is apressurized
tunnel allowing Reynolds numbers of 6* 106. The practice of
'back-to-back' testing the same model in both tunnels for
several different projects has led to comprehensive experience
in the interpretation of half-model results obtained at low
Reynolds numbers.

4.2.2 German-Dutch Wind-Tunnel (DNW)
Another wind-tunnel employed by DA in the high-lift design
process is the DNW tunnel, which is a large atmospheric low-
speed tunnel, situated in the Netherlands, with a test section of
8m by 6m, Fig. 9,

Figure 10. ONERA Fl Tunnel

4.3 High-Lift Design Process
As outlined in Fig. I1, the high-lift system design process can
be split in three successive phases: pre-development,
development and pre-flight.

4.3.1 Pre-Developmern Phase
The aim of the pre-development phase is to demonstrate a
high-lift concept which achieves the required airfield
performance of a new project. This is usually done in an

Figure 9. German-Dutch Wind-Tunnel iterative design process.
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Within the iteration cycle several alternative concepts are lifting-surface theoiy, which were modified to incorporate our
developed on the basis of the preliminary cruise wing design. comprehensive data base of empirical investigations.
First, the aerodynamic characteristics of the different concepts Thke estimated aerodynamic qualities of the most promising
are theoretically estimated. The methods applied for this purpose high-lift concepts are then used to establish a preliminary aero-
were developed by DA and are based mainly on li fting-line and data-base for airfield performance calculations. At any stage of

* STTNGOPIMZAIO /FIST PRO.JCECTKE INTO

CompletLO Model (DNW) REVUIRMNSERVIDAC E.CH K

.... .. ENDAR OF PREDEVELOPMENT..................... .... ......... * ............................... ................................... ..................

HIG STRUTUR DESIGN FhortiNALtiats
DEFINMIISDEINNIGHNO PNIS XESO LIFT DESIGNNC

WINGGNFREZE....................................................................

'I FIGHTTES..................... PRO.. F.LE..A.....SET ..ING .........................................

Figure---- ----- Sceeof- g-if-ein-rcs
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the development phase the results of these calculations are
directly compared to the required airfield performance to
demonstrate the achieved design progress. A300600

After the initial design cycle has led to a realizable high-lift I SLAT (2')
concept, the next step is to design in Wraer detail. At this T E. S 1 32.F)

stage, more use will be made of' wind-tunnel testing, usually
starting with a Swept-Constant-Chord-Half-model (SCCH).
This model is useful for pre-optimizing settings and preliminary
check of the aerodynamic loading on the high-lift devices.

The next step is half-model testing with correct representation
of the three-dimensional wing, the nacelle and the wing-fuselage
juncture. The half-model is provided with variable brackets for A31 0-300
setting optimization and is also employed for flow-visualization,
preliminary performance testing, pressure distribution L A( 2
measurements and wake-flow analysis. 0T.E.: V6 SF (41

The optimized design is then tested on a large scale complete A osa op

model in the DNW facility. Finally, the results of the complete
model tests are used to demonstrate the achieved aerodynamic
performance of the pre-developed high-lift concept.

4.3.2 Development Phase L.E.: SLAT (271
Usually the final design is initiated by the official go-ahead for IE.: SSF (40')

a new project. + ASA droop

The task of the high-lift designer is then to adapt the pre-
developed high-lift concept to the geometry of the final cruise
wing design, which has to be done in close cooperation with the I A340
structure and kinematic designer. LE.: SLAT (20.6" / 24")

The further development of the high-lift system is mainly A330
driven by improving the CLmax in the landing and the LlD in + RON

the take-off configurations. This is done by the iterative
optimization of the settings and the geometric details, such as
slat/pylon juncture, nacelle strakes etc. Within this work, the
wind-tunnel testing is intensified and executed in the previously
mentioned sequence ofhalf-model and complete model testing.

The obtained aerodynamic performance in terms of lift slope,
drag and CLmax are first scaled to flight conditions and then
trimmed to agreed reference conditions. The applied method as
developed by Deutsche Airbus (2) incorporates trends between Figure 12. Arrangementd of High-Lift l)evices
wind-tunnel and flight test, which have been derived from
previous projects. limitations of the high-lift devices, Fig. 12.

These interferences are dominated by the effects of wakes and

4.3.3 Pre-Flight Phase vortices which influence wing stalling characteristics, induced
After design freeze the complete models are updated to the drag, flap vibration and tail buffet. Typically such wakes and
final aircraft configuration and then tested in the DNW tunnel vortices are shed from the edges of the extended high-lift
and ONERA FI tunnel, respectively. Both tests generally deal devices, their tracks and the nacelle-pylon-wing juncture.
with final performance check-out. The DNW test is aimed
more towards the take-offperformance with engine interference Therefore, the efforts in three-dimensional design optimization
and ground effect investigations, while the F1 test is primarily firstly are concentrated on these details to minimize their
aimed at evaluating Reynolds number trends and maximum lift detrimental effects on the aerodynamic characteristics. Secondly
performanced the beneficial effects ofattached vortex flow are utilized on the

wing boundary layer and thereby on the stall behavior, e.g. by

The combined results, obtained from two different models in application of nacelle strakes.
two excellent wind-tunnels and then scaled to flight conditions This consideration is ofsignificant importance since the close
with the experience ofprior projects, represent apre-flight data coupling between high-bypass nacelles and the wing (e.g.
base ofhigh confidence. A320 and A340) dominates the wing stall and CLmax. Typically,

the close nacelle/wing arrangement requires a slat cutout at the
pylon, which subsequently initiates premature stall further4.4 Items of Deslgn Optimization downstream, Fig. 13.

An essential part of the design optimization is aimed at

minimizing the three-dimensional interference effects on high- Nacelle strakes, which shed a vortex at higher angles of attack,
lift performance, which are usually caused by the nacelle are employed to feed energy into the boundary layer flow
installation, wing-fuselage juncture, cutouts and spanwise which delays separation and improves CLmax.



31-9

o E L.OW SEPARA~tOw~S- AT HIGH AOA

10,

WAKE OF SLAT-ENO I
FUSELAGE JTNCTURE VORIEX SHED SY

NACELLE STUAKE Figure 15. Airbus A321 Airliner

Figure 13. Wake/Vortex - Boundary Layer Interaction

The major goal for the aerodynamic design of the A321 is

The beneficial effect of vortex boundary layer interaction can defined by the requirement that airfield and cruise performance
also be utilized to delay flow separation at the wing root should be comparable with that of the A320. It is apparent that
trailing edge region by adequate design of the slat-end fuselage an optimized design as represented by the high-lift system and
juncture, the cruise wing of the A320 needs some modifications to

The optimization of the wake/vortex flow effects require master a 13% weight increase with optu efficiency

field investigations. Usually this is done by application of the Typically the design efforts on stretched aircraft versions are
Crowder wake imaging system, a five-port-probe pressure driven by demands ofminmumchanges to the basehlin aircraftl.
survey system and smoke/laser vortex visualization technique, Therefore the necessary wing structure modifications for the
Fig. 14. A321 are restricted to the rear part of the trailing edge flaps.

These modifications include a spanwise varying chord extension,
which increases the wing area by approximately 2.6%, and
replacement of the single-slotted flap by a double-slotted flap.

5.1 Requirements of the High-Lift System
The required efficiency of the A321 high-lift system was
driven by the demand ofhaving comparable airfield pierform.nce
with that of the A320.

In terms of lift, a 13% increase in weight necessitates an
increase in the operational lift coefficients of the same order.
Furthermore the rear fuselage insert reduces the maximum

Figure 14. Wake-Flow behind A340 Wing in T.O. allowable ground rotation angle for take-off and landing flare
by approximately 2 degrees, Fig. 16.

It is apparent, that the nacelle/wing interference problem will Summarizing the required lft capability demands 13% more
be significantly increased by the introduction of very high- lift at 2' less incidence.

bypass engiuic ('Super-Fan') to future projects. This problem Especially the reduction of the usable incidence requires a
highlights the need for three-dimensional flow field significant increase in the lift coefficient at constant incidence
investigations - especially with engine jet simulation - to (CL0).Thiscanusuallybeachievedbyinc.easingtheeffective
demonstrate the flow-interactions and then to minimize their airfoil camber, e.g. by further deflecting of the tailing-edge

penalizing effects, flap. However, this is not a practical solution for the A320's

single-slotted ;,wler flap, because a deflection beyond the
present 40* for landing will cause flow-separation on the flap

5. FEATURES OF THE A321 HITGH-LIFT and subsequently a loss in lift.
SYSTEM

A general reflection of the high-lift design process was given in
the preceding sections of this paper. One example of this CL
process, the development ofthe high-lift system for the Airbus cL,.4.--.-

A321, will be described next.

In 1980 Airbus Industrie reacted to the increasing market
demand for a 180 to 200 seat short to medium range airliner, cL-. • 1 2 gAKE-o"F

and decided to close the gap between the existing 150 seat c 12,,N

A320 and the 220 seat A310 by astretched version oftheA320, -C " -
the A321, which will first fly in March 1993, Fig. 15.

In comparison to the baseline aircraft, the A321 fuselage is oo. e Rotl, Angle

stretched by 8 frames ahead of the wing and 5 frames behind, _1.Imted by Tail Ci...m.

which increases the payload capacity by 36 seats and 3 LD3 0' a
containers. This stretching causes an 13% increase of the
maximum take-off and landing weight. Figure 16. Lift Requirement on Stretched Version Aircraft

32-11
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The alternative was to replace the single-slotted flap by a the effect of the shroud length is relatively small in comparison
double-slotted flap, which allows higher deflections without to the total tab efficiency. Therefore, including consideration
flow separatior.s. of shroud stiffness, a shroud length of 100/a of the total flap

chord was finally chosen, Fig. 17.
With a double-slotted flap concept, the required lift efficiency
in terms of CL0 and CLmax may be achievable with any
configuration. But, the double-slotted flap will cause more
profile and induced drag at consant lift. In addition the friction 5.2.2 Three-Dimensional Layout

From the aerodynamic point of view the spanwise arrangement
drag Of the fuselage insers will futh increase total drag. of the A320 trailing edge devices represents an optimum
Thus, the compromised LID of the A321 was a crucial point in
take-off perfonnance considemtion, and the major design design, because the spanwise flap extension is not divided by
efforts were concentrated on take-offL/D otimization. any cut-out and even the intersection between inboard andoutboard flap is sealed at all settings. This assures a continuous
With consideration of the previously given approximation for spanwise lift distribution and minor penalties due to wake and

the climb rate, it is apparent that the required second segment vortex flow. The spanwise lift distribution is further unprovcd
climb performance can only be satisfied if the weight and drag by aileron drooping.
rise is compensated by an increased take-off power. This was The first design intention was to realize a continuous double-
offered by thrust enhanced versions of the A320 power-plants, slotted flap along the full flap span. Unfortunately, this concept
the CFMI CFM56-SBI and the IAE V2500-AS, which both sdobe change due toast al Unstrants, beas oneoffer approximately 16% more take-o ff power. The availability had to be changed due to structural constr-aints, because the

inboard tab was partly hid by the engine's fan jet, and theof these engine versions were prerequisite for the feasibility of outboard tab end became to small for manufacture. Therefore

the A321. the tab span was finally Limited on the I/B flap between the
fuselage and track 2 and on the O/B flap between the kink and

5.2 Highl-Lift Systemn Design track 3, as illustrated in Fig. 18.

The layout of the double-slotted flap system was dominated by
the demand for minimum structural changes. In particular, the
nose-part, the track-support and the actuation system of the
A320 flap had to be preserved with only minor changes necessary

to compensate for higher loadings. This restriction generally
excludes the application of a vane flap type double-slotted flap
system, as represented by the inboard flap of the A310.
Fortunately the relatively thick rear profile of the A320 allowed
an auxiia-y fowler flap (tab) to be incorporated into the rear ,/8 FLAP

part of the main flap.

5.2.1 Two-dimensional Layout ", Tab O o .,

After pre-development wind-tunnel testing of the principle A" O--,

flap/tab concept had demonstrated satisfactory lift efficiency,

the final design was initiated by optimizing the two-dimensional
arrangement of flap and tab. Figure 18. Wing Planform of A321

Therefore studies were carried out to investigate the effect of
the ratio of tab chord to the total flap chord and the length of the 5.2.3 Kinematic Layout

shroud on the profile drag, lift efficiency and stall sensitivity. The A321 main flap element is supported by a track guided
carriage and actuated by a rotary drive system. The new tab

These studies, based on viscous pressure distribution element is supported by a four hinge linkage system, which is
calculations, indicated firstly, that the optimum tab chord was indirectly actuated by a drive rod, Fig. 19. This rod couples the
in the order of 40% of the total chord and secondly, that the movement ofthe main flap carriage with that ofthe tab linkage
shroud length should be as large as possible. In general, however, support.

A320 Single-Slotted Flap Section

Cruise (retracted)

Chord Extension-- - .

A321 Double-Slotted Flap Section Rap Track,," / -

Flap Carriage/ # k
FLAP . . •°Drive Rod_ /

_r 1Link&ab

Figure 17. Comparison of A320 and A321 Flap Section Figure 19. A321 FlapTab Support
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Take Cil I satisfies the aerodynamic requirements in terms ofgap, overlap
F 7Tband tab,'flap deflection for all configurationsFig. 20.

5.2.4 Setting Optimization

Tak---e C!" In general, the profile drag at constant lift increases with
41ap -Tl .. profile camber, or flap/tab dv-lctiou, respectively. Therefore

the optimum L/D for each take-oftconfiguiaaon can be obtained

with the mirmmuni liap/,.ib deflection that achieves the required
lift.

The determination of the mitmmunm flap/tab deflections was
Landing baseci ýa the diagram shown m Fig. 21. Mhe grid demonstrates

4Fý •Te lift coefficients which can be ' tained with different
•Tab - combinations of flap to tab deflections at a constant incidence

LOG of 9.7', which represents the op .r-riional hmit of the ground
•. .,- rotation angle. The reo, iired lift coefficients for the three take-

_offconfigurations are nlarked on the left axis. Additionally the

, 30 function of the designed flap-to -tab gearing is given as a
6FIap function of the grid. By means of this curve, the feasible flap

Figure 20. FlapTap Settings and tab settings were determined which achieve the required
lift coefficients,.

In comparisot. to an alternatively investigated track support. Wind-tunnel investigations have dt monstrated that the I/D
the linkage system is simpler, lighter and smaller, and can be could be further improved by modification of the spanwise lit
integrated completely into the main track fairings. distribution through a differential deflection of the 111 and O111

A disadvantage of the linkage system is the restricted function tab. This aspect was realized by the final kinematic de.-ign.

of the tab movement relative to the flap, because it can be which provides a maximum deflection of 200 for tihe I1 tab
defined for only two settings, usually for one intermediate and 0f 1 ti
take-offconfiguration and for the landing configuration.

The intention of the initial kinematic design was to k, -_' the tab
gap sealed in the take-offconfigu,. !ions for optimum LA), and 5.3 Performance Status
open with a large slot for landing to achieve high C! max. The aerodynamic performance, achieved wilh the A321'shigh-
However, our intention could not be realized due to restricted lift system during high Reynolds number ,., nd-tannel tests, is;
tab kinematics. Therefore, take-off setting variations were given in Fig. 22 for the lift and in Fig. 23 for the 1,J).
intensively investigated drinng wind-tunnel testing. The results Especially the 1:crements of ('L0 and t'l-max given relative to
suggested that a small gap of 0.5% of total flap chord provided the A320's single-slotted flap demonstrate the superior lift
little better LID than a sealed gap, and further, that gaps up to capability of the part span double-slotted flap system.
1% could be tolerated. This incre'sed gap margin relaxed the Additionally the :ift increments for a single-slotted flap are
kinematic constraints and alloweu a kinematic -'.sign which given, the chord of which was identical to the double-slotted

Lwxpng Con~floit' a
[n.'T= 35'25ý a=9.70

0 L Tabr =o°o

LGeur2al Flap Tao Geaing Wind-Tunne Results

0'0

T O 1 rI o Iiin 
z d F q ~ b S *

~reCruise Configuration

Figure 21. Flap/Tab Setting Optimization
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flap with retracted tab. Its marginal performance, especially The second part of the paper dealt 'with the design and
the decreasing maximum lift at deflections higher than 25" optimization of the A321 's traiing-edge high-lift system.
demonstrates that the required lift capability for the A321 can It was demonstrated that the significantly increased liftonly be satisfied with a double-slotted flap twsdmntaeththeigiialy -- asdif

requirements for the stretched version aircraft could be satisfied
by a conversion of the basic single-slotted fowler flap to a part

=1LO = CL0(A3 2 1) CLO(t320) ACLa,, =CL•(,A3•t ICL- L-(A320) span double-slotted flap, even with consideration of the
o0 ý F S F 03 - l• minimum change' philosophy.
0C .. . I The forecasted growth of the world-wide civil air transport is02

04. '02 'obviously limited by the traffic - slot - capacity of thle major
A ~SFairports, with some of them having already reached their

02+--- -- 1--1--- ? • -z-.----operating limits. This situation can be eased by improving the
- •-•-- H approach and take-off procedures to increase the airport traffic

.. density and by using smaller airports even for long range
S 20' FIap 40' ' "a 4 i operation for traffic decentralization.

- -- - - Therefore, the airfield performance of future civil transport
Figure 22. A321 Lift Efficiency aircraft need to be increased in terms of decent and climb

capability, field length and maneuverability, thereby tending
towards the airfield performance of military transport aircraft.

The envelope of L/D versus CL for all take-off configurations
is illustrated in Fig. 23 for A320 and A321. In comparison to
the A320 it is shown that the operational lift regime for all References
A321 configurations could be extended with only minor
deterioration m L/D. When considering the total amount of 1. G. Dargel, H. Jacob, "Berechnungsverfahren fir viskose
drag increase due to fuselage extension, auxiliary tab-hinge Klappenprofilstr6mungen - Rechenprogramm ILl",
fairings, tab-edge vortices and increased effective camber, it is ZKP, Fliigel kontrollierter Strinmung, Ergebnisbericht
evident that the LID efficiency of the double-slotted flap alone Nr. 9, LFK 8510 5
is slightly better than that of the A320's single-slotted flap. 2. B. Haftmann, F.-J. Debbeler, H. Gielen, "Takeoff Drag

Prediction for AIRBUS A300-600 and A310 Compared
L/D{ d,'a ;n,,e..o d. to with Flight Test Results", Journal of Aircraft, 25, 12,

"0" - , w.*e.oo , December 1988, pp1088-109643.? TO i " -tu~llylbhnelilg... - -,..... "',o,•o,'° 3. R. Hilbig, "Aktuelle Entwicklungen in der

___ ,Aerodynamik" DGLR 91-155, September 1991

11t inros duo to 0 4. M. Karvin, A.Flaig, "Modification der AIRBUS A320)
-10 C"od ,,t,..., Flidgelhinterkante zur Optimienmg der FlugleitstungenSdbe--dtaflir die gestreckte Variante A321", DGLR 90-074,

0.2 October 1990, pp1275-1283

CL 5. D. Schwetzler, "Effect of Slat I Inner End Modification
on Wing Root Flow", Deutsche Airbus, EF12-13/91,

Figure 23. L/D Comparison of A320 and A321 1991, (unpublished)

6 CONCLUSIONS
A general reflection on the high-lift design process was given
in the first part of this paper.

It was discussed, that the application of theoretical methods in
the high-lift design process, at present, is sufficient only for the
two-dimensional design cases such as shape optimization.

In spite of the advances in three-dimensional computational
methods, their use for maximum lift and total drag prediction is
still insufficient due to the unconsidered complex interactions
between boundary layer flow and wake/vortex flow on a wing
in high-lift configuration. Therefore the necessity of wind-
tunnel testing is unquestioned for the high-lift development as
well as for performance prediction.

The Deutsche Airbus wind-tunnel strategy was described, which
is aimed at carrying out the majority development tests in our
own low-speed tunnel and to employ the large tunnels for
verification, final performance check-outs and investigation of
special items.
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1. SUMMARY 3. INTRODUCTION
This paper describes an on-going program of R&D The current generation of turboprop powered
into the development of high lift systems for future commuter aircraft in airline service, operate at
propeller driven regional transport aircraft, cruise Mach numbers up to about 0.5. At such

speeds there are few significant compressibility
The work includes tests of two-dimensional airfoils problems. Hence wing airfoils can be made quite
and flaps, while half models are used for wing thick and design pressure distributions can be
integration development. Comparisons are made tolerated which favour low speed, high lift
between earlier commuter airfoil designs and performance. In contrast, the next generation of
advanced supercritical airfoils capable of NLF, using commuter aircraft will cruise substantially faster and
single and double-slotted flap systems in both cases. it is possible that future propeller driven types will
The advanced airfoils were also tested with a cruise at speeds of Mach 0.7 or more.
leading edge slat. Some effects of Reynolds'
number on lift characteristics are reviewed which At higher cruise speeds, the design of the airfoils
show airfoils without leading edge slats were more andw will need care to avoid undue
sensitive at the scale of half model used and that compressibility problems and also interference from
higher Reynolds' numbers may be required. propeller slipstream effects, such as swirl and

increased velocities. Also, these problems must be
The advanced airfoils stalled at lower incidences tolerated while retaining, or even improving on high
than the commuter airfoils which are much thicker lift performance, in order to maintain similar field
and better tailored to high lift performance. performance at the higher wing loadings desirable
Advanced airfoils will likely require an additional with advanced configurations. Thus, we can expect
flap segment to achieve similar lift to commuter growing emphasis on improving high lift systems in
airfoils. Leading edge slats gave large increases in the future.
maximum lift coefficients (up to 30%), which would
allow substantial increases in wing loading if needed The work to be reported here concerns an on-going
for the future. R&D program at de Havilland Inc., which is

examining the design of airfoils, high lift systems
The half model development has entailed work on and wing design features suitable for future
improving the sealing of the fuselage to the tunnel commuter aircraft. The testing includes two-
wall to minimize leakage. The paper provides some dimensional airfoil sections with various fla
details of such work on high lift models and also on systems, complemented by tests of half-models with
moodls used for cruise drag investigations, similar high lift systems in order to study three-

dimensional wing integration effects. The airfoils
2. LIST OF SYMBOLS investigated to date included relatively thick sections
c wing chord (18-21% maximum t/c) suitable for earlier lower
CD drag coefficient speed commuter aircraft, as shown in figure 1.
CD, drag coefficient based on S More recently, a new family of advanced
CL lift coefficient supercritical airfoils suitable for cruise speeds of at
CL.. maximum lift coefficient least Mach 0.7 were tested, figure 2.
C pitching moment coefficient

freestream Mach number The cruise performance of the advanced airfoils
RE freestream Reynolds' number used in this work, and their design objectives, were

based on mean chord described in several earlier reports, references 1, 2,
S reference wing area 3 and 4. Notably, the airfoils were designed to
S,• reference frontal area achieve low cruise drag and high drag rise Mach
t airfoil thickness numbers with fully turbulent boundary layers
Vs stall speed present. However, the design pressure distributions

were also made suitable for sustaining extensive
natural laminar flow (NLF) in suitably "dean"

a incidence conditions. All airfoils in this family have
Sstall incidence demonstrated NLF drag 'buckets" near their designastaIl
6FF, 6ri foreflap/trailing flap deflection, conditions. Also of significance, these airfoils have
Sincrement relatively blunt nose shapes which were tailored to
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diminish suction peaks at high incidences to retain were found at lower flap angles.
resuonable high lift performance at low fpends.
c o This paper describe some results of the airfoil in fieure 9 the summary chart is expanded to
and flap system section t vstn, including Reynolds' include some results from tests on the advanced
number effects. The main focus of this paper will airfoil with double-slotted flaps at 2 f/35 and 35/35
4.be1 nrissuesarising frTm theees of llediong redgsls ae alps increased the
Th ihlfifietnnlo maximum lift coefficients by 10 15%,
During the early stages of wing development work, and were able to exceed the mamxmum lift
athe use ofoillf models is particularly effective as a performance or the commuter airfoils having single-
means of simplifying and reducing costs of models slotted flaps.
and testing. This research program invocstd
significant efforts in improving the half model test 4of Lledh Edge Slat Tests
techniques used at the Institute for Aerospac e aicaf loadins effects of a leading edge slatResearch (IAR) of the National Research Council, on Mit for double-slotted flaps with 15/15 degree

Canada (NRC), in order to obtain more reliable deflections, are sizelat added
results from high lift testing and also at cruise about 09 to the mis xmum lift coefficient and
conditions. This paper describes some of the on- extended the stall incidence by about 8 degrees.

going developments lrom such activities. Notice that for negative incidences below about -5
degrees the slat spoiled the lower surface flow and

4. AIRFOIL SECTION TESTS abrupt lift losses occurred.

4.1 AAfoil Geometries The effects of leading edge slats are also included in
The airfoiltsection testing included the 18 and 21% the summary of maximum lift coefficients shown in
thin b comm xsigns shown in figure 1, and the figure 9. The highest maximum lift coefficientsadvanced airfoil of 16% maximum thickness/chord exceeded 5 for cases with leading edge slats and
ratio included in figure 2. In all cases the airfoils dowble-slotted flaps at large flap deflection angles.
were sestesd with ingle and double-slotted flaps. Such values ar w about 35% higher than the
The flaps occupied about 38% wing chord when commuter airfoils with single slotted flaps and, in
retracted, figure 3. This gave the same amount of principle, this should allow substantial increases in
flap chord and fowler action as the Dash 8. The aircraft wing loadings to be accommodated, withoutadvanced airfoil was also tested with a cambered changing field size requirements.

mleading edge slat to extend its maximum lift
capabilities, figure 4. 4.S Reynolds' Number Effects an Commuter

Airfoils

The airfoil section testing used the high Reynolds The 21% thick airfoil was tested at Reynolds'
number, 0.38m x s l m two-dimensional wind tunnel numbers of 2 million and 6 million. Lift effects are
at the IAR/NRC, shown in figure 5. I n ofin figure h l for a flap deflection of 35
cases some testing was undertaken at Reynolds degrees. In from h el the flap location was
numbers apsooriate to full scale operation (6 to 10 optimized for a Reynolds' number of 6 million

iien so at a lower value (2 million) to (defined as position #1 in the figure) and then
obtain data matching the scale of the half model tested again at 2 million, the effects below stall were
testinan found to be very small. However at stall there was a

minor penalty of about 3% on maximum rr while
4.2 Flaps-Up Tests the stall angle was reduced by about 2 degrees.
Some results from the flaps-up, low-speed tests are
given in figure 6. A comparison of the lift The flap was also placed at a location found to be an
performance shows thed an e irfoil stalled 2 to optimum from half-model tests made at 2 million
3 degrees sooner, wbile achireving maximum lift Reynolds' numberp The flap nose was located
coefficients quite similar to the earlier generation vurther under the wing shroud (see sketch) and the
airfoils. The minor differences found in results show a significant increase in the lift below
aerodynamic characteristics are unlikely to have any stall relative to the location #1. The maximum lift
sitnificant axicraft performance or operational was found slightly greater, while stall occurred about
implications. 2 degrees sooner than at location #I.

4.3 Flaps Extended Tests The summary in figure 12 compares maximumge
Results for testing with flaps extended to 25 degrees from tests at 6 million Reynolds' number with values
are given in figure 7. Again the advanced airfoil found at 2 million with the flap at the half-model
testing demonstrated an earlier stall angle by 2 to 3 optimum location. At the lower flap angles,
degrees which resulted in a reduction in maximum reductions of up to 9% of maximum lift were found,
lif coefficient of about 7%. In figure 8 the versus about 3% found at 35 degree flap deflection.
Maximum lift cofficients achieved are summarized From such tests it appears that commuter airfoils
as a function of flap angle. These results show that are not unduly sensitive to Reynolds' number effects
the maximum lift performance of the advanced down to values appropriate to the current half
airfoil was 5 to 10% below the 18% commuter model. However, testing the half models at higher
airfoil values and the largest differences Reynolds' numbers would help diminish the

corrections needed for scale effects.
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4.6 Rynolds' Number Effects on Advanced - double-slotted flaps, also operable together as
Airfoils a single slotted flap

The effects of Reynolds number were also - a full span, cambered leading edge slat
investigated for the 16% thick advanced airfoil and - slipstream simulation using an eight ,laded
flaps, both with and without the leading edge slat. propeller driven by an 80 hp air motor
Typical lift results for a case without a slat, with the - compressed air supply to the motor via internal
flap location optimized for 6 million Reynolds wing ducts
number, are shown in figure 13. Tests made at a - the ability to return the motor exhaust back
reduced Reynolds' number of 2 million for the same through the wing and thence off-balance with
location showed a loss in maximum lift performance low interfcetnct,
of about 5%, and there was negligible change in stall - a detachable outer wing panel so that the
incidence for this configuration. At the lower flap model can be installed in the IAR 1.3m x 1.5m
angles the advanced airfoil showed smaller lift losses transonic tunnel for cruise testing.
due to Reynolds' number effects (2-5%), in contrast - a removable tailplane for measurements of
to the behavior found with the commuter airfoil. downwash and tailplane/elevator effectiveness.

Typical results for tests with a leading edge slat are The IAR 2m x 3m low speed wind tunnel in Ottawa
shown in figure 14 for a configuration with double- was used for the half model testing. This tunnel can
slotted flaps deflected 15/15 degrees. In this case operate up to 0.35 Mach number. For the majority
the tests at lower Reynolds' number showed of the high lift testing a Mach number of 0.20 was
negligible changes in lift below stalling angles. The used, corresponding to a Reynolds number of 1.5
maximum lift was penalized less than 2% for this million based on the mean chord of the wing. A
case, while the stall incidence was found to be limited amount of testing was performed at lower
essentially unaltered, speeds on the commuter wing to investigate

Reynolds number effects.
The airfoil section testing without slats indicates that
larger half models may be desirable for flap 5.2 Development of Model to Floor Sealing
development work, in order to diminish the Early on in the half model high lift testing, it was
corrections needed for Reynolds' number effects. realized that the fuselage drag levels were
In the case of models havig leading edge slats, the unacceptably high due to excessive leakage between
scale of the current half mo el appears adequate for the model and the tunnel floor. While it was
preliminary development work. accepted that such installations do not normally

provide accurate drag measurements, there was
$. HALF MODEL TESTING concern that leakages could affect lift also, so it was

considered desirable to make improvements.
5.1 High Lift Model Features
The experimental investigation used a research The 2m x 3m tunnel has a plywood floor and a
model in the LAR 2m x 3m low-speed wind tunnel, turntable supported on a steel beam structure.
The model was tested with various wings during this Models were provided with clearances of the order
development program. An installation using a high 6mm to allow for waviness in the floor and for its
mounted wing with commuter airfoils is shown in lifting under aerodynamic loads. Tests of the
figure 15, and its features were fully described in isolated fuselage demonstrated the magnitude of the
reference 2. Tests have also studied a low wing with problem and figure 17 shows that initially the drag
some results reported in reference 2. A photograph was about three times greater than predictions. The
of the configuration tested with the advanced airfoils gaps between the model and floor were reduced to
is shown in figure 16. minimums and a skirt was added made from

adhesive backed aluminium foil. The underfloor
A half model was used to maximize the Reynolds' gaps around the model mounting block were also
numbers and model size for a given tunnel, while reduced to minimums just avoiding fouling to
substantially reducing costs for the model and reduce venting from outside. These modifications
testing relative to an equivalent complete model. enabled the fuselage drag to be reduced to about
However, half models introduce difficulties with twice predicted values. These tests were all made
sealing between the fuselage and the tunnel wall. with a large V-shaped, floor mounted, vortex
Sealing is needed to diminish leakage and the generator ahead of the model in order to thin the
resulting lift-loss and anomalies in the drag and boundary layer about the modeL
pitching moment measurements. Such issues will be
discussed in more detail later in the paper. Some follow-on work has investigated cruise drag

with half models in the LAR 1.5m x 1.Sm Transonic
The wind tunnel model in figure 16 had a wing of Wind Tunnel. In that tunnel the installation can be
1.52m semi-span and an overall aspect ratio of made with much tighter clearances as the walls are
twelve. An advanced airfoil of 16% maximum more rigid and less wavy, and the balance stiffness is
thickness to chord ratio was used at the model high so deflections are low. In order to improve the
centre line and one of 13% at the wing tip. Some installation it was decided to use a non-metric filler
features of the model included : (stand-oft) plate between the model and wall, see

-variable span flaps extending to 60 or 80% figure 18. The gaps between the fuselage, plate and
span with plain sealed ailerons outboard tunnel wall were small, of the order 1 to 1.5mm, and



32-4

they were sealed using spring loaded teflon strips, behavior to the airfoil section data discused
In this case there is no flow path for leakage past previously. A summary of the Xfrct of slats on
the balance as it is internally sealed and the tunnel is maximum lift coefficients is presented in figure 22.
within a plenum. Static pressure rails are mounted These data show increments n A >l1,
on the tunnel porous walls and they provide data for corr pding to at least 30% over the C-:L in
corrections including model buoyancy eff.ecs. For slat-off cases.
this installation the measured drag for the isolated
fuselage was about 80% of estimates. Tests on The slat increased stall angles by more than ten
S"win'uselage/naceile configurations reported in degrees out to values about 25-30 degrees. Such
reference 5 showed good correspondence with extreme angles will require special attention to the
lift/drag polars from aircraft tests. tailplane design relative to current propeller driven

transpor which are satisfactory without needing
A new model and mounting system is now under variable incidence or any leading edge devices.
development for the IAR 1.5m x 1.5m wind tunnel,
to achieve further improvements in drag Also to be noted, the undersurface stall behavior
measurements. This uses complete models induced by the slat at negative angles of incidence
mounted on a slim, centre-line plate. Again, static found in 2-D tests, persisted into the wing behavior.
pressure rails are used on the walls for deriving Such behavior is not unexpected on an unswept,
tunnel corrections. Tests of a fuselage in isolation high aspect ratio wing, while with swept planforms
have shown drag values similar to estimates, where slats are normally used such effects may be
although the tare corrections of the mount have yet obscured. Certification requires that civil aircraft be
to be established, figure 17. flown beyond Vnap (1.8 x Vs) and to near zero "g"

conditions, so safe excursions into this region will be
From the foregoing work it appears that the half necessary. Although it may be feasible to
model approach still requires further development demonstrate satisfactory flight in the spoiled region,
in the IAR 2m x 3m wind tunnel installation before the option of retracting the slats could be exercised
it can be used reliably for parameters other than lift. to ease longitudinal control.

5.3 Half Model Test Results The gains in field performance from leading edge
slats will not be as significant as the increases in

5.3.1 Airfoil/Flap Characteristics With Slat Off maximum lift they conferred in these experiments.
The lift data from half model tests with commuter When aircraft land they normally have angles of
and advanced airfoils are shown for cases with flaps incidence in the range zero to five degrees, as
retracted, and with 25 degrees deflection, in figure dictated by flap angle and the requirement to
19. The data shown are for cases without a nacelle. approach at 13 Vs. During the landing flare the
The half model results exhibited similar features to aircraft pulls 'g", there is a small speed loss of
the airfoil section data discussed previously. The maybe 5-10%, and incidence increases to near the
stall with the advanced airfoils occurred about three maximum permitted by tail strike, say to values of 8-
to four degrees sooner and maximum lift was 12 degrees. Thus, the most important factor
reduced accordingly. The reduction in stall angles governing landing performance is the range of lift
observed with the advanced wing may lead to some coefficient available in the range of usable incidence
restriction on the largest flap deflection usable for between zero and about 12 degrees, rather than the
landing arising from the stall margins needed in absolute value of CL, As a result, unless the
ground effect at touchdown attitudes during usable range of lift can&e increased in concert with
maximum effort landings. This situation may well using slats, they will not augment landing
dictate the use of leading edge devices, particularly performance significantly. This means that to fully
on wings with thinner sections or less tolerant exploit slats, aircraft will need more powerful flap
designs than those used here. systems.

The variation of maximum lift with main flap angle SA Comparisons with Aerodynamic Predictions
obtained for cases with single and double-slotted The simple nature of a high aspect ratio, unswept
flaps are summarized in figure 20. At larger flap wing enables lift to be adequately predicted using
deflections the advanced wing achieved maximum lifting line methods. Comparisons are presented in
lift coefficients about 10% less than the commuter figure 23 showing predicted and experimental lift
wing. Accordingly, more powerful flaps are curves for the commuter wing with flaps retracted
required and, as shown in the figure, about 15 and also with 25 degrees of deflection. The method
degrees deflection on the second flap element was accounts for the non-linear behavior of the lift with
needed to recover the deficiency, excepting the incidence across the wing span. The agreement is
contribution from trim losses needed for complete generally good, although sometimes difficulty is
configurations. found in predicting maximum lift reliably at large

flap angles and semi-empirical fixes to the input
5.3.2 Airfoil/Flap Characteristcs Wiuh Slat-On data are used to force solutions.
Experimental lift curve data for tests with and
W ot leading edge slats using the wing with The lifting line procedure also predicts the wing
advanced airfoils, are shown in figure 21. The pitching moment contribution. The tunnel data can
model's lift characteristics again exhibited similar be used to obtain an approximation to this
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contribution by subtracting the isolated fuselage REFERENCES
values from v for the complete model This, of 1. Poole, R -J.D, a Tt.iq. P,
course, leaves the interaction effeds of wing on "Airfoils for ight Transport Aircraft,
fuselage still present in the net result. The variation SAE 81076, April 1981
of predicted pitching moments with incidence and
those derived from the experiments, are presented 2. Eglstoa, B.,
in figure 24 for the commuter wing with flaps -R&D in the Evolution of the Dash 8,
retracted, while figure 25 shows data for 25 degrees CASI Journal, VoL 30, September 1984
of flap. The agreement is reasonable with only a
small residual difference in pitching moments of 3. Eggleston, B., Poole, RJ.D., Jones, D1,
about ACM - -0.04, which did not vary strongly with Khl M., Thick Supercritical Airfoils with
incidence within the usable range of incidence. Low Drag and Natural Lamimar Flow',

S Journal of Aircraft, Vol. 24, June 1987
6. CONCLUSIONS

* The paper has described research on high lift 4. Khalid, M. and Jones, D.J.,
developments compariaf earlier commuter airfoils *A Summary of Transoaic Natural Laminar
with advanced airfoils suitable for aircraft Mm% at Flow Airfoil Development at NAE
speeds above Mach 0.7. This work is still on-going. NAE-AN-65, May 1990
Based on the results presented here the following
conclusions are made: 5. Mokry, M, Digney, J.R., Poole, R J.D.,

a) The half model approach to high lift Doublet-Panel Method for Half-Model
development was found satisfactory for Wind-Tunnel Corrections,
preliminary work. It still requires further Journal of Aircraft, VoL 24, May 1987
development on model mounting and in

ofuslage/tunnel floor sealing to
rea for drag and pitching moments as

Well as fiC "
b) The relatively thick advanced airfoils of this

study were able to achieve C a
performance within 5 to 10% of earlier
commuter airfoils when using similar flap
systems. This was demonstrated using two-
dimensional airfoil section te~sts and also with

half models.
c) Leading edge slats added considerably to

CLm by extension of the stall incidence out NEW ,% SE.cToLO

Sto--%-s of 25-30 degrees, giving gains in
CLmax > 30% at all flap angles.
However, in order for aircraft to benefit from
slats in terms of achieving shorter field sizes R
or increases in wing loading they will need to
be used in concert with more powerful flaps.

d) Reynolds' number effects on lift performance
were found to be significant for tests without • zz St Zi/2
leading edge slats. Hence, half model testing
for high lift development needs to be done at
larger scale. Alternatively, more extensive
testinq of two-dimensional airfoils may be
used in conjunction with reliable model-to-
full scale wing prediction methods.

e) Predicting the high lift Rerformance of high
aspect ratio, unswept wings as used in this
study can be done with relatively simple,
lifting-line procedures.
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I

FIGURE 3. MODEL OF 21% THICK COMMUTER AIRFOIL
WITH FLAPS

FIGURE 4. MODEL OF 16% THICK ADVANCED AIRFOIL
WITH FLAPS AND SLAT
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FIGURE 15. REFLECTION PLANE MODEL
Commuter Airfoils - Low Speed Tunnel

FIGURE 16. REFLECTION PLANE MODEL
Advanced Airfoils - Low Speed Tunnel
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CHOICE AND OPTIMIZATION OF A HIGH-LIFT SYSTEM
FOR AN ADVANCED AMPHIBIOUS AIRCRAFT

N.A. Averardo

N. de Leo
V. Russo

Flight Technology - D.T.T.
ALENIA AERONAUTICA

80038 Pomigliano D'Arco - Napoli - Italy

SUMMARY configurations until recent experimental in-
The design history of a flap system for an vestigations of an aircraft scale model, led

advanced amphibious aircraft is presented in to the final choice of the high-lift device;
this paper. All the most significant phases different aspects are involved: general de-
of the 2D theoretical studies and the expe- sign requirements and all the factors which,
rimental 2D and 3D investigations which ha- from the aerodynamic viewpoint, concurred to
ve allowed to achieve the final geometry of define the flap system.
the high-lift device will be described and,
hence, the design criteria, the methods of 1.1. Aerodynamic requirements and
analysis, the choices will be pointed out. design criteria

Starting from the preliminary design of Amphibious aircraft, more than conventio-
several flap systems, the development of nal aircraft, need high tow-speed performan-
this project needed a great deal of numeri- ce: take-off from water, scooping (relative
cal studies and Wind-Tunnel tests in order to the fire-fighting version) and alighting
to select, step by step, the most efficient in high sea-state, in fact, are very criti-
geometries and to optimize the flap configu- cal basic conditions which determine the o-
rations. So, different technical aspects in- perative flight range for this kind of air-
volved with these activities will be discus- craft and, hence, may make an amphibious a
sed: the choice of the flap types to be in- successful one.
vestigated, related to the special aerodyna- Therefore, high aerodynamic efficiency in
mic requirements of an amphibious aircraft take-off and scooping and high Lift values
and to the needs of other design areas in landing and alighting are essential re-
(structure, weight, production); the geome- quirements for a flap system. In particular,
tri.bal elements affecting the aerodynamic very important is the flap efficiency during
performance of a high-lift device; general the take-off from water when, as pointed out
problems connected with theoretical and ex- by the diagram in fig.1, both aerodynamic
perimental studies of multi-body systems. and hydrodynamic drag affect the take-off

run.
But in designing a wing high-Lift device,

Nomenclature the effectiveness from the aerodynamic point
of view is only one of the elements to be

ALPHA airfoil angle of attack (deg) taken into account: the needs relative to
c airfoil chord the structure, weight, control systems must,
CL airfoil lift coefficient in fact, also be considered. Moreover, espe-
CLmax maximum Lift coefficient cially for amphibious aircraft, due to the

of airfoil adverse environmental conditions where often
CL' aircraft lift coefficient they operate, cost and maintenance easiness
CD airfoil drag coefficient play a key role in defining the general cha-
Cm airfoil pitching-moment racteristics of a flap system.

coefficient In this project, structural needs together
Cp local pressure coefficient with problems relative to the control devi-
D aircraft drag ces to be fitted in the rear part of the
D( ) variation of wing have sensibly affected, for instance,
DF flap deflection (deg) the choice concerning the flap chord, while
Re Reynolds number cost, maintenance and weight have been some
t airfoil thickness (percent c) of the determining factors in directing the
OV overlap value (percent c) design towards high-lift systems involving
V aircraft velocity simpler technical solutions.
X chordwise non-dimensional

co-ordinate 1.2. Design strategy
This section provides a synthesis of the

activities performed for designing the high-
1. INTRODUCTION lift device, based on a series of theoreti-

The studies of the flap system play a key cal and experimental investigations of seve-
role for the aircraft design; the operatio- ral flap geometries. The different phases of
nat features of every type of aircraft, in- this study follow the logical sequence (de-
deed, are strongly affected by the tow-speed picted in fig.2) of typical works in aerody-
performance and, so, by the aerodynamic cha- namics.
racteristics of the wing high-lift device. After a preliminary and more general ana-

The way a flap system for an advanced am- lysis, the attention was focused on two flap
phibious aircraft was designed (as shown in systems, having the same (or similar) chord
this paper) represents, in general, the ac- length: double-slotted (vane-flap type) and
tivities concerning the development of a new singte-slotted flap devices. Each of them
flap geometry and, in particular, the ef- was, at first, theoretically studied in or-
forts made in researching an efficient high- der to attain as efficient geometries as
Lift system for a specific project. possible; then, a 2-n Wind-Tunnel testing of

A complex technical process, from the ear- the two types of flap was performed. Through
ty numerical analyses of flapped airfoil the same approach (theoretical analysis and

2i~
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subsequent experimentation) a single-stotted and experimental studies of a family of
high-Lift system, characterized by a Larger singte-stotted flaps (with different chord
flap chord and by a new designed slot geome- extents) were carried out; in particular,
try of the main-body, was studied for obtai- analyses of systems with a 30% and, more re-
ning an improvement of the airfoil high-Lift centty, a 35 flap chord took place.
characteristics.

At the end of these 2-0 investigations, a 2.3. Problems in designing slotted-flap
great deal of information about the perfor- systetms
mance achievable by means of different types Not only the flap geometry, but also the
of flap system was available; on the basis slot(s) contour, the Lip location, the com-
of these data and also considering the fac- binations of gap and overlap (fig.4) deter-
tars which, beyond the aerodynamic design, mine the performance of a single or multi-
concern the activities of other groups in- slotted high-Lift device; such a system, in-
volved in this project (structures, flight deed, may be considered as a whole of geome-
mechanics, production, control systems) the tricat characteristics, each of them direc-
high-lift device was chosen. tly affects the aerodynamic behaviour of the

Finally, Wind-Tunnel tests of a 1:15 scale airfoil and, at the same time, also affects
model of the aircraft were useful to verify, the role played by the other ones. This ma-
in three-dimensional flow conditions, the kes the design of slotted flap systems a ye-
performance of the selected flap and to op- ry complicated task, as confirmed, in deve-
timize its configuration. Loping this project, by the large number of

theoretical studies and experimental tests
2. GEOMETRIES were needed for achieving a successful geo-

The high-lift device under study is reta- metry, able to provide the high-lift perfor-
tive to airfoils derived from NACA 6-series mance required.
wing sections, modified in the regions of in particular, very difficult is the ana-
leading edge and trailing edge, with percent tysis of flapped geometries (concerning, for
thickness varying from 18 to 15. Flapped instance, different gap/overlap values) at
configurations of two airfoils (ps,-Lent thi- incidence approaching the stalling angle,
ckness of 16 and 18) were especially inve- because in this case, while no accurate
stigated; for each one, as mentioned before theoreti-al predictions are possible, the
(sec.1.2), single and double-slotted (vane- low values of local Reynolds number in the
flap) systems were studied. A picture of the slot(s) region(s) make also the experimental
two types of flap is given in fig.3. investigation a complex one.

Evaluations concerning the high-lift per-
formance achievable through such flap devi- 2.4. Flap setting
ces, based on previous experiences and lite- The choice of the flap deflections retati-
rature data about wing sections, led to a ve to the operative flight conditions of the
preliminary definition of the chord length: aircraft is a crucial phase for the design
values of 30 per cent for vane-flap and of of a high-Lift system. In general, the flap
30 to 35 per cent for single-slotted flap setting is the result of a compromise bet-
systems. ween the need of achieving Lift performance

in landing as high as possible and the re-
2.1. Why a vane-flap quirements of high aerodynamic efficiency

Taking into account the need of achieving during take-off and the other low-speed
lift performance as high as possible, since flight operations.
the preliminary phases of this study the po- The solution of such a problem becomes a
tentialities of several double-slotted flap very difficult one when considering flap de-
systems have been considered. However, due vices whose rearward movement is defined by
to the manufacturing and maintenance diffi- F circular path around a single pivot, be-
culties, in addition to weight and cost pc- kause, in this case, much more complicated
nalties, relative to the linkage system when is to optimize the different configurations.
a relative motion between the flap elements Ir the case under study, deflection angles
is required, the interest has been soon di- of 40 to 45 degrees for single-slotted devi-
rected towards double-slotted devices whose ces and of 45 to 50 degrees for vane-flaps
fore element (vane) and the main(aft)-flap were taken into account as suitable maximum
deflect together as a unit around a fixed values, while deflections of 15 and 30 de-
pivot. Indeed, such a system, thanks to the grees were considered as potential for take-
boundary-layer control performed by the va- off and approach, respectively. On the basis
ne, allows to achieve, especially at Large of these values, a preliminary design of
deflections, higher lift values than the geometries was developed; the subsequent
ones obtainable through single-slotted flaps phases of the theoretical study and the ex-
and, at the same time, does not involve the perimentaL investigation involved a more de-
typical structural complexity of the multi- tailed analysis of flap deflections, in or-
body devices. der to evaluate the airfoil performance in a

wide range of configurations.

2.2. Why a single-slotted flap
The investigation of high-lift systems 3. THEORETICAL 2-D STUDIES

which involved simple structural solutions 3.1. Choice of the numerical code
has always been a primary interest for this Before starting on the theoretical stu-
project; therefore, contemporaneously with dies, a preliminary investigation of methods
the development of the vane-flap, several for the analysis of multi-element geometries
single-slotted flap geometries were analy- in viscous flow was carried out. Taking into
sed, looking for attaining, by means of an account, in particular, the need of estima-
appropriate shaping, aerodynamic characteri- ting the aerodynamic performance of flapped
stics (especially values of the maximum lift airfoils at high incidence, in presence,
coefficient) close to the ones obtainable hence, of large separated regions, several
through more complicated systems as multi- codes (1,2] were considered, looking for the
body flaps. On this scenario, theoretical most suitable one.
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The program used is a multi-methods code operative conditions. Then, a detailed study
[2], providing different singularity methods in a wide range of flap setting and inciden-
for the inviscid solution and different in- ce angles was performed.
tegrat methods for the boundary-Layer equa- Besides the values of Lift, drag and
tions. Concerning the potential field, sym- pitching-moment coefficients, the prebsure
metric distributions of singularities (sour- distributions were taken into account as
ces and vortices) on planar panels have been very effective means of aerodynamic inspec-
preferred, on the basis also of previous nu- tion. In fact, from the analysis of the
merical experimentations, to other techni- pressure profiles over the whole airfoil, as
ques as Douglas-Neumann, Hess, Green, etc. well as over the surfaces of each body and
The solution of laminar and turbulent boun- over small regions (slots, confluence of
dary layers has been achieved, respectively, boundary layers), it was possible to inve-
through Thwaites and Green methods, with stigate in detail the different geometries.
direct/inverse techniques. Other program Further data about the development of the
features are the transpiration method for boundary layer (as the location of the
the viscous-inviscid interaction and the laminar-turbulent transition and flow sepa-
empirical criterion of Michet-Smith for the ration regions) were also considered for a
Laminar-turbulent transition. The Squire- more accurate aerodynamic study.
Young formula is used for calculating the
drag coefficient. 3.3.1. About the prediction of

airfoil stall
3.2. Geometrical Pre-Praceusing The evaluation of the maximum Lift coeffi-

The paneling is a very important phase for cient of airfoils through theoreticdl me-
the theoretical study of bodies in viscous thods, already a very complicated matter for
flow field; in fact, a good geometry simula- a single body [3], becomes a much more dif-
tion with an accurate points spacing is an ficult one when considering multi-body sy-
essential requirement for a correct analysis stems in viscous flow. In many cases, in-
of the boundary layer, especially with re- deed, in presence of large separated re-
gard to the laminar-turbulent transition and gions, in addition to the complex fluid dy-
flow separation phenomena. Moreover, the namic mechanisms connected with the boundary
prediction of aerodynamic characteristics Layers interaction, no accurate prediction
for multi-bodies is strongly affected by the of the aerodynamic characteristics is possi-
panels distribution in the region(s) of con- ble. However, as the theoretical methods
fluent boundary layers, where the --omputa- used allow to well simulate the behaviour of
tion becomes more complicated, a single-body almost up to the stall, on the

Therefore, considering the geometrical basis of the results relative to the airfoil
complexity of the bodies to be analysed, a clean configuration it was possible to indi-
preliminary study concerning, for each body, rectly estimate the stalling angle of geome-
the choice of the paneling type and the num- tries with the flap deflected. As consequ-n-
ver of corner points was needed, depending ce, the analysis of such systems was stopped
on the relative positions of the ai'rfoil e- at incidence far enough from the critical
Lements and the angle of attack. For instan- values of the angle of attack, but so high
ce, in studying flap systems at Low deftec- as to obtain, anyway, significant informs-
tions (when stronger is the interaction of tion on the effectiveness of the different
the flow fields generated by each body) it flap configurations.
was necessary to increase the number of pa-
nels for obtaining a satisfactory convergen- 3.4. Analysis of vane-flap systems
ce of the iterative process and, so, more During the first phase of the study the
accurate results. attention was focused on different combine-

An example of paneling for the main-body/ tions of vane and main-flap [4]. In particu-
vane-flap system is shown in fig.5; the law ar, it was taken a special care of designing
for distribution of panels (cosine of c.rvi- their relative position, as the effective-
linear abscissa for the main-body and the ness of the boundary-layer control strictly
aft-flap, constant curvilinear abscissa for depends on the way the slot between the two
the vane element) is pointed out in the slot flap elements directs the high-energy air
-entry region. Typical values of panels num- over the upper surface of the aft body.
ber for this geometry were: 120/140, 50/60, Some geometries characterized by different
60/80 for the main-body, vane and aft-flap, relative dimensions of the two bodies were
respectively, designed, i" Q-der to investigate the sensi-

in general, for the comparative studies of tivity of the aerodynamic flow field and,
vane-flap and single-slotted flap systems so, the influence of such modifications on
(as welt as of the airfoil clean configure- the airfoil performance. Concerning the flap
tion), the geometries were simulated in such devices shown in fig.6a, sensible better re-
a way as to realize, especially (for multi- suits were achieved through the system ha-
bodies) in the slot(s) region(s), similar ving the longer vane and the smatter main-
panels distributions relatively to the num- flap, as denoted by the pressure distribu-
ber and the length of panels. tions (fig.6b) obtained with the flap defle-

cted 45 degrees at high incidence.
3.3. Analysis method Significant variations of the high-lift

Since the principal aim of the theoretical characteristics also occurred when flap geo-
study was to investigate the high-lift cha- metries relative to different vane positions
racteristics, primary emphasis was given to were studied, as the elements (fig.7a) with
the analysis of geometries at large flap de- a relative rotation of two degrees around
flections and high angles of attack. First the leading edge of the vane. The comparison
of all, it was tryed to get results at anci- of the respective pressure profiles (fig.7b)
dence close to the expected stalling angle shows a more efficient boundary-layer
of attack of the airfoil, in order to eve- control performed, at large deflections,
tuate the aerodynamic behaviour of the dif- through the geometry "A"; in fact, in spite
ferent configurations at the most critical of very similar contributions to the total
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Lift value by the two flap arrangements, the of high-tift performance, especially at tar-
different levels of the chordwise pressure ge flap deflections, where the effectiveness
distribution over all the upper surface of of the boundary-layer control rapidly goes
the main-body involve different sift perfor- down.
mance of the airfoil (about 3%). One of the single-stotted flaps studied

The study of the vane-ftap relative to and the vane-flap, both deflected 45 degrees
several gap/overlap combinations (related to around the same pivot, are compared in
different positions of the flap rotation fig.lOa. The relative pressure distributions
centre) has also played a key rote in defi- (fig.lOb) clearly denote the Loss of effec-
ning the geometry of this flap system E53. tiveness associated to the single-body flap
Among the configurations analysed, two geo- system; the sensible tower expansion over
metries, although characterized by quite the upper side of the airfoil points out the
different overlap values (fig.8a), gave the function of the vane element of the double-
same results in terms of global lift perfor- slotted device which energizes the flow and,
mance. They are representative of flap posi- so, delays separation.
tions involving substantial differences
about the slot-end geometry and, so, about 3.5.2 Thirty-five per cent flap
the mechanism for the boundary-layer con- The study of single-stotted drvices with a
trol. From the comparison of the relative larger flap chord was carried out trying to
pressure profiles (fig.8b), in particular improve the Lift performance estimated for
two effects can be observed: white the con- similar geometries having a smatter chord
verging main slot relative to the forward length and, so, trying to approach or, if
flap position allows to better energize the possible, to attain the theoretical results
flow over the upper surface of the main bo- relative to the vane-flap system with a
dy, the more extended flap involves a tor- smatter chord (0.30c).

Sger lift contribution by the vane, due to a Since the basic geometrical condition was
stronger fluid acceleration in the region of to not change either the curvature or the
confluent boundary layers. Situations like airfoil thickness, the flap geometries ana-
this, depending on the complex phenomena tysed resemble, for the rear part, the pro-
connected with multi-body systems in viscous files of the vane-flap and single-stotted
flow, were frequently observed during the systems previously defined. Obviously, ac-
study concerning a wide grid of pivot posi- cording to the problems (discussed on
tions. It must be said, however, that the sec.2.3) concerning the design of slotted-
relative behaviour of generic flap configu- flap devices, the project of the new geome-
rations may sensibly change, especially at try involved a series of studies about the
large deflections, by increasing the angle geometrical elements which concur to define
of attack; so, more internal flap positions, a high-tift system: the slot-entry profile,
even though more effective at low and medium the lip extent and, above all, the gap and
incidence, might cause anticipation of air- overlap values. In this case, the slot shape
foil stall, due to stronger adverse pressure of the main-body was sensibly modified, due
gradients. to the increment of flap chord, white the

The lift curves concerning the airfoil e- Lip was moved towards the normal trailing-
quipped with one of the most efficient vane- edge position for taking greater benefits of
flap systems are shown in fig.9a; to be no- the extended flap configuration.
ted the flap effectiveness in progressively Concerning the pivot, a caretut analysis
improving the airfoil lift performance. Fur- was needed, in order to attain, for each de-
thermore, considering also the pitching- frection connected with the large backward
moment coefficient (fig.9b), one can observe flap movement, an efficient boundary-layer
that the pressure centre (located, approxi- control through an appropriate (converging)
matety, at the quarter chord point with flap slot. As an example of the sensible varie-
retracted) shifts rearward (about 0.02c) by tions of performance by changing the pivot,
increasing up to 15 degrees the flap deflec- pressure profiles (fig.11) concerning diffe-
tion, white it shifts forward (about 0.03c) rent overlap values indicate that more in-
by varying the deflection from 15 to 45 de- ternat flap positions provide, at large de-
grees. ftections, better results.

3.5. Analysis of single-slotted a) Comparison with the vane-flap
flap systems In fig.12, showing the flap system under

Two phases have characterized the design study and the vane-flap device, the change
of the single-slotted devices: the first one made in the rear part of the main-body, the
concerned the project of flaps with chord variation of the airfoil curvature at high
varying from 30 to 32 per cent of airfoil deflection, the different chord extents may
chord and configurations similar to the be observed.
vane-flap under study; the second one [6] Of great interest is the relative beha-
was relative to a single-slotted system with viour of the two flaps at different angles
more significant modifications of geometry of deflection (see fig.13). White these sy-
and an increased (0.35c) flap chord, stems involve quite similar lift values at

high deflections when, due to large separa-
3.5.1. Thirty/Thirty-two per cent flaps ted regions, the boundary-layer control

Several geometries and, for each one, se- through the vane plays a key role, a sensi-
veral configurations (relative to different ble increment of performance by means of the
gap/overlap values) were studied. The flap single-stotted geometry was attained at
profiles were designed likewise the vane- small and medium deflections, when the air-
flap system previously analysed; however, foil chord extent (with the flap deflected),
some Little modifications of curvature were the shape of the slot, the local curvature
introduced. The results obtained, compared and, in general, the elements which all to-
with the ones concerning equivalent confi- gether make a multi-bodies geometry become
gurations (with the same gap/overlap values) more significant. The pressure distributions
of the vane-flap, showed a sensible decrease (fig.14) reflect this situation.
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The polar and pitching-moment curves deno- quat chord) single-slotted systems was veri-
to similar trends for the two flaps up to fied; afterwards, as potential for alterna-
30 degrees of deflection: in fact, no signi- tive solution, the extended (35% of airfoil
ficant variations of efficiency exist, while chord) single-slotted flap was tested.
the differences in terms of pitching-moment
coefficients are proportional to the lift 4.1. Investigation planning
values. On the contrary, a rather different The first phase of the experimental stu-
behaviour of the single-slotted flap can be dies concerned the investigation of airfoils

I observed at Large deflections (45 degrees), equipped with the vane-flap and families of
A when the Location of the pressure centre single-stotted devices with 30-32 per cent

shifts forward (about 0.02"c) relatively to of chord extent. Through quasi-2D tests in
the vane-flap system, the Wind Tunnels of Naples University and of

Turin University, the comparative studies
b) Comparison with smaller single-slotted were performed, while an experimental analy-

flaps sis of the vane-flap system in strictly 2-D
In the whole range of flap deflections a conditions took place in the Wind Tunnel of

very large improvement of lift performance Stuttgart University [7).
was attained through the new single-slotted The second part of the experimentation,
flap, whose geometry is compared (fig.15a) held in the Wind Tunnel of Naples Universi-
with a 30% single-body flap. As pointed out ty (1991), was devoted to the single-slotted
by the pressure distributions (fig.15b), the geometry with 35% of airfoil chord.
stronger expansinn over the upper surface of
the main-body is responsible for the high 4.2. investigation methods
increase of the total lift values achieved The indication from the theoretical study
through the extended system, while the flap about the most efficient combinations of gap
contributions are quite similar, and overlap, for each flap geometry, was u-

seful to pilot the experimental activities.
3.6. Concluding remarks In fact, through Wind-Tunnel tests, in many

This series of theoretical studies provi- cases, the airfoil aerodynamic characteri-
ded a good prediction of the aerodynamic stics relatively to some particular pivot
performance of airfoils equipped with single positions were analysed, trying to optimize
or double-slotted flaps. In fact, although such configurations and, thus, avoiding te-
the analysis of multi-element geometries is ting other feasible flap arrangements.
a very difficult one, the computation me- For each high-lift system and each confi-
thods allowed to evaluate the characteri- guration, the airfoils were experimented at
stics of high-Lift devices also at condi- different flap deflections, in order to at-
tions (high incidence and large flap deflec- tain a clear picture of performance for allStions) where more significant and, at the the operative flap range.
same time, more complex the study of such
systems becomes. 4.3. Preliminary tests of vane-flap and

Concerning, in particular, the investiga- single-slotted systems
tion of gap and overlap, a special topic for The early Wind-Tunnel testing consisted in
the flap design, rather definite indica- determining the most powerful configura-
tions, depending on type of geometry (single tion(s) for the vane-flap geometry; several
or double-slotted), were obtained. According arrangements of the vane element were expe-
to the theoretical analysis, indeed, while rimented, as well as the pivot positions
more external positions of the vane-flap which, on the basis of the theoretical stu-
turned out to be better, single-stotted geo- dy, might have allowed the best airfoil per-
metries needed, in general, a more definite formance.
coe.verging slot (connected with larger over- From the tests concerning different rela-
tap values) for achieving an effective tive positions of the two flap elements,
bondary-layer control, variations of lift values (about 4%, at

From the whole spectrum of the investiga- high deflections) quite similar to the ones
tions performed, the vane-flap appeared as a given by the theoretical analysis (sec.3.4)
very efficient geometry for attaining the were found.
special requirements of a flap system for Also the results obtained with regard to
amphibious aircraft; in fact, it was neces- the aerodynamic behaviour of the airfoil by
sary to increase the chord of single-stotted varying the gap/overlap combinations confir-
flaps up to 35% for achieving (at large de- med, for the most part, the theoretical pre-
flections) and improving (at small deflec- dictions. The curves of fig.16, for instan-
tions) the performance of airfoils equipped ce, indicate the variation of high-lift per-
with the vane-flap (0.30c). It was just the formance associated to different overlap va-
extended single-body flap a possible alter- rues; in this case, the more external flap
native to the vane-flap system, as confirmed position, although less efficient up to high
by the subsequent experimental studies, incidence, allows to sensibly improve the

Nevertheless, an intensive Wind-Tunnel ex- airfoil aerodynamic characteristics close to
perimentation of all the high-lift devices the stall. This situation, typical of the
studied was planned, looking for the infor- vane-flap behaviour at large deflections,
mation needed for confirming and better de- has been decisive for the conclusive defini-
fining the theoretical results. tion of the flap system.

During the same campaign, some single-
4. EXPERIMENTAL 2-D 8TUDIS8 slotted flaps were tested, not only in order

Somewhat definite results concerning the to determine other potential wing high-lift
most powerful high-lift 4ystems had been a- devices, but also for evaluating the loss of
chitvvl at the end of the theoretical stu- lift performance in comparison with the
dies. Theretore; the experimentation was ai- vane-flap system. Several lift curves reLa-
mad at anstysin; especially the vane-flap tive to the vane-flap and to one of the most

Sdeovic&, after cs istiftated higher perfor- efficient single-slotted flaps experimented
maenci in comparieson with equivalent (of e- are shown in fig.17. This diagram is repre-
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sentative of the difference of Lift values and, then, the experimentat investigation
achievable, at large and small deflections, were aimed at performing such a comparative
through single or double-slotted flaps (with analysis; the geometries and the relative
the same chord), as derived, in accordance flap arrangements, as derived from the theo-

& with the indication of the theoretical stu- retical design, were experimented through a
dy, from this experimentation, series of Wind-Tunnel tests in order to ye-

rify all the theoretical indications and
4.4. Experimentation of the vane-flap predictions.

T system (Part 2) According to this ,,qualitative" method of
sTwo airfois with a maximum percent thi- comparison between the theoretical and expe-

ckness of 16 and 18, equipped with the vane- rimental results, the Wind-Tunnel experimen-
flap device, were tested in the Wind Tunnel tation has confirmed for the most part, as
of Stuttgart University. The aim of this pointed out in the previous sections, the
campaign was to investigate the vane-flap theoretical conclusions referring to the
system in strictly 2-0 conditions, after its different types of flap tested, different
geometry had been defined as result of theo- flap and slots profiles, different gap/
retical studies and previous experimenta- overlap values and so on.
tions. An absolute comparison, made possible by

Several tests, referring to different ex- the strictly 2-D conditions of the Wind-
perimental conditions (techniques of laminar Tunnel testing (see sec.4.4), is presented
-turbulent transition, Reynolds number) were for the vane-flap system in fig.20, where
performed for both airfoils. The most inte- some experimental results, obtained for dif-
resting results are presented in fig.18. As ferent flap deflections, are compared with
shown by the lift curves, the behaviour of the ones derived from the theoretical anaty-
the two airfoils is similar, both at small sis. First of all, the very good accordance
and large flap deflections, also by varying between the theoretical and experimental
the Reynolds number. The information obtai- lift curves concerning the airfoil clean
ned, with special regard to the maximum lift configuration may be observed; moreover, in
coefficient, were useful to predict the air- spite of an over-estimate of airfoil perfor-
craft low-speed performance achievable, in mance with the flap deflected, the quite si-
full scale, through this flap system. milar values of the curves gradient in the

whole range of deflections confirmed the va-
4.5. Experimentation of the extended lidity of the theoretical predictions. Re-

single-slotted flap. markabte is also the accordance of the theo-
The Last campaign of 2-0 Wind-Tunnel tests retical and experimental values of pitching-

concerned the experimental study of the moment coefficient: not only considering the
single-stotted device with the increased absolute data, but also because of the simi-
(35%) flap chord. rarity of the curves slope, which confirmed

This system has given very interesting re- the estimate of position of the aerodynamic

suits, confirming its greater potentiality, centre at different flap deflections.
already known from the theoretical analysis,
in comparison with the vane-flap. As clearly 5.2. Choice of the flap system
denote the lift curves (fig.19), the perfor- The theoretical and experimental 2-D stu-
mance achieved at small and medium deftec- dies have given three main answers. The
tions is sensibly better than the one obtai- first one is the vane-flap, which can be
ned through the double-slotted system, while considered as the main object of the whole
with the full deflected flap it is rather project: that is a flap system, without spe-
difficult to analyse the behaviour of the ciat structural complications, able to sati-
airfoil equipped with the two high-lift de- sfy the aerodynamic requirements. The second
vices, in spite of different values of the one is the gain of lift performance attaina-
maximum Lift coefficient. Anyway, what ap- ble through double-slotted devices with re-
pears with evidence is the improvement of ference to single-slotted flaps having the
the airfoil lift performance obtainable same chord. The third one is the single-body
through this single-slotted fLap, conside- flap with the increased chord: born as at-
ring the whole operative range of deflec- ternative solution to the vane-flap, this
tions. Furthermore, the new system, compared system has shown, indeed, great potentiati-
to the vane-flap geometry, does not involve ties.
significant penalties of drag and pitching- On the basis of such results, rejected the
moment coefficients. hypothesis of single-slotted flaps with

small chord (up to 30%), from the aerodyna-
5. CONCLUSION OF TWO-DIMENSIONAL STUDIES mic point of view no doubt existed about the

The end of the Wind-Tunnel 2-0 tests has advantages connected with the extended
represented a milestone for the flap system single-slotted system in comparison with the
design, as the following phases concern a vane-flap. In fact, the remarkable improve-
series of correlation activities between the ment of lift performance in almost the whole
results of the experimental and theoretical range of flap deflections, theoretically es-
studies and, then, the final choice of the timated and also confirmed by the Wind-
high-lift device. Tunnel 2-0 experimentation, clearly indica-

ted such a high-lift device as the most ef-
5.1. Comparative analysis of theoretical ficient, also considering possible drag and

and experimental results pitching-moment penalties in three-
The design of the flap system has been be- dimensional conditions.

sed, as in general for a new geometry de- But, what made very difficult the choice
sign, on the study of different configure- of the most suitable high-lift system was
tions, trying to achieve, through the analy- the influence of other design areas which,
sis of the relative performance, the flap in addition to the aerodynamic criteria, had
profile, the slot shape, the pivot position to be considered. In fact, problems connec-
which, alt together, make an effective high- ted with the structure, weight, control sy-
Lift device. The theoretical study first stems, production and maintenance costs,
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etc., which had already sensibly affected, connected with the aerodynamic study of
at the beginning, this project in determi- multi-element geometries. Only applications
ning feasible types of flap, also played a to specific projects, indeed, can provide,
key role in conclusion of the two- in general, the data needed for designing a

* dimensional studies, when the final decision flap system; so, only theoretical studies
about the flap system was taken. and experimental investigations, devoted to

* So, structural and manufacturing comptexi- analyse a great number of flap configura-
ties, weight, problems relative to the ar- tions, have allowed to achieve the final

* rangement of several control devices, were goal of this work.
all factors, depending on the larger flap The flap system chosen is the answer to
chord and a more complex Linkage system (due different needs: structural and manufactu-
to the more downward pivot location) which ring solutions in accordance with the gene-
penalized the extended single-body flap. The rat design criteria for this type of airpla-
design of such a system, thus, was stopped ne, aimed at reducing the costs of produc-
at this point, without performing a 3-0 tes- tion; high aerodynamic effectiveness in the
ting. whole range of operational low-speed condi-

As consequence, the vane-flap which, since tions, in accordance with the requirements
the beginning of this study, had been consi- of an "advanced" aircraft.
dered as a very powerful system for achie-
ving the lift performance needed and which
through theoretical and experimental inve- Acknowledgements
stigations confirmed this potentiality, was
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ROUND TABLE DISCUSSION

Dr. D. Woodward, ORA, Farnborough, U.K.
We hdve now reached the end of the presentation of papers, and now we have come to the Lime whc, we

attempt to pull together all lessons that have been learned and demonstrated during the week. It is my
pleasure to chair this technical discussion session and introduce to you your technical evaluator.

Before I do that I would like to take a few minutes to give my personal impressions of what has happened
here during this week. Unfortunately, I did not manage to hear all the presentations because I was away
at committee meetings, but nevertheless the papers that I did hear, mainly yesterd.y afte-noon and
yesterday evening and on the first day, give me the feeling that the Symposium has achieved most of the
objectives that Lou Williams and I set for it when we first put it together.

Firstly, the papers yesterday afternoon and today have showed, 1 believe, the many facets of the operation
that influence the selection of the high-lift system. This morning Dr. Flaig showed clearly the reasons
why the flap system on the A 320 had to be redesigned for the mission for A 321. Dr. Nark last night
introduced to us all the other key features that have to come together in order to produce a successful

STOL airplane. Dr. Mathews, yesterday afternoon, introduced the important features of the mechanical
design of the flap system. Mr. Averado introduced to us this morning the special features associated with
an amphibious aircraft.

The CFD papers earlier in the week demonstrated that we now have the capability to calculate the detailed
flow around the high-lif: system; not yet well enough to dispense with wind tunnel testing, but well
enough to reveal key feai-ures of the flow which are quite difficult to measure experimentally. I was
extremely surprised by the size and shape of the separation region beneath the slat cove. When we used to
make calculations of pressure distributions back in the National High-Lift Program days, we couldn't
calculate that separation region so we use to use engineering judgement and the french curve to draw what
we thought was the sensible shape. I have to admit that having seen the measurements by Dr. Alemdaroglu
and the Navier Stokes calculations, that we were a mile away from the shape that actually is there. It is
much larger than I would have thought it was, and I found that particularly striking.

Thirdly, I was also pleased to see the general agreement that there seems to be now on the importance and
the types of scale effect on high-lift systems and the importance of the Mach number effect. This is a
message which we, from the 5 meter tunnel, have been giving out for some time now but it is nice to know
that other people are getting similar results and drawing the same conclusions.

So let us now find out whether Don Whittley agrees with the things that I have said. I am sure he has
much more to say, much more detailed and clear distinctions to draw than I have done. Don Whittley, who
is your Technical Evaluator, began his technical life in England, (like many Canadians), at Saunders Roe

on the Isle of Wight. Saunders Roe were well known manufacturers of flying boats; he tells me he used to
ride on the towing carriage over a seaplane tank making measurements - an interesting experimental
technique which I have not had the pleasure of experiencing myself. He came to Canada in 1947 and joined
AVRO Canada. He worked on the C-102 jetliner, the CF-100 jet fighter and continued there until 1960 which
coincided with the cancellation of the Arrow project. I remember that particularly well. It was about

the time when I was coming towards the end of my apprenticeship at de Havilland of Hatfield in England.
There were many people a year or two ahead of me who crossed the Atlantic to green fields to work for AVRO
Canada on this high tech project and it all went rather sour. I can remember one chap who came back. He
reacted very quickly to the cancellation and managed to put his house on the market and sell it about J or

4 days before everyone else had recovered from the shock. He managed to recover his money and set off
again, whereas other pecple, I heard, found it much more difficult. So, that was a very traumatic time, I

guess for AVRO Canada. He then joined de Havilland Canada and worked on powered lift for the rest of his

career, working on the augmentor wing program and the ejector lift vector thrust program, which involved
tests in the Ames 40 x 60 and 80 x 120 tunnel. He has previous links with AGARD, having been involved
with the AGARD Advanced Aerosystems Study on AV-STOLdesignated AAS 14, and he worked on the flight
research of the augmentor wing Jet-Stol airplane which also involved NASA Ames, and received for that work
the McCurdy Award, which is the premier design award for the Cansaian Aerospace Institute. So he is well
qualified to evaluate the work that we have been doing here this week. So, now I invite you, Don
Whittley, to tell us whether we made a good job of it or not.

Mr. D.C. Whittley, Canada
Mr. Chairman, Committee Members and Delegates. Contrary to what has been suggested, in fact I plan to
keep my remarks quite short making just a few broad observations and thereby leaving as much time as
possible for the Round Table Discussion. As we come to the close of 3 or 4 days of intensive deliberation
relating to high lift, one thing I think is clearly evident, we are involved not only with high-lift, but
also with high-tech. It is perhaps fair to say that there is more high-tech in high-lift than in any
other aspect of aircraft design. Therefore, proportionally it demands a great deal of time and effort.
What then makes it so high tech?

First we have the utter complexity of the fluid dynamics involved. At times it seems almost overwhelming,
does it not? Hence, the need for highly sophisticated theoretical methods. Many of our speakers made
reference to this complexity in the past few days.

Secondly, there is the demanding requirement placed on experimental facilities and flow measuring devices
in order for results to be at all meaningful. Hence, the need for our high-tech facilities. What then
justifies the time and effort? First, there is the crucial importance of getting this aspect of design
correct the first time around because the consequences of a shortfall, relative to prediction, can be
quite harmful. Then there is the knowledge that substantial benefit can result from improvements in high

lift performance and/or simplification in design for the same performance. It was Dr. Meredith who gave
us some trade-off figures in this respect.
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Finally, there is the reed to reduce the cost and time of the design process, or at least keep thcm within

bounds. It is apparent that improvements in technology can help in all these respects.

Another broad observation concerns the close interrelation between theory and experiment associated with
high-llft technology. CFD can provide an insight to the basic fluid dynamics involved and thereby help in

the formulation of wind tunnel programs and in the interpretation of wind tunnel results. It seems to me

in this sense that CFD becomes almost akin to flow viz. Similarly, advanced measuring techniques can

detect unsuspected phenomena and in turn, lead to improvement in the CFD code. I think it was in one of

the question and answer periods that someone pointed out that we are unlikely to see bigger and better
wind tunnels in the foreseeable future. Therefore, we must make the best of what we have. I believe that
the synergism which results from close association between theoretical and experimental work Is the answer
to this particular problem. Also, just yesterday, talking with Dr. Haines, he pointed out that it is not
only the disciplines that need to interact: we have to ensure that those who understand the physics keep
close to those who understand the mathematics. We may need to introduce some formal means, or perhaps
should I say structured means to make this happen, rather than just getting together, as we have in this
past week, once in a dpcade.

In terms of overall perspective we should be reminded that our High-lift Symposium this week has focussed
largely on a particular segment of high-lift, namely, moderate to high aspect ratio transport aircraft.
True, we had a brief glimpse at high-lift as it relates to combat aircraft, and in that respect we were
reminded that this involves more than just takeoff and landing. Similarly, especially last night, a peek

into the rather diverse world, and peculiar world perhaps, of powered lift. We might also note that we
have not even discussed high-lift as it relates to the next generation SST. No doubt this and more would
make good subject matter for some future conference, but the point I really wish to make is that
conclusions drawn and recommendations made as a result of our meeting here in Banff would not necessarily
hold true across the entire field. I myself happen to have certain rather fixed ideas about how one goes
about verification of a powered-lift design.

That our High-lift Symposium here in Banff has been a great success is certainly without question. We

have learned of marked progress in CFD methods since Brussels 1984, which was the last high-lift AGARD
symposium, and this was apparent with respect to both viscid-inviscid interaction methods and full Navler
Stokes solutions, all clearly at the cutting edge of the high-lift technology. We have learned of the

increase in the use of pressured wind tunnels to isolate the effects of Reynolds number and Mach number,
as our Chair""n has just notc.1; .i ILIruvemears in modei Letting methods, a better uuLerstdnoing o0
half-models for example; mere careful correlation between tunnel and flight measurements; advanced
measuring techniques to probe the basic fluid dynamics; the predominance of viscous effects and the need
for a much better understanding. Apparently there have been a few zurprises along the way since Brussels
'84 in this last respect. We heard about high-lift technology ! the workplace and the extent to which
industry has adopted new methods, and we have seen that nothing is likely to replace a 3-D test of the
final configuration at relatively high Reynolds number, and so on. These deliberations, it would seem,

lead naturally to two key questions: firstly, how mature is transport high- .ft technology as we find it
today? That is to say, in terms of industrial use rather than scientific curiosity. Are we in fact now
almost there, or is there still a long way to go? For example, at the Brussels meeting, I recall being
much impressed by a paper in which Dillner and May described the CFD methods for high-lift design and
analysis, which were already in daily use in the Boeing design office at that time.

Fairly comprehensive CFD methods were quite well established in industry in 1984. Since then, over the
past 8 years, CFD methods and more careful testing have become growing and important ingredients of
high-lift design procedures on a much broader front. Clearly, the adoption of such technologies to

replace purely empirical methods is a transitional process and takes place in different ways in different
places and to suit differing needs. I think the paper on the ATR 72 flap by P. Capbern of Aerospatiale
was a good example of that, and our final paper today, by M. Averado similarly.

However, given that there are substantial performance gains yet to reap, and given that there remain
lurking risks to be eliminated, and given that there are further economies to be made in terms of design,
cost and time - all three most certainly true to some degree - my second question then would be: where

should the emphasis and direction lie for the future with respect to both theory and experimentation?. A
few of our speakers have already expressed some opinion in this regard also.

Finally, a word to the authors about my report. I have been asked by the Executive Committee to largely

avoid a commentary paper by paper; that would simply make life too easy for me, but rather provide an

overall assessment of the technical issues relating to high lift as a whole. In view of this, please do
not feel spurned if your particular paper is not dealt with in my report in specific detail. So then,
back to my two questions and then back to the Chair.

Firstly, "How mature is our transport high-lift technology as we find it today?" and secondly, "Where
should the emphasis and direction lie for the future with respect to both theory and experiment?". I
hope, Mr. Chairman, that some of our time can be spent this morning in response to these two questions.

Mr. L.J. Williams, NASA Washington, USA
Thank you. If anyone would have any comments or questions, we will be happy to take them.

Prof. Dr. G.E.A. Meier, DIR, Gottingen, Germany
I would like to make some comments from the point of view of a fluid dynamicist who has not too much
experience in the field of technical applications, but I would like to sumarize my impressions on the
problems in our high-lift devices. First of all, I see a main problem in the 3-D effects which occur
because we have swept wing problems, swept wings with end effects for all the details of flaps, slats, and
so on. Then we have the 3-D structures of transition which have not been mentioned here, because In all
our experiments we have to force transition and also in the calculation, but uc get also 3-D effects from
the transition to turbulence. The fourth thing I would like to mention are aeroelastic deformations which

have not been tackled too much, but which I think also are a severe problem in experiments in flight tests.
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Another major regime of problems is the flow separation. Here we have real deficits in knowledge about

location and shape of separation bubbles and how to determine them theoretically. Then there is the
influence of transition to flow separation; this influence is not quite clear, especially the Reynolds
number problem which has been mentioned several times. Another point which has not come through very much
is unsteady flow. I think a lot of these flow fields we have considered here in the conference are highly
unsteady and cause flutter and in the transonic case also buffet. My feeling Is that this is also causing
a technical problem with material fatigue. Finally, the onset of stall and post strll is also something
which has to be taken up.

So from this list of problems I have deduced what we have to do, a lot of work for fluid dynamicists. We
have to provide, I think, more knowledge and fundamentals in unsteady compressible 3-D flows, we have to
find good boundary layer models for these complicated flow fields; we have to tackle the 3-D separation
and attachment problems; we have to think over advanced geometries for high-lift applications and we have
also to mdke considerations about high Reynolds number flows. Finally, we need more knowledge about jet
and swirl interactions with airfoil flaps, slats and so on. This is my list of problems, I have no
solutions, but I think that it is worthwhile that fluid dynamicists accert and deal with these practical
problems.

Mr. L.J. Williams, NASA Washington, USA
That was very good and appropriate. It looks like another subject for a symposium.

M. J. Bosquet, Aerospatiale
I would like to share the feeling I had during this conference taking the pont of view of an aircraft
manufacturer. I think the high-lift design seems to be largely dominated by experimental work. But it
seems that there are two domains. The first one is represented by the wings which have very small or zero
sweep angle; the other one by large sweep angle wings. For the first domain (small sweep angle), it seems
that the 2-D calculations have enough accuracy to represent the flow, and in this case I got the feeling
that what we call the Navier Stokes method seems to be almost ready to enter into the design team. I said
almost ready because it seems that first, the problem of grid generation seems to be solved, then
turbulence modelling is not completely solved, but it seems that it is sufficient to tune some
coefficients and this could be good enough. The third rroblem is the computational time which seems not
to be so high and could be sufficiently small enough for industrial applications. Then I expect that we
will see in tht nesr 'ut,,r- 0:.v

4
ir Stokes or large coupling methods enter into the industrial design field.

In the second domain with large sweep I think that 2-D calculations are not sufficient enough because in
the case of wings with large sweep angle, three dimensional boundary layer calculations are necessary.
Two-D calculations are not very interesting. So in this case probably we will need for a long time very
large wind tunnel facilities and a lot of work in the wind tunnels. But it seems that in this case
coupling methods could be of interest.

Mr. A.B. Haines, ARA, UK

As Don Whittley said, we have come a long viay since 1984, both in CFD and in the understanding of the flow
over a wing with high-lift devices. But Dr. Woodward said when he was introducing this session, that
there was a fair amount of data at higb-lift available to study even before we decided to build a 5 metre
tunnel in England and an F 1 tunnel in France. I think he posed the quec-ion whether we took the right
decision. At that time, we were well aware that there were strong Reynolds number effects up to about 6
or 7 million and that there were net only Reynolds number effects, there were Mach number effects so that
we needed a pressurized tunnel. 1e have seen plenty of exmmples of that in the last three days. But we
have also seen examples of significant scale effects at Reynolds numbers above 6 or 7 million: scale
effects which are not so unders'candable and are not so predictable. So, in an ideal world, we need
tunnels for even higher Reynolds numbers. I think it was Mr. Meredith yesterday that we have got to fact
the fact that we may not get these tunnels, and therefore, we must exploit CFD. I would like to make two
points about whether that does meet the need.

First of all, I think if you are going to believe that, the CFD calculations for any particular case
should be made for more than one Reynolds number. The disappointing thing to me in this conference is
that whien there have Feen CFD calculations, they have been made merely for one Reynolds number, either a
model test Reynolds number or in one or two cases a full-scale Reynolds number. Now to repeat a
calculation for more than one Reynolds number I am well aware means a significant amount of work because
the transition mFchanism as David showed the first morning may be very different full-scale and model
scale. You don't just press a button and say that you will repeat the calculation putting in a different
R. You have got to begin your thinking all over again and ask what is the transition mechanism, etc. I
think that if the CFD people did a fair number of examples showing how results varied with Reynolds number
with full understanding of the physics, wAe would learn quite a lot. It is a pity that at the moment, th"
CFD people have not shown any keenness to do this. They have not recognized that to do it for more than
one Reynolds number is an important element, and that is where we are going to have to rely on CFD in the
future if ?*.. Meredith is right.

The seco-ad point is, "can we calculate the real situation?". Most of the CFD we have seen has been either
for 2-rl wings or at the best for 3-D wings where the wings are simple and the flow is reasonably quasi
two-dimensional. I think that the CFD people should study one particular figure in Herr Flaig's paper
this morning which drew attention to three problem areas on his aircraft. One was at the wing root, one
was close to the wing-pylon-nacelle junction and one was near the tip. In none of those areas was the
flaw anything like two-dimensional. I have met young serodynamicists who have said, "Ah, but if the
aircraft designer was doing his job properly, there wouldn't be problem areas there. The whole wing would
behave like quasi two-dimensional flow". But someone who says that completely misunderstands the aims of
aircraft design. To have the whole wing stall at the same moment would be catastrophe. These areas where
the flow is not 2-D are not necessarily problem areas. They are areas where by deliberate design you
produce a premature stall or a late stall in order to opt the correct stall development over the wing. So
these are fartyres of the flow that Just must be calculAted if we are going to do the job by CFD. Those
are th. twn points I wanted to make. We are still a long way to go. We've gone from 1984 to 1992; 8
years to 2000. I think we need another conference before 2000.
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Dr. D. Woodward
I just wanted to come back a little bit on the comments made by Professor Meier. He mentioned in
particular unsteady flow. I think we need not to get ourselves in a position where we criticize too much
what we have done here this week.

We didn't set out to cover vortex flows and vortex flaps and high-lift due to vortices because we had a
conference on that only about a year ago. Then the other comment he made was that we hadn't done enough
on transition. I suppose that one can't disagree - one has never done enough on transition. I think it
is worth highlighting the fact that we have, during this symposium and previously, identified transition
mechanisms which were regarded as somewhat academic 10 years ago -in particular the attachment line
tranastion problem - and shown that this is a mechanism which occurs frequently at high Reynolds number
and has major effec-s on the way the flow develops. So I think that we have gone some way in covering his
comments on transition.

R. Bengelink, Boeing, Seattle, USA
I would like to make a couple of observations based on thinking about many of the presentations of this
week also. Airplanes are designed by engineers. Engineering is not something we learn at school. We
learn the foundational knowledge at school but engineering is something that we learn by practicing it
over the years. We learn that we are to use the tools that are availeble to us to develop an insight into
what is going on and as a result come up with an aerodynamic configuration that does the job better than
has been done before. While there certainly has not, at least this week, been an adversarial relationship
between those who are focussing on the CFD tools and those who are focussing on the experimental tools,
there certainly continues to be an atmosphere of competitiveness. I would like to suggest that given the
level of understanding that we have today with each of those tools that we have to develop more of a
teamwork attitude. Today we do much better at being able to visualize the flow field than in calculating
forces with CFD. From the wind tunnel side of things it is the other way around. The expensive and very
difficult tests are those where we are trying to understand the flow field around the model, ;uch as the
three-dimensional features of so-called two-dimensional testing. I think that if both the computational
and the experimental groups saw themselves as members of that same team, chartered to provide the tools
necessary for a good engineer to be able to do his job properly and took that team approach; for example,
how do we blend an ability to understand the flow field using CFD with the ability to understand what is
happening to the measured forces on the model properly, we might find ourselves able to progress more
rapidly. Until we get those flow models in our mind and act on themas engineers, we are not really going
to make the kind of progress in developing airplanes that we should.

Prof. Ir. E. Obert, Fokker Aircraft By, Netherlands
I would like to add a remark to what the previous speaker said. What struck me the past couple of days is
that the people who are working on CFD and are very much involved in what is happening in the boundary
layer often refer to turbulence models. That means they primarily consider turbulent boundary layers.
We, as engineers, are interested in the question. When does the flow separate? It is assumed that
separation will be more predictable due to a better representation of the flow physics by these turbulence
models. That means CFD specialists talk about the question: When does the turbulcnr boundary l-yer
separate? This suggests that CLmaX is primar!iy determined by turbulent boundaryayer separation,
trailing edge separation.

I am aware that many of today's transport aircraft which have very large wing chords and consequently even
in the stall operate at a fairly high Reynolds number reach CLmax through trailing-edge separation.
However, I find it difficult to believe that leading edge stall, which we frequently see in the wind
tunnel is completely irrelevant for full-scale aircraft. Having been on a number of stall tests myself on
tufted F28's and FlOO's, my feeling is that leading edge stall is still an important physical phenomena
for full-scale aircraft. I am aware that this matter is very difficult to tackle, even more difficult
than answering the question, "When does trailing edge separation occur?", but I still think that we should
be aware that that is an area that deserves attention.

Mr. B. Elsenaar. NLR, Netherlands
If I might continue a little bit along this line. I missed basic experimental contributions of the
physics of high-lift problems. I am thinking about things like bubble bursts, about local separations,
about mixing of wakes and boundary layers. We need building block experiments in that area to understand
the physics. I didn't notice any paper that really addressed these topics. In addition to this I would
like to mention that I think that in view of the very complicated physics essential to high-lift, I wo,!ld
rather see solutions of Navier Stokes equations for isolated parts of the flow field, to look into detail
to the bubble developments, to separation, to the mixing of layers rather than applying Navier Stokes
codes to complete multi-element airfoil configurations and to look at the final results in terms of
pressure distribution. I think ttat the building block part was a little bit neglected in this conference.

Mr. L.J. Williams
I agree with that. We were hoping to get more papers along that line.

Mr. P. Capbern, Aerospatiale, Toulouse. France
In Lu.ese three days we have seen a lot of comparisons between calculation and experiment, but there is
something which appeared very clearly. Everybody tried to compare CLmax level from their calculations
to experiment, but we have hardly seen eny result of comparison for drag. I think that if CLmax is
often the key issue for a project, there are some projects, and they are not so rare, where the lift to

drag ratio in the second segment climb is more important than CLmax itselt. So Lhere is perhaps a
message for people involved in method development that they should try to validate their methods for drag
prediction. I know it is a very hard job, but we should try to do that especially with a far field
condition and not only by intearating the pressure field and the skin friction field on the shape itself.
I an convinced tht sowe interesting inve&Lý&I~Uo A. L_ azhieved and therefore, it was a message I

would like to send to those people.
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Mr. L.j. Williams
I think it is a very good message and a challenge.

0. Ashill, DRA, Bedford, UK
Barry Haines has already highlighted the importance of understanding scale effects at high Reynolds
numbers, and we have had a number of presentations during the last few days on attachment line transition
and re-laminarization indicating their significance.

I would like to mention another possible scale effect which is that even after the flow becomes turbulent
close to the leading edge, the turbulent boundary layer will locally have quite a low Reynolds number, let
us say based on momentum thickness. This is another potential source of unpredictable scale effects which
I think people need to take into account, either theoretically or in interpreting their wind tunnel test
data.

Prof. T W. Slooff, NIR, Netherlands
I would like to add a little to what several of the preceeding speakers have said about the physics of the
flow; that relatively little attention was paid to that, and also to Pat Ashill's remark on things that
may happen at the leading edge. It would seem, given the fact that little attention was paid to the
physics of high-lift systems, that if we understand everything about the various mechanisms of stall. i
am not quite convinced that that is the case. For example, I am aware of at least three different types
of leading edge stall mechanisms: short bubble and long bubble bursting, and a third variant which I call
turbulent leading edge stall. I believe the notion of the latter was introduced at the fu.=er high-lift
meeting of the Fluid Dynamics Panel. There we have a situation with a lamiuar separation bubble followed
by reattachment, transition at or around reattachment, and a turbulent boundary layer with a very steep
adverse pressure gradient right after the bubble in which the friction coefficient g Oc through zero
locally when the angle of attack is increased. It is very difficult to discriminate between this kind of
turbulent leading edge stall and a bubble bursting type stall. I have not seen anything of such nature at
this symposium. Moreover, I think, now turning to CFD, that it will take quite some time before CFD codes
will be able to discriminate between the various types of leading edge stall, or other types of stalls for
that matter. The details of the flow mechanisms, in the leading edge area in particular, are such that,
apart from the problems w¢ith local turbulence and transition modelling, we also have a resolution problem
in the sense that we will need very, very small meshes in order to resolve all the phenomena. CFD for
high-lift, even in two dimensions, will not be mature until we are able to discriminate between the
various types of physical phenomena.

Another point that I would like to make or bring to your attention is the possibility of exploiting the
third dimension as I call it. On three dimensional wings we have part-span flaps and slats, with a lot of
vortices coming off all the edges. These may give rise to, e.g., higher induced drag levels than we would
iike. It has occurred to me that there may be a point in investigating whether flap track fairings and
the like could serve the dual purpose of covering the gear and mechanisms and of promoting a more orderly
type of flow at thp flap edges. For example in such a way that they lead to a lower level of induced
drag, in the same sense as a winglet works at the tip of a wing. One might, perhaps also get a little
increase in CLmaX, because you have smaller losses at the flap edges. I would like to see some
research of this nature in the future. I have the feeling that there may be some benefit in there.

Mr. L.J. Williams
I think that that is a very good comment. Carrying that even further I would like to see some work that
combines the high-lift system with the wake vortex problem, trying to eleviate that while getting lower
induced drag.

Dr. D. Woodward
There are two comments I would like to make. One is related to what Prof. Obert was saying, it is
certainly true that some full-size aircraft are assailed with a leading edge stall behavior. The British
Aerospace Hawk certainly has a leading edge stall. This has been shown by doing oilflows in flight and
when the airplane lands you can still see the oilflow in the bubble. The second involves another
important detail of the flow on which we haven't seen any work - and this is related to the
compressibility effect on high-lift systems. If you actually do the calculation in 2-D of the external
flow around a high-lift airfoil, you find that the supersonic patch, which we all have identified from the
surface pressure distribution, is only some 10 to 12 boundary layer thicknesses high. This is very
different from the transonic shock wave boundary layer interaction and there must be a imich larger
interaction of the boundary layer on the shock pattern. In addition, of course, it is normally a shock
interaction with a laminar boundary and not a turbulent one. This is quite an unknown flow field and
since the key feature is very small, I don't know how the experimentmight be conducted.

Mr. F. Kafyeke, Bombardier Canadair, Canada
I would like to make two comments from an airplane manufacturer's point of view. First, I would like to
know if the experimental research that has been shown here, the national high-lift program in the UK, or
the Garteur program in Europe, will eventually find its way into data sheets which can help designers in a
preliminary design phase of an airplane. Secondly, can someone talk about the effects of things like slat
gaps and steps and the sealing of slats and the effect on the overall performance of the real airplane. I
wonder if some research has been done in that area.

1Mr T.3. Williams
That sounds like a good question for Dr. Woodward to address.

4d t
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Dr. D. Woodward
aifortunately, I think that the answer is very simple, it is no to the first question. For the reason
that despite all the work we did, it is still not enough to form what one would be happy to see as a data
sheet on which people might base preliminary designs. We actually spent quite a long time trying to
analyse the drag, for instance. Now, bearing in mind, of course, that must of the work that we did was on
that end-plate model, we faced very great difficulty in trying -o extract meaningful drag data from that
model. I don't know whether you had a chance to read the written paper, but we set out originally saying
that there was no problem about this, we can do a wake traverse the same as we •o in 2-D flow, and this
wili tell us what the drag is. Unfortunately, because of the large trailing vorticity, the drag
calculated this way varies downstream very rapidly as the wake gets stretched out, so we gave up that idea
and -hen we decided to try to subtract the induced drag from the force balance measurements. Some people
believed that they could do that and others were more skeptical. I don't think that we really managed to
get anything other than comparative data on the drag in particular.

When it comes to maximum lift, maybe you could lu something, but you need to do a lot more variations in
flap and slat design than we did. We did two slat chords and a rai.. of Krugers, but there are a lot of
other questions that still were not answered by that data set and we were doing that work for 6 to 7
years. It slowed down towards the end because the funding was reduced, but it still took a long time to
gather. A larger data set would require a correspondingly larger investment of time and money. I would
have to pass the question on sealing to either someone from Boeing or Airbus because I do not know the
answer to that. Anybody got any comments?
No one is prepared to say. I think that sealing is a great problem, but I don't have any very practical
experience of it.

Prof. Dr. Ir. J.L. Van Ingen Delft University, Netherlands

I don't have a comment but a question. The question of the precediug speaker was, "will these basic
things find their way into dat-a sheets". A question to the designers might be, "do you need data sheets
in the future or can we come as far as providing computer programs which are reasonably accurate to be
used as a design tool". To me, my first reaction is that these data sheets are something of the past, but
I am not a designer, so I think they should react to that.

Prof. Ir. E. Obert, Fokker Aircraft
Although hesitating to react, being a representative from one of the smaller companies, I am strictly
speaking for myself, not for the whole design comnunity. I think that we should distinguish between
different phases. Before an aircraft, or a program, gets a full-scale development go-ahead, one needs, in
the pre-feasibility/feasibility study phase, to be able to look at many different configurations to go
through a large number of design loops in a fairly short time. I think the general complaint concerning
many computer programs is that they are too cumbersome for day-to-day use. In particular, when you want
to have accurate results, you have to incorporate many details in the representation of the
configuration. Consequently, yes, I think data sheets in one way or another (data bases, data
compilations) will be required in the future as well, but in the first place for the initial design
phase. When you continue in that development process, you will concentrate more and more on a specific
configuration that you want to optimize and then of course you will have to go to more elaborate processes
like using complicated computer programs and complicated wind tunnel models.

Dr. J. McCroskey, NASA Ames Research Center, USA
Just a short comment to respond to David Woodward's question about experimental techniques for looking at
these little bubbles and shock wave boundary layer interactions. Many of you will remember that maestro
of flow visualization, Henri Werl6 at ONERA, who, about 25 years ago, introduced the idea to study leading
edge bubbles in a small water tunnel by taking the leading edge of an airfoil and terminating it with a
blown flap, to be able to generate high suction on the leading edge. With this configuration, he was able
to increase the size of the model by approximately a factor of 10. 1 have thought many times that this
should be a useful technique in other types of investigations. I proposed it for dynamic stall
investigations on airfoils, but it seems to me that this would be a technique of use in a compressible
high subsonic wind tunnel.

Mr. A. B. Haines
Sorry to appear again, but I wanted to respond to the gentleman in the front who wanted evidence on the
effects of caps and sealing of slats. There was quite a lot of work done about 1965 in the development of
the Super VC 10 on that subject. Broadly speaking, of course, a great deal of work has been done by
various people on steps, ridges, gaps, by testing these on the walls of wind tunnels including the 8 foot
tunnel at DRA Bedford. The results on the slats was consistent with these general results provided you
took account of the fact that the local Mach numbers in the cruise could be very high, in the neighborhood
of where the back end of the slat fitted on the upper surface. Also, you could do quite a lot of damage
to the wave drag, so it is not just a case of a serious effect on the viscous drag. You can quite modify
the development of the supercritical region and so the issue is important. But you won't find the data,
because no one wants to admit to having done it badly. When the slat is a good fit, the effects are
trivial.

Prof. S. De Ponte, Politecnico, Italy
Everybody has discussed computation of two-dimensional flows, but I have never seen a two-dimensional
separation bubble, for example. I have seen straight separation lines, straight attachment lines, but
three-dimensional flow inside the bubble. I have never seen a two-dimensional separation. So I wonder
why we compare calculation with measurements in which we suppose the flow is two-dimensional, but we
measure thr'•-'4mensional flow in real mesurements. How can we compare these facts or how can
two-dimensional calculations be reliable?
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Mr. B. Elsenaar• NLRI

The question of two-dimensionality has been worrying a working group of AGARD that had to select test
cases for CFD validation during the last couple of days. But the problem I think is probably more severe
in transonics than it is in subsonic flow. That is my personal view and I would like to explain it a
little bit. One thing is that two-dimensional separation bubbles, laminar separation bubbles, can be
easily visualized on a two-dimensional airfoil. That is not a problem, they are there. From the point of
view of the turb-lent separation that starts on the flap or on the main airfoil, it's possible to keep the
flow two-dimensional in my view with side-wall blowing or side-wall suction. I watched numerous
experiments (I am only familiar with the blowing technique that we apply at NLR) where the blowing was
such that you could actually see the stall of the airfoil. You could visuallc this by putting tufts on
the flap, and on the main airfoil and you could really see the complete airfoil stall at a certain point.
So, I think that two-dimensionality can be realized in an experiment. There is one critical remark that I
would like to make. That is the use of fairings and brackets to attach the slat and the flap to the main
airfoil. They introduce wakes and these wakes wlll introduce a kind of displacement in the boundary layer
and in the wake downstream. To derive drag from two-dimensional airfoils by means of the wake-rake
technique, therefore might be more cumbersome and more troublesome. The determination of drag for
two-dimensional airfoils is, I think, both from the theoretical point and from the experimental point a
rather difficult thing to do. It is still one of the basic questions that remains open for the future.

Prof It. E. Obert, Fokker, Netherlands
The question oý why wc arc interested in research on two-dimensional airfoils and how good we can really
realize two-dimensional flow should be coupled to the question of what you are looking for. From the
point of view of the designer you are looking for maximum accuracy in tite predicrion of certain targets,
certain goals. It on high aspect ratio wtngs with not too much sweep, a knowledge of two-dimensional
flow, how imperfect it may be, can help you in strengthening your belief in your final prediction, then I
think the designers are quite happy. If there are discrepancies between real flow and theory, we accept
that, but it is better than nothing.

Mr. B. Eggleston, de Haviland, Canada
Just coming back to the comment about large flap brackets, as a user of large flap brackets, I am
naturally sensitive. We have done some interesting work where in fact we tested the models flaps up with
the brackets in place. Then to get a handle on the penalty due to the flap brackets, we put inserts in
and repeated the test. They are significant. There is no doubt that if you want good two-dimensional
flow you don't leave those large flap brackets on. Interestingly enough though, you may still want to
have some of the gaps that are present in the flap system when it is retracted. There can be minor
leakages through the gaps of the flap system that can attach flow right at the back. You can see
significant changes in drag. How you set that arrangement up without having brackets is an interesting
challenge and you might think about how you are going to do it.

Prof. R.J. Kind, Carleton University, Canada
I am a little surprised that we haven't heard more of a plea for better turbulence modelling. I think
that it is fair to say that if we had a perfect turbulence model, which isn't really in sight, all we need
to do is put it into the Navier Stokes equations and we can solve more or less anything. The numerical
methods are coming along very well. To me it seems that one of the key areas where the fundamental people
have to fo'us more attention is on turbulence models. Most of what we saw in this meeting was either
mixing length type models, Baldwin and Lomax and so on, or K-epsilon models, that is, two-equation
models. I think that many of us are aware that even the two-equation models have quite serious
shortcomings; they are limited to certain categories of flow and you have to tune the constants and so
on. I would put in a plea, as Dr. Elsenaar did, for more building block type of experiments whose focus
is on improving the turbulence models.

Another comment on the matter of two-dimensional or three-dimensional separated flows. I too worry about
the notion of a two-dimensional separation bubble. We know that, at least in a lot of cases and depending
somewhat on aspec" ratios, cavity flows tend to be inherently three-dimensional, even if we suck the
end-walls and all the rest. Nevertheless, I think two-dimensional experiments or nominally
two-dimensional experiments are the way to go in developing turbulence models, at least initially. If we
can't do it in two-dimensional flows, we certainly can't do too well in three.

Dr. D. Woodward
Can I just make a comment on the separation bubble issue. With some research done at Queen Mary College,
London, starting with an unSwept short separation bubble which was induced on a plate by an external
pressure distribution and then this plate was swept around to 30 degrees. In fact, the flow development
normal to the leading edge is exactly the same in both cases.

So, at least for a short separation bubble, the addition of sweep, in fact does induce significant flow
along the bubble in the reattachment region, but the actual size and the shape of the bubble is not
changed; it is exactly the same normal to the leading edge. This underlines the fact that
two-dimensionality may actually be an abstract concept which doesn't exist precisely, pedantically in
reality, but nevertheless is a very useful engineering concept.

Mr. L.J. Williams
At the risk of giving an answer that some of us may not want to hear, I would like to ask Ted Nark If what
he has seen the last few days would have changed the design of the YC 14.

I
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Dr. T.C. Nark, Boeing, USA
I am afraid I have no information that addresses the kind of problems associated with that powered lift
configuration. For example, our half-model testing was developmental in nature. We used it for
investigating differences between candidate configurations, recognizing that there might be some error in
the absolute value. Understanding that we had a design schedule, we did the best we could with the tools
available at the time. If the task had been to design the "best" powered lift system, I would have needed
better engineering tools than were then available. By using testing rather than analysis I accepted the
inadequacies of testing and made use of the benefits. That was the time in the program when if you didn't
get the job accomplished today, there would be no airplane tomorrow. You now have the capability of
developing new tools that would have made my job easier in the past and will make the same job easier in
the future.

Prof. Dr. Ir. J.L. Van Ingen, Delft University
I wanted to comment on the issue of 2-D separation bubbles. I think I have watched more low speed
separation bubbles in my life than anybody else in the audience. Indeed, if you look at a separation
bubble filled with smoke, even if it is nominally 2-D, you see 3-D flows. Of course, where yoL see it is
in the low momentum parts of the bubble, and these apparently are not determining the overall shape. If
you use a 2-D calculation for a separation bubble, you get more or less the right answers.

Prof. Ir. E. Obert
Dr. Woodward mentioned at the beginning of this conference that there are certain phenomenae which have
misunderstood in the past or have been described in a certain erroneous way which then are passed on from
generation to generation for decades, for example, the fact that a leading edge slot or a flap slot
re-energizes a boundary layer. I would like to share an experience that I went through when I was
collecting material for my lecture notes. That concerns the stalling characteristics of high aspect ratio
swept wings. From our initial experiences and observations in the late 1940's we have come up with this
picture that highly swept slender or high aspect ratio swept wings produce tip stall, if you have more or
less the same airfoil section and not too much twist. This is caused by an outward flow of the boundary
layer. Consequently, the tip stalls much earlier than you would expect on the basis of the equivalent
two-dimensional flow situation. I found an NACA report from the 1950's (NACA RM A52A10) where tests on
the following half model were reported.
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As you see, there were a number of wing sections equipped with pressure tepping. This wing was tested in
two shapes, one as a flat wing with NACA 64A010 airfoil1 section and another one based on a highly cambertd
airfoil section NACA 64 A810, a design lift coefficient of 0.8 and highly twisted. If one now looks at
the CL-alpha curves for the various sections one sees that at the tip the CL-alpha curve Is wcry
similar to the equivalent curve in sheared two-dimensional flow whereas further inboard the Cl.-alpha

curves continue to much higher angles-of-attack. In other words, Lhe tip stall is not caused because the
tip st alls earlier than what one would expect, but the tip stall occurs because ti,e inboard wing keeps
attached flow much longer than you would expect, apparently by some sort of boundary laver removal on the.
inboard wing. I think most of us stilU tell our younger collaborators and students the original story.
That is what I wnted to share with you concerning high lift characteristics on swept wings.

Mr. L.J. Williams
Thank you for that iasight. Now are there any other comments? I would just like to wrap it up with a
couple of comments. Although I agree with David that we achieved the objectives that we had in mind when
this Symposium was conceived two and a half years ago, we never intended that this Conference be anything
more than a status report on the development of high-lift system aerodynamic technolog.;. We never
expected that it would be the final say on the matter. I think with that in mind I would like to see thiis
he a Symposium that happens about every five yea-s so that we could follow the developments in high-lift
technology and perhaps even speed it up. one of the things that we would like to have seen in this
Symposium a little more than we cdfr are some ntw innovative ideas. With that in mi[nd I wodid like to ask
Don Whittley to give us a feeling for what ZuraKowski would have said if lie was with us today.

Mr. D.C. Whittley
I happen to be sharing a few past experiences with Lou Williams the other day about the very famous test
pilot Janus Zurakowsxi. I don't know how many of you know of Janus Zurakowski. Does that name mean
anything? Just a few. He was a Poli,.h fighter pklot during the Battle of Britain and after the war he
became Assistant Chief Test Pilot at Gloucester Aircraft. As such he was doing a lot of flight testing on
the Gloucester Meteor, which you may remember was one of the early twin engine jet fighter aircraft.
Zurakowski Invented one of the only new manoieuVres since the Immelmann turn. This was actually w-itten up
in TIME magazine. His aerobatics were known as Zurahatics. The aerobatic manoeuvre he performed was
known as the Zurt cartwheel. He would take the Meteor aircraft and climb vertically to zero speed: once
the aircraft reached zero speed he would cut one engine and the airplane would do a cartwheel, go into a
spin and come down, all. within the immediate vicinity of the airfield. This was performed at the
Farnborough Airshow on a number of occasiors. He left the U.K. and joined the team of AVRO Canada, flying
CIF 100's and he was the pilot to fly first the CIF 105 supersonic delta-wing fighter. He was always a very
ingenious kind of a guy and very interestc-d in the technical background to the flying program. He hat:
bright blue eyes and a deep stare and a ruddy complection. Very often he would come into my office and
with a twinkle in his eye and in a very high pitched Polish broken accent he would say, "anything new or
funny-. This rather tickled Lou, as I had been sharing with him the Idea that we hadn't really looked at

, very much here in Banff whclcb is really new or funny (such as the vortex flap. for instance), but maybe

one of these days we can.
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Maybe the ideas are out there but people are just too embarrassed to brine -. em for,,;j in t.is "r .ir
setting. Maybe In the bar later. At this point I would like to thank Kazik in particular 1ýr • t
th~s as a venue for this Symposium. I think a lot of the success of the Symposium is due t,, the venik-,
the Hotel is perfect, the size of the conference room is perfect, the acoommodations were vxccei5[1t, "'.i
it was amazing that even with the outstanding scenery and the restaurants in the area, I would Lave toe saV
that the fact that we have had a full attendance for the whole Sympisfum validated the dedication of tie

attenlees more than anything else. At this point I 4ould like to turn it over to our FOP Chýairmtn.

Prof. Ir. J.W. dlooff
Thank you, Lou. Ladies and Gentlemen, this is the enu of three and a half very interesting *avs. It is
my duty to bring it, with soue reluctance, to an official end. I think ihb days were interesting in the
technical as well as the recreational sense that Lou already hinted at.

This meeting and its success would not have been possible without the hard work and h-lp of sesera.
people. First of all, I also would like to thank our Canadian hosts for inviting us here and in
particular the local, but not so very local, coordinator, Dr. Kazik Orlik-Ruckemann a J his co-panel
member also from Canada, Prof. Dick Kind for selecting this site, Bandf, and its Park Lodge with its
excellent facilities. Kazik and Dick, please convey our thanks to the Canadian National Delegates and
thank you personally for bringing us here and exposing us to the beauty of the Canadian Rockies and its
National Parks. We certainly will remember the ice fields, Lake Louise, the elk and the moose and the
squirrels and the chipmunks.

S.ltchlng to the primary reason for our presen, e here, that is our meeting on High-Lift Aerol.vnamics, I
would like to compliment the Program Committee with the success of the meeting. In particular, ', course,
Dr. David Woodward and Dr. Lou Williams for their initiatives and efforts. We also thank Dr. khittlev for
his on-the-spot technical evaluation of the .neeting, which is a very hard thing to do. We are certainly
looking forward to yoLr written report on t'Ae meeting. Thank you very much.

Thanks are also due to a number of peopie that have assisted us t, run the meeting smoothlv. At the desk
we were assisted by two charming ladies Mis. Alison Day and Mrs. Sarah Pearson. We were assisted by A
team of interpreters who very often, I ým sure, had the difficult job of keeping up with the pace of some
ot our speakers. I would like you to applaud also for Teresa Beauregard, Susan Ourion, Carol Savard and
Madeleine Terrien. There is also the technician for the audio visual aids. We tthank Jason Penner for
serving our eyes and ears. iast but not least I would like to thank our Fxecutive, "insto- oodrich an,l
his secretary, Anne-Marie Rivault for their indispensable and as usual highly succ~ssful irforts to run
the meeting smoothly.

Finally, I would like to draw your attention to some of the future activities of the Fluid lPvnamics
Panel. Our next meeting is in Winchester on "Computational and Experimental ssessments f Jets in
Cross-Flow". We have a fall meeting in Brussels next year on "Wall Interference Support and interference
in Flrw Measurements" and we have a number of Special Courses planned that you can also see on thiL
vu-graph. In this rapidly changing world the mission and task of NATO with AGARD in its wake, are in the
process of reorientation and are subject of discussion. I am sure that you will agree with we tnat AGARD
has a very good reason to continue its work in the spirit of this past week. Perhapq with a little
reorientation here and there, and perhaps a litti, redirection of emphasis or attention, but certainly not
in a disruptive way. You can support AGARD by dis:riminating the information on this vu-graph and the
message of AGARD in general. I might add that as a result of the chaneing world, we will, in all
probability, have at our ftll meeting in Brussels, -he first contrib-tion from a scientist from the for-er

Soviet Union. That is something that, I am sure, we are all looking forward to.

Ihis really is the end. Thank you all for your patience and for your personal contributions to the
success of this Symposium. I hope that you will be able to stay a few days longer to further enjoy the
Rockies. I wish you all a safe journey home.
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